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FOREWORD 

The analytical study described in this report was performed by Douglas
Aircraft Company. McDonnell Douglas Corporation. Long Beach. California and 
sponsored by the Air Force Flight Dynamics Laboratory (AFFDL). Wright-Patterson
Air Force Base. Ohio. The work was conducted under contract F33615-73-C-3049 
Project 1368 and Task 0212. Lt. J. E. Malinak (AFFDL/FBR) was the project 
engineer for the work conducted. 

This report covers work conducted between March 15. 1973, and June 24. 1974. 
This report was submitted by the authors on 26 July 1974. for AFFDL review. 
This report is also released as McDonnell Douglas report MDC-J6625A for 
internal control at the Douglas Aircraft Company. 

This report is published in two volumes. Volume I. Study Rtsu1ts. presents 
the capabilities and costs of the baseline medium STOL transport wing, fuselage.
and empennage structural concepts. This volume also includes the concept 
improvements resulting from the integration of new stru,tural geometries. new 
materials. and manufacturing advances along with the resulting aircraft cost 
and performance payoffs. Volume II. Isogrid Fuselage Study. presents: (1) the 
design and ar.alysis of a new isogrid fuselage concept. (2) the associated 
manufacturing methods and nondestructive inspection techniques. and (3) an 
aircraft cost and performance analysis for the isogrid fuselage and the new 
wing and empennage concepts. described in Volume I. 

Mr. R. E. Adkisson was the Program Technical Director for Dou~las Aircraft 
Company. Principle investigators in the associatfd disciplines include 
R. E. Adkisson - Structural Design. G. V. Deneff - Structural Analyses. 
B. J. Alperin - Material and Processes, R. L. Zwart - Manufacturing.
M. L. Platte - System Analysis. and D. P. Marsh - Weight Engineering. 

This technical repol't has been reviewed end )s approved. 

~J/( '''---'--r 
Francis h.aJk. Jr. 
Chief, Structural Development Branch 
Structures Division 
Air Force Flight Dynamics Laboratory 
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ABSTRACT
 

Results of a study program to devise and evaluate new structural concepts of 
lower weight and cost for a medium STOL transport aircraft are prese~ted. 
The wing box. fuselage shell and empennage stabilizer structure of the 
projected C-15 production airplane were designated as the study (and base
line) components. Selected concepts are evaluated for structural integrity,
weight. manufacturing methods, applicability of NDI methods, production and 
life cycle costs and aircraft performance payoffs. Structural integrity
analyses of both the baseline and new concepts are based on a common set of 
requirements for ultimate strength. fatigue life, damage tclerance and flutter 
ri gi dity. 

The primary materials considered are aluminum. titanium. steel and beryllium.
Of these. aluminum 7050 and 7475 are a best choice for minimum production 
cost and low weight. The primary geometry concepts considered include inte
gral stiffened. honeycomb and isogrid (a speci~l form of integral stiffened). 
Integral stiffened and honeycomb geometry. in conjunction with the selected 
aluminum materials. produce weight and cost savings in the participating 
individual components of up to 10% which are further reflected as o~~rall 
life cycle cost savings and performance payoffs at the aircraft system level. 
Innovative concepts for wing cover panel spanwise skin splices are also shown. 

Requirements for simple "design-for-weight" and "design-for-cost" methods are 
identified. A simple "design-for-weight" method integrating materials. geom
etries and requirements was conceived and is implemented. A simple concept 
selection parame~~r based on unit weight and cost is also identified. Methods 
for developing consistent material property data and correlating of notched 
specimen fatigue data are also presented. 
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cy Compression yield 

Crit Critical 

OM Depot Maintenance (relative to inspection periods) 

eq Equivalent 

f Frame 

F Flap or flutter 

FE Flight evident 

GE Ground evident 

H Horizontal tail 
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SECTION I 

INTRODUCTION AND SUMMARY 

1.1 INTRODUCTION 

The structural weight fraction of an aircraft system determines, to a great 
extent. the success of that aircraft. The STOl transport structural weight 
fraction is even more critical due to the requirements of short field land
ing and takeoffs. A reduction in the structural weight fraction will enhance 
the productivity of the aircraft in that more payload and/or range is possible
for the same size aircraft. Similarly, a structural weight reduction can be 
the basis for resizing the aircraft to reduce production and life cycle costs. 

The strur.tural weight fractions of various aircraft, including that of the 
AMST are listed in Table I. The basic fraction for a CTOl version of the 
AMST is in the range of existing aircraft; however, for the STOl mode, the 
structural weight becomes an even more significant portion of the TOGW. 

Efforts to reduce the structural weight were concentrated on the structural 
boxes of the wing and empennage and on the fuselage shell, including the 
cargo floor. The primary structure weight reduction goal was 15%. The weight
reduct ion was to be made at the same or reduced cos t f.'om the exi sti ng base
line st,ucture. 

The AMST, a medium STOl transport (frontispiece). is a four engine high
wing vehicle incorporating an externally blown high lift flap system. The 
cargo box is approximately 12 x 12 x 47 feet in size with an aft entrance 
provided by a single door in conjunction with a loading ramp. The STOl 
midpoint TOGW is 150,000 pounds. The design takeoff and landing distances 
are 2000 feet. 

1.2 STUDY APPROACH 

The study approach was first to determine the capabilities and costs of the 
baseline structural concepts and then to improve these concepts by integrating 
new structur.l geometries. new materials and manUfacturing advances. ihe 
program followed the flow chart as presented in Figure 1. A more comprehen
sive discussion of this integration is in Section VI. 

Four structural stations were selected as analysis poincs for the wing box, 
fuselage shel~ and the horizontal and vertical stabilizer structural boxes. 
These are shown in Figure 2. The weights of the various concepts were 
calculated for the primary structure at these stations and used to determine 
the total airframe weight. 

Cost estimates for the metal baseline and the advanced metallic structure 
concept aircraft in this study are based on historical data and detailed 
discrete component estimates for the airframe and the airframe systems, 
engine company prices for ~he propulsion system, and subcontractor cost data 
for avionics, This providl..:s a consistent and solid approach for developing 
and comparing the differential weights and costs between these aircraft. 



TABLE I STRUCTURAL WEIGHT FRACTION COMPARISON 

NO ITEM DC9-32 DC8-5Sf OCl0-10 C-1338 C-13DE C-Ul C-5 c-a

1 

2 

3 

4 

5 

6 

7 

8 

9 

10 

11 

WING WEfGllT 

FUSELAGE WEIGKT 

EMPENNAGE WEIGHT 

STRUCTURE WEIGHT 

WING AREA 

T.O.G.W. (CTOL) 

WlhG LO~OING (CTOL) 

STRUCTURAL WEIGHT 
FRACTlOfI (CTOt I 

HIDPOlrrr T.O.G.II. 

WING LOADING (STOL) 

STRUCTURAL WEIGHT 
fRACTION (STOL) 

11541 

11157 

2790 

254M 

1001 

108000 

108 

.236 

-
-
. 

35454 

25214 

4952 

65620 

2883 

32SOOO 

113 

.202 

. 
-
-

49533 

44899 

13404 

107836 

3550 

430000 

121 

.250 

-
-
-

27064 

32123 

6147 

65334 

2673 

286000 

107 

.229 

. 
-
. 

14075 

14561 

3409 

32045 

1808 

155000 

86 

.207 

-
-
-

34392 

29212 

5745 

69349 

3002 

316100 

105 

.219 

-
-
-

81985 

114954 

12344 

209283 

6200 

728000 

118 

.288 

-
-
-

18765 

24367 

6694 

49826 

1740 

198500 

114 

.251 

150000 

86 

.332 
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The metal baseline aircraft is similar in physical characteristics and 
performance to the projected C-15 production aircraft; however, the C-15 
aircraft has been tailored to a production "design-to-cost" program, and 
emphasizes primary cost reductions compared to traditional design and program 
concepts. Therefore, $lO.lM in FY 1973 dollars for the study baseline 
aircraft using commercial transport historical data compares to a $6.6M 
price in FY 1972 dollars for the AMST Proposal "design-to-cost" production 
aircraft. These cost figures are based on the cumulative average for 300 
aircraft. 

i 
For' purposes of this study, the specific intent was to establish and maintain 
throughout a consistent basis for comparing the baseline and new concept air
craft so that the comparative weight and cost resu'lts obtained are indicative 
of the potential for advanced structural designs. However, in the future, it 
also is essential to examine the potential of applying these new concepts to 
a projected design-tJ-cost air~raft where the challenge is to achieve a 
significant reduction in airframe cost. A final proof of achievement would 
entail design. fabrication, test, evaluation and cost tracking of full-scale 
primary structural components. 

1.3 SUMMARY 

The study program to develop new and innovative concepts for structural 
components for the AMST aircraft has ~een completed and the results are 
presented in this two volume report. 

The baseline vehicle, a production version of the McDonnell Douglas YC-15 
prototype, was established and is described in detail for the wing and 
empennage boxes and for the fuselage shell. including the cargo "'loor. The 
final external loads were determined and the associaced internal loads 
sUlT111arized. These external loads are representative of the STOL loads. The 
corresponding internal loads are representative of the baseline aircraft. 
Parametric studies were conducted to detel,nine panel geometry weight compari
sons by assuming various load intensities. 1he actual weight comparisons 
were then made by using the correct loads at each design station of the wing, 
fuselage and empennage. 

A comprehensive material data search was completed for advanced alloys of 
aluminum, titanium, steel, beryllium and composites. The properties con
sidered were static and fatigue strengths, corrosion and stress corrosion, 
toughness and crack growth rates. Promising aluminum alloys identified for 
applications to the primary structure of the wing and empennage boxes and 
to the fuselage shell are 7050 and 7475. The airframe loads and expected
environment did not justify the use of titanium or steel. Beryllium was 
not cost effective and projected sheet sizes were less than optimum for 
airframe utilization. Composites were used as selective reinforcement for 
the cargo floor planks, the vertical stabilize" spar caps, and were con
sidered for use on the wing cover skin stringers. I• 
Structural concepts were considered and evaluated for the wing and empennage
str'Jctural boxes, the fuselage shell and for the cargo floor. The selected 
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designs were combined into a new concept airframe for weight and cost studies. 
Two basic airframe configurations were established. The wing and empennage 
structure is identical fvr both. One arrangement has a honeycomb sandwich 
fuselage shell and the other ~n isogrid shell. The descriptions and analyses
for all except the isogrid she11 are in Volume I. The isogrid study is 
documented in Volume II. Each of the two configurations have been resized 
keeping the same performance characteristics. 

The wing cover skins are integrally stiffened panels with integral rib caps. 
These are combined with integrally machined spars and bulkheads to present a 
wing structure with few detail~. 

The horizontal and vertical stabilizer cover panels are an aluminum honeycomb
sandwich. Th~ spar caps and bulkhead caps are bonded to the panels reducing 
the number of attachments through highly stressed areas. The spar webs and 
bulkhead webs are integrally stiffened. 

The aluminum honeycomb sandwich fuselage shell extends from Station 366 to 
Station 982. The panels have "picture frame" edge members with provisions 
for tension bolt attachments both circumferentially and longitudinally. The 
panels are nine feet wide and vary in length from 11 feet to 28 feet. The 
major wing and landing gear frames are integrally machined. The cargo floor 
loads are distributed into the sandwich shell through partial frames extending
from below the floor to 45 degrees above the fuselage reference line. 

The isog~id fuselage shell concept application ran from Station 366 to Station 
1347. The discussion of the study effort is presented in Volume II. 

A new approa~h has been formulated to provide better visibility in the 
selection and integration of structural geometrie~ and mateY'ials. A series 
of charts have been constructed to show the relative weights of various 
combinations based on ultimate strength, fatigue life, damage tolerance and 
flutter con~ideration$. 

Weight estimates were ~ade for the new geometries established for the wing, 
empennage and fusela~e primary structure. The wing box weight is 11 percent
below the baseline counterpart. The horizontal stabilizer box weight is 11.6 
percent less than the baseline. The vertical stabilizer box weight is 11.7 
percent less than the baseline. The honeycomb fuselage shell is 3.3 percent 
lighter than the conventionai baseline skir and longeron concept. These 
primary structure weight t'ecluctions are for the full sized aircraft. The 
total primary structural weight is 8.6 percent less than the ba~eline. The 
weight of the resized components are 10.2 percent less. The i~ogrid shell 
weight is 6.1 percent heavier than the caseline, as indicated in Volume II. 

ManUfacturing methods and non-destructive inspection procedures are dis~ussed 
as they relate to the selected structural concepts. 

Cost estimates were made for the baseline a-ircraft and for the new concepts.
The acquisition and life cycle costs of the new concepts were establishe~ 
for both the full sized and completely resized aircraft. 
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The resized airframe component production cost comparisons are; 1) wing box. 
35 percent less; 2) horizontal tail box. 42 percent l~ss; 3) vertical tail 
box. 29 percent less; 4) honeycomb fuselage shell, 2C.2 percent more; and 
5) isogrid fuselage shell. 66.7 percent more. 

The production costs for the resized airframe containing the new concepts of 
the wing and empennage boxes and the honeycomb fuselage shell are 7 percent 
less than those for the baseline. 

;Production costs for the resized airframe utilizing the isogrid fuselage shell 
and the wing and empennage new structural concepts are 0.7 percent more than 

'the base11ne. 

Life cycle costs for the honeycomb fuselage shell airframe are 1.8 percent 
less than the baseline for the full size and 2.8 percent less for the resized. 
Similarly. the life cycle costs for the isogrid fuselage shell airframe are 
1.1 percent more for the full size and 0.4 percent less for the resized. 

Aircraft performance payoff studies were r.ond'lcted for three sizes of air 
craft utilizing the new design concept~. T~: results for the honeycomb
fuselage shell concept are in this voll~. The isogrid fuselage shell 
arrangement results are presented in VOlume II. The sizes include: 1)
unresized. or fixed. geometry; 2) completaly resized airframe. including 
"rubberized" engines and 3) partially resi:~ed airframe with the baseline 
engines. Three performance options were c.msidered. They are: 1) a 
reduction in field length. 2) an increase in payload and 3) an increase in 
mission radius. 
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SECTION I I 

STRUCTURAL INTEGRITY REQUIREMENTS 

The baseline and new structural concepts are required to: 1) possess adequate 
ultimate and yield strength to withstand the loads and pressures in the 
expected operating environments, 2) meet the fatigue and damage tolerance 
service life requ"r'ements and 3) possess sufficient stiffness to prevent 
flutter and eXCp.si~ve deformation in accordance witt. the classical relation
ship 

Structural Capability 
Margin of Safety = - 1;- 0 (1) 

Structural Requirements 

Provisions of capability to equal or exceed the requirements defines the 
concept characteristics; therefore, the structural integrity requirements 
are an integral part of the new concept development procedure. 

2.1 BASELINE DESCRIPTION 

The baseline airplane used for this study was the production version of the 
YC-15 medium STOl transport prototype whose general arrangement is shown in 
Figure 3. The C-15 has the same arrangement as the prototype YC-15; however. 
the material selection changed due to the different fatigue life requirements. 

The structural concepts of the baseline airplane w~re used for comparison in 
this analytical study. fhis structure represents the current state-of-the
art for design and manufacturing for the major components of the wing, fuse
lage shell and empennage. 

The basic structural arrangement is shown in Figure 4. The material for all 
primary structure is aluminum alloy. The utilization of a particular alloy
for a specific component has been determined by loading conditions or expected 
environmental use. 

The baseline structural weight breakdown in percent of the midpoint STOl TOGW 
is shown in Figure 5. The wing and fuselage primary structure constitutes a 
major portion of the total weight. The empennage structure weight is a small 
fraction; hence, the wing and fuselage structure received the major study
consideration for weight and cost reduction. The primary structural weight 
breakdown, in percent of the total structural weight, is shown in Figure 6. 

Baseline design criteria. external load conditions and i'lternal member sizing 
were obtained from the YC-15 prototype design effort. Damage tolerance 
reqUirements were furnished by the Air Force (ReVision r of the proposed 
criteria) and are found in Appendix A. 

The requirements are progressively developed from the general air vehicle 
level (design criteria) to the more detailed airframe component and panel
levels (design loads and rigidities) in the following subsections. 
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2.2 DESIGN CRITERIA 

The design criteria define th~ requirements which the structural concepts must 
meet. The basis for the criteria used in this study is the MIl-A-008860A 
series (and related) Air Force specifications. The applicable general require
ments of these specifications are inter~reted and used to define the specific 
criteria for this STOl study baseline configuration. These criter~a are 
identical to those defined for the production STOl ail~raft. Pp~tinent 

criteria elements for ultimate strength. fatigue endurance. ~~mage tolerance 
and rigidity are defined in the following subsections. These requirements are 
applicable to both the baseline and the advanced concept structure. 

2.2.1 Ultimate Strength 

General requirements and definitions for design gross weights and speeds are 
based on MIl-A-008860A. Flight. ground and miscellaneous loads are derived 
in accordance with MIL-A-008861A. MIl-A-008862A and MIl-A-008865A. respec
tively. In a limited number of instances, justifiable deviations are taken 
as summarized in Table II. 

2.2.1.1 Design Weights - The baseline design weights in pounds. are as 
follows: 

CTOl STOl 

Maximum Design Gros~ We~ght 198,420 
Maximum landing Design Weight 198.420 
Basic Flight Design Gross Weight 150,000 150.000 
landplane Landing Design Gross Weight 177 .285 150,000 
Maximum Zero Fuel Gross Weight 160.150 134.150 
Minimum Flying Weight 103,140 103.140 
Jacking Weight: Gear 198.420 

Fuselage 150.000 150,000 
Maximum Design Payload 53.000 27,000 
Maximum Design Fuel Weight 

@ 6.5 lbs/gal 77.715 46,850 

The maximum and the basic flight design gross weights are used at altitude 
(i.e .• no fuel burnoff) in establishing critical conditions and flight loads. 
The fuel sch_dule is established by the requirement that each engine be sup
plied from its asso'iated individual tank. The center wing tank fuel is 
pumped to the other tanks as soon as volume is available. 

The payload may be composed of vehicles and pallets. Design payload vehicle 
comoinations are summarized in Table III. 

2.2.1.2 Design Speeds - Desi~n speeds for power on and leading and trailing
edge devices retracted are sumllarized on Figure 7. The maximum level flight
speed VH = 350 KEAS (and MH =0.76) is associated with c~rgo loads < 27.000 lbs. 

12
 



-'.'~' ...." .....'-'''-,'. ..-.. :," 1 
1 
1 

TABLE II LIST OF DEVIATIONS fOR AMST 
MILITARY
 

SPEC IFI CA TI or;
 SUBJECT OEVIATION	 JUSTlFlCATlOIl 

HIL-A-00886OA VI f	 LImit (I)Landing, Approach, and Take-Off Limit Speed(VLF) Limit \ lap speeds for
Pa!'a. (,.2.2.8 Flap Speed powered 11ft alrcraft should

(a)	 le.ding edge devictS (wing and tall) not be established in strict 
tAtended: accordlnce with the criteria 

VlF	 • 235 KEAS stated in MIL-A-D08860A, 
paragra~h 6.2.2.8 since

(b)	 Tr.iling edge devices extenslon: these criteria would estab-
For Actuation - All systems working 115h unrealistic design

(3000	 PSi or less) conditions (I) with respect
to airplane operational 

19 flight loads attitudes and speeds. The 
65· power at all speecls design criteria selected for 

limit flap speeds in spe
he OLC c.fic fllgllt configurations 
0" - 23" • 200 KEAS are established to provide 
230 _ 440 ~ 150 KEAS more than adequate speed 

and an~le of attack margins 
44" - 55° Iil 100 KEAS for maneuver and stall P,.o-

F .• tectlon within a realistic
~l~ - All systems working, @ 100. extreme flight envelopf 

power ana 2g f~r all flap angles. loadS	 • 
shall	 be limit. 

Fo,. Iio~ - One system out (engine
aiid/or nydraullc) or single structural 
tafJure. loads shall be ultimate. 

D-	 Z.Og flight lo.ds 
With Ole 

1001 powtr at all speeds and angles 
noted above. 

Hydraulic ~,.es5ure not to exceed 
7500 psi ultimate. 

I-----~----+------------------+---------1 
MIL-A-008lif.OA for Iiolding - 55° flaps @ 100 HAS @ 100:
 
Para. 6.2.2.8
 power, one system out - the resulting
(Conti nued) l~ads are ultimat~. 

Add lOt to all flap extended loads for 
buffet considerations. 

11Il-A.t}0!lu(.lA Positions of The	 positions of the adjustable hodzontal This criteria has been 
Para.	 3.12 Adjustable stabilizer fixed surface shall be limited to	 succe~sfully used for all 

Fbed the extreme positions obtainable from a	 DC-8 a,ld DC-IO airplanes
S'Jrfaces n~ximum of 3.0 seconds of trim motor opera	 and is established using 

tion.	 the recommended criteria 
set by FAA. (Reference
FAA Special Conditions 
lio. 25-18-IIE-7). 

r-----+-----··-t------ --:----;-~:__~-_:__;_;_-:-----t__:---------_l
Mll-A-008865A Crash	 loads The basic craSh load factors shall be: A< recommended in USAF
 
Pua. 3.3
 All s~ats 9g H/[).	 r!:port A~0-TR-73-17 (An

appendix to USAF technical 
Cargo with no troups 39 FWD fo,.	 report AFFDl-TR-71-139)
(Crew located aoove cargo 
cargo) 

·Per FAA criteria forCargo wi til troops 39 FWD for OC-IO seats.cargo 
9g F't1C for 

net forward 
of cargo 

(I)	 ·Unrealistic design cOlldltlons" refers to the singular conservative fl?p speed that results from 
direct use of Mll-A·O(~libOA criteria which m~st be considered with all flap and pOM~r settings 
.l1l.I gross wl:ights. for ti,,, AMST lallding conditions. for exa",ple, this would result ill flap 
speeds over twice those that are a,tually being used for design per the deviated ;riteria. 
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TABLE III VEHICLE PAYLOAD 

PAYLOAD 

C()401 NATION 
VEHICLES 

5 Ton Cargo Truck (M54A2) Wi tt,out Winch 

Ammunition Trailer 

2 Jeeps (M38 Truck) 

WEIGHT 
(LO) 

1 44,000 

2 
5 Ton Cargo Truck (H54A2) with Winch 
Towed 155MH Howitzer 

44,300 

3 155 SP 110witzer (M109A 1) 53,060 

4 
5 Ton Medium Wrecker (H543A2) 

Command Recon. Carrier (H114Al) 
51,000 

5 
2.5 Ton Maintenance Van 
1.5 Ton Trailer 

27,000 

MINIMlI'f
 
FLUTTER
 

MARGIN
 
35
 

30 

-~ .... 25 

... 
b-
Ie 20.. 
"g.. 
:; 
:c 

15
 
VH
 

'\10 

VL 
0 

450 
Velocity (KEAS) 

150 200 250 300 350 400 

Figure 7 AMST DESIGN SPEEDS 
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and VH = 325 KEAS (and MH =0.70) with caryo loads> 27,000 lbs. Design speeds 
for power on and off and flaps down are summarized as follows: = 100 kEASVlF 
is associated with landing flap settings (44 0 < ~F < 55°). 150 KEAS with 
approach settings (23 0 ~ 5F ~ 44°). 200 KEAS with takeoff settings (oF = 23°) 
and 235 KEAS for leading edge devices only extended. 

2.2.1.3 load Factors· The STOl airplane is designed for maneuver and gust
conditions. This is ~llustrated by V-n diagrams for representative cruise 
configuration flight conditions and gross weights (Figure 8). Maximum maneu
ver load factor limits (for high life devices retracted) are +3.0/-1.00 and 
+2.25/0 for basic flight and maximum design gross weights, respectively. The 
maximum limits are +2.0 and 0 (Figure 9) for high lift devices extended. A 
load factor of +2.00 is applicable at all gross \\'eights for ground taxi 
conditions. Load factors associated with the following design limit sink 
speeds (fps) are applicable for landing conditions. 

CTOL STOl 

Maximum Landing Design Weight (198,420 lbs.) 6.0 0 
landplane Landing Design Weights (177,285 lbs.) 10.0 16 

2.2.1.4 Factors-of-Safety - The structure is required to sustain without 
yielding the appl;ad limit loads and without failing the applied ultimate 
loads. Ultimate loads are limit loads times the factor-of-safety, 1.5. 

2.2.1.5 Center of Gravity Limits - The center of gravity envelope for design 
is that shown in Figure 10. 

2.2.2 Fatigue 

IIS afe-life ll design is employed as the primary means of satisfying the service 
life requirements for primary structure. The general fatigue requirements of 
MIl-A-008866A are used as a basis. These general requirements are furthet' 
supplemented by specific service life. usage and spectra requirements for the 
STOl aircraft. Service requiren~nts for the STOL aircraft are based on 
projected utilization and are as follows: 

Flight Serv~ce Life (hours) 15,000
 
Number of t~issions 7.392
 
Total Number of landings 23,755
 
Number of "Full Stop" Landings 15,586
 
Nurmer of "Touch and Go" landings 8,169
 
Number of Fuselage Pres~urizations 12,431
 

A scatter factor of 4 is applicable to the service life requirements to 
establish the design life requirements. USAF projected utilization in the 
form of representative mission profiles is shown in Figure 11. Five missions 
are identified to represent basic emplc~"ilent, an alterr.ate employment,
deployment. low altitude resupply and training usages. Individual mission 

15
 



SL lS0,OOO'	 27,000 FT - 150,0001 
3 -r-------...,--,-_.,---..., 
2 

~ 
a
 

-·~~s -! I
·1 

-2 ----'---~------

20,000 FT - ISO 000.
 
Oynl"IC Stall Line
 

tatiC Stall Line
 
4 ~_ \. tuffet Onset line Sl - 198,(20'


\ 

~	 3,--' I
3 + \\ \ -, I 1 
I ~~ \ ~ 

1 t-r?
1 ~	 I --.,....

I ~ 
~20'~~-~-:~~ 

o -- I
100 200 --_~ - 400 

~ ,~ 

......;;.,__:--__	oJ, 
KEAS ','400 -1,

~-1 ~_-T--r~~J 
-2
 

-2
 
~-
Maneuver 

Gust 
(\uffet R(''1lon '---' 

27,000 FT - 198,420'	 20,000 FT - 198,4201 
3 T"I------~-- ---1 

-7

2 r----~--:..;, ~ ::: -~r_~~_I:r~;- I 

-
-+1 

1 ~--::-:-~:- ---t-- I 
~ -. -- - 

o =t ~_'::::o_.=~~ ~ of ~ 0 +--~ioo --:-~~~-::~~I;'- 4~ 
-1 t----- --1 ~- ---t---- 1::~_ ~!-~~oo-±. '; 
-2 .... ,-- I 1.._..J 

- ---..- " 

-- - -
100 - "::200" - .Jo~ A 

2t-------
~-::::- --,-,,-/~ 

_ 
--.::...  _, j 

--t-  --+___. ,-.-

Fiqure 8 V-n DIAGRAMS (CRUISE CONFIGURATION) 

16 



-- b 
N 

. ~ 

~ .. 

~ 

~ ... 
.. 

. 
on... 
• I 

M + I~"'1 ..~... "<-'.' --;--,"-I .. 

I 
" " ..",I ol-

'.I' t 

2.51 I I I 

I I~ -,.... I 
2.01, .. 

.. 
+ 
.... 

1.51 ,.l 
" 

~~-:=,150~'~~ 200'1' 

",u'" I "..~ " I: ~ "''''s" I 
.0.51-1--+1- I 'IT 

~ 

~ 

~ li 1. 0 i;[;,..----... 

CENTER or GRAVITT·S PlEA" AERODTIWlIC CIIllRD 

200 

o 

CO!I!lITlONS 
r1.ps 00"" Hili 

1001 Power 
SU tf>vp1
 
GW • 150000'
 ... 

'2 160 .. .. 
~ 

I 

:t HD..."" i 
~ 

f' 
'" 1~ 

• "250 lDO 

Moment .bout Quarter Chord. In ~Il • 10.6 

Figure 10 CENTER OF GRAVITY LIMITS 

Figure 9 V-n DIAGRAM (HIGH LIFT) 

, 'r ' 7 De? tr 7, ted 
.-' ~~. _ • tr ." ¢ 't'1! $ ., 'ent • ... " ."-'-~'---------------



MISSION 
1 147,600 LBS 133,800 LBS 

37,800 FTBASIC 33,900 FT enV) V) 
a:l M0.70EMPLOYMENT ~ MO. 69 ~ ...J (IN)(30,480) (OUT) 8 o0 o 

_ 
400 N.MI....... 1.06 HRS:......... ,_. 4_0_0_N_'_M_I.
 N....-'J_ 1.04 HRS. 

~F---------
168,200 LBS ~52,300 

400 N.MI.

LBS V)2 
ca31,350 FT 32,800 FT -JV) VIALTERNATE M O. 70 ~ ~ M 0.70 oEMPLOYMENT o(OUT) g ON)(9,144) o..400 N.M!. ~ co .q1. 04 HRS '0:2 1.06 HRS. ... 

-- :; F..6----- __-..-;r.., 

143,300 LBS
 
3
 36,600 FT 

M 0.70DEPLOYMENT 
(764) 

2490 N.MI. 
6.3 HRS------------11 rl-----------\,1;"'; 

VI 
V) a:l 
ca ...J 
-J

4 o 
o I.l'l 
~ 143,100 LBS ~LOW 
~ 1,000 FT ~ALTITUDE '0 M 0.46 ...-r:"__,---.......,"-1 \..J .."r===~,- _
RESUPPLY 

(17,296) 552 N.MI. 
1.85 HRS 

140,800 LBSV) VI 
ca a:l15,000 FT -J 

(37,336) 198 N.MI. 
1.21 HRS 

(N LANDINGS 
PER 60,000 HRS) 

Figure 11 MEDIUM STOL TRANSPORT MISSION PROFILES 
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general characteristics and utilization are further defined and summarized in 
Table IV. No fuselage pressurizations are associated with flight segments of 
1000 foot altitude or less. 

Basic e.G. load factor spectra data from MIl-A-008866A are used for flight and 
ground conditions. Maneuver and gust spectra data are considered for flight
conditions; taxi and landing impact data for ground conditions. The basic 
MIL-A-008P56A spectra data are modified for STOl usage where requi red. Fa." 
example. ground taxi operations on paved fields (CTOL) and on $e~i-prepared 
fields (STOl) are considered. For CTOl operations. the data of MIL-A-008866A 
are used directly. For STOl operations. the given data are increased in 
severity to reflect the rougher field conditions. Further definition of the 
STOl airplane :.G. load factor spectra data is presented in Section 2.3.2. 

Ground-Air-Ground (GAG) cycles are considered as part of the fatigue loads 
spectrum. A GAG cycle is defined by the maximum flight and maximum ground
loads which occur during one flight. as illustrated below. One flight is 
associated with each landing. 

TENSION I 
GAG CYCLE 

_l 
ONE 

FUGtll 

V')
 
V')
.... 
0:: 0 
l-
V') 

cor~p 

2.2.3 Damage Tolerance 

Primary structure vital to the integrity of the aircraft or the safety of per
sonnel is required to be damage tolerant as a backup to the safe l~fe require
ments. Damage tolerance requirements with respect to degree of inspectabi1ity. 
frequency of inspection. minimum period of unrepaired service usage. minimum 
required residual strength. minimum initial and in-service damage sizes and 
damage growth limits shall be as defined in Appendix A. The minimum residual 
strength requirement is based on the fatigue load spectra. The frequency of 
inspection associated with the inspection plan elements is as follows: 
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Inspection Plan 
Element 

Inspection Interval
(Hours ) 

Walk Around Visual 25 
Special Visual
Depot or Base Level 

1.000 
3.750 

i 
The structure is required to meet the 
speed of 1.15 VL (see Figure 7). 

2.2.4 Rigidity 

MIL-A-008870 srecified minimum flutter 

2.3 DESIGN LOADS AND RIGIDITIES 

The design loads and rigidities are determined in accordance with the design 
criteria. Section 2.2. and are summarized in the following subsections. 
Ultimate. fatigue. damage tolerance and flutter mode data used to design and 
screen the structural concepts are pre~ented. Information is provided as to 
the critical conditions. external and internal loads and load spectra. More 
detailed loads data are given in ~eference 1. 

2.3.1 Ultimate Mode 

The critical conditions and loads for the baseline wing. fuselage and empen
nage are those of the YC-15 prototype STOL aircraft. The loads presented 
include the external and internal loads from flight and ground conditions. 

The internal loads for the baseline structure were derived from the external 
loads using FORMAT (References 2 through 4). a generalized energy analysis 
method. The structure was represented by bar and panel elements and the 
resulting matrix equations were solved by computer to obtain bar loads (axial.
shear and moment) and panel shear flow loads. The structural idealization of 
the center fuselage shown in Figure 12 is typical of the sophistication used 
in defining the structure for loads analysis. The FORMAT analysis technique 
has been verified by full-scale pl'oof lo~d tests of the DC-10 and other air 
craft and its use provides an accurate detailed distribution of loads for the 
study. including regions of redistribution such as at doors or the winq
fuselage i~tersection. These loads. sufficient to design flight structure. 
serve as ~ more accurate basis for developing structural concepts than the 
preliminary design loads normally available for parametric studies. 

2.3.1.1 Wing Loads - The critical conditions for the wing control stations 
(91.25. l14.0. 372.275. and 508.436) are given in Table V. These conditions 
were identified from critical internal loads and margins of safety at the four 
stations based In 24 external flight load conditions (symmetric and unsym
metric) ,md on 7 external ground load conditions (including landing. taXiing 
and braking). The resulting critical external load envelopes for wing shear. 
moment alld torque are shown in Figure 13. 

Envelop~s of internal loads for the wing cover panels. spars. ribs and bulk
heads have been generated for the control stations and are presented in Ref
erence 1. (NOTE: In addition to the loads from flight and ground conditions. 
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(1)TABLE IV ADV~~CED STOl TRANSPORT (MEDIU~) PROJECTED UTILIZATION 

LANDINGSMISSION SERVICE lIF£BOURSPER I OFLENGTH LANDINGSMISSION "'ISS ION NO.PER FLIGHT l.F.1Cl. TOTAL 
I orD£SCRIPTlO" CTOl TOTALSTOLANDING HOURS HT. HIlS OTAl "'ISSION 

BASIC EloIPlOYHEHT 3.0•800 8,000 53.5 3,810 3,810 7,620 32.1 3,8101 2.1 1 1 1.05400 II.Mi. Radius Mid·2 
Point 

AlT. EloIPlOYM£NT 

2 

(157,070/36.420117,500) (

800 1 2,400 16400 H.H1. Radius 2.1 1 1.05 1,143 1,143 9.6 1,1432,28~ 2.25 
(179.920/42.270/34.500) (2 

DEPlOYMUlT 
1,2000 1 6.3 1916.3 2.490 8 0 191 .8 191 2.5 

lOW ALT. RESUPPLY (3)
 

4
 

(181,150/78.000/0) (2) 3 

11.85 552 .463 13.2 3,243 1,081 18.2 l,Ml270 N.M1. Rad1us ( 3 2.000 4.324 3.0 
(161.550/41,000117.400) 2
 

TRAINING
 

5
 4 4 4,667.15 1.400 9.3 1,1671.2 198 4.667 9.334 39.3 3.0 
(150,000/46,850/0) (2) 
High' Low Alt. 

15,000 10,8521-5 12,863 3,755 7,392 

(1) R~u1red Service life' 15,000 flt9ht hours 

• 15,586 "Full Stop" + 8,169 "Touch and Go· Land1ngs 

(2) Ramp Weights (Gross/Fuel/Payload) 

(3) V
LL 

' 300 KEAS • 1000 feet 

STATION 
703 

YC-15 CENTER FUSELAGE STRUCTURAL IDEALIZATION USED IN FORMAT ANALYSISFigure 12 
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TYPE 

TABLE V WING CRITICAL CONDITION SUMMARY 

DESCRIPTION CONOmON G~OSS ALL SPEEO LOAD FACTOR hr ATT4r~ 

NUMBER WT. (') (ft) KEAS HACH NO NX NY HZ II" ,
Steady Pitch Maneuver - Cruise 

150000 12400 396.7 0.758 .043 0 3.0 1.2 0Confi !luration 1 

... 
~ ... 
i 

Steady Pitch Maneuver. Speed 
150000 12400 396.7 0.758 .065 0 3.0 5.2 0Brake ConfiguratIon 2 

Steady Pitch Maneuver - Cruise 3 150000 39000 155.3 0.533 .105 0 ·1.0 ·lUl 0Configuration 

Steady Pitch Maneuver - 40· Flaps 4 160150 SL 150 0.226 .033 0 2.0 3.6 0Down Configuration 

lOG. Dvna",lc LandinQ 16 fos (.29 sec! 5 15000 SL 87 0.131 . - - 2.61 0.7 -. 

30 

25 

20-
...'", -
.=. 15 
...•-.. 10 

0

... 
c 
r 
i?- 5.,. 
c 
:;; 
c 
.Il 0 

-5 

-10 

Steady Pitch Maneuver 

10 

(!) 3g-Cruise Configuration ~ Dynamic Landing 
(!) 3g-Speed Brake ConfiguratIon 

(]) -lq-Cruise Confiquration 

~ 2g-40· Flaps Down Configuration 

...'"
'::'8 

.. 6 
~ ... 
~ '" 4 

5 - 2...'" ..., 
c
 
~ 

0
 -0
 
100 200 600 \Q,
 

Shear 

0

Station (in) -
>< -5 
~ 
f" 
0 
l 

·10 

Figure 13 WING LIMIT EXTERNAL FLIGHT LOAD ENVELOPE 
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fuel pressure, aerodynamic pressure and crushing loads are also presented in 
Reference l.} A surrrnary of maximum load levels for the cover panels at the 
control stations are summarized in Fi~Jure 14. Wing upper and lower cover 
loadings are equal to or less than 14,000 #/in. compression and .2,400 #/in. 
tension. The lIing cover panel shear flows are equal to or less than 4,600 
H/in. Individllal critical load curve) which fall within the load envelopes 
were generated for use in design. Thase are also surrnllarizE:d in Reference 1. 

2.3.1.2 Fuselage Lo.~~- The critical conditions for the four fuselage 
control stations (439, 703, 847 and 982) are summarize~ in Table VI. These 
condit ions were i dentifi ed from YC-15 criti ca1 i nterna1 loads and margi ns of 
safety. The corresponding external load envelopes are shown in Figures 15 
through 18 for vertical and lateral shear, moment and torque loads. Loads 
are derived from both syr.1tnetric and unsymmetric flight and ground ~onditions. 
Only flexible body landing conditions were run, i.e., no rigid body solutions. 

Internal loads for the fuselage cover structure, frames and floor, at the con
trol stations, are given in Reference 1. Maximum val ues of the cove,' structure 
loads are sUll11larized in Figure 14. The maximum load levels occur at Station 
847, varying from a maximum tension load uf 3770 #/in. in the wing-fuselage 
intersection area to a maximum compressiol~ lo=d of 3850 #/ia. in the gear
fuselage intersection area and with 2470 ~/in. compression load at the floor 
line. The panel shear flow rnaximllm value is 2820 #/in. Intji ... idual critical 
load curves which fall within the load env~lopes were generated for use in 
design. 

2.3.1.3 Empennage Loads - The critical conditions for the l:mpennage are 
sUllll1arized in Table VII. The associated normal and in-plane external load 
envelopes for the vertical stabilizer are summarized in rigures 19 and 20_ 
respecti ve 1y. 

The external load envelopes for the horizontal stabilizer are presented in 
Figure 21. 

Internal load envelopes for the cover panels, spars, ribs and bulkheads at the 
vertical and horizontal stilbilizel' control stations are presented in Reference 
1. The representa t i ve envelope va1ues for enlpennage cove r st ructure are sum
marized in Figure 22. The left and right vertical ~tabi1izer cover loadings 
are equal to 0\' less than 4,200 #/in. compression and 4,500 #/in. tension. 
The cover panel maximum shear flow is 2,950 #/in The upper and lower hori
zontal cover loadings are equal t.o or less than 9,aOO #/in. contpression and 
10_280 #/in. tension except at the pivot (where 25,OOLl h/in. compression and 
23,000 #/in. tension are the maxim'Jm values). The maximum cover panel shear 
flow is 5,170 #/in. Individual crItical load curves whicn fall within the 
load enve10r:es were generatpl~ for use in design. 

2.3.2 Fatigue and Damage Tolerance Load Factor Spectra 

load spectra are based on the five basic mission profiles defined in the 
design criteria (Figure 11). Included are taxi, gust, landing impact, and 
low level gust plus maneuver. The derivation is described in Reference 1. 
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TABLE VI FUSELAGE CRITICAL CONDITION SUMMARY 

CONDITION GROSS ALT <;pnn I OJ n FACTOR (11 
IIlt(;lE m ATTACK 

DESCRIPTION NUMBER lIT. (. (rT) I:EAS HACH NO. NX NY HZ a 

Nose Gear Tow 1 198,504 SL -- -- -.15 0 1.0 -- --
",ose Gear Taxi 2 198,506 Sl -- -- .44 0 1.117 -- --
19 Balanced Maneuver 3 134,150 27,000 302 .783 a a ·1.0 .77 a 
VG Gu~t 4 198,506 20,000 270 .602 a 0 2.387 7.32 0 

'9 Balanced ~aneuver ~It~ Mistrl~ 5 150,OOC 30,000 250 .694 0 0 -1.0 -2.64 0 

39 Balanced Maneuver with Mlstri~ 6 150,000 17,200 389.7 .82 0 0 3.0 2.24 0 

First Peak Pull Up 7 150,000 Sl 214 .32 0 0 1.026 -2.74 0 

2 Point 3.80 Tall Down Landin9 (2) 8 150,000 SL -- -- 1.543 a 3.33 -- --
2 Point 3.80 Tail Down Landing (2) 9 134,200 SL -- -- -1.13 0 varies -- --
3 Point Level landing (2) 10 150,086 SL -- -- varies v!rles varies -- --
39 Balanced Maneuver 11 134,150 14,700 400 .80 0 0 3.0 .55 0 

Taxi/Takeoff Run 12 198,500 Sl -- -- 0 a 2.0 -- --
Second Peak Pull Up 13 150,000 20,000 240 .53 0 0 3.0 7.91 0 

Second Peak Push Over 14 198,506 Sl 214 .32 0 0 0 -7.94 0 

2 Point level landing (2) 15 1'\0,000 Sl -- -- 1.71 0 3.33 -- --
2 Point 3.80 Tall Down landing (2) 16 1 134 ,000 Sl -- -- varfes varies var1es -- --
VLF Gust 17 1'60.,50 51. 214 .32 0 0 2.393 I 4.12 0 

lateral Gust 18 134,150 18,000 350 .15 .213 -.57 1.0 - .44 4.84 

Left Turn with Symmetrical Braking 19 198,506 SL -- -- .461 .052 1.389 -- --
STOL Drift landing 20 1:>0,000 SL -- -- 0 .665 1. 95 -- --
Right Turn (0.5g) 21 198,504 SL Ii .5 1.0 

Uncoordinated Roll 22 103,000 17,200 390 .82 0 .!..985 1.0 ·1.21 4.64 

Lateral Gust 23 103,140 20,000 270 .60 0 -.744 1.0 - .02 8.24 

Enqine Failure 24 198,506 ~L 200 .302 -.022 .366 1.0 6.38 11.31 

(1) Limit 
(2) Varies with Time 
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TABLE Vl! EMPENNAGE CRITICAL CONDITION SU1~~RY
 

SPEED l:m~KOFGROSS LOAD FACTORALT.CO~OITlOTYPE DESCRIPTION WT. (II (HINUMBERS KEAS I'AOi NO HZ 8 

Roll 
NY CI'IX ..103000 11200 390Uncoordinated Roll With Yaw D'/llPen 0.82 1.01 ·1.21 f-4.~~.91l! 

Side 142582 150 0.22Study 51 d" 11 p With Rudders 2 S.L. 1.0. f474! 8.5 noSlip Neutralized 
Push ..2nd Peak AbruDt Push Over 198506 200S.L. C.3 03 0 ·1.24 0Over 

Pull 2nd Peak Abruot Pull Up 240150000 20000 0.53 7.91. 0 3.04 0 
Up 

1st Peak Abrupt Pull Up ..150000 l1Z00 390 a.82 1.465 a 0.01 0 

Nose Up Mhtrl .. 15!l000 18000 350 0.15 0 3.0 2.81 0 
Mh

6 

Nose Down Mistrl", ..trim 150000 18000 350 0.15 0 -1.0 ·139 01 
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loads)
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The resulting load spectra for all missions for d design life of 60,000 hours 
are summarized by environmental mode for frequency content and distribution 
in Table VIII. 

Over 93% of the frequency content is supplied by taxi and low level gust-p1us
maneuver. Maximum load factor excursions result from landing impact and from 
maneuver spectra. landing load factors, however. dpp1y to inertia loadings
only, thus diminishing their importance. 

Experience has shown that the ground-air-ground (GAG) cycle is a major influ
ence in structural fa~igue damage. The data in Table VIII have been used to 
develop the GAG cycle for the baseline. A cumulative frequency of flight 
condition cycles and of ground condition cycles is made to define the peak
flight and peak ground load factor excursions. Only every other peak excur
sion is used to define a GAG cycle, thus reflecting that: 1) the maximum load 
factor excursion is not always associated with maximum str~ss (for example,
incremental gust load factors are inversely proportional to gross weight) and 
2) more than one large load factor excursion may occur per flight cycle. Thus, 
the 95.020th GAG cycle. corresponding to 95,020 landings per 60,000 hours, 
is defined at rf = 190,040 cycles. The C.G. load factor exceedance spectra 
resulting froill the analysis is shown in Figure 23. The typical, or ~verage, 
GAG cycle excursivn is approximately defined at rf = 95,020 where flight 
An = 0.56 and ground ~g = 0.47. 

2.3.2.1 Acoustic loads - The STOl is also sUbjected to acoustic loads from 
the engines. Estimates of acoustic loads have been obtained for various flap 
settings at takeoff thrust with the airplane stationary. These estimated 
pressure spectrum levels are summarized in Reference 1 for the critical 
locations on the wing, fuselage. and empennage, along with db reduction values 
for forward velocity, ground clearance and reduced thrust. The maximum un
reduced 1eve15 for the wing, fuselage and empennage are 139 db, 134 db and 
124 db, respectively. all occurring at a frequency of approximately 50 hz. 

2.3.3 Flutter Rigidity Requirements 

Wing rigidity constraints are established by the flutter speed requirements
(1.15 VL), Section 2.2.4. A preliminary flutter analysis was made of the 
YC-15 wTng using the bending (I ) and torsional (J) rigidities shown inyy 
Figure 24. (Note: The YC-15 and the initial baseline wing rigidities are 
approximately the same.) This unique rigidity solution. howevGr, is not the 
only one which can meet the flutter requirement. Alternate flutter solutions 
also can be defined by trading off EI and GJ magnitudes and distributions.yy 
Flutter sensitivity analyses, based on a finer grid idealization, were pe~
formed to determine the effect of incremental changes in stiffness on struc
tural damping, g. (Figures 25 and 26) which is related to flutter speed.
Using this tool, the EI and GJ magnitudes and distributions of the newyy
wing concepts (reflecting ·."eight and concept variations) are controlled to 
produce designs for which the flutter "margin of safety" is equal to or 
greater than zero. 
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In the same manner. a flutter analysis was made of the baseline empennage
using the bending I and torsional (J) rigidities shown in Figures 27 and 28.yy
As in the case of the wing. this unique rigidity solution is only one of 
many that can meet the flutter requirement. Flutter sensitivity analyses,
based on a finer grid idealization. were performed to determine the effect 
of incremental changes in stiffness on flutter speed. Figure 29. It should 
be noted that the vertical and horizontal stabilizers infiuence the flutter 
speed simultaneousiy. Using Figure 29 it was, therefore. possible to adjust the 
~Iyy and GJ distribution of both stabilizers for the new study concepts 
to obtain the lightest total empennage primary structure with a positive 
"mar"';" of safety" for the flutter mode. 
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3.1 

SECTION III 

STRUCTURAL MATERIALS 

One of the basic variables affecting structural weight (and cost) is material. 
A material selection criterion is developed in Section 3.1 which is based on 
a consideration of each integrity mode (such as ultimate tension, fatigue, 
etc) . 

Material property ciata for implementing the material selection criteria 
(including ultimate and yield strength, modulus, stress corrosion resistance, 
fatigue and plane stress/strain crack growth factors) for the study materials 
are given in Section 3.2. Materials are limited by the study scope to beryl
lium, aluminum, titanium and steel alloys, and selective composite reinforce
ment. It is common in parametric studies to find that required fatigue data 
are unavailable for particular notch conditions. Therefore, a procedure is 
described in Appendix B to normalize and thereby extend existing notched 
specimen data. Evaluation of materials, especicdly for the ultimate compres
sion mode, requires basi~ stress strain data. The procedure used and result 
ing data are also summarized in Appendix B. 

These material data are subsequently used in support of the design and analy
sis of new structural concepts. 

MATERIAL SELECTION CRITERIA 

Development of more efficient (i.e., lighter) structural concepts relies on 
improved geometry and/or material characteristics which, for ":hed require
ments," are defined by the critical integrity mode capabilities. Hence, for 
the "geometry constant" case, material selection criteria are established 
directly from the analytical models defining structural capability for each 
mode. 

The integrity mode~ considered are: 1) ultimate (tension, compression and 
shear), 2) fatigue, 3) damage tolerance, 4) flutter and 5) stress corrosion. 
The selection criteria, along with appropriate remarks on the development of 
the criterion parameters, are summarized in Table IX. As previously stated, 
the basis for the criteria is "minimum weight" except for stress corrosion, 
whi ch is "maximum re1i ab 11 ity." 

The results, in general, are classical in nature and are a function of the 
mode, the associated analysis model and the geometry. In order to enhance 
the accuracy of the material comparison~, representative criteria conditions 
are also defined for fatigue (NGAG = 10 , R =0, K =1 and 3) and for damaget 
tolerance (da/dn = 10-5, R = 0). 

The required important material properties are identified directly from the 
material selection criteria parameters. When implemented over a range of new 
material candidates, these parameters provide a means of determining the best 
material for e~ch mode, ranking the materials selected ir. order and showing
how much better one material is with respect to another. 
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TABLE 9 - MATERIAL SELECTION CRITERIA 
R~~R~ • RATIOKAl£INTEGRITY HOO£ CRlT£RIOll 

IUlfllATE 
Nx NIT£llS I011 (I) ... p l • "r· m;r 

lo.dlng Nx • const.nt 

F.llure stress F :. Ftu 

" • I114te~lal d~ftSlt.Y 
I 

...tn .. (Ftu/ )
" .'u 

COftlUSSIOII (2) Gtner.l o~ loc.l Instlbillty stress' • 'certt 

F • E f (p.nel concept, gtCll'letry rutos). E c	 ccerlt 
f (panel eonc~pt, ge_try r.tlos) • const,nt 

(1 ) (3) S...e r.tlonale IS (1), 111111tln9 lnst.blllty stren ,. 'C1(FC1Ip)IIIIX 
(1)

(Ec/p )IIU (4) Same ratlnnale as (2), F tn lieu of Fs ccr1t crlt 
(1) (5) s.alllt r.Uonale IS (3), Fsy In lieu of Fey(Fsy/p)mu 
(1) (5) s.ame r.tlonale as (1), (tension field)(Ftu/p),nu 

(1 )FATIGUE (7) Spectrum loadtngs Nx • "Ilmalt • constant(II NXlp)IIIU 

• ", R, let S~ctrum stresses F • "ma'i 

Determine "mall frOlll 5-" data on basts of: 
Ground-.tr-ground cycle (GAG) lIIOst dllllllgtll9 

N • "GAG. 105 cycles 

0 (represent.tlve .nd convenient v"ue)•• RGAG • 

, c kt c 3 (use upper" lower 11,.lt values) 

IWIi\GE TOlERAllCE (8) The A/F crite~fa ·~e~lod" req"lrl!01ent Is prlllllrlly .chieved 
at ea~ly coftdltler,s of c~ack g~owt~, I.e., 

II c I' Icrt t 
10 

.. • "x-_ • constant
Il - ....X

I 
't • spectrum stress· "lIlIllt 

"111.1 • !:maxi f (Plnei concept" cr.ck g~ometry) 

4 I:t 
"1III.t 0 1:m,.1 • r:R"j 0 akl since 

Rt .. f (panel concept" crack geometry) • constant 

Oet~rmtn~ al: frem "da/dn vs. ak" data on basis of: 

d.	 _ C /,I(n 

1dn - 11-lfJi'c" 10.5 lnc~u/cycle' r~pr~sentlt1v. 
value which also corresponds to lower limit ftf dat, 
1Y.i1abll ity. 

R • 0 (~epruentaUve and (onvenlent value) 

(9) "O~tectabi1Ity" Is prlmartly iC~IeVfd at later conditions 
of crack growth, t .f., 

·c.it _ 
-yo-- ~ 'crltc. 
"x •"llmII • constint 

I 
Hul_ spectrum stress 't • """Xt 

"NXI • K"UI • Kc (See 8) 

38
 



TABLE 9 MATERIAL SELECTION CRITERIA -- Concluded
 
IlITEGRIT¥ !IXlE
 CRITERIOft REVARKS &RATIONALE 

DAMAGE TOLERANCE 
(10) Achievement of ·perlod· requirement enhanced by re~ardatton(CON'T) (~Lx (1) 

~xlmum ret~rdation corresponds to maximum ·pl.stlclty," 
t,e., plastic lone radius rYmex 0 

r ~ l~x 
FLUTTER RIGIDIT¥ 

lENDING ([Ill) (1) (11) SI11ng b.sts: £ I • constantNX 
• f. ( 1 ). p constant 

.. II P ~ [(2hZ) 
Configuration geometry (h) • constant 

1 
lOlItn • Hrp }max 

(12) Same rationale as (11) to drflne(E/~] (1)TORSION "'ll 1 1 s'ntl....'n •T1(C"'/"-p"'-I"'-"'-ll • 'ttlp 111\.111 

G • E/:! (1 .. II) • E 

STRESS CORROSION 
(2)


·S'tlOTH·
 (13) Assume bending I!l'lmell~ due to ·",lsfH· clamptng on assembly 
CONDITIONS 

GTH
(T M""'ll Q [ 1 a1IIIX --r 

E , c
Bending stress fbt C ~ 

For constant pdnel concept I panel geometry rattos 
1 1 1 c Q [", l· f' 6. f (L) Q r 

"res .• fbt II E 

On the basis of reliability, 
R • ~ .. M. S • °Tll_ 

°TH J' ., res 
'\nIX II [ -r max 

Klsec J (2) (14) For surface fla.(l)/stress couole."FLAWED· 
[ ,- mallCONDITIONS 1C.''k',Ao r;a."
 

0, A, 14k, I • constant for filled NOI clpabtltty
 

o • ores· E f~r bendtng (See 13)
 

Then Kc E ; Kmall· KIsee 

klscc ] Klscc }
(I) 'or IItntlllllft II!' 'It (w) Ra.ax • 1 + M·S. It • [ -K- NX • [ -r Nil
(2) For maltlmum f41lablltty (R)
(3) Result Ippltes tO'hole flaw subject to attachment interference ftt stress. also. 
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3.2 MATERIAL PROPERTIES 

The properties of various candidate aluminum, titanium, steel and beryllium
alloys have been obtained from the general literature and from preliminary 
reports from the AMS/ADP Program, McDonnell Dougl as Corporati on, and other 
published and unpublished data sources. Approximations have been used where 
data were unavailable. 

The initial baseline airplane alloys include the following: 

Clad sheet 2024-T3, 7075- T6 
Plate 7075- T76 
Extrusions 7075- T6511 
Forgings 7075-T6, 7075-T73 

These al10ys are considered current (January 1973) "state-of-the-art" 
materials and are applic:ble to thp. study structures. 

The material properties used for the initial baseline design are "B" values 
as listed in MIL-HDBK-5. The data for the new materials are a'/ailable as "S" 
values or typical values. A common basis is required to make valid weigl,t 
comparisons between the various concepts utilizing new materia1s. Therefore. 
a rrethod for converting new material data to a "B" value basis was evolved 
and is presented in Appendix B. 

The properties of the baseline and selected materials appear in Tables X 
and XI. The data sources are noted by reference numbers (5 through 30) in 
the tables. 

The following comments are made in regard to interpretation of the tables 
and notations: 

1.	 Column headings ar~ in accordance with material properties and 
selection criteria found in Section 3.1. 

2.	 Typical or average values have been supplied for Kc ' KI ' 
KI • fatigue and LK properties. c 

scc 

3.	 Threshold values are listed for srrlooth bar stress corrosion 
(0 th ) conditions. 

4. Correction factors for fatiq~e data obtained under conditions 
• other than R = 0 and KT = 3 were determined by the method 

described in Appendix B. When the data base to implement this 
rrethod was not available. typical properties were estimated. 

5.	 The fatigue data fot· all candidate aluminum alloys except sheet 
have been ev~luat~~ to fall within the general scatterband for 
7075 alloy. Although the data may appear to show some slight
differences between the newer alloys, it is deemed premature to 
invoke these values since data are only available from a very 
few heats or producers. The fatigue values for 7075 in the 
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comparable tempers will. therefore. be used for the candidate 
alloys other than sheet. 

6.	 Correction factors for available R ~ 0 crack growth data to 
R = 0 conditions were d~termined using Forman's equations.
However, data for some alloys were observed to deviate signifi 
cantly from Forman's equation ~t daicin of 10 -~ . and estimates 
were made where necessary. 

7.	 The values for K and K have been listed at what is considered c r c 
to be the limiting ~onditions for plane stress or plane strain 
to facilitate alloy evaluation. Specific values of fracture 
toughness for d~sign calculations will give consideration to 
component thickness/width/crack length criteria. 

8.	 The usefulness of fracture toughness, stress corrosion and crack 
propagation data must be considered in light of the present 
state-of-the-art for these properties. K1 propertie~ have been 

c 
determined from valid test d~ta established by a standard ASTM 
Drocedure. Re 1i abil ity for thi s parameter increases wi th the 
uata base. Data values for K • KI and ~K are still unreli 

c scc 
able or of uncertain quality due to lack of standard test pro
cedures. 

9.	 Directionality of tensile and compressive properties has been 
indicated by l (longitudinal), LT (lonq transverse). ST (short
transverse). etc. in the tables. I-Ihen no directionality is indi
cated, as occasionally occurred with some data sources, it I'/ill
be assumed the values applies to any direction. Directionality
of fracture toughness data has been indicated by the gUidelines 
presented in Reference 11. Crack propagation data (da/dn) were 
considered inadequate to establish discreet values based 011 
di recti ona1ity. 

3.2.1 Aluminum Alloys 

The aluminum alloys selected for consideration are as follows: 

2024-T3 Clad Sheet 7050-T736511 Extrusions 
7075-T6 
7075-T7351 

Clad Sheet 
Plate 

7050-T73 
7050-T736 

Forgings 
Forgin~s 

7075-T6 
7075-T6 
7075-T73 
7049-T73 
7049-T7651l 

Extrusions 
Forgings
Forgings
Forgings
Extrusions 

7050-T73652 
7175-T66 
7175-T736 
7475-T61 
7475- T6"1 

Forgings
Forgings
Forgings
Sheet 
Clad Sheet 

7050-T76 Sheet 7475-T761 Sheet 
7050-T76 Clad Sheet 7475-T761 Clad Sheet 
7050-T7651 Plate 7475-T651 Plate 
7050-T7365l 
7050-T76511 

Plate 
Extrusions 

7475-T765l
7475-17351 

Plate
Pl ate 
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The properties for these alloys are listed in Appendix B. 

3.2.2 Titanium Alloys 

The titanium alloys selected for consideration are as follows: 

I Ti-6Al-4V Ann (Ti-6-4) Sheet. Plate. Extrusion 
Ti-6-4 Sta Sheet. Plate. Extrusion 
Ti-6-4 Beta Ann Plate 
Ti-6AL-6V-2Sn Ann (Ti-6-6-2) Sheet. Plate. Extrusion 
Ti-6-6-2 Sta Sheet. Plate. Extrusion 
Ti-6-6-2 Beta Ann Plate 
Ti-3Al-8V-6CR-4MO-4Zr Sta (Ti-38-6-44) Sheet. Plate 
Ti-6AL-2Zr-2SN-2t()-2Cr Sta (Ti-6-22-22) Plate 
Ti-8AL-1MO-1V Mill Ann (Ti-8-l-l) Sheet 
Ti-8-l-l Duplex Ann Sheet 
Ti-8MO-8V-2Fe-3AL Sta (Ti-8-8-2-3) Strip. Plate 
Ti-8-8-2-3 STOA Strip 

The bracketed terms shown above. e.g .• (Ti-6-4). will be used as abbreviated 
designations for the alloy. The properties for these alloys are listed in 
Appendix B. 

3.2.3 Stee1 Alloys 

The steel alloys selected for consideration are as follows: 

PH 15-7 Mo Sheet. Plate 
Marage 250 Sheet. Plate. Forgings. Extrusions
HP 9Ni-4Co-0.3C Forgings. Extrusions
300M Forgings. Extrusions
HP 310 Forgings. Extrusions 

The properties for these alloys are listed in Appendix B. 

3.2.4 Beryllium Alloys 

The beryllium alloys selected for consideration are as follows: 

PS 20 to SR 200E Hot Rolled Sheet 
(HIP) Pres zed Block Machined Sheet 
(No Specification) 

The properties for thl;se alloys are listed in Appendix B. 

3.2.5 Advanced Composites 

In general. unidirectional boron/epoxy will be u:,ed for stiffening structural 
elements. However. in the specific vertical tail spar cap case. which will 
be manufactured by the pultrusion process (Section 8.5). the raw materials 

«	 utilized will be boron fibers and epoxy resin. These will be combined in situ 
during pultrusion. For the stringer reinforcement case. boron/epoxy laminated 
from prepreg will be used. The properties of the bare boron fiber are listed 
below. 
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BORON FILAMENT PROPERTIES 

Tensil~ Strength
Tensile Modulus 

475 KSI 
58 x 106 PSI 

Diameter 4.0 and 5.6 ~ils 
Density 0.094 lbs/in 

The expected properties of the boron/epoxy composite are shown in Table XII. 

3.3; MATERIAL SELECTION 

The material selection for the initial baseline aircraft is shown in Figure 
30. This selection was based on state-of-the-art materials in use at the 
beginning of this study. However, due to weight increases required to meet 
the damage tolerance criteria for the study, an improved baselin~ material 
selection was made. This selection, Figure 31, became the basis for the 
baseline structural weight analysis. 

The materials selected for thy airframe utilizing new structural concepts are 
summarized on Figure 32 for a honeycomb sandwich fuselage shell concept. The 
selection for the airframe having an isogrid fuselage shell design is pre
sented in Volume II. 

The principal alloy selected was 7050 with a few selective applications for 
7049 and 7475. The alloys of beryllium, titanium or steel in the structural 
applications under study were found ineffective for either weight or cost 
consideration. 

The following is a brief discussion of the principal characteristics of the 
selected materials and how they compare wth the other candidates for the 
various applications. The fatigue strengths. as defined by SIN curves for 
the aluminum alloys, except for sheet. are considered equal and so will not 
be discussed individually. The differences in static strength. fracture 
toughness. stress corrosion and crack propagation will be highlighted. Graph
ical comparisons of the various alloys. tempers and forms are sh~/n in 
Figures 33 through 36. The crack prop.,gation properties in F"jgure 37 have 
been synthesized by alloy and temper only. since the discordant data compiled
from varying test procedures and influenced by an incomplete understanding 
of all test variables makes a rigorous display of the data unrealistic. 

3.3.1 Wing Box 

Alloy 7050-T76 and T755l bare sheet and plate were selected for the upper
wing skins for high strength. toughness. and exfoliation corrosion resistance. 
Alloy 7475-T7651 was chosen for the lower wing skin for its combina~ion of 
higher toughness and good crack propagation resistance. Stress coY"rosion 
threshold is higher for the T76 tempers (25 KSI) than for either 7075-T6 or 
2024-T3 (8 KSI) which are currently used on other aircraft wing skins. ihis 
higher threshold provides additional protection from occasional short trans
verse stress corrosion cracking on light gage plate. 

Fracture toughness values Klc (Figure 35) are for heavy plate. For sheet 
or plate machined to thin sections. K and KQ values will be necessary for c 
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TABLE XII UNIDIRECTIONAL PROPERTIES OF BORON/EPOXY COMPOSITES 

3O;O°FRTPROPERTIES (Vf =0.50) 

tu 1')7.0L.,mltituoinal tf'nsile ulti"latr Ksi F 19Z. 0Dl'si!:n 
L

strenf/'hs 
["A" basis] tu

Trans VI' rile tt'nsil .. ultimatE" Ksi F 6.010.4
T 

CU
LonRitudinal cOOlprf'ssion Klli F 353.0 116. 0

I.
ultimate 

CU
Transverse compression K.i F 40.0 11, 0

T
ultimate 

SUIn -plane s hra r ultimate Ksi F 15.3 5.5
LT 

isu
Inte rlamina r shf'a r ultimate Ksi F 13.0 7.0 

tu
Ultimate lonllitudinal st rain Jlin. lin. 6,500.0 5.400.0lL 

tu
Ultimate transverse strain Jlin, lin. 7,600.04.000.0(T 

t
Elastic Longitudinal tension modulus Msi E 30.0 29.9

L
properties 
[typical] t

Transverse tension modulus Msi E 2.7 1. 13
L 

C
Longitudinal comprE"sqion Msi E 30.0 29.9

L
modulus 

C
Transvf'rse compression Mai E 2.7 1. 13

T
modulus . 
In-plane shf'ar modulus Msi 0.320.7G LT 

LonRiturlinal Poisson's ratio 0.21 

Transverse Poisson's ratio 

0.21liLT 

0.019 0.008IITL 

Physical Density Ib/in. 3 0.0725 0.0725 
constants 

p 

LonRiturlinal coefficient 01 #lin. lin. 1°F 3.02.3aL[typical] thermal expansion
 

Transverse coefficient 01 Jlin./in.loF
 10.6 19.6aT 
the rmal ex.,ansion 
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Figure 30 INITIAl BASELINE AIRFRAME MATERIAL SELECTION 

Figure 31 IMPROVED BASELINE AIRFRAME MATERIAL SELECTION 

..
 
Figure 32	 flEW CONCEPT AIR;:RAME MATERIAL SELECTION 

(HONEYCOMB SAtlD~1I CH FUSELAGE) 
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completely valid comparisons and for damage tolerance analyses; however, 
preliminary data on thin section material indicates this method of ranking 
to be informative. 

Alloy 7049-T73 was selected for large forgings to make the bulkheads. It is 
attractive fo~ its high strength and stress corrosion resistance, as the lat 
ter property is ne,essary due to the extensive machining that will expose the 
short transverse grain to pre10ads. The alloy 7050-T73 was selected for 
the spar forgings. Although this temper has not been fully developed for 
forgings, it is technically feasible but with lower strength, probably equiva
lent to 7075-T73, and the same high crack propagation resistance exhibited 
by the other 7050 tempers. 

3.3.2 Fuselage 

For the Isogrid configuration, 7475-T7351 plate was selected for its high
strength, toughness, corrosion resistance. and crack propagation resistance. 

For the honeycomb sandwich shell, the alloy 705C-T76 clad was selected over 
2024-T3 as it has higher strength. althouah some~hat lower fracture toughness, 
particJ1arly at sub-zero temperatures. 

For the cargo floor stringers, alloy 7050-T76511 was selected for its higher
strength (equal to 7075-T6511), plus the advantages of higher stress corro
sion, exfoliation corrosion resistance, toughness and crack propagation 
resistance. This alloy was selected for all other similar applications of 
thin extru~ed stiffeners or spar caps in wings and empennage where machining 
was minimal and fabrication pre10ads and other prcloads were not above the 
threshold Scc values. 

3.3.3 Empennage 

For its pre~ious1y noted properties. 7050-T76 sheet was chose~ for the hori
zontal and vertical stabilizer box covers. Alloy 7050-773651 plate wdS 
chosen for the bulkheads. These will require substantial ~~chinin~, and the 
higher strength compared to 7075-T73 will reduce weight whil~ maintaining a 
reasonable stress corrosion threshold of 35 KSI and with better toughness. 

3.4 MATERIAL DEVELOPMENT EFFORTS REQUIRED 

During the course of this study program, several areas of insufficient data 
ar,d incomplete materi a1 or pl'ocess development were encountered. For the 
purposes of this study, the information required has been estimated and both 
this dat? and other needed developments are considered to be within the pos
sibility of comp1etion in the time frame for the aircraft design. 

3.4.1 Beryllium 

Serious consideration of beryllium materials in aircraft structure, no matter 
how attractive the weight reduction feature, is still restricted by the high
cost of material and fabrication, and the unacceptability of the t:ansv~rse 

ductility in cross-rolled sheet. Slabbed sheet from hot isostatic pl~ssed 
block has improved ductility, but sheet size from current block is too small 
for the structural applications in this study. 

52
 



· .' '." , _ •••.. " ~' .. "".-~'~~' '-'d-.· · •._-.,.-u- , _ •..•....-..

3.4.2	 Compressive Stress - Strain Data 

The method of presenting compressive stress strain and tangent modulus curves 
in MIL-HDBK-5 should be revised to provide useful design information. The 
typical curves shown are not useful for design. They should be plotted so 
that the curve reflects the minimum allowable compressive yield stress. The 
variability of much of the observed data raises a question as to the validity
of this infonnaticn. 

3.4.3	 Fatigue Crack Retardation Data 

Fatigue crack retardation rrechanisnis are an important aspect of fatigue life 
cycle characteristics. The properties of alloys vis-a-vis retardation must be 
known in order to apply it to analysis. Test procedures and data should be 
determined for this property. 

3.4.4	 Cr~ck Propagation Tests 

The use of current da/dn crack propagation dcta in damage tolerance analysis 
~	 should be qualitative in respect to any conclusion. Test procedures have not 

been standardized, and knowledge of ~ll variables is incomplete. 

3.4.5	 Resistance Curve Data 

Calculations of residual strength by present methods will be overestimated to 
the extent -:hat an alloy is subject to stable crack growth. Res1stanr.e (R) 
curve data. which is considered a mat~rial property. is needed for each alloy 
to correct the stress intensity factor of the mere ductile w~t~rials influenced 
by stable crack propagation. (~esistance is defined as the lev~l of available 
strain energy release rate reqUired to grow a crack a given amou1t.) 

3.4.6	 Improved Fatigue Strength anG r.rack Propagation Properties 

The cU~'rent development efforts fol' aluminum alloys, i.e .• powder metallurgy,
therm0-mechanically working. etc., should be intensified to provide alloys 
with tetter fatigue strength and crack propagation propertie~. The fatigue
and damage tolerant d~sign analysis criteria presently being required may
invoke weight and cost increases in order to satisfy the existing criteria in 
some structural design applications using available materials. 

3.4.7	 Stress Cor~~sion ~esistant Tewpers for 7050 Alloy 

Current research work on alloy 7050 has ignored the T73 tempp.r mainly because 
it did not appear to offer any strength advantage over 7075-T73. However, 
damage tolerance analyses indicate that crack propagation rates may be a 
limiting factor. in which case 7050-T73 appears to have lower rates than 
7075-T73. This characteristic will be nec~ssary for applications such as 
the forge:! wing spar whid' also requires high stress corrosion resistance. 

3.4.8	 Low Temperature Data for Damage Tolerance Analysis 

Increased testing is required to obtain low temperature (-65°F) properties of 
aircraft !:tructural alloys. Insufficient data is currently available to perfonn 
accurate damage tolerance analysis in this operational temperature range. 
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SECTION IV 

STRUCTURAL GEOMETRIES 

The basic parameter, other than material, influencing structural weight (and
cost) is panel geollletr~1 where panel geometry, by definition, includes juining 
parameters. A broad spectrum of panel geometry options exists; these include 
the current state-of<he-art solutions and all new (and pertinent) concepts
that ingenuity can devi~e. A geometry selection critel'iil, analogous to the 
material selection criteria and based on a consideration of each integrity 
mode is developed in Section 4.2. Th~ selection criteria are implemented for 
selected geometry concepts for up~er limit and representative geofTletry condi
tions in Section 4.3. These data were used for the new panel concept selection 
and demonstrated the parallelism and significance, relative to material, of 
the geometry parameter. 

4.1 GEOMETRY SELECTION CRITERIA 

As previously noted in Section 3.1, development of lighter structural concepts 
for fixed requirements rplies en improved geometry and/or material character
istics for the criti~al integrity mode{s). For the case where requirements
and material are held constant, geometry selection criteria are established 
directly	 from the andlyticai models defining structural capability for each 
mode. Geometry selection criteria results are surrrnarized in Table XIII. The 
results are a function of the mode, the associated analysis model and the 
stipulated ground rules. The required important geometric properties are 
identified directly 81' indirectly from the selection criteria parameters. 
When implemented over a range of geometry c..lIldidates, the criteria parameters 
provide a direct comparison (by mode) of the candidates, e.g., their ranking 
une to another dnd the magni tude of \'/eight improvemf"tlt aC:liL·~Ld. 

4.2 PANEL GEOM~TRY PROPERTIES 

Geometry selectioll parameter limiting and representative characteristics are 
identified (Table AIV) for a range of readily available geometries associated 
with each mode, Tt:e llilrJmeter values calculated are indicative of the 
relativt: weight efficiencies (vlithin integrity mode ca"i:egories) of the geom
etryoptions. Additional geometl'yoptions (from the literature or other 
sources)	 may be added (,5 necessary, this being analogous to additions to the 
materials list. 

The results are 9!::lwrally classical in nat.ure, being \I:hat every structural 
designer	 and analyst knOl'/s intuitively and practice~ infomally. However, it 
does serve to fOI'mally hiqhlight some of the more important geometry parameters, 
as identified by current ~n31ysis models. It should also bA recognized that 
fundamE:ntal p~rar.:eters identified, in many cases, are general in nature and 
represent a 'dricty of subset geo~etric considerations. An example of this 
is K which can be influenced by many geometric variables, such as notch 

t 
radius, specimen width, attdchment interference, hole coining, etc., thus 

"	 providing opportunity far ingenuity and innovation. Finany, thl': presence (or 
absence) and relative importance of tI"= parameters ilre establi5hed from the 
analytical model, maximum rnoGcl repre~~ntativenes5 naturally being desirable. 
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1 

INTEGRITY 
MODE 

TABLE XIII PANEL GEOMETRY SELECTION CRITERIA 

CRITERION 
(FOR MINIMUM WEIGHT) REMARKS AND RATIONALE 

(11 Static strength mode 

Tension 

w is unit weight = in.2 

material characteristics p, 
Ftu .. constant 

loading requirement Nx ; constant 

failure stress F .. (1 - 1<0) Ftu 

f .. F for margin of safety IM.S.) .. 0 

K0 " factor for hole out, notch, etc. 

(2) Wide column mode plus local inst3bility 

w = pi = ((P'lN L'I-~)/(ijEElI1/'I 

" IRef ~1) 

e = geometric efficiency factor 
(L'I-1/ f )11rl

mln 

fI, £ = f lsection tvpel 

L = pill-ended column type 

.. w . ex (Ln-1 /£)1/'1
min min 

Compression1------------------1---------------------1 
(3)	 Panel mode plus local instability 

w =pi = ((p'lN b'l-1)/lqEell'/'I

" (Ref 311 

b = panel width 

fl. £ = f (section type) 

.. wex (b'l-'/£)'1rl
.mln 

Shedr (4) Same rationale as (3) 
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INTEGRITY
 
MODE
 

Fatigue 

Torsion 

Bending 

TABLE XI II PAtlEL GEOMETRY SELECTION CRITERIA (cornwUED) 

CRITERION
 
(FOR MINIMUM WEIGHTI
 

[Vt] max 

None 

REMARKS AND RATIONALE 

(51 Fatigue mode 

W .. pi = pN/F,g ex lIF,g 

F,g = Fmax/lt + AT/I ex Fmax .. S"K,a x 

S .. S IK 
"K,ax "K,=, , 

S " constant (fixed corner edge 
"K,a, geometry) 

p', .. material constant 

w. r .. notch flank angle and radius 

II 
•• 11 + (K, - 111(1 +--mil minwmin ex 

II-W 

(6) Torsion mode 

W .. pt 

GAJ = constant IX G (t/t)/lt/b) 

t ex (constant) bIG It/i) ex 1/lt/f1 

(7l 3ending lTIede 

W = pi 

EI " constant IX Eibh' 

t .. I/bh2 " constant/bh2 .. constant 

for b, h .. constant (contiguration 
geometry) .. W .. constant 

_---'-- ----'- -------1U 
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TABLE XIII PANEL GEOMETRY SELECTION CRITERIA (CONCLUDED) 

INTEGRITY 
MODE 

CRITERION 
(FOR MINIMUM WEIGHT) REMARKS AND RATIONALE 

(8) Damage tolerance mode 

Damage 
Tol.rll'lce I). ~jmin 

For M.S. = O. r mo. = 0rna• 

.. (411 ) Re/O - RI ). ...fAa 

initial crack grow\, conditions 
contribute the majl.r portion of the 
period IT). Then 

da/dN = C41K'l/(ll - R) K e - 41KI 

"" C41K'l/ll - Rl Ke 

41K "" [(da/dNI 11 - R) Kc'CI 1/TJ 

but da/dN ex lIT 

F exlll-RIKITCj1/TJmn e 

IR e/ll  R))' v'AiJ 

11 - R) .. constant 

K e .. constant IPlane strain or stress) 

C .. constant 

T '" Treq'd 

11 .. mater ial constant 

representative initial condition 

I = I. + 41a .. K.il • constant , , I 

Ret "" 1.0, K, = CO'lstant 

j 

I
 
I
 
I
 
I 
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INTEGRITY 
HODE 

TABLE XIV PANEL GEOMETRY PROPERTIES 
REPRESENTATIVE OR LIMITING GEOMETRY GEOMETRY 

CHARACTERISTICS PARAMETER 
RELATIVE 

lIE IGHT REF 

ULTIMATE 

TENSION 

(t) 

(2) 

(3) 

No Holes 

(No Pad)With Holes 

With Holes &Pad 
(35" o.c.) 

-- --- j i ..... 
r e O.125", 1.2~;" O.c. 

1.25t·LJ:?:::'~-7 I 

re O.125", 1.25" O.c. 

(1 

I 

- Ko) 
mill 

1.0 

1.25 

1.03 

WIDE COLUMHS l (L = 30·) (Cmax ) (n) 

ULTIMATE 
COMPRESSION 

(1) Unstiffened 

(2) Unflanged, Integrally 
Stiffe~ed 

(3) Zee - Stiffened 

(4) Integral Zee 

(5) Integral Tee 

(6) "J" Stiffened 

(7) Straight Y-Tee 
Stiffened 

(8) Straight V 
Stiffened 

(9) Curved Y-Tee 
Stiffened 

(10) Trap Corrugated
Semisandwich 

(11) Truss Core 
Semi sandwich 

(12) Semitrap Corrugated
Sandwich 

(13) Hat Section 
Stiffened 

(14) Trapezoidal
Cor ruga t ;on 

(15) Truss Core 
Corrugation 

(16) Semicircle Corrugation 
Semi Sandwich 

(17) Truss Core Sandwich 

(.823) (3) 

I ! I I 
(.656) (2) 

t:911f L.
(2) 

J , 
h.03) i2) 

T T 
(1. 00) (2)

(.,n) 12) 
A. J.... 

(1.23) (2) 

(.~ 4.:) 
A 'tZ)(1. 23) 

\.r"\J 
(. 6aS) (2) 

~ 
(.Strom 
(.~) .fJ2) 

~ 
N\J\I\.I\
(1.15) (2) 

J,CV 
(.706) (2) 

f.'lOW~ 

(~) lin 

lIIin 

10.25 

6.75 

5.64 

5.41 

5.47 

6.12 

4.94 

6.18 

4.94 

6.60 

6.60 

6.42 

5.70 

4.33 

5.10 

6.50 

7.01 

31 , 

32 
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TABLE XIV PANEL GEOMETRY PROPERTIES (CONCLUDED) 
INTEGRITY 

HOOE 
REPRESENTATIVE OR LIMITING GEOMETRY 

CHARACTERISTICS 

PANElSZ (b • 30") (tmax ) (n) 

(1) Unstlffened 
(3.62) (3) 

(2) lInfl allged Integral I I I I 
St Hfened (.97) (2.38) 

(3) Zee - St iffened (r.03} 1. 
(2.36) 

(4) Truss Core 'ffi~Y\1()0l\Sandwich 

(5) Truss Core «¥'AJ¥rASemlsandwlcL 

(6) 0°_90° Unflanged <~Grid 

(7) 0°_90° Tee-Flanged ~ Grid 

(8) + 45° Unfl anged 
~C"rld 

PANElS \D"' 30") 

GEOHETRY 
PARAHETER 

~ElATIVE 
WEIGHT REF 

ULTIMATE 

COMPRESSION 

! 

I 

(0"-')'"
£ min 

6.28 

7.22 

7.00 

5.20 

7.12 

3.31 

1.14 

1.59 

31 

32 

UlTIMATE (1) Unstlffened (4.85) (J) 5.7!) 

SHEAR 
(2) Truss Core Sandwich MMM/\

(1.125) (2) 
4.18 

(3) Corrugated ~ 
(1.17) _ -(2) 

(1) No Holes (Kt = 1) 

(2) Notch Flank Anfile w = 0, r = 0.125". 
Kt "' 3.0 (I::. .002". Interference Attach
ments), p'f ,. 0.025" 

(1 ) Crack Arrest. No Holes. ai = 0.06" (surface) 

A "' i. ~ .:. 1.1 

(2) Crack Arrest, Wit~ Holes, ai = 0.02" 
(through) A = •• ~ ~ 3.0 

1 5 tf=O. l~O 

(i) HoneycOTIb (Core 7I/ft 3) I fr "111 (II 

(2) Stiffened Skin 1. 1. 1. 

5.06 

FATIGUE ~ 

1.0 

2.38 
, - 1 ~ 

1+ 1+( .:w)./P'f/r 
min 

DAMAGE 

TOLERANCE (l\JAai )mln 

0.34 

0.75 3:1 

FLUTTER 

RIGIDITY 

TORSION 

I 

tSk / i ) max 
1.21 

1.50 

19 

1. Wide columns have loaded edges supported. 2. Panels have unloaded edges supported. 
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SECTION V 

STRUCTURAL CONCEPT DEVELOPMENT 

5.1 WING BOX STRUCTURE 

A large contributor to the weight and cost of an airframe is the wing box 
structure. The high cost of this component is due to the fabrication of the 
cover panels and assembly of the structural box. Studies were conducted to 
develop new wing box structural design concepts with emphasis on the wing box 
upper and lower cover panels. The goal of the studies was to evolve new con
cepts which offer reduced weight and equivalent or reduced manufacture costs. 
The design concepts evaluated in the studies consisted primarily of new 
geometric arrangemp.nts utilizing new materials sized to the long fatigue life, 
damage tolerance and static strength criteria of the baseline wing box. 
Emphasis was placed on reducing the number of parts in order to reduce fabri
cation and assembly costs. 

5.1.1 Baseline Design Concept 

The baseline wing box 5tructure (Figure 4) is a multi-rib stiffened cover 
panel desigrl that carries wing bend-ing and torque and serves as a fuel t~nk 

outboard to X = ~ 520.00 inches. The ba5eline wing upper and lower surfaces w 
(Figures 38 and 39) consist of machine tapered cover skins and IIJII section 
extruded stringers spliced chordwise at the airplane centerline and spanwise 
at the centerline of stringer number nine (upper surface) and stringer number 
twenty-nine (lower surface). The stringers are spaced six inches or. center, 
parallel to the rear spar, and are mechanically attached to the skin. Skin 
material for the taseline design concept upper cover panel is 7050-T76 sheet. 
The material selected for the lower cover panel is 7475-T76 sheet. The 
stringer material is 7050-T76 aluminum extrusion. Spar caps arc machined 
7050-T76 extrusions that are spliced at the airplane centerline. Spars,
bulkheads and ribs consist of machined extruded caps and stiffened sheet webs. 

5.1.2 New Design Concepts 

New design concepts involving different geometric arrangements of structure 
for the wing box were considered. Basic wing concepts investigated were the 
multi-rib and multi-shear web arrangements. The multi-rib box, such as the 
baseline component (Figure 4), utilizes chordwisc ribs between spars for 
lateral support of the cover panels. The wing panel air loads and wing bend
ing crushing lOiJs frop, the cover panels are transferred to the ribs and 
transmitted by the ribs to the spars. The multi-shear web box (Figure 40) 
utilizes spanwise members between th€ upper and lowe~ cover panels to.stabi
1ize the panels. Bulkheads or intercosta1s are requlred where: 1) hlgh
chordwise loads are introduced from the engine support pylon, flap, aileron; 
and 2) at fuel tank internal boundaries. 

Initial layouts of the ~Iing 00X for the C-15 indicated that, for weight effi
ciency, the most promising structurd1 arrangement was the multi-rib wing box. 
The multi-shear web box was handicapped due to the large num~er of bulkheads 
or intercostals also required. Early studies also indicated steel and titanium 
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alloy materials were less efficient frem d weight standpoint than the aluminum 
alloys because of the low load intensities and the moderate temperature
environment on ~he wing. The advantag~ of steel and titanium alloys as wing
box materials could be in the use of advanced joining techniques such as 
diffusion bonding, fusion welding, or other advanced welding tecnniques. 

5.1.2.1 Wing Box Cover Panels - Emphasis was plac~~ on the wing box upper
and lower cover panels in the studies due to their influence on the total 
wing box cost and weight. Computer-aided parametric studies were conducted 
to evaluate weight efficiencies of the baseline design concept, and selected 
new design concepts for a load environment representative of the C-15 STOl 
Transport. The primary design concepts investigated were stiffened panels 
and honeycom~ sandwich panels. Other concepts considered were: 1) corru
gated unidirectional core sandwich panels, 2) integrally machined sandwich 
panels, 3) selective-reinforced stiffened panels, 4) stiffened honeycomb
sandwich panels, and 5) beryllium lIegg-cratell sandwich panels. Materials 
investigated were aluminum, titanium, stainle!:s steel, and beryllium. 

The materials and material combinations shown in Table XV were evaluated for 
weight efficiency at compressive load intensities starting with 2000 pounds
per inch and ranging up to 16000 pounds per inch, Stress-strain-tangent
modulus curves used in the studies were generated for the materials of Ta~1e 
XV by a modified Ramberg-Osgood equation. A typical computer drawn curve is 
shown in Figure 41 for 7050-T7651 aluminum alloy. The Ramberg-Osgood equation
modification is in Appendix B along with all the compressive stress-strain
modulus curves for the materials considered in this study. 

Integrally (flanged) and zee-stiffened skin pJnels were selected as the most 
efficient stiffened panel concepts in compression. In the studies, panel
length was arbitrarily set ac thirty (30) inches to pr~vide accessibility for 
manufacture and repair. Stiffening ratio (area of skin-to-area of stiffener) 
was selected as 50 percent in order to provide adequate skin Tor resisting
torsion and adequate stiffener to prevent rapid skin crack growth. A stringer
spacing of 3.5 inches was selected as minimum for the integrally stiffened 
design conce~t in order to provide sufficient space to attach ribs and bulk
heads to the cover panels. Parametric studies were conducted to evaluate the 
effect of constraining panel length, stiffening ratio, and stringer spacing 
on panel weight and on the overall wing box design. 

Panel weight was determined for an integrally stiffened panel from the opti 
mum design analysis presented in Reference 34. From this analysis, the 
structural index is determined to be 

(2)
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Fi gure 40 MULTI SHEAR WEB WING BOX CONCEPT
 

TABLE XV WING COVER PANEL DESIGN 
CONCEPTS EVALUATED 

lee Sttffened Design Concepts
 

Concept Nuntlfr
 Matertals 

7075-T76 Alumtnum Sktn1 
7075-T6511 Alumtnum Extrusion 

2 7475-T761 Alumtnum Sktn 
7075-T6511 Alumtnum Extruston 

J 7050-T76 Alumtnum Sktn 
7075-T6511 Aluminum Extruston 

4 7050-T76 Aluminum Sktn 
Ti-6A1-4V Annealed Tttantum Extruston 

5 7075-T76 Aluminum Sktn 
9 Nt·4Co-.2OC Steel Extruston 

6 Berylltum Cross Rolled Sheet Sktn 
Beryl1tum Extruston

7
 Beryllium Cross Rolled Sheet Sktn 
Ti-6AI-4V Annealed Titanium Extruston 

B Tt-6A1-4V STA Tttantum Sktn 
Berylltum Extruston
 

9
 Tt·6Al·4V STA Tttantum Sktn 
Tt·6A1-4V Annealed Titantum Extruston 

Integrally (Flanged) Stiffened Design Concept
 

Concept NUll!ber
 Matertals
 

1
 7050-T765l AIUll\tnllll Plate 
2 7475·T761 AIUlllinllll Plate 
J Beryl1tUll\ Plate
 
4
 Ti-6Al-4V Tt tan hllll 
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This equdtion is derived based on the assumptions that at the applied stress 
level, local buckling and column buckling occur simultaneously. Maximum panel
!fficiency for fully effective skin (b =be) is obtained for a stiffening s 
ratio As = 1.25. A non-optimum stiffening ratio of 0.4 was selected for 

A;
k 

integrally stiffened structure. With the assumptiJn that As =0.4 and 

~k 

(3) 

For constant values of effective panel length, panel weight p~r unit or sur
face area can be plotted against load intensity since weight is Q function of 
material density, stress level and load intensity, as defined by the equation 

(4) '/ 

--,
Intercostal weight added to their weight wa~ obtaiQed from stiffness criteria. 
These criteria are given in Reference 31 as 

. .-:--

(5) 

For a channel type intercostal, the moment of inertia is given in terms of 
the caps and web by the approximate equations. 

2 
I =l!- (A + !h.) (6)R 2 c 6 

Total intercostal area is determined as the sum of cap and web area, 
\ 

AR = 2 A + th (7)c 
Cap area from this equation is substituted into the moment of inertia 
equation to give the equation 
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I =!l~ fAR _ th) (8) 
",- R 2 \2 3 

This equation is introduced into the ~tiffness criteria. Total intercostal
 
area is determined to be , .
 

;;.:':' 

.J _~ 

+ 2th (9)
3 

"'-'" 
For a bending section, maximum hit ratio for the web is dictated by stability '.' 
considerations. If hIt is assumed equal to 50. then intercost~l area is 

/ .... ; 
J 

(10) 

Minimum intercostal area for constant Nx/L ' and ER is found by taking the 
derivative of this equation with respect to intercostal depth and setting the 
result equal to zero. Th~n. the resulting equatiun for the optimum inter
costal depth is 

ell ) 

Substituting this value of h into the rib area equation results in the follow

ing equation for minimum intercostal area
 

(12)
N 1/2 1/2 

= 0.0936 (8)2 (L~) (E~) 
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Intercostal t is obtained by spreading the area out over the entire panel 
length. Weight per unit of surface area is obtained as the product of t 
and intercostal material density, 

(13) 

_.... -.
When L"is weight is added to panel weight. total conlpressive surface weight 

~-

is ob~ained. These equations wer~ used to investigate the effect of geo

metric and material constraints on panel weight.
 

Panel and intercostal weight. Figure 42. is shown as a function of compressive
load intensity for representative ~aterials from earh family of materials 
investigated. The maximum axial load on the STOL a\rcraft is about 11.000 
pounds per inch. Based on interaction, the equivalE;,'lt uniaxial d~sign load 
can be as high as 13.000 pounds per inch. In any case, aluminum and beryllium 
are shown to be the lightest materials for compression surface application as 
opposed to steel and titanium. 

Figure 43 shows the panel and intercostal weight as a function of compressive 
stress for parametric variations of panel width. B. Panel load intensity was / 

r 

lheld constant at l5,00~ pounds per inch. The curves are for integrally stif 
fened pan~ls made from 7075-T76 aluminum sheet. Panel length as a function 
of panel stress is also shown on Figure 43. For ribs designed solely to sup
port the ~over panels. lightening holes are put in the ribs. Panel stiffness 
is rrovided by rib caps which bridge the lightening holes. Typical hole 
diameter runs between 20 and 30 inches. For a twenty inch diameter hole. 
B =20 inches. minimum weight is shown in Figure 43 to correspond to a twenty
inch panel length. For a thirty inct, panel length constraint. there is a 
2.0 percent increase in box weight. / 

Figure 44 is a plot of stress-to-density ratio for integrally stiffened 
panels made from 7075-T6 aluminum al~~y. Stiffening rati~ is held constant 
at 40%. The ratio of skin width-to-skin effective width. bs/b • is variede -; <. 
along with structural index. P1/L', and effective area stress. 0e' For the 
STOl transport. structural index at the root is about 490. For a constant 
rib spacing of 30 inches (24.5 inches effective). the structural index 
decreases to 130 at X = 508 inches which corresponds to minimum gage load 
intensity. as shown b~ the shaded area of Figure 44. The average structural 

,index over this span is about 360. The ratie. bs/be• at this value of struc
tural index is 1.3 for a 3.5 inch stringer spacing. Thus, on the average. a I

')
, 

6-7% weight penalty is paid for constraining the stringer spacing to 3.5 I 
finches. \. " 

1·'lThe compressive stiffening ratio of 50% is off of optimum based on analysis. 
which considers only local and Euler-Engesser buckling. As previously noted. 
the optimum stiffening ratio is 125%. However, when torsional buckling 
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requirements are imposed on this optimum solution, the stiffening ratio for 
minimum weight is decreased. This is shown graphically in Figure 45 for an 
integrally stiffened panel under an applied load intensity of 12.000 pounds 
per inch and a constant stringer spacing of 3.5 inches. Panel weight is 
plotted as a function of stiffening ratio. When torsional buckling constraints 
are imposed, there is little penalty for a SOX stiffening ratio. 

The weight curves of Figures 46. 47 and 48 show the effects of uniaxial com
pressive load intensity on integrally (flanged) stiffened and zee-stiffened 
skin panels when variations are made in material combinations and stringer
spacing. The weight efficier:y of the base1ine J-stiffened skin panel design 
concept is also shown on the tJrves for compari~on. The unlaxia1 results were 
obtained by computer programs, Reference 35, that are based on the assumptions 
that optimum design is obtained when the failure modes of local and panel
instability occur Sll~~ltaneously at the applied stress level. A constant 
strain approach is taken to account for variations in skin and stringer
materials. Provisions are made in the program for non-optimum factors such 
as buckled skin, minimum skin gage, and minimum column length. The solution 
(section dimensicns, section properties, material properties and panel weight)
is graphically presented in Figure 49. The solution is for a compressive load 
intensity of 10,000 pounds per inch for: 1) the baseline design concept, 
2) the integrally (flanged) stiffened design concept, and 3) the zee-stiffened 
design concept for skin panels of three different materials. They were also 
obtained for the remaining material combinations and load intensities. 

Figure 50 shows a weight comparison for 7475-T76l aluminum alloy integrally
stiffened skin pane1s at room temperature as a function of uniaxial compres
sion stress. Weight includes the associated intercostal weight that is 
required for panel column support stiffness. This weight is based on the 
assumption that the intercostal has stiffeners spaced at 20 inches. 

The effect of intercostal spacing on combined panel and intercostal weight is 
shown in Figure 51. Load intensity is varied from 2,000 to 12,000 pounds per
inch. Optimum stress level ranges from 45,000 psi to 62,000 psi depending on 
the load intensity. Similarly, optimum panel spacing varies from about 10 to 
20 inches. At 12,000 pounds per inch, there is little difference between the 
weight at optimum spacing and the weight at 30 inch spacing. The penalty
becomes greater as the load intensity decreases when the skin is required to 
be fully effective. From a cost point of vie~l, the maximum possible spacing 
with a small weiyht penalty should be chosen to eliminate parts. This spacing 
may be restricted, however, because of normal pressure caused by crash and 
overpressure fuel requirements in the wing. 

Computer-aided analysis of honeycomb sandwich panels considered such items as: 
1) adhesive system for the face to core joining of aluminum material, 2) dense 
core edge strips, and 3) mechanical fasteners along the edges. The weight of 
the adhesive material was assumed to be 0.13 pounds per square foot. Core 
density was set at 5 pounds per cubic foot. Fastener and edge strips were 
assumed to be 3/16 inch diameter aluminum and 1.5 inch wide aluminum core of 
25 pounds per cubic foot, respectively. Basic panel core depth~ were estab
lished from an equation developed 1n Reference 36 for the design of infi
nitely long flat rectangular sandwich panels under edgewise compression. 
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~= n2(·~)2 (14)
E b' 

A modified compression modulus was ~sed for stress values above the propor
tional limit of the material 

(15 ) 

figure 52 shows the weights of honeycomb sandwich panels at room temperature 
as a function of compressive face stress. Effects of variation in load 
.intensity for a 40 inch panel width are shown. As stress is increased, face 
thickness decreases; but core depth increases for general instability require
ments at constant width. At a stress of 60-65,000 psi, edge weight begins 
to dominate the weight equation due to excessive depth of core. Below this 
stress, the face weight is dominant. The optimum stress is shown to be about 
65,000 psi • a 40 inch wide aluminum panel at 12,000 pounds per inch load 
intensity. fhe corresponding core depth is about 1.2 inches. At this stress, 
face wrinkling and dimpling are not critical failure modes for a core density
of 5 pounds per cubic foot. 

The honeycomb panel, shown in Figure 53, is a feasible concept fQr the wing
box upper cover panel. This arrangement has two spanwise shear webs to 
reduce panel width and weight, as width is the critical dimension for panel
stability. 

The load intensities for the wing panel are a~ove those for an efficient sand
wich concept. Likewise, the spanwise shear webs are not compatible structure 
for the stiffened skin concept of the lower cover panel. Consequently, this 
concept was not considered as a prime can~idate for the wing structure. How
ever, this concept was f~und to be most efficient for the load intensities of 
the empennage structural boxes and is described in detail in paragraphs 5.3 
and 5.4. 

A design concept that was considered for the wing box cover panels is the 
corrugated unidirectional core concept shown in Figure 54. This design per
mits the core as well as the face sheets to resist the uniaxial loads in the 
panel. Parametric studies were conducted to evaluate the weight efficiency 
of this concept utilizing aluminum and titanium materials. However. only
titaniJm could be utilized when considering the concept for flash welding 
(Figure 54). 

Figure 55 compares the weight efficiency of the corrugated unidirectional core 
sandwich design concept with the honeycomb sandwich skin panels, and the 
zee-stiffened panels with the integrally (flanged) stiffened panel design 
concept. The unidirectional corrugated core and honeycomb sandwich represent
mult;-shear web design concepts and a valid comparison may be made between 
the two. The panels were sized for compressive load intensities starting at 
2,000 pounds per inch and ranging up to 16,000 pounds per inch. Materials 
selected were 7075-T6 alumLum alloy sheet and Ti-6Al-4V titanium annealed 
sheet. Honeycomb core density was 5 pounds/ft3. Panel width was 30 inches. 
The weight curves for the honeycomb sandwich concept reflect the additional 
weight of edge treatment (spanwise at the panel edges and chordwise across 
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the panels at the required bulkhead locations). Edge treatment was assumed 
to be the addition of high density honeycomb core (25 pounds/foot3) strips
1.5 inches wide. No w2ight was added to the unidirectional corrugated core 
concept weight curve for edge treatment. The weight curves for the inte
grally stiffened Jj,d zee-stiffened panels are fC'r one-inch minimum stringer 
spacing which allows the skin to be fully effer.tive for the compressive load. 
The integrally stiffened and zee-stiffened par,els are multi-rib design con
cepts and a valid comparison can be made between the two. Th~ weight curves 
are cover panel weight only and do not include rib or shear web weight. 

$elective reinforced skin and stringer panels (Figure 56) are new design con
cepts that were studied for the wing bo~ upper cover panel to increase the 
weight efficiency of the stiffened panel concept. Many variations of this 
technique were considered, and a computer program was used to aid in the 
evaluation of this concept. In general, the te~hnique of selective rein
forcement offers the following advantages: 

!~)	 The concept takes maximum advantage of the composite 
properties and uses a minimum amount of th~ expensive
reinforcement material. 

(2)	 The metal portions use existing metal removal techniques
and use standard manufacturing assembly procedures. 

Figure 56(a) is an integrally (flanged) stiffened skin panel with selective 
reinfor~ement of graphite or boron-epoxy tape applied to the upstanding 
flange of the stiffener. This concept offers the following advantages: 

(1)	 Integrally (flanged) stiffened skin panels are highly
weight efficient and the skin thickness and stringer areas 
may be machine tapered to meet load requirements. 

(2)	 The composite area may be reduced outboard by dropping off 
layers of tape as the compressive load decreases. 

Disadvantages are: 

(1)	 Advanced room-temperature setting adhesives are required
for bonding the reinforcement to the stiffeners to reduce 
warpage and residual stre~ses induced during the cure 
cycle of the adhesive due to the mismatch of thermal 
coefficients of expansion of the materidls. 

(2)	 The composite reinforcement requires protection from 
the fuel tank environment. 

(3)	 Expensive tooling is required to restrain the large skin 
panel to prevent warpage and residual stresses due to the 
mismatch of the thermal expansion coefficients during the 
cure cycle of the adhesive between the reinforcement and 
the stringer. 

Figure 56(b) is a variation of the technique of selective reinforcement. This 
process was fostered by AVCO and consists of extruded hollow zee-section 
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aluminum stiffeners filled with boron/epoxy composite reinforcement. These 
reinforced stiffeners may be machine tapered and mechanically attached or 
brnded to a tapered aluminum skin. This infiltration technique offers 
intreased weight efficiency and has the following additional advantages: 

(l)	 Warpage of the stiffener due to the mismatch of the thermal 
expansion coefficients of the material and build-up of 
residual stresses is minimized. The technique of allowing 
the adhesive between the composite and the extrusion to cure 
at room temp~rature prior to the final cure cycle at 
elevated temperatures allows the composite to restrain 
the extrusion during t~e final cure cycle. 

(2)	 The boron-epoxy composite is protected from the fuel
 
tank environment.
 

/
(3)	 The metal portions use existing forming and metal removal /

techniques and use standard manufacturing assembly tech
niques. 

(4)	 Concept utilizes existing adhesive and manufacturing
 
processes.
 

(5)	 Laminate fabrication by using unidirectional construction
 
is reduced to simplest form.
 

Some	 disadvantages are: 

(1)	 The extruded hole in the stiffener is a constant diameter
 
which requit'es a compromise in the amount of boron-epoxy
 
composite which may be used as the area of the stiffener
 
is reduced for decreasing load intensities. Technology

should be developed to reduce the area of the boron-epoxy
 
reinforcement as the stiffener is tapered.
 

(2)	 With present technology, the maximum length obtainable
 
fer boron-filled extrusions is in the area of 20 feet.
 
Technology should be developed to increase the l~ngth
 
~f the reinforced extrusion to 55 feet and reduce the
 
large number of splices (and resulting weight penalty)
 
of the shorter longths.
 

Figure 56(c) is another variation of the reinforcement technique. In this 
concept, the skin as \'If~ll as the stiffener is reinforced. The stiffener is 
reinforced by the application of boron-epoxy or graphite-epoxy composite to 
the upstanding flange. Advantages of this concept include: 

(1)	 The addition of reinforcement to the skin increases
 
the skin thickness with small weight penalty and allows
 
wider stiffener spacing, thus reducing the number of
 
parts.
 

(2)	 The area of the stringer and reinforcement may be
 
reduced as the load intensity decreases.
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(3)	 The geometry of the stiffener may be revised to line
 
up the centroids of the reinforcement with the up

standing leg to further reduce warpage due to thermal
 
expansion coefficient mismatch between the two materials.
 

(4)	 The individual stiffeners may be restrained by common \ 

tooling as separate parts during the cure cycle of the 
adhesive between the reinforcement and the stringer 
cap. 

Disadvantages are: 

(1)	 Concept of reinforcing the skin is not feasible from
 
a cost standpoint since the skin assembly requires:
 

Ca)	 layers of high cost composite reinforcement. 

(b)	 One constant thickness face sheet and one tapered
face sheet or two tapered face sheets in order to 
be weight efficient. 

(c)	 Addition of high density core or filler at base 
of stiffeners for shear transfer between the 
face sheets and to prevent crushing of the 
laminate if attachment5 are used. 

'. 

Cd)	 Expensive tooling is required to prevent warpage
and residual stresses during the cure cycle due 
to the thermal coefficient of expansion mismatch 
between the materials. 

(2)	 Attachment of stiffeners by mechanical means involves
 
drilling through the reinforcement laminate.
 

(3)	 Means must be provided to protect the reinforcement
 
laminate on the stiffener from the fuel tank
 
environment.
 

Figure 56(d) shows a variation of the reinforcement technique and is another
 
combination of the concepts already discussed.
 

The application of selective reinforcement increases the weight efficiency of

stiffened wing box cover panels und is a recommended wing design concept for
 
the upper cover panel. After considering the advantages and disadvantages of
 
the variations discussed, the selective reinforcement concept recommended is
 
shown in Figure Sl(a). This design represents a combination of the various
 
concepts which appear the most feasible from a cost and weight efficiency /
 

standpoi nt.
 

The concept consists of a machine tapered aluminum alloy extruded stiffener
 
mechanically attached. The stiffeners are reinforced with boron-epoxy com

posite laminate bonded to the upper cap. The composite area is a percentage
 
of the area of the stiffener. The boron-epoxy laminate and the adhesive are
 
protected from the fuel tank environment by a protective coating.
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The adhesive ;s precured at room temperature to eliminate residual stresses 
and warpage of the stiffener during the ;ure cycle. In the absence of a 
room tempe~ature curing adhesive of adequate strenJth to bond the reinforce
ment to the stiffener, and/or satisfactory protective coating to resist the 
fuel tank environment, the stiffeners may be revised as shown in Figure 57(~). 
This will minimize the warpage and residual stresses due to the mismatch of 
thermal coefficients of expansion. 

After the centroid of the reinforcement is lined up with the centroid of the 
upstanding ley of the stiffener. the stiffener may ~e restrained by common 
tooling from warpage on an individual basis during the higher temperature cure 
cycle of present adhesive systems. The reinforcement laminate and adhesive 
must r.ow be protected from the fuel tank environ~~nt by application of a 
protective coating. 

Another technique that eliminates the need for advanced adhesives and the 
protective coating is shown in Figure 58. This technique allows the fabrica
tion of the reinforcement assembly to occur at the sub-assembly level and 
provides pt'otection from the fuel tank environment with small weight penalty. 
Warpage and residual stress pr0blems would be confined to the reinforcement 
assembly during the cure cycle. Another advantage of this technique is that 
the reinforcement is separated into two strands. In the event of the loss 
of one of the strands. the other would carry its portion of the load. 

A computer-aided parametric study was conducted to evaluate the relative 
weight efficiency of selective reinforced stiffened D~~~is when variations ~re 
made in the stringer spacing and composite reinforcement a,-ea. The panels 
were sized for compressive load intensities from 2.000 pounds per inch up to 
16.000 pounds per inch. A compressive stiffening ratio of 0.50 was selected 
based on design experience and panel length was constrained to 30 inches. 
An end fixity of C = 1.5 was assumed as in the earlier studies. 

Table XVI shows the relative weights of stiffened panels with variations in 
stringer spacing and composite area. 

As a result of this study, the stringer spacing was set at 4.5 inches with a 
composite area of 30% of the stringer area for Wing Concept No.2 upper cover 
panel. This combination of stringer spacing and composite reinforcement area 
allows adequate room for cover panel to bulkhead attachment and provides
minimum stringer height required for attachment of shear clips in areas of 
low load intensity where the stringer is tapered to its minimum cross
sectional area. 

Another concept considered for the wing box CC1er panels was the integrally
machined sandwich design concept shown in Figure 59. This uesign concept 
features machined upper and lower skins spotwelded or bonded together. The 
inner skin has bulkhead caps integrally machined or bonded in place. Spanwise
stiffeners are provided to make the skin fully eff~ctive for the compressive 
load. Chordwise gussets are provided for shear stability of the panels. The 
material considered for this concept is aluminum alloy. For weight efficiency, 
the skin and stiffeners are tapered spanwise. 

This design concept was not considered feasibl~ for the cover panels for the 
following reasons: 
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TABLE XVI WEIGHT COMPARISON OF COMPOSITE REINFORCED STIFFENED PANELS 

COMPRESSION PANEL WEIGHT (L8/FT 2) 
PANEL 

*AclAS • 0.1 I.e lAs • 0.2 AclAs • 0.3 I.e lAs • 0.4 
LOAD bs (In.)o bs (In.) bs (In.) bs (In.) 

(L8I1N) 
3.5 4.0 4.5 4.0 4.5 4.0 4.5 4.5 

2000 1.022 0.992 0.990 0.924 0.924 0.901 0.894 0.904 

4000 1.495 1.486 1.506 1.384 1.387 1.344 1.334 1.307 

6000 1.900 1.934 1.980 1.809 1.836 1.737 1.750 1.697 

8000 2.275 2.345 2.413 2.201 2.258 2.105 2.140 2.071 

10000 2.620 2.718 2.814 2.574 2.640 2.459 2.519 2.428 

12000 2.941 3.067 3.181 2.917 3.001 2.802 2.863 2.768 

14000 3.243 3.396 3.527 3.23/ 3.341 3.117 3.197 3.098 

16000 3.527 3.703 3.853 3.545 3.663 3.415 3.510 3.403 

*Ac 1s composite area, and As is stiffener area; °bs is stiffener spacIng. 

\ .. SPANWISE STlFFErlER 

'---=-=--.,,1 ' _=_ ,, _ 
+ + -+ + _..:t.. -4 +_ -= _+ _ 

Figure 59 INTEGRALLY MACHINED SANDWICH PANEL CONCEPT 
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(1)	 Sizing studies have indicated that th~ required stiffener
 
thickness. in areas of maximum load intensity. is too
 
thick for spot welding.
 

(2)	 The depth of penetration required for spotwelding is
 
too great for present welding technology.
 

(3)	 The stiffener locations of the two halves must Il,dtch to
 
be effectively joined by spotwelding or bonding.
 

Matching of the spanwise stiffeners of the two skin panels is very difficult 
due to adverse tolerance accumulation. The reduced stiffener cross-section 
in areas of low load intensitlcs leaves little ma~gin for mismatch between 
the stiffeners. 

Extensive inspection procedures would be requil'ed to verify match-up of the 
spanwise stiffeners. 

A design concept considered for the wing box cover panels is the stiffened 
honeycomb concept shown in Figure 60. This concept features integrally
machined face sheets bonded to honeycomb core. The sandwich pane1s are zee· 
stiffened (Figure 60[a]) or stiffened by m~chined flanged stiffeners integral
with the inner face sheet (Figure 60[b]). Inserts. machined pads. or h~gh
density honeycomb core would be provided between the face sheets for shear 
transfer at the stiffeners. spanwise splices. bulkhead attachment and at 
panel attachment to the spdr C~P$. 

This	 concept has the advantages of: 

(1)	 Re~Jced skin material thickness reducing the number of
 
stringers and associated attachments required.
 

and some disadvantages of: 

(1)	 Two machined skins are required per panel 

(2)	 High manufacturing and assembly cost~ 

A computer-aided parametric study was conducted to evaluate the weight effi 
ciency of the stiffened honeycomb sandwich concept when compared to the inte
grally (flanged) stiffened skin panel. Figure 6, shows a weight comparison
between the two skin panels for a compressive load intensity of 10.000 pounds
per inch. ihe integrally (flanged) stiffened panel weight shown in Figure 61 
is for a skin panel with fully effective skin at the compression stress. The 
effective panel length was set at 24.5 inches for the studies and the stiffen
ing ratio was set at 0.40. The density of the honeycomb core was 5 pounds/ 
foot3• The weight of the stiffened honeycomb does not include the weight of 
inserts. machined pads. or high density core required along the stiffeners. 
at the bulkheads. the panel edges at the spar caps. and at spanwise splices.
This additional weight would reduce the weight advantage. The lowered weight
savings and additional manufacturing and assembly costs reduce the feasibility jof this concept fe ' the wing box cover panels. 
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Beryllium sandw~ch skin panels were considered for the wing box upper cover 
panel. This design concept, shown in F;gure 62. features spanwise and chord
wise	 stiffeners that are intermeshed through a series of machined cuts in the 
stiffeners joined by adhesive bonding at the stiffener intersections. The 
spanwise stiffeners are spaced to make the face sheets fully effective for 
the compressive load. The chordwlse ~tiffeners are provided for shear sta
bility of the panels. The edges of the panels are bonded to titanium edge 
memb~rs to eliminate holes in the beryllium skins. Titanium bulkhea1 cap~ 
and spanwise shear webs arc also bonded to the panels. Additional stiffeners 
are provided between the face sheets for shear transfer between fJces where 
bulkheal'is and shear webs are joined to the panel. 

This concept was not considered feasH,le dUE to the high cost of the thin 
beryllium sheet and the high mallufacturing and assembly costs associated with 
the concept. 

5.1.2.2 Spars. Rib~ dnd Bulkheads - The spars. ribs and bulkheads of the 
baseline wing box consist of mach~'led extruded caps with stiffened sheet webs. 
The webs are 7050-T76 sheet and the stiffeners are machined from extrusions or 
plate stock. A typical flap bulkhead is shown in Figure 63. The shear clips
which transfer the high axial load from the flap into the wing skins are 
machined 7049-T73 forgings. The butterfly clips. which support the wing 
crushi~~ loads and fuel pressure loads. are also 7049-T73 forgings. 

Several de$ign concepts were investigated to det~rmine the optimum structural 
arrangement for the spars, ribs and bul kheads for the r-:edillm STOl Transport.
Emphasis was placed on reducing the number of detail parts, thus reducing 
fabrication and assembly costs. 

Critical loads for the ~pars and ribs are crushing loads due to wing ber.~ing 
a.'d internal fuel tank overpressure. Critical loading for the bulkheads are 
the high loads introduced from engine support pylons. flaps and ailerons. 
Design concepts considered for the spars and fuel control bulkheads were: 
1) closed isogrid, 2) honeycomb sandwich, 3) closed truss. and 4) one-piece 
integr~lly stiffened web. Closed-web designs are required to compartment
the fuel. Design concepts considel'ed for the ribs include: 1) open igrid.
2) open truss. 3) one-piece web with mechanically attached stiffeners. and 
4) one-piece inteqrally stiffened rib. 

The honeycomb sandwich web (Figure 64) was conside~ed for the spar and bulk
head webs. 

This concept offers the advantage of el iminating the stiffl!!ners required for
a conventional stiffened web design. This concept was not considered feasibla 
from	 a cost and weight standpoint due to: 

(1)	 The weight efficiency is re~uced due to the inserts required
in areas where atta~hments are used. 

(2)	 The face sheets of the sandwich must be tapered for the 
maximum weight efficiency. 

(3)	 More detail parts and associated attachments are required 
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Figure 63 TYPICAL BASELINE WING BULKHEAD 

-- 

Figure 64 HONEYCOMB SANDWICH FUEL BULKHEAD 

------

90
 



./ 

than for other design concepts. 

(4)	 The sandwich web must be sealed to prevent exposure of the
 
core to fuel due to leaks.
 

(5)	 The honeycomb core and face sheets are subject to corrosion 
and difficult to inspect. 

The closed truss web concept (Figure 65) was considered for the spar and bulk
head webs. Parametric studies indicated that the open truss concept was 
weight efficient for the load intensities of the STOL Transport. The most 
efficient cross-members are thin-walled round tubes which are difficult to 
attach to the web and require separate fittings at the intersection of the ,I
cross-members. The weight penalty associated with the addition of a web to 
compartment the fuel also reduces the weight efficiency of this concept. 

Other concepts considered for the spar webs and bulkheads were the closed 
isogrid web design and the one-piece-integrally stiffened web concept. A 
parametric study was conducted to compare ,he two concepts and their reiative 
weight eTficiency is shown in Figure 66. For the studies, the height of the 
bulkhea.js was set at 30 inches and the webs were sized for shear load intensi
ties of 1,000 to 5,000 pounds per inch. Stiffening ratio for the integrally 
stiffened tension field webs was set at 50%. 

5.1.3 Selected Wing Design Concepts 

Two wing structural box design concepts were selected for complete weight 
studies. The concepts were selected fo~ their relative weight efficiency and 
minimum number of parts. 

The studies indicated that the most efficient structural arangement for the 
wing box substructure is the multi-rib concept. This was used for the two 
concepts. 

The design concepts selected for the spars, ribs and bulkheads are integrally
machined components. Parametric studies indicated these to be weight effi 
Cient and significantly reduce the number of parts required. 

5.1.3.1 Wing Concept Number 1 - The design concept selected for the wing
structural box upper and lower cover panels is shown in Figure 67. The 
panels are ir.tegrally (flanged) stiffened with a stiffener spacing of 3.5 
inches which allows practical bulkhead to cover panel attachment between 
stiffeners. The forward stiffener of both upper and lower skin panels is 
parallel to the front spar. All other stiffeners are parallel to the rear 
spar and terminate at the forward stiffener or at the X 652.178 closingw
bulkhead. The skin thickness and stringer area are tapered both chordwise 
and spanwise to meet the load intensity requirements. Chordwise intercostals 
are integrally machined into the panels between the stiffeners to provide
attach flanges for the ribs and bulkheads. This eliminates the need for 
shear clips, reduces the number of holes in the cover skins, and reduces the 
amount of fuel tank sealant required. The panels are spliced chordwise at 
the airplane centerline and spanwise at the centerline of stringer number 13 
and 26 on the upper surface, and at the centerline of stringer number 49 and 
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62 on the lower surface. Fuel tank access doors are provided in the upper
surface and the doublers required around the door openings are integrally
machined into the skin panel. Fuel transfer slots are provided in the 
stringers of the lower skin panels. The only attachments through the cover 
skins are at the splices and cover panel to spar attachment. The reduced 
number of attachments permits the use of more expensive attachments and/or 
hole preparation techniques, with 100% inspection to improve fatigue life. 
The upper skin panel is machined from 7050-T7651 aluminum alloy plate and 
the lower skin pd~el is machined from 7475-T7651 aluminum alloy plate. One 
ipiece die forgings may be used to obtain increased material properties and 
'reduce the amount of machining required. The inverted tee cross section of 
'the integral stiffener (Figure 67, Sheet 3) was selected to allow maximum 
removal of material and simplify machining of bulkhead caps. The stiffener 
upper caps are eliminated near their intersection with the chordwise inter
costals to allow maximum material removal. 

5.1.3.2 Wing Concept Number 2 - The design concept recommended in Wing
Concept r:::,nber 2 is identical to Wing Concept Number 1 with the exception of 
the upper wing cover panel. The concept selected for the upper panel consists 
of machine tapered 7050-T76 aluminum alloy skins with boron-reinforced zee
section stiffeners mechanically attached (Figure 68). The forward stringer
is parallel to the front spar and the other stringers are parallel to the 
rear spar and terminate at the forward stiffener or at the Xw652.178 bulk
head. Stiffener spacing is set at 4.5 inches on center to accommodate the 
addition of shear clips for cover panel to bulkhead attachment. The skin 
thickness and stringer cross-sectional area is tapered spanwise and chord
wise to natch the load intensity. The boron reinfDrcement area is set at 
30% of the stiffener area and is tapered to mctch the stiffener. The boron 
reinforcement is tapered to an all metal stiffener cross-section in splice 
areas to allow splices to revert to conventional design. The panels are 
spliced chordwise at the aircraft centerline and spanwise at the centerline 
of stiffener number 41 and 54. The shear clips used for cover panel to bulk
head attachment are machined from aluminum alloy forgings and common shear 
clips are used in many areas due to the constant 4.5 inch stiffener spacing.
Fuel tank access doors are provided in the upper skin and doublers required 
around the door cutout are integrally machined into the skin. 

5.2 FUSELAGE SHELL STRUCTURE 

Several innovative fuselage shell panel designs were studied. Two were 
selected as candidates for the complete airframe analysis. The following
sections describe the baseline structure and the honeycomb sandwich concept.
The second concept, lsogrid Shell, is more fully detailed in Volume II of 
this report. See Figure 69 for the baseline structure. 

5.2.1 Baseline Design Concept 

The fuselage is pressurized from the forward pressure bulkhead at fuselage 
station (FS) 269 to the aft pressure bulkhead (FS 1437) with the exception 
of the nose gear well, the wing center box. aRd the nain gear wells. The 
constant section is 216 inches in diameter. The typical fuselage shell con
sists of 2024-T3 skin with 62 7050-T76511 extruded Z-section 10ngerons spaced
approximately 7.75 to 12.625 inches apart and transverse frames at 24 inch 
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TABLE XVII SUf1ftARY or BASELI lIE FUSELAGE SKW TIlICKNESSES 

FUSELAGE CONTROL STATIONS 

LONGERONS 

1 

9 

10 

20 

28 

FS439 

.050 

FS703 

.003 

t 
n~1, 

I 
.071 

.063 

FS847 

.063 

t 
.063 

.071 

.080 

FS982 

.063, 

.063 

.071 

.080 

32 .050 .050 .050 .050 
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spacing generally. See Figures 70, 71 and Table XVII. Tear stoppers consist
ing of 0.050 7075-T6 "picture-frame" doublers are used between the skin and 
longerons and skin and shear clips where the skin thickness is 0.063 inch or 
less (Figure 72). The extreme forward portion of the fuselage, ahead of 
FS 366, is stiffened only by frames at 9-inch spacing. 

The skin thickness varies from 0.050 to 0.080 inches but the minimum skin gage
in the pressure critical area is 0.050 inch per Table XVII. Typical frames 
are 7050-T76 rolled sheet metal Z-section members approximately 4.44 inches 
in depth. The side panels near the wing (FS 703, 847, and 907) are stiffened 
by machined, forged 7049-T73 frames (attached directly to the skin) and 
machined longerons between frames. The depth of the machined frame varies 
from 3 inches to about 10 inches. The longerons are mechanically attached 
to the frames by shear clips which join the upstanding leg of the longeron
and web of the frame. Longeron depth is about 1.25 inch. In addition, bulk /
heads spaced 48 inches on center and parallel keel webs spaced 40.88 inches 
apart, i.e., 20.44 inches from th~ fuselage centerline, provide the necessary 
support for cargo floor loads. The baseline fuselage configuration is based 
on the best available loads information and projections for the fuselage 
structural design of the C-15. 

The baseline fuselage shell panel geometry was established by using the C-15 
as a reference geometry and modified by varying key parameters, such as skin 
thickness, longeron spacing, and thicknesses of the flanges on the 10ngerons.
Elements which were considered invariant for this purpose are the overall 
)ongeron height of 1.230 plus 0.020 inches and frame spacing of 24 inches. 

The baseline cargo floor has fully recessed tiedown rings, integral roller con
veyor system, guide restraint rails, and seat tracks. A powered cargo transfer 
system can be provided but is not included at this time (see Figure 73). 

Three axial compressive load intensities (Nx = 1000, 2000, and 3000 lb./in.) 
were selected for the initial sizing studies. The axial loads at the four 
control stations are generally less than 1000 pounds per inch but longerons
located at the rear spar and main gear station (FS847) are sized for axial 
loads above 3000 pounds per inch. For the studies the panels were sized 
based on the compressive load intensities noted and the initial weight curves 
do not reflect the relative effects of combined loads and non-optimum factors 
such as splices or joints. Aminimum skin thickness of 0.050 inch was set for 
all of the design concepts, except honeycomb sandwich panels, based on consid
eration of the affects of panel shears, hoop tension stresses from pressuri
zation, and the use of flush attachments. 

Five fuselage structural shell concepts were evaluated for relative pQ~el 
weights as a function of material and geometry. 

5.2.2 New Fuselage Panel Concepts 

Emphasis was placed on new fuselage shell panel concepts in this study due to 
the large impact of fuselage skin panels on total fuselage structural weight. 
The fuselage shell comprises 32.5 percent of the total fuselage scructural 
weight and 80 percent of the fuselage shell weight is in the skin panels (see 
Figure 74). 
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Figure 72 TYPICAL BASELINE FUSELAGE STRUCTURE
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5.2.2.1 Stiffened Panel Concepts - The first new concept, identified as IIA, 
was simply an increase in the spacing of the 10ngerons around the circumference 
of the shell. Material combinations considered are: 1) baseline material 
combination, 2) 7475-T761 aluminum alloy skins with 7075-T6511 10ngerons, 3)
5-200 grade ~ery11ium skins and 10nger~ns, and 4) .i-6Al-4V Ann titanium skins 
and 10nJerons. The w~ight curves in Figure 75 show the relative weight effi
ciencies of the various mat~ria1 combinations and 10ngeron spacing selected. 
The least efficient combination, Ti-6Al-4V Ann titanium skin and 10ngerons, 
was about 0.4 1bs./ft. 2 heavier, while the most efficient for the load iroten
sities selected was th~ combination of 7475-T761 aluminum alloy skin and 7075
T6511 aluminum alloy longerons. 

A variation of concept IIA, identified as lIB, changes the frame spacing from 
24 ~nc~es (baseline) to 96 inches. Or.~ significant result of this study, was 
that for a given Nx' the required frame bending stiffness decreases with in
creased frame spacing. 

The weight efficiency (lower total frame weight) is essentially proportional 
to the increase in frame spacing. The material combination selected for this 
study was 2024-T3 aluminum alloy skins and 7050-T76511 aluminum alloy 10n
~erons. Longeron spacing w~s set at 11 inches. Two different frame gages
(tf = 0.063 and t f = 0.080 inch) was considered. The most efficient geometry 
combination was 0.050 inch thick skin with 96-inch frame spacing. 

5.2.2.2 Simple Isogrid Panel Concept - The second new concept selected for 
study is a simple integral isogrid panel (Figure 76). Three diff~rent mate
rials, 7475-T761 alumin~m, Ti-6Al-4V Ann titanium, and 5-200 beryllium were 
evaluated for this concept and identified IlIA, IIIB, and IIIe. A parametric 
study was conducted to evaluate several configurations using the 7475-T7 61 
material. Three different triangle heights (h = 3, 6, and 12 inches), four 
skin thicknesses (ts =0.050, 0.071, 0.090 and 0.125 inches), and four rib 
thicknesses (b = 0.5,0.10,0.15 and 0.20 inch) were evaluated. For the eval
uation of beryllium isogrid h was set at h = 12, and b was set as b = 5, and 
three different skin tnickne~ses (ts ~ 0.050.0.071, and 0.090 inch) was con
sidered. Titanium was evaluated with three different values of h (h = 3, 6, 
and 12 inches), two values of b (0.05 and 0.10 inch), and three skin thick
nesses (ts = 0.050, 0.071, and 0.090 inch). The relative weight efficiencies, 
based on the compressive load intensities selected, of the various material 
and geometry combinations are shown in Figure 77 through 79. At the low load 
intensities. a triangle height (h) of 3 inches is the most efficient, but the 
most efficient height at the higher load intensities is h = S inches. 

5.2.2.3 Modified Isogrid Panel Concept - The third new concept is a modified 
isogrid concept (Figure 76) which is an array of small isogrids within a group
of large isogrids. The large isogrids are sized for general instability buck
ling while the small isogrids are sized for the skin buckling failure mode. 
This geometric arrangement permits the basic triangle height (h) and the height 
of the smaller enclosed triangles (hi) to be varied along with rib dimensions 
and skin thicknesses. Aluminum and titanium alloys (concept IVA and IVB, 
respectively) were compared with h values from 3 to 12 inches, hI values from 
3 to 6 inches, t s values from 0.050 to 0.090 inch, and four variations of rib 
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width (b = 0.05,0.10,0.15, and 0.20 inch). The weight curves of Figure 78 
and 80 show the relative weight efficiency of the material and geometric com
binations. The panel wei~hts shown are based on the assumption that interme
diate frames are not required. 

5.2.2.4 Honeycomb Sandwich Panel Concept - Another design concept evaluated 
is honeycomb sandwich panels. Materials evaluated are 7475-T761 aluminum 
alloy and Ti-6Al-4V Ann titanium (concepts VA and VB respectively). Aminimum 
face sheet thickness of 0.020 inch was set for practical considerations of 
damage tolerance and fatigue associated with primary structure especially as 
related to pressurized shell design. The sandwich concepts are shown in 
Figure 81. 

5.2.2.5 Integrally Stiffened Panel Concept - The fifth concept (VI) is an 
integrally stiffened panel utilizing 74;'5 aluminum alloy plate and incorpo
rating J-section 10ngerons spaced at la, 15, 20, and 25 inches. The relative 
weight efficiencies of the various geometric arrangements is shown in Figure
82. Weight savings range from 7 percent to almost 12 percent. 

Table XVIII is a slJ1ll11ary of tile relative weight efficiencies of the various 
fuselage panel concepts evaluated in the parametric studies. Figure 83 shows 
those design concepts which are more weight efficient than the baseline C1n
cept. Note that the weights in Table XVIII and Figure 83 are optimum based 
on compressive loads only and do not include such non-optimum factors as 
splices, joints, or window cutouts. The potential weight savings indicdted 
here for the isogrid concepts are optimistic and were not realized in the 
1sogrid fuselage design presented in Volume II due to the absence of the 
weight affects of shear, internal pressure, and combined loads. 

5.2.3 Selected Fuselage Panel Design Concepts 

The various components of the fuselage shell and cargo floor have been 
selected for the weight and cost studies of the complete airframe. These 
are described in the following paragraphs. 

5.2.3.1 Honeycomb Sandwich Panel Concept - The honeycomb sandwich panel con
cept utilizes thin (0.020 to 0.033 inch) 7U50-T76 clad aluminum faces adhesive
ly bonded to 3.1 1b/ft3 (1/8 -5056- .0007) honeycomb core. The core thickness 
varies from 0.19 inch at the most forward station (FS 366) to 1.00 inch at th~ 
front spar (FS 703). The variation between the stations is a straight taper. 
The core is a constant 1.00 inch thickness from FS 703 to FS 982. The sandwich 
panel dimensions at the four fuselage control stations are shown in Table XIX. 

The fuselage shell has complete frame members at FS 366, 703, 847. and 982 
only. The basic philosophy of retaining the cargo floor bulkheads at the 
baseline 48 inch spacing was retained so as not to degrade the load capabil
ity of the floor. The frame members at the bulkhead stations mainta)n full 
depth to the maximum h~lf breadth location at the side of the fuselage and 
taper in depth and area to zero at the 45° position from the fuselage top 
center. The overall fuselage shell sandwich design, together with primary
circumferential and longitudinal splices. are shown in Figure 84. Prelimi
nary design details at the wing/fuselage and fuselage/floor intersections 
are also shown in Figure 84. 
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TABLE XVIII - SUMMARY OF TYPICAl FUSELAGE STRUCTURAL PANEL CONCEPTS WEIGHTS 

Weight (lb/n") 

N ,~'()()() 1b/inN '1000 H/in N '3ooo 1b/inx ' x x 

I Ba.eline ~02~-T3 skin 1.801.5Cl 1.93
 
7050-T76511 longeron.,
 
7050-T76 fr.....,.
 

IIA	 Increase Longeron Spaeing, ssme 
material as Baseli,e 

Weight Weight Saving 
(lbs/ft") 

1bs/n" 
~ 

Percent 

1.405 .095 6.33 

N ~ 1000 Ibsfin N = 3000 Ibs/inN = 2000 1bs/inx ' x" 
Weigbt Saving Weight. Wei ght Saving 

2
W"ighto.. i ..r.t SavingWei.,:ht 

(lbs/ft.")(lbs/n )(lbs/ft.?) 
Ibs/rt' 

~ 

Pere....nt (lbsin")( Percent Percent(lbs/''t2) 

1.44IIB Increased Frame Spacing 1.28 .22 14.67 .491.38 25.39 

nlA Si",p1e lsogrld 7475-1761 

.4" <'3.33 
2.04LIB 1.60 .20 11.11 -.11.32 -5.10 

IIIE Si:p1e Isogrid Ti-6Al-4V ADn 

21.33 

-.C1 2.03 -12.181.51 -.23 -51.30 

IUC Si:p1e Isogrid 5-;>00 Beryllium 
-,1"1 2·92 -.99 

61.14 

IVA Modified lsogrid 1415-1761 

1.00 66.61 1.22 67.16 1.18.58 .75.50 
-.641.18 .~;> :>.57 -33.16 

lYE l'Iodified Isogrid Ti-6Al-4V Al'_, 
-.1521.33 1.95 -6.33 

1.58 -.08 -5.33
 

'/A Sand..nch 7415-1761
 1.2(' ::'0.00 27.78 .541.30 .50 27.96 

VB Sandvich Ti-6Al-4V Ann 

1.39·30 
2.02 -4.66 

',"J Integrally Stiffened 7475-1761 

1.68 -12.00 1.13 0 0-.18 -.09 
.10 1.60 11.11:.40 6.67 .20 1.70 .2~ 11.92 

)
/ 
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SUMMARY OF FUSELAGE SHELL SANDWICHTABLE XIX 
PANEL NSI 

Fuselage :ontrol 5t.tlon FS 439 FS 703 FS 847 FS 982 
t :In)c .363 1.00 1.00 1.00 

t (In) e • O·
f .020 .025 .025 .025 

8 • 30'FUS .025 .02\ .033 .0208 a • 9(,° 
.020 .025 .033 .0,0 

8· no' 
.020 .020 .020 .020 

8 • 180' 
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Each barrel assembly is divided longitudinally into 60° segments which are 
approximately 9 feet wide. The honeycomb panel assemblies are basically
composed of an aluminum honeycomb core which is tapered at each of the four 
sides and enclosed within an aluminum picture frame member which incorporates
integral end fittings on all sides. The aluminum edge member and the honey
comb sandwich are joined by a combination of adhesive bonding and mechanical 
fasteners. The honeycomb core at the fastener locations is filled with 
Dapcotac 3200 which provides the necessary strength for resisting fastener 
installation and service loads. 

Doublers of 0.016 7075-T6 sheet are added locally in the high stress areas. 

Strength requirements dictated the skin gages primarily to provide the neces
sary low stress level In tension resulting from fuselage pressurization and 
for shear. The second major consideration was compression stability which 
basically determined the core thickness or the overall panel thickness. 

General instability failure mode was considered with frame spacing and stiff
ness as significant parametE:!t's. The equation for frame stiffness coefficient 
from Reference 37 was used. 

(l6) 

where 

Cf = frame stiffness coefficient 

(EI)f = frame bending stiffness 

L = iength of sheli 

M= bending moment 

In addition, a value for C of 62.5 x 10-6 was used as a dividing line f 
between panel failures and general instability failures, i.e., values of Cf 
no greater than the stated value would insure general stability with a high
confidence level. A simplified analysis of the fuselage barrel section from 
FS 366 to FS 703 indicates a need for an (EI)f = .5 x 106 minimum for ~x 
of 55 x 106 inch-pound (u1t) at FS 703. The baseline front spar frame was 
retained to insure adequate structural strength and stiffness in the new 
i:oncept des ign. 

The minimum If for the front spar frame occurs in the upper 90° (~45° from 
top center) of the fuselage shell where the frame member is an .080 7075-T6 
formed zee. The If is approximately 2.6 in4 which provides an (EI)f 
approximately equal to 27.6 x 106 lb-in2• Since the actual (EI)f is much 
greater than the theoretically re1uired value, the simplified approach taken 
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in this study should be satisfactory. The rear spar frame was treated in a 
man~er similar to the front spar frame. 

Weight savings for the new concept sandwich shell. bulkheads. and supporting
structure of 330 1bs (3.1%) were achieved for the unresized configuration. 
See Table XX. 

5.2.3.2 .Isogrid Panel Concept - The final selected isogrid panel details 
are covered in Volume II of this report. 

5.2.3.3 Selectively Reinforced Panel Concept for Cargo Floor - The selected 
floor panel concept is a hybrid struc~ure which utilizes both the selectively 
reinforced (composite infiltrated extrusion) panel and sandwich panels. See 
Figure 73 and Table XX. The average weight saving for the new hybrid floor 
panel concept is 7.4%. The overall weight saving on the floor panel. s~pport 
bulkheads. and keel structure is 4.8%. The new concept is a combination of 
sandwich structure utilizing 7475-T61 facings and 8 lbS/ft3 balsa core in an 
adhesive bonded panel assembly and extruded 7050-T6511 planks. The aluminunl 
extrusions are selectively reinforced with boron-epoxy composities, Figure 73. 
The ch~nnel for the integrated cargo handling system and the basic floor sec
tion are similar in that the configurations are comprised of small diameter 
rods of boron-epoxy oriented longitudinally. The section of floor extending 
to the fuselage shell is a continuation of the respective structural concepts, 
e.g., boron-epoxy infiltrated extruded planks and channels. 

The splectively reinforced panel configuration has been successfully tested 
in many structural parts including an in-house DC-10 Passenger Floor Strut 
Test Program. Specifically, boron-epoxy composite reinforcement would be 
infiltrated into the hollow openings of 7050-T6511 extruded planks and chan
nels. The epoxy matrix is room temperature cured and post cured at 250°F. 
The result is a composite reinforced aluminum member with no measurable dis
tortion or locked-in residual stresses attributable to thermal mismatch. 

FUSELAGE COMPONENT 

1- SHELL (includes joints and frames) 
a. Baseline 
b. Honeycomb Sandwich 

2. CA~GO FLOOR PANEL 
a. Baseline 
b. Composite Reinforced/Sandwich 

TABLE XX SUMMARY OF RECOMMENDED HONEYCOMB SANDWICH PANEL AND COMPOSITE
 
REINFORCED/SANDWICH CARGO FLOOR CONCEPTS
 

WEIGHT 
(lb/ft2) 

1.98 
1.87 

3.50 
3.24 

WEIGHT SAVING
 

lb/ft2 

0.11 

0.26 

PERCENT 

5.60 

7.40 
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A simplifying assumption was made at the outset based on the fivp. different 
cases of cargo loading (various combinations of vehicles), that approximately
four feet of floor width centered about the fuselage centerline would not be 
subjected to wheel loads. Based on intuitive engineering judgment, a second 
assumption was made that a sandwich type floor adequate for highly concen
trated and cyclic loads, such as heavy vehicles, would not be competitive in 
terms of weight. Since a weight reduction with sandwich type structure 
appeared possible only in the narrow center portion of the floor, the use 
of this concept was restricted to this area. 

5.3 HORIZONTAL STABILIZER STRUCTURE 

The cover panel concept for the horizontal stabilizer evolved from the studies 
for the wing structure. The baseline and new concept discriptions are given 
in the following paragraph. 

5.3.1 Baseline Design Concept 

The baseline structure for the horizontal stabilizer consists of zee-stiffened 
aluminum skin panels, extruded aluminum spar caps and hat and "L" stiffened 
rib and spar webs. The basic structure is shown in Figure 85. 

5.3.2 New Design Concept 

The design concept selected and used for the weight and cost analyses is 
developed in the next few sections. 

5.3.2.1 Cover Skin Panels - An investigation was conducted similar to that 
on the wing using 7075-T651 integrally stiffened skin planks. A local area 
taken on the lower surface of the horizontal stabilizer at XH=101 with a 
co1umrr length of 24.5 in. and a column load of 3,800 lb/in necessitated 
stringers at approximately 3.5 in. and gave a weight of 1.52 1b/sq. ft. 

Due to the relatively low loads on the horizontal stabilizer, a honeycomb
skin panel was then evaluated using 7050-T76 chern-milled tapered skin panels 
with an aluminum honeycomb core of 3.8 lb/cu. ft. density (Figure 86). To 
keep the honeycomb to a reasonable depth, the panel ~idth was reduced by the 
addition of a lightweight center spar. This arrangement eliminated the need 
for stiffeners and intermediate ribs. 

Taking the same local area at XH = 101 as above, the weight was 1.26 1b/sq. 
ft., giving a weight saving of 17% over the integrally stiffened skin 
planks. 

5.3.2.2 Spar Caps - The machined spar caps are made from 7050-T76511 alumi
num extrusion and are bonded to the honeycomb skin panels during tile same 
curing cycle. thus becoming an integral part (Figure 86) of the cover panel. 

5.3.2.3 Ribs - The first conc~pt investigated was the half rib and pin 
method (Figure 87). Due to the fact that the only ribs now remaining in the 
horizontal stabilizer pick up either hinge or actuator loads. the shear 
transfer through the pin joint was excessive and tension field ribs met the 
criteria more satisfactorily. To reduce assembly time, however, these are 
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integrally stiffened and made from 7050-T7365l aluminum plate (Figure 86). 
To keep web thickness to a minimum required chem-milling after machining as 
machining to 0.050 could produce varying web thickness due to distortion from 
relief of residual stresses. No masking off, however, will be required for 
chem-milling. 

The ribs are attached to skin panels by bonding a rib cap to the skin panel
during its curing cycle and bolting the ribs to the cap (Figure 86). The 
reason for bolts as oppos~d to rivets is due to the possibility of breaking 
the bond layer during impact assembly. 

i 

An exception to the above assembly method is the pivot ribs and bulkhead 
which are bolted through the skin panels using flush head bolts and local 
densified core inserts (Figure 86). This is due to the high boundary shears 
in these items. 

~.3.2.4 Center Spar - This is a lightly loaded spar primarily for breaking 
up the skin panel widths as previously mentioned. It is made from 7050-T7f. 
aluminum sheet with pressed flanged lightening holes and is attached to skin 
panels in a similar manner to the ribs, i.e., bonded caps with bolted web 
attachments (Figure 86). 

5.3.2.5 Front and Rear Spars - These were investigated using an open iso
grid concept from 7050-T7365l aluminum plate. On comparison with a tension 
field spar web, the tension field method showed a weight saving as outlined 
in wing analysis (Section 5.1.2.2); and this method was adopted (Figure 86). 
The stiffeners are integrally machined into the web and the spar web then 
bolted to the spar caps. 

As the spar webs are assembled last to close out the center box, access holes 
will not be necessary except at the actuator locations on the rear spar where 
access holes and panels will be provided for removal of actuators when ser
vicing is required. 

5.4 VERTICAL STABILIZER STRUCTURE 

The same basic data from the wing studies were used to generate the cover 
panel and sub-structure concepts for the vertical stabilizer. The baseline 
and new concept de~criptions follow. 

5.4.1 Baseline Design Concept 

The baseline structure for the vertical stabilizer consists of zee-stiffened 
skin panels. extruded aluminum spar caps and hat and "L" section stiffened 
rib and spar webs. The basic structurp is shown in Figure 88. 

5.4.2 New Design Concept 

The design concept selected and used for the weight and cost analyses is 
described in the following sections. 

5.4.2.1 Cover Skin Panels - Methods investigated and the honeycomb concept 
finally adopted is the same as for horizontal stabilizer (see 5.3.2.1). The 
center spar which stopped at ZRS = 193.389 on the baseline concept now 
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extends to the top of the torque box (Fig"Jre 89). to break up the honeycomb
panel width. thereby naintaining a reasonable depth of honeycomb. This 
method eliminates the need for stringers. intermediate full ribs and inter
mediate partial ribs. 

5.4.2.2 Spar Caps - The forward center. center and rear center spar caps 
are machined from 7050-T76511 aluminum extrusion and bonded to the honeycomb
skin panel during the curing cycle, thu~ becoming an integral part (Figure 
89) of the panel. The forward and rear spar caps are machined from 7050
T736511 aluminum extrusion and fi11~d with boron epoxy fibers (Figure 89).
This is to add stiffness to the cap for meeting flutter requirements without 
adding excessive cap area. thereby keeping weignt to a minimum. The boron 
inserts will be bonded to the caps by the method outlined in Section 8. 
During the honeycomb curing cycle the spar caps are bonded to the skin panels. 

5.4.2.3 Ribs - Methods investigated and the integrally stiffened tension 
field rib concept finally adopted (Figure 89) is the same as for the horizon
tal stabilizer {Section 5.3.2.3}. 

5.4.2.4 Forward Center and Rear Center Spars - These are made from 7050-T76 
aluminum sheet with pressed flanged lightening holes and attached to spar 
caps by means of bolts (Figure 89). 

5.4.2.5 Center Spar - This is an integrally stiffened tension field spar 
web outboard to ZRS = 193.389. made from 7050-T73651 aluminum plate. Out
board of ZRS = 193.389. the web is made from 7050-T76 aluminum sheet with 
pressed flansed lightenin9 holes. The web is attached to the spar caps by 
means of bolts (Figure 89). 

5.4.2.6 Forward and Rear Spars - Methods investi~ated and the integrally 
stiffened tension field spar webs finally adopted (Figure 89) are the same 
as for horizontal stabilizer (Section 5.3.2.5). 
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SECTION VI 

STRUCTURAL CONCEPT SELECTION 

As indicat~d in Figure 1, the general (and primary) study objectives are to 
derive structural concepts of lower weight or cost or both, if possible,
where II lower, II by definition, is with resp~ct to the state-of-the-art base
line concepts. ~ence, the structural concept selection criteria are lower 
weight and lower cost. 

I
 
I
 

From weight/unit area (w) principles, 

(17j 

and the II1ower weight" criterion is, 

(F/P)B/L 
(18)(F/p) < 1. 0 

"Lower cost ll crite.ria are selected to be IIl ower manufacturing cost" and 
"1ower life cycle cost. 1I From cost/unit area (C5) principles, 

(19) 

where C# =manufacturing cost per unit weight ($/#). The "l ower manu
facturing cost ll criterion is. 

1.0 (20) 

Similarly. for "life cycle costs" (elc )' the criterion is, 

-< 1.0 (21) 

From a fundamental standpoint. a structural concept is an ~nique combination 
of llmaterial ll and "geometry" defined by the imp:Jsed requirements. Aircraft 
functional and operational requirements for shape. volume. separation of 
environments. etc •• dictate that the material be in a sheet (i.e •• p,tne1) 
geometry form. generally. Further. structural inte9rity requirements impose
sufficient instability loads (shear and compression) to require stiffening to 

/ 
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some degree for all sheet panels. Hence, the search basically is for com
binations of rr~terials and stiffened panel geometries meeting all the require
ments and which nave higher values of F/p and (F/pC#). "Geometry" includes 
the parameters introduced by the joining approach. 

Recognized principles for improvement include the following: 

o	 The multi-function principle, wherein a given structure performs 
more than one task. This principle has been generally applied 
to aircraft 3tructures. As previously noted, a structural panel 
may provide shape, volume, separation of environments, structural 
integrHy. etc. In this sense. air'craft panel structure may be 
thought of as weight efficient. The provision of this capability
for less weight or the imposition of additional functions without 
commensurate weight increase is required to further enhQnce the 
overall efficiency. Aircraft landing gear. although necessary, 
are an example of low efficiency structure in this context. Wing . '. 

and fuselage panels, on the other hand, are typical examples of 
higher efficiency structure. 

o	 The superposition principle, wherein the "whole is ~reater than
 
any individual part." :n this approach. favorable (and unfavor

able) characteristics are combined in a complementary manner such
 
as to increase overall weig~~ efficiency, An example of this is
 
the "weld-bond" joining concept where. by a combination of spot

welding and bonding. the structural efficiency may possibly be
 
enhanced beyond the value achievable by spot-\>r~1Jiliq or bonding

individually. The desired goal, of course. is to iQentify
 
pertinent combinations such that the "whole is greatl'r than the
 
sume of the parts,"
 

o	 The separation pri~ciple, wherein unfavorable char~cteristics
 
are not superimposed (opposite of superposition). An example

of this is placement of required stress concentr~tions in low
 
stress or high capability areas.
 

o	 The tradeoff principle, wherein excessive efficiency in one
 
mode is reduced in order to enhance efficiency in a deficient
 
mode, t:,ereby achieving better overall efficiency. This is
 
~ccomplished by appropriate choices of materials or geometries
 
or both. Cost savings may thereby also result. An example

of'this is the "flattened stiffener" fuselage shell concept
 
(Reference 19) where compressive efficiency was reduced to
 
enhance fatigue efficiency.
 

o	 The rep~titive principle, wherein through increasing stan

dardization, manufacturing complexit is reduced and cost
' w 

efficiency thereby increased. Standardization implip3 and 
includes reductions in the number of dissimilar parts and 
operations. A repetitive standardized operation can be 
more readily mechanized for even greater efficiency. The 
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ideal goal is a reduction to one standard part and one
 
standard operation for which a high volume is required.

This ideal generally has not been achieved, even by the
 
automobile industry, for example. The automobile "drive

away" pri ce, .10nethe1ess, is on the order of 1 $/ # whereas
 
the aircraft "fly-away" price is on the order of 110 $/#,

a substantial differential. This indicates a potential
 
for possible significant cost improvement in aircraft
 
manufacture, e.g. by greater standardization.
 

Structural cost rate data (eN) for material ~nd geometry variations are 
sumarized in Section 6.1. Concepts are evaluated and those concepts with 
improved weight or cost or both capability are identified in Section 6.2. 

6.1 STRUCTURAL COST RATES 

A preliminary design-for-cost method is required to directly support the 
concept selection process. Although development of a simple and reliable 
"bottom-up" method is beyond the scopt of this studY, such an approach
should provide information which includes the following: 

o	 Cost added during the various manufacturing stages, thus 
indicating where significant manufacturing cost increments
 
occur. The method should correlate to existing experience.
 

o	 Costs for various material and ge,;metry type combinations.
 
thus identifying the relative importance of each to th~
 
total manufacturing cost.
 

o	 Life cycle costs. thus reflecting the relative importance

of manufacturing versus life cycle costs in the total cost
 
oicture. Design dependent life cycle cost increments (such
 
as for maintenance and repair) should be readily identifiable.
 

In	 support of the studY (and in accordance with the approach), readily avail t 
able manufacturing cost data are summarized in Table XXI. The data includes 
labor and material costs. Labor costs include manufacturing, quality control, 
tooling. planning and overhead; but exclude design development and test eval
uation (DOTE) costs. Where necessary, the data were adjusted to 1972 rates 
and a 200 unit production run. Although the data are scattered, limited data 
(in most categories) and the estimated nature of some information elements 
undoubtedly qualify the results, the data (Figure 90) nonetheless provide a 
necessary preliminary estimate of manufacturing cost levels. As would be 
e~pected. most available data are for mechanically joined aluminum structure,
Which at the "/l1ajor section" stage, is approximated at 45 $/# average. With 
aluminum mill ~roduct costs at less than 2 $/#, over 95% of this cost is 
associated with fabriciltion and assembly. Therefore, design cJncepts which 
encourage the mi1l product to be closer to the finished product, such as a 
panel for example, would appear to offer a potential for cost saving. Rela
tive to aluminum, the higher cost level i of titanium and beryllium can only 
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/ 

be	 offset by grea' r associated weight efficiencies. Within a material 
system, cost differences due to geometry variation also are evident with 
honeycomb. for example, estimated as being more costly than riveted con
struction. 

The combined effect of structural weight and cost changes relative to the 
baseline is assessed during final study stages by life cycle cost analyses 
as indicated in the study approach (Figure 1). However, during the concept 
selection phase, a preliminary assessment of structural weight and cost 
variation impact on 1ife cycle cost is desirable for selecting "cost effec
tive" concepts. A preliminary evaluation tool is possible by relating new 
concept structural weight and cost with the system benefit required to not 
exceed baseline structural cost levels (Figure 91). Thus, for example, a 
concept relative weight and cost rate of .90 and 2.00, respectively, require 
a system benefit rate SB~ > 300 $/# for cost effectiveness. Relative to a 
conservatively selected criterion value of 200 $/# upper limit for resized 
(or unresized) systems, the concept would not be cost effective. On the 
other hand, a concept relative weight and cost rate of .50 and 2.00, respec
tively, is obviously cost effective since concept initial cost equals base
line initial cost without SBR effects (hence, SBR required = 0) although SBR 
actual > 0 due to decreased weight benefits. 

CONCEPT EVALUATIONS FOR WEIGHT AND COST 

The general approach used to identify concepts for weight and cost improve
ments includes the following elements: 

o	 Components (and subcomponents) are considered on an individual
 
basis since varying requirements define different solutions.
 

o	 Emphasis is placed on major weight fraction subcomponents on
 
the premise that a given percentage improvement on a l~rger
 
weight item generates the greatest impact on overall system

weight. Thus, the wing upper and lower covers and fuselage

shell structure received the major attention (see Figures 5
 
and 6 for weight fraction data).
 

o	 Weight improvement is with respect to the baseline concepti
 
therefore, a determination of t~~ baseline concept critical
 
integrity modes is perfornK'Q to identify the "problem."
 

o	 Although the general problem is identified by the critical
 
modes, the specific solution is not provided. To help

identify pertinent solutions, a quantitative evaluation and
 
screening procedure is introduced which permits a simple
and systematic consideration of all material and geometry
options and includes the influence of "requirements." This 
procedure is applied to the major subcomponents as described 
in	 the following subsections. 
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6.2.1 Wing Lower Panels 

On the basis of past experience, wing low~r panels are subject to constraints 
associated with ultimate tension an;;: compressi"n, fatigue, damage tolerance 
and flutter. Hence, the baseline panels were evaluated for these integrity
modes. The baseline concept critical modes, as identified by minimum margins
of safety, are shown on Figure 92. These data are most representative of the 
inboard panels including the rear spar cap and constitute a sfgnificant weight 
fraction. Fatigue and damage tolerance of the longitudinal skin and spar cap
splices are the most critical modes. 

[NOTE: The capability for each mode is e :pressed in terms of the critical 
ultimate mode design stress (tension, in this case), thereby establishing the 
mode comparisons on a common and convenient basis. The capabilities are 
plotted as a function of service life, since fatigue and damage tolerance 
capabilities vary with time. For this case, the ultimate mode capalJiiities 
are invariant with time.] 

The capability stresses, F, for each mode M, are related to the ultimate mode 
reference condition as follows: 

= 
(22)(treq 'd) 

m 

where M ' N = ultimate mode design moment and associated loading tu x (by FORMAT analysis) 

y = stress correlation factor (classical vs FORMAT) 

~ (t' 'd) = sectior. modulus and panel weight thickness required 
( Ireq I d)m' req m to meet the i ndi vi dua1 mode requi rements 

The actual ultimate mode tension stress, f tu ' is expressed similarly: 

M C ytu 
ftu = (I)actual = (23)

(f)actual 

Ultimate tension and compression stresses are related as follows: 

M N f 
K ~ cu ~ ~ ~ ~ = 0.50 for the inboard wing. (24)fl tu Nxtu f tu 
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Therefore: 

(25) 

The baseline panel margins-of-safety are developed in accordance with standard 
airframe analysis procedu~es as indicated in Table XXII. The same general
analysis approach is also applied to new panel concepts. Detailed analyses 
are" sUlTUllarized in Section VII. 

Achievement of a weight reduction goal requires an increase in critical capa
bility stress (F). thereby permitting an increase in the requirement stress 
(ftu )' Incre,)sing the II capability stress" for any mode depends on improvement 
of the panel material capability or geometry capability or both. 

rMaterial Geometry 1r Stress 1
lCapabil i ty =f LCapability X Capab1lityJ (26) 

ax max 

An evaluation approach for "material" versus II geome try" options is to assume 
geometry constant and material variable and. alternately. material constant 
and geometry variable. The IIgeometry constantlmaterial variable ll evaluation 
is the classical "material selection criteria" approach for which materials 
data is summarized in Section III. Similarly. the "material constantl 
geometry variable" evaluation is the classical "structural geometric effi
ciency" approach for which geometry data is sumnarized in Section IV. 
Additional geometry effects data are provided by the study analyses. which 
are summarized in Section VII. 

These two basic categories of information are integrated to define concept 
efficiency and capability charts for the various modes (see Figures 93 
through 97). The material selection criteria data for each mode (summarized
in Table 23 for convenience) are arranged along the abscissd according to 
numerical value. The panel capability F/p (ordinate) is set equal to the 
material capability for a selected upper limit geometric condition for each 
mode (denoted by £g = 1). The upper limit represents a geometric efficiency 
goal associated with the mode and corresponds to the maximum achievable capa
bility for "material constant." Actual panels fall short of this goal in 
accordance with conflicting mode requirements. degradation due to the manu
facturing process and cost constraints. Comparison of "actual-to-ideal" 
panel capability defines the geometric efficiency (E ):g

actual panel capability
E = (27)g ideal panel capab~'ity 
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TABLE XXII BASELINE WING LOWER PANEL ANALYSIS APPROACH
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Baseline concept minimum geometric efficiencies are 0.80 for ultimate tension, 
0.65 for ultimate compression, 0.32 for fatigue and 0.76 for damage tolerance. 
It should be recognized that the panel F/p values for each mode are estab
lished not only by the coupling of geometry and material efficiencies. but by
the severity of the requirements relative to the reference mode. 

For ultimate tension. geometric efficiency improvements may be achieved by
eliminating attachment holes or by negating their effect through added local 
chordwise pads, for example, as indicated in Figure 93. 

To establish a general format which applies to all ranges of compresrive 
loadings, the ultimate compression mode material selection parameter has 

been revised to (nE)1/2/p (Figure 94), thus encompassing both FCy/p and E/p 

type selection parameters. (nE)1/2 values are established from basic stressl 
strain data (see Appendix B). This revision generalizes the chart format for 
any level of compressive loading and also correlates to tile wide column 
analytical models of References 31 and 32. The "wide column" approach is 
selected over the "panel" approach because pylen and flap induced chordwise 
load)ngs and fuel tank boundaries reqUire ribs and bulkheads irrespective of 
concept. Ribs and bu1khead~ are also required to provide necessary support 
for wide columns, hence, the overall efficiency of the wide column approach
is enhanced. Data in References 19 and 31 also fail to establish any advan
tage for the "panel" approa::.h over the "wide column" approach. The wide 
column data of Table XIV indicate integral zee. Z-stiffened and J-stiffened 
panel concepts provide high geometric efficiency. exterior smoothness for 
aerodynamic efficiency and open sections for inspectabi1fty and corrosion 
prevention. Therefore, these types are considered in Figure 94. Of these, 
the integral zee concept develops the highe5t levels of geometric efficiency. 
Because the load level N is relatively low, the full material capability of x 
aluminum, titanium, and steel 1s not used. The slope of the geometric 
efficiency lines is proportional to (N IN )1/2, $0 that at N = -20,000

Xl x2 Xl 
#/in .• for example. the slope of the geometry lines would double and aluminum 
material capabilities would be fully exploited although titanium a~d steel 
material capabilities still would not. Beryllium capability, on the other 
hand, is fully utili~ed even at the lower -5000 #/in load level. Column 
length is selected at 30 inches, based on practical and near optimum rib 
spacing considerations (Figure 51). 

The fatigue geometric efficiency is very sensitive to the stress concentration 
factor, Kt , reducing from £g = 1 at Kt = 1 to £g=0.32 at Kt = 4; the latter 
corresponding to the baseline rear spar cap to skin splice case (Figure 95).
Elimination of the attachment holes (i .e., "no hole" approach through integral,
bonded or other joining procedures) dramatically improves the efficiency 
toward the limiting £g = 1. Kt = 1 level. ~egation of hole effects through 
interference attachments, stress coining or other means provides another 
approach for efficiency improvement. However, this approach has been p~r
tia11y ';!xploited to achieve the baseline level of efficiency, i.e •• through 
interfer~nce fit attachments. 
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Similarly, for damage tolerance (Figure 96), elimination of the attachment
 
hole and associated flaws provides a geometric efficiency improvement to the
 
next limiting case. the "surface flaw". denoted by £g = 1.0. In ~gard to
 
initial surface flaw size. a deviation to ai = 0.125 in., based on current 
criteria levels. is used to preclude the "surface f1aw" case from being more 
critical than the "hole flaw" case under depot level inspectability conditions. 
As with fatigue. a potential also exists for at least partially negating the 
hole flaw effect through interference fasteners. hole expansion stress coin

! ing, etc., as discussed in Reference 40. [NOTE: The damage tolerance material 
! selection parameter for depot level inspectability. t.K/p, f,:ay reqUire further 

upgrading to improve correlation to panel capability as indicated by limited 
analysis data (Figure 98). A more sophisticated parameter such as ~Kf(n)/p,
 
where n is the slope of the da/dn curve, may provide a stronger correlation.
 
Assuming verification through additional analysis data, implementation would
 
I
require values of "n" for each material under consideration.]
 

Evaluation of the baseline flutter sensitivity criteria (Figures 24 and 25)

for assumed uniform spanwise and chordwise percent rigidity cnanges identified
 
section area ratio Atot/(Atot)B/L as the major geometric parameter (Figure 97).
 
Lower area ratios correspond to lower rigidity and improved flutter margin.

Since this trend is compatible with the study objectives of reducing weight,
 
flutter will not be a consideration normally. Weight increases (corresponding
 
to area ratios> 1.0), if necessary, can also be accommodated by the existir19
 
flutter margln shown.
 

Panel capability improvements are also achievable through selection of IIbetter ll
 

materials as indicated by the respective charts. However, as with geometry,

materials that are better for one mode are not necessarily better for another
 
mode. Identification of the best material and geometry comb1nation(s) for all
 
modes is reqUired. A "geometry fixed/materials variable" analysis. using
 
baseline geometry. is a logical first step for identifying better materials
 
inasmuch as manufacturing cost increases are less likely through material
 
substitution only. The effect of material substitution on panel capability
 
F/p is established by the intersection of the material lines with the baseline
 
geometric efficienry line for each mode. The results are summarized in Figure
 
99. The plate (P). extrusion (E). forging (F). and wrought (W) materials (for
number code. see Table X~III) become 1rrayed according to ~Jsociated panel F/p
values. For the "improved" baseline materials. denoted as BIL, (F/p)S/L 
relative to (ftu!P)B/L identifies the most critical mode to be fatigue closely 
followed by damage tolerance. The rear spar cap to skin splice. the skin 
spanwise splices and the basic skin-to-stringer joints are the critical areas. 
Since all the aluminum materials are considered to have essentially the same 
fatigue capability. the baseline panel capability cannot be improved for 
fatigue by an aluminum material substitution only. as indicated. [NOTE: The 
"initial" study baseline materials. denoted as btl. are indicated for reference 
only. Damage tolerance followed by fatigue were the most critical modes in 
this case.] 

In the formal sense. use of the chart for better material selections involves 
identification of (F/p)min for each material and then ~plecting the best 
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material on the basis of maximum (F/p)min' This is illustrated below for 
aluminum skin material selection (where F = Fatigue, T = Tension and O/T = 
Damage Tolerance, etc.). 

lower panels on the basis of maximum (F/p)min 2 capability since the maximum 

p (F/p)min 
1 

(F/p)min 
2 

1 450 F 570 T 
2 
3 
4 

450 F 
450 F 
450 F 

600 O/T (Max)
535 O/T 
535 OIT 

5 450 F 540 T 
6 450 F 570 T 
7 450 F 560 T 

Aluminum plate P2 (7050-T765l) if, identified as a best choice for the wing 

{F/p)min capability (defined by fatigue) is identical for all aluminum mate
rials. tNOTE: Damage tolerance analyses of the baseline rear spar cap-to
skin splice show that the panel capability is established by failure of the 
spar car, hence, this mode area was omitted in the skin selection considera
tions.] In general, rules regarding panel element dependency are established 
from the analytical models and associated analysis results. Where the panel
capability is defined by failure of one element, no element dependency exists. 
This generally is the case for ultimate tension and for fatigue. Where the 
panel capability is defined by failure of more than one element, then a degree
of dependency exists which is defined by geometry and material mixture. This 
generally is the case for ultimate compression and for damage tolerance. 
Where these dependency relationships have not been completely developed, they
are simulated for charting purposes by a simple area and material property
ratio approximation. Given element areas Al and A2, a panel capability 
{F)eq/(p)eq and a material mixture ml and ml , the equivalent material selec
tion property characteristic (FM~ q/(p) q is defined in the following manner 
for the dependent case: (e 

(28) 

(29) 

*for no material mixture, ml = m =ml 
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For the above relations tel correlate exactly with the baseline spar cap
damage tolerance analysis results. for example. would require A ap/At t =1. 
compared to the actual value of approximately 0.72. c v 

Aluminum stiffener and spar cap materials (E and F) are selected in a manner 
similar to that for the skin. These are identified to be E3 (7050-T736511)
and F12 (7050-T736). These "best" a1uminums (Al) show no overall improvement
relative to the baseline (B/L) due to the limiting fatigue mode although
individual improvements for ultimate tension e~d for damage tolerance are 
realized. 

Similarly, the best titanium materials (Ti) for skin and for stringer and 
spar cap. respectively. are P22 (Ti-6-4 a Ann) and Ell (Ti-6-4 STA). Relative 
to the baseline (B/L), considerable improve~nt in ultimate tension. fatigue. 
and damage tolerance is achieved; however, considerable degradation in the 
compression mode is also incurred. The overall improvement relative to the 
B/L nonethele~s is 7 percent. 

The best steel material (Fe). from a limited listing of candidates. is MARAGE 
250 in sheet (S 51) and wrought (W 51) form. The panel capabilities of Fe 
for ultimate tension and damage tolerance are better relative to the B/L.
however. serious capability red:Jctions exist for compression and fatigue. 

Beryllium (Be) substitution provides significant improvement for all strength
modes. However. a basic incompatibility exists between the "no flutter" 
rigidity criterion ftu'p >" (F/p) flutte;o (= 2000 for Be) and the strength 
criterion ftu/p < (F/p) strength « 1600 for Be). Unless sufficient offset
ting rigidity decreases can be providad in other areas of the wing. beryllium 
cannot be used in this particular application. [NOTE: In cases such as this. 
where unusually large rigidity. weight. and rigidity-to-strength ratio 
changes from the baseline are involved, further flutter checks of serious 
candidates are required. eventually, to confirm these initial results.) 

A summary comparison of the above material selections on a minimum wei9ht 
(F/p)max' total manufacturing cost (F/pCH)max and life cycle cost (SBR) basis 
is shown in Table XXIV. 

On the basis of initial cost as a primary criterion. Be, Ti. and Fe are 
eliminated from further consideration. This result is further supported on 
a life cycle cost basis as indicated by SBR values which exceed the conserva
tive criterion value of 200 $/#. Therefore, only aluminum materials (Al)
remain for further consideration, although no cost or weight improvement is 
achieved. 

An "Al materials fixed/geometry variable" analysis is required to identify
improvement pot~ntial (F:gure lOO). As indicated, for the baseline geometry 
(b/l), fatigue of the spanwise splices (spar cap-to-skin and skin-to-skin)
and of the basic sectior. (stiffener-to-skin) is constraining weight improve
ment. This constraint also applies to all other concepts with similar span
wise splices. Based on an improvement gOdl associated with achieving the 
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TABLE XXIV WEIGHT AND COST COMPARISONS OF WING LOWER PANEL CONCEPTS 

CODE GElJIETRY MATERIALS F/~ 

Fl gh~9 

Ws 
1'll;}

S Bll 

Cf 
Fig. 90 

C, 

TC;18iL 
F 
~ 

SBR 
REQUIRED
Fig. 91 

Bll 

Al 

11 

Fe 

Be 

bll 

bit 

bll 

bit 

bll 

Al\lllinlll1 

Al\lllinll1l 

TitanlU1n 

Steel 

BeryllllJl1 

450 ( F) 

450 (F) 

480 (C) 

ZIlO (CaFj 

840 (T)(3) 

1.00 

1.00 

0.94 

1.88 

0.53 

45 

45 

120 

45 (2) 

660 

1.00 

1.00 

2.67 

1.00 

14.70 

10.0 

10.0 

4.0 

7.6 

1.3 

0 

0 

> ZOO 

> 200 

> 200 

IIOTtS 
l~ (Damage Tolerance); F (Fatigue); C (Compression); T (Tension) 
(2) Assumed same as aluminlll1 riveted 
(3) Assumed no flutter constraint 
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u1tinlate mode tension and compression capabiHty limits (F/p ~ 750). a join
ing concept with K < 2.3 would be required. A listing of pos~ible joining 
concepts and estim£ted associated geometric efficiencies (Kt ) appears in 
Table XXV with several providing Kt <2.3 potential. The various joining 
concepts are separated into "hole attachment" types and "no hole attachment" 
types in recognition of the known significance of attachment holes in fatigue 
geometric efficiency. 

IThe hole attachment types are "1ntemal clamping" with the discrete attach
ment acting as a tension and shear transfer device. This approach has been 
widely used in aircraft structure and likely will continue to be used in the 
futurei hence. a consideration of the capability potential is justified.
Past and current procedures to negate the effect of the hole include "inter
ference fit" attachments. "stress coining." or a combination of the two. As 
shown in Figure 101. interference reduces cyclic amplitude without affecting 
maxi~u~ cyclic stress. while coining introduces favorable residual compressive 
stresses which reduce maximum cyclic stress without affecting cyclic range. 
The combination of interference and coining provides reductions in both 
maximum and cyclic stresses. 

Altachment types providing a range of interference (i) include slug riv~ts 
« 0.006"). lockbo1ts and Taper-Loks « 0.004"), and bolts and screws « 011).
(Note: Interference dimensions shown apply to 0.25" diameter fasteners.) 
Due to decreased stress amplitude. fatigue capability improves with increasing 
interference level as indicated in Figures 102 and 103. However. at higher
levels of stress. fretting. due to increased relative motion between rubbing
surfaces. becomes an increasingly important constraint. This relative motion 
is accentuated with increasing load transfer (y ~ 1). Practical values of y 
at critical points are estimated to be ~ 0.5 for tension splices (Reference 
41) and <0.25 for spanwise shear splices and for basic skin-to-stringer 
structure. 

For the baseline spanwise skin splice. with conditions of y ';t'.0.25. near mixed 
mode regime (based on current surface treatments). countersink lockbolt 
attachments and tID z2, the fatigue capability 0max is approximately 20 

KSI at N= 105• R = O. This corresponds to K ~3.2 as established fromt 
notched specimen data (Figure 104) and correlates with the analysis value 
(Kt = 3.3, Figure 100). Considering tiD = 3 for the baseline rear spar cap 
increases Kt to 3.8 (vs. 4.0. Figure 100). Further review. in conjunction 
with new concept spar cap area reduction for damage tolerance (subsequent 
discussion). justified tiD <2. thereby making the rear spar cap ~plice 
equivalent to the skin splice at panel F/p-:::; 530. 

Per Figure 102. additional fatigue improvement is attained by stress coining
(i.e .• expansion cold working) of the attachment countersink area. This 
results in a significant panel capability increase to Flp ~6l5 (Figure 100). 
Fretting induced fatigue failures are estimated to becom~ a consideration at 
panel capability levels above 615 as indicated. Fretting control through 
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TABLE XXV ESTIMATED JOINING CONCEPT GEOMETRIC EFFICIENIES FOR FATIGUE 

APPRilACfI CASE JOINING CCNCEPT 
==::{ 

OPEN flDLE 

E=j i :J 
COUNTERSUNK AD SLUG RIVETS 

INTERfERENCE: 0.0015 

E4=4 I 
COUNTERSUNK lOCKBOlTS 
INTERFERENCE • 0.002 

~~ = PADDED HOLE 
WITH COUNTERSUNK LOCKBOLTS 

INTE~rERENCE • 0.002 
~ I 

INTEGRAL 

c= I 
I 

BOND 

S - =;==]• 
SPOTWELD 

c- I~ .wEL BONb 

b ~ ~ 
MECHANICAL CLAMP 

y(l) Kt REMARKS 
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5 ... 
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A 
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4.9 (3.6). 

2.4 (2.0)jr. 
4.3 (3.2l-* 
6.0 (4.3)t1* 

1.0 
2.4 
3.6 

Reference Case Only 
See Figures 103 and 104 
~Wlth Hole Expansion 

S~e Figures 102 and 104 
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Expansion 
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faying surface coatings or fretting elimination through bonding (both of 
which require further development) could provide additional improvement
opportunity. Bonding, for example, reduces attachment load transfer (assu~e 
Ymax = 0.10) ard projects a further panel capability increase to F/p Z 740 
levels. Increased and controlled interference to 0.00:'5" levels through the 
use of taper10cks also provides a similar potential. 

Similarly, for the baseline skin-to-stringer structure with y = 0.25, counter
sink AD slug rivets "Drivematic" installed and tID::: 2. C1max is equal to 20 
KSI (Figure 103). This is identical to the skin splice value and corresponds 
to a panel F/p- 530. With hole expansion, an improvement ;s obtained to 
F/p ~ 615 levels. If further investigation indicates that y « 0.25, then 
F/p ::: 740 levels can be projected (in lieu of 615) without bonding. Otherwise, 
bonding or an increase in interference through higher pressure installation 
equipment (such as G=mcor) is required to achieve 740. Another hole attach
ment approach, the "padded hOle" concept (Table XXV. Kt '< 2 @y = 0.25), also 
shows potential to F/p =750 levels (Figure 100). Implementation of this 
concept to spanwise splice structure would likely be along the lines indicated 
in Figure 105, with "hole pads", used where required in lieu of hole expansion, 
increased interference, etc. 

The no-hole attachment approach includes surface adhering types (such as 
bonding, spotwe1ding and we1dbonding) and external clamping types (mechanical) 
as indicated in Table XXV. With the exception of spot welding concepts. these 
types are characterized by a continuous distributed attachment acting as a 
tension and shear transfer device, thereby achieving a low stress concentra
tion factor and a corresponding high fatigue capability (F/p > 750) as indi
cated in Figure 100. Limited available dat3 indicates that spotwe1d and 
weldbond concept fatigue quality approximates that of typical hole attachment 
concepts at low load transfer ratios (y) with weldbond being better at higher
load transfer ratios. 

, 
External clamping mechanical joints are of interest because of potentially
higher fatigue and damage tolerance capability and lower cost relative to 
hole attachment types. Lower costs would accrue from elimination of the 
many discrete, close tolerance faster:ers. holl:'!s and hole treatments through
substitution of simple. continuous. close tolerance machined members. such 
as shown in Figure 106. T~e machining equipment required generally is avail
able for other reasons, hence, no new equipment or technology is necessary. 
Spanwise mechanical interference (or bonding) is required to provide a posi
tive non-friction dependent shear transfer capability. 

Damage tolerance capabilities of the baseline and integral zee geometry con
cepts (Figure 100) identify the skin splices (and baseline skin-to-stringer) 
as slightly more critical than the spar cap splices on the basis of "depot
level inspectability" reqUirements. However, the skin splices (and baseline 
skin-to-stringer) can also be qualified to the less stringent "walk-around 
inspectability" requirements, resulting in significar.tl.v higher F/p levels 
> 800 as shown. 
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An initi.l approach for improving the geometry of the wing lower panels is by
examination of the analys~s model that simulates damage tolerance behavior. 
For geometry variable/material fixed, da/dn vs 6K is constant. Hence, the 
achieved period and associated panel F/p are controlled by the stress concen
tration factor 6K/6a (=a/Aa). The factor B includes the influence of local 
stiffening and attachment rigidity conditions. For fixed attachment rigidity 
conditions, panel stiffening magnitude (Ast/Atot) and distribution (spacing, 
b ) are identified as potentially significant geometry parameters. For the s
spar cap. reduction of local stiffening ratio from 0.90 to 0.80 (minimum for 
shear transfer) provides a capability improvement to F/p = 580 for the int~
gra1 zee concept (Figure 100). Also, an integral stiffener vs separate
stiffener effect may also exist as indicated by the better performance of the 
baseline geometry. Additional analyses of this nature are required to fully 
define the influence of stiffening and attachment parameters. The preliminary
trend indication to a lower stiffening ratio is rational in that. for the same 
total area. failure of a smaller separate stiffener releases less load to be 
supported locally by more available skin. Since the crit~'ria "period" require
ment is mostly achieved under small to moderate crack size conditions, the 
local stiffening ratio is important. Hence. the primary design implication 
is that the stiffening ratio should be minimized to some lower bound value 
established by alternate skin failure and compression considerations. Also, 
under small crack size conditions, cracks propagate at the same rate in thick 
stiffeners as they do in thin ones. Therefore, for a given minimum stiffening
ratio and spacing, the stiffener thickness penetrated by a through hole flaw 
should also be minimized, i.e .• the stiffener section periphery should be 
maximized to some upper bound value determined by compression stability and 
practical considerations. This provides more dispersion of the material 
along the crack growth path and. hence. more period before stiffener failure. 
This preliminary approach indication is most appropriate to "depot level 
inspectability" conditions where the emphasis is on large period, infrequent 
inspections and NOI methods suitable for high detectability rates of small 
crack sizes. For "walk-around" or "special visual" conditions, however, the 
emphasis is on more frequent inspections and on shorter periods defined by
moderate to large crack sizes. Period achievement under moderate or large 
crack size conditions is determined by the high 6K end of the da/dn curve 
and. hence. the period is increased by higher values of the fracture strength 
parameter Kc which is associated with lower structural element thicknesses. 
Therefore, fer visual inspectability, the concept geometry can be influenced 
toward a "rnulti~skin" approach. 

Beneficial effects also occur from attachment interference and hole cold 
working. Current proposed criteria allow for this through reduced initial 
hole flaw size (to corner radius flaw = 0.005 inch). Use of this reduced 
criteria to account for favorable attachment and hole conditions permits F/p 
> SOD levels for the spar cap splices also (Figure iOO). 

In summary. through the adoption of pertinent and beneficial geometry options,
significant increases in design stress levels can be demonstrated analytically.
For exampie. by thinning down the spar caps and including expansion cold work
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ing of the attachment holes for fatigue and damage tolerance improvement, a 
fatigue critical design stress level ftip = F/p::: 615 is achieved for either 
a separate or integral stiffened geometry concept (i.e., bll or i/z). Rela
tive to (ftu/p)B/L =450, this is a 35% improvement. Also in~orporating 

bonding, for example, inc~as~s the critical capability level to Flp ~ 740, a 
65% improvement. Other options, such as increased "attachment interference," 
"padded hole," and "clamping" also offer similar attractive potentials, 
although additional data is required to fully establish the constraining 
influence of the fretting failure mode. In this regard, further data is also 
required to more fully validate most of the options and associated potentials 
indicated and the practicality thereof. 

Two lower panel geometries, baseline (b/l) and integral zee (i/z) were studied 
in the concept sizing, weight and cost analyses. The capabilities of these 
geometries are indicated for each mode by the highest valued symbols bll and 
i/z, (Figure 100). Although bll geometry offers an overall F/p improvement
potential similar to that for i/z, the integral r~ncept was selected for 
further consideration for the wing lower panels because it offers a potential
for cost reduction through the reduced parts count associated with fewer 
attachments, stiffeners, clips, etc. [NOTE: The availability of a simple
and quantitative preliminary design type cost method for design engineer 
application at the concept selection phase would permit more confident, 
visible and quantitative design-far-cost decisions with respect to various 
geometry and material options. This would be a valuable and beneficial 
supplement to engineer int~ition that is based on variable past experience.] 
In conjunction with Al materials, the ilz concept provides an overall 18% 
impr~vement relative to B/L. 

However, since Al materials were identified using b/l geometry (Figure 100), 
an "i/z geometry fixedlmaterials variable" followup check is required to 
establish or verify the best material selection under the new geometry condi
tions. This is shown in Figure 107 using the data of Figures 93 to 97. The 
best materials are now identified as Al'and show a change of cover panel
material to Pl (7050-T73651) from P2 (7050-T765l) associat<.d with Al. 'rhe 
spar cap material remains unchanged as F12 (7050-T736). The material change 
occurs because of the ilz tension mode geometry improvement (chordwise holes 
are eliminated by integrally machined bulkhead shear clips). This de
emphasizes the material tension capability requirements with respect to the 
other mode capability requirements. Materials actually selected for the 
integral concept design by conventional material selection procedures (and
without benefit of the chart approach) are indicated as lIZ. The lIZ cover 
panel material selection is P6 (7475-T765l) witt. the spar cap material again 
being F12 (7050-T736). The differences in cover panel material selections do 
not result in differences in the minimum capability (F/p = 530 associated with 
fatigue) or in the overall achieved improvement (18% associated with Al, All 
and lIZ). The insensitivity, which in this case reflects the relative 
invariance of fatigue capability among the aluminum materials, does not 
necessarily extend to other situations. however. 
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Comments with r~spect to the concept efficiency chart a~oroach (Figures 93 
through 97) include the following. The approach provides a means for 
directly relating available panel material, geometry and capability data, 
thereby better defining and integrating the goals and ~fforts of the struc
tural material, design and analysis disciplines. By configuring the material 
selection parameter so as to establish a linear relationship between panel
capability and material parameter, a singular material/geometry capability 
solution can be extended to all other materials, thus minimizing analytical
effort. By using a "chart" format, visiblity and comprehension is improved,
thus, also enhancing technical communication. By relating all mode capabili
ties to a common reference mode, direct and quantitative judgments and evalu
ations of material and geometry variation effects can be made, thereby aiding 
in the definition of a balanced and efficient s~ructure from a capability, 
weight and cost standpoint. In addition, the procedure also provides a means 
of identifying material selection parameters that require improvement. A 
case in point is the materla1 selection parameter for compression which was 
upgraded (Figure 94). Similarly, the damage tolerance material selection 
parameter for depot level inspectability, ~K/p, may require further upgrading
(Figure 98). Thus, additional direction is provided to the materials data 
development and organization process. 

In general, the procedure appears to be working properly, answering the basic 
"what. how much, why. etc." type desip questions. Implementation requires
only the engineering type data normally generated or available. Additional 
application experience and checks will further improve and verify the value 
of the approach. 

6.2.2 Wing Upper Panels 

The same failure modes are operative in the wing upper panels as in the lo~er 
panels ever. through the relative importance of each may be altered. Hence. 
the upper panel concept selection approach and considerations parallel those 
of the lower panels. 

Upper inboard panel material and geometry options for ultimate compression
and tension. fatigue, damage tolerance, and flutter are summarized in Figures 
108 to 112. Baseline geometry and materials are included as a reference and 
point of departure for improvement. Materials data are taken from Table 
XXIII. Panel capability data is from Section VII. Design compression ultimate 
stress is used as a common reference for all modes. 

A "geometry fixed/materials variable" check (using baseline geometr.h Figure
113) identifies damage tolerance and compression as the most critical modes 
for the improved baseline (B/l) with (F/p)B/l = 410 and 430 respectively 
relative to (Fcu/o )B/l = 410. Since all the aluminum materials for this case 
h~ve the same compression capability. the baseline geometry can be improved
only slightly to (to F/p = 430 levels) by aluminum material substitution only. 
The "best" aluminum materials (A1) are detennined to be Pl (70bO-T73651).
E3 (7050-T73651l) and F12 (7050-T736) for the skin, stiffener and spar cap
respectively. Relative to B/l Al shows a 5% overall improvement to the 
limiting compression mode capability F/p = 430. 

177
 



, ..." .,', .... .... ',.~ 

:I 

i' 

.. : ~ ~ ~ :i ::; 
I?

" " " .,; r 

l~~~~~~ :i 

..:LE : ::: ~ 
.,; c:i c:i .,; .,; 

~ 

li ... - ~ : ~ ~ . 
{ " ~~ Il Il Il Il Il Il ~ 

~ 
~ g l> <I o @ 0 e ... ," 

" 

:< 

!! 

z: 
0... 
Vl 
Vl 
LAJex: 
!f 
0 
U 

LAJ
I
~ ... 
I
-I 
:::I 

ex: 
~ 
Vl 
LAJ... 
lU 
U
z: 
LAJ

~ ... 
"i u... u. u.': 

LAJ 

l~; Q. 
LAJ 

~ U 
eo z: r 8 

-I 
LAJ 

~ 
Q. 

ex: 
LAJ 
Q. 
Q.
:::I 

~ 
z:.... 
3 

CX) 
o .

178
 



;&
 
0.95 
0.92 

i 
": =. 

2000 -

1600 -

1200 --------

SPAIl
WISE 
HOLES 

NO 

¥ES 

CHORIlWISE 

HOLES P'OS-mr -rro-

YES 

......xu--- :: =~NO~= JrC ====~~r 
-YE-S-  - YES YES 

0.80 

E. F. W 

w 
.... 400 -

P. S 

o 2eo 400 liDO 800 \000 1200 

Figure 109 WING UPPER PANEL CONCEPT EFFICIENCIES 
FOR ULTIMATE TENSION 

~ ..... 
~ 

~ 
... 1.2

E. F. W  .... 
! 

p. S 

o 

Fi gure 110 

\00 200 300 400 500 liDO 700 

MATERIAL 0mu/~ (\0- 3 1") , N • 105• R • O. Kt • 3.0 

WING UPPER PA~EL - CONCEPT EFFICIENCIES 
fOR FATI GLiE 

800 

179 



--dPi,1000 flAW

800 

... ~ 

I 
0 

600 .. ....u"0>"..... 
1'0.....-"'\.2 400-....... 

I( •• 5 

'f.	 

E, f, W~ ... 
200 

P, S 

... 
b 

li..
..
 
..." 

:j? .......:
 

o~---.---+u.J.:lu.u.Y.L...-......L.-,----r---:T:......L..-
o	 50 100 150 200 2 0
 

MATEP.IAl AK/~ n0- 31N-J/2 1 P da/dN • 10-5• R • 0
 

Figure 111 WING UPPER PANEL-CONCEPT EFFICIENCIES 
FOR DAMAGE TOLERANCE 

NOTES: 

(1)	 Unifonn Spanwl se 
~ Area Change 

(2) 0 ~ Ast!Atot ~ 0.60 

U) K • 0.5 

p. 

E. 

Atot (1).(21 
(~) 

Bll 

0.70 

600 

F. W 

S 

o 100 200 300 4 0 500 

MATERIAL E!p (10- 6 IN) 

Figure 112 WING UPPER PANEL-CONCEPT EFFICIENCIES FOR FLUTTER 

180 



The best titanium materi Js (Ti) for the skin and for the stringer and spar
cap. respectively. are P25 (Ti-6-6-2S Ann) and E21 (Ti-6-4 STA). Relative 
to the B/L, considerable improvement for damage tolerance and fatigue is 
achieved, however. considerable degradation in the compression mode is also 
incurred. resulting in an overall F/p degradation of -17%. 

Similarly, the best beryllium (Be) and steel (Fe) materials are identified 
with overall and individual mode improvements (or degradations) relative to 
the B/L as indicated on Figure 113. 

A summary comparison of the above material selections on an (F/p)max' (F/pC')max 
and SBR basis is shown in Table XXVI. As with the lower wing panels, Be, Ti 
and Fe are eliminated from further consideration for the upper panels on the 
basis of F/pC/l and SBR. Therefore, only aluminum materials (Al) are retained 
for further consideration, although no cost rate and only a slight weight
improvement is achieved. 

An "Al materials fixed/geometry variable" analysis is performed to identify 
further improvement potential (Figure 114). As indicated for the baseline 
geometry (b/l). panel compression capability is constraining weight improve
ment. Capability improvement for compression to F/p =520 levels is achiev
able with an integral zee (i/z) concept using a minimum practical stringer
spacing b of 3.5 inches. Further improvement to F/p = 600 levels is alsos 
indicated by a composite reinforced zee stiffened (C/Z) concept. The combined 
effect of improved geometri~ efficiency (at least partly due to increased 
stiffening ratio) and improved material efficiency (due to improved material 
mixture) results in the higher overall capability. It should be recognized,
however, that increased stiffening ratio and improved material mixture would 
likely increase the capabilities of the other concepts as well. 

Considering F/p = 600 as a goal. examination of the other modes shows only
fatigue and damage tolerance as potentially critical modes. The critical 
skin-to-spar cap splice fatigue capability can be improved to F/p > 600 (and
equal to skin-to-stiffener joint and spanwise skin-to-skin splice levels) 
by reducing the_spar cap thickness to t/D<2 so that the required attachment 
interference i >0.0025 can be consistently attained (see Figure 102). Simi
larly, reduction of spar cap thic~ness also improves the capability for damage
tolerance (shown in Figure 100 for the wing lower cover). Coupled with the 
"attachment interference benefit" of the proposed tentative March 1974 damage
tolerance criteria. F/p>600 capabii1ty can be projected for all hole flaw 
cases. Calculations for the surface flaw case also show F/p>600 (again,
for the March 1974 criteria). Hence, in conjunction with the above fatigue
and damage tolerance options, composite reinforced concepts, such as the zee 
stiffener concept. offer a F/p improvement potential of 46% (= 60ildlO rela
tive to (fcu/P)B/L = 410. 

Geometry options which are includ~d in the subsequent concept sizing, weight, 
and cost analyses are indicated for each mode by the highest valued symbols
b/l and i/z. denoting baseline and integral zee geometry, respectively. The 
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TABLE XXVI WEIGHT AND COST COMPARISONS OF WING UPPER PANEL CONCEPTS 

F Hs C, CI F 
(SBR)req'dCODE GEOMETRY tlATERIALS P (1) '{ilshl/L ~ ,Ct 

(FIGURE 113 (FIGURE 90) (FIGURE 91) 

B/L b/l ALUMllIUM 4100T 1.00 45 1.0n. 9.11 0 

Al bll ALUHWurl 430C 0.95 45 1.00 9.56 0 

Tt bll TITAnIUM 330C 1.24 110 2.44 3.01) .200 

Fe bll STEEL 240C 1.71 45 (3) 1.00 5.35 ·200 

Be bll BERYLLIUM 710C (2) 0.58 660 14.70 1.08 ·200 
-

(l)OT (OAf~E TOLERANCE; C (COMPRESSION) (3)ASSUHE SAME AS RIVETED AlUMINUM STRUCTURE 

(2)ASSUHE l() FLUTTER RESTRAINT 

VARIABLE CEOMETRY 
~I (PI· 7050-T73651, E3 • 7060-T736511, F12 • 7050-T736) 

ULTIMATE COMPRES- ULTIMATE TENSION FATIGUE DAMAGE FLIrTER 
1000 SION TOLERANCE

is900
 

800
 .... 
OLE ... ~ 

';"4.1" .A' EXPANSIONi'r:T ATTACHMENTb 700 
"":5 ' ~ INTERFERENCE= 3 I" ~ ~."!t /1,/ - !lENEFIT 

Q ..... . Qt.; .:..:f4•5" < As ~l... 600 
- 3.5" Atot... w ~." (fcu/ p }l/Z --+!IL' ........ / 

~ 500 ~~6rr:0---- ~-----
@]) ~ - b' 71_-=- s .__ _ _
 

400
 ('CU/P)B/L
 

300
 

200
 .~ .'tl J .10 ~ ~ t J:4:6 .~ 
I-Ko K Ast/Atott 

Figure 114 WING UPPER PANEL - NE~ CONCEPT GEOMETRY SELECTION 

183 

.d ':6 ,'.2 (.4 



integral zee concept was se1ec~ed for further consideration. because of the 
cost reduction potential through reduced parts count and F/p improvement
potential of 27% relative to (fCu/P)B/L' Since "Al" materials were identified 
usi ng btl geometry (Fi gure 11~). an "i /z geometry fixed/materi al s vari able" 
check is normally required to establish or verify the best material selection 
under the new geometry conditions. However. examination of Figure 114 identi
fies the critical modes. in order. as compression and fatigue. for which 
aluminum materials capabilities 3re equal for each mode (Figure 113). Hence. 
differences in material selection can have no influence on overall improve
ment potential ard can only be the result of secondary mode consid~rations. 
A1 materials are Pl(7050-T736S1) for the cover panels and F12(70S0-T736) for 
the spar caps. The materials actually used for the I/Z concept are
 
P2(70S0-T765l) for the cover panels and F12(7050-T736) for the spar caps.
 

6.2.3 Fuselage Sh~il Panels 

An evaluaticn of selected paral material and geometry options was performed 
at the fuselage top centerline (~) area forward of tne front spar lStation 
703). The failure modes considered were ultimate tension and compression.
fatigue and damage tolerance for longitudinal and transver$e (hoop) loading
modes. The basic data for this evaluation is summarized in Figures 115 to 
121. Aluminum, titanium. beryllium and steel materials of sheet(S), plate 
(p) and extrusion (E) form are represented. The materials, material code
 
and material properties are summarized in Table XXVII. The panel geometry
 

~	 options considered were limited to honeycomb. isogrid and baseline. Baseline 
g~ometry and materials are included as a reference and point of departure for 
improvement. Baseline and honeycomb panel capability data F/Kp are from 
Section VII and isogrid data from Volume II of this report. Section IV. All 
the panel capability data are related to a common reference stress. longitu
dinal tension f tu ' through factors, K, defined by compression and hoop loading
ratios. 

Nxc/Nxt and Nyt/Nxt 

respectively, where Nxt is the longitudinal tension loading. 

The reference stress is further adjusted to reflect total panel weight (t)
by inc1uding the incremental tIs associated with buckled skin, adhesive, core. 
nodes. etc., as appropriate to each panel concept. However. an allowance for 
panel edge weight is not included for honeycomb and isogrid. Also, in the 
case of honeycomb and isogrid, due to the circular section in th'is area. full 
frames are not reqUired or included as for baseline. 

A "baseline geometry fixed/material variable" analysis (Figure 122) identi
fies fatigue for longitudinal loading as the most critical mode for the base
line concept (B/L) at (F/p)B/L::::: 330 relative to (ftulp)B/L :::; 215. The BIL 
skin material 51(2024-T3) is also the best aluminum material. Reduction of 
the B/l 0.063" skin gage to 0.050" (minimum gage for countersink requirements) 
increases ftu/p to apprOXimately 245. Use of a minimum gage (0.050") titanium 
skin material such as 525 improves the capability F/p as shown but reduces 
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ftu/p to approximately 140 (= 245 x 0.1/0.175). This is a heavier structure 
due to the higher density and 0.050 minimum gage. Therefore. titaniums (and
steels) are eliminated. Beryllium 540 results in a lighter structure due to 
the lower density; however, as for the wing (Section 6.2.1). it is eliminated 
on an initial and life cycle cost basis. Hence, the baseline geometry concept 
cannot be improved by a material substitution. 

,Examination of Figure 122 reveals that, with the exception of fatigue. the 
ihoop loading mode is generally more critical than the longitudinal loading 
I mode. This trend is further accentuated in the forward fuselage areas as 
'longitudinal loadings decrease. This reflects the increasing importance of 
hoop loading relative to longitudinal loading as the fuselage diameter 
increases and suggests that the amount of longitudinally oriented material 
can be reduced, provided longitudinal fatigue efficiency on the top (and
compression efficiency on the bottom) are improved. Further weight reduction 
requires a reduction in overall f, including t skin < 0.050 followed by 
improvement of the fatigue and then the damage tolerance capability for hoop
loading. 

A honeycomb concept was, therefore, selected for further study consideration. 
This concept, by eliminating attachment holes in the basic panel through
bonding and by incorporating a core supported doubl& skin approach, ~ffered a 
potential for fatigue, compression and damage tolerance improvement. Elimina
tion of the countersink requirement offers a skin gage reduction potential 
be1owO.050 minimum. The hoop-to-longitudinal area ratio is also increased. 

A "honeycomb geometry fixed/materials variable" analysis (Figure 123) reveals 
fatigue for the hoop loading mode as most critical at (F/P)H/C =320 relative 
to (ftu/P)H/C =275 which is established by the minimum skin gage (2t = 0.040). 
The honeycomb, H/C, skin material is S4(7050-T76). Substitution of 51 (2024-T3) , 
for example, would achieve a further capability improvement which only trans
lates into a higher margin-of-safety (and higher reliability) since ftu/p 
cannot increase due to the minimum gage constraint. A significant (ftu/P}H/C 
increase of 28% over (ftu/P}B/L is indicated. However. as previously noted. 
honeycomb panel edge weights are not reflected in these comparative results. 
Inclusion of edge weights as determined for the final design reduced the H/e
weight improvement potential to i''1proximately 0% in this area. A more effi 
cient edge member concept is desirable for honeycomb. although it should be 
recognized that for a lower weight basic concept, edge weight constitutes a 
larger percentage of the total. 

An isogrid concept was also selected for study. This concept eliminates
 
attachment holes in the basic panel through integrally attached and rela

tively closely spaced stiffeners, and, based on preliminary fatigue data,
 
effectively negates the node holes, thereby offering a potential for fatigue
 
and damage tolerance improvement. The triangular stiffener grid and skin
 
act as an isotropic panel for in-plane loads. similar to honeycomb. Orienting

the same amount of material in the hoop direction as in the longitudinal
 
direction offers a potential for improving the hoop loading modes.
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An "isogrid geometry fixed/materials variable" analysis (Figure 124) shows 
fatigue for longitudinal loading to be critical. with a relatively ~igh 

M.S. of 0.84 (= ~ - 1). The relatively low value of (ftu/P)I/G contributes 
to the high M.S. This low value at the top centerline is caused by the section 
requirement for general instability at the bottom centerline. Under the cur
rent analysis procedures. design for general instability requires axisymmetric
material distribution around the section. Hence. at the top centerline. 
(ftu/P)I/G is 14% less than (ftu/P)B/L' indicating a corresponding weight 
increase in this local area. Considering edge weights. the -14% increases 
to -20%. The I/G section at Station 703 is within 20% of being minimum gage.
hence in the more lightly longitudinally loaded forward fuselage. the section 
minimum gage constraint in conjunction with edge weight may also be penalizing.
Further. in the out-of-round forward fuselage. the isogrid concept requires 
frames for the pressure loads (as does honeycomb). thereby introducing an 
additional weight penalty. In the more heavily longitudinally loadeJ areas 
and along the bottom centerline in particular. the efficiency of the isogrid 
wi 11 increase. 

Application of the chart procedure to other representative peripheral and 
station locations is desirable to identify efficient material and geometry
options (or improvement potentials) f:om which an optimum integrated design 
(or overall improvement potential) can be defined. 
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SECTION VII
 

STRUCTURAL ANALYSES
 

Structural analyses were performed in support of new concepts formulation 
and to size and verify the resulting design concepts. The analyses are in 
accordance with the classical margin-of-safety relationship, Equation 1. 
Structural integrity requirements are satisfied, and undesirable forms of 
structural behavior precluded, when the structural capability equals or 
exceeds the requirement. Minimum weight results when the capability equals 
the critical mode requirement. This is an objective of the sizing analyses. 
For the STOL aircraft of the study, the primary structural integrity modes 
considered are those for ultimate strength, fatigue life, d~mage tolerance, 
and flutter. The structures considered satisfy the requirements for each of 
these integrity modes. Support of the concept formulation and selection 
process required analyses of the baseline concept structural elements to 
identify the critical modes and ~arameters. Baseline data are included. 

The structural elements of each concept were sized to the STOL requirements
for the critical capability mode. The general sizing approach first identi
fied the constraining local capability stresses for the ultimate strength, 
fatigue and damage tolerance modes, then checked the overall structure to the 
flutter mode requirements. The weight of the structure was then determined. 
In order to provide a valid basis for comparison of ~eights, the above 
approach was also applied to the baseline concept. The analysis methods 
generally used were simple and direct, consisting of classical principles and 
proven computer programs. The guidelines presented in Table XXVIII were used 
when analysis simp1ication was required. A description of the specific 
approach, methods, basic data used, and the results achieved are presented
for each integrity mode. 

7.1 FATIGUE ANALYSES 

Fatigue analyses were performed on selected critical areas of the baseline 
and new concept components. In addition, the fuselage was checked fer acous
tic fatigue. The structures meet the design life (=4 x service life)
specified in Section 2.2.2. 

The analyses were primarily performed manually using two level truncated 
spectra, which were derived from and representative of the full load spectra
of over 2000 stress levels, Section 2.3.2. Miner's Cumulative Damage Rule 
was used to determine the damage for a 60,000 hour design life Caused by the 
cyclical loading. The total damage EN was then used to calculate the service 
life, where EN = 1 at failure. 

Service life = 60,000 hours x 1__ (30) 
4 E!!. 

N 
The analysis SIN data shown in Figures 125 through 128 are based on tests 
of built-up aluminum structure and arc considered applicable to all aluminum 
alloys. The SIN data represent the estimated "minimum fatigue quality" of 
the baseline and new concept designs, as appropriate. 
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TABLE XXVIII GENERAL GUIDELINES FOR ANALYSIS SIMPLIFICATION 

Analysis emohasis to be on major weight. typical basic 
structure items. 

Analysis simolification to provide accuracy within t 5% in 
aeneral on weight (or stress) with respect to the unsimplified 
approach. 

Simplified analysis model(s) to retain the fundamental approach
by retaining the important ele~nts. 

The important elements to be identified on the basis of pre
liminary (or existing) analysis data/experience using the
"unsimplified" approach 
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7.1.1 Wing Box Structure 

Fatigue analyses were performed at wing stations 117.9 and 339.1. These sta
tions were initially selected by the Vf.-15 project group as being representa
tive of the basic structure and for which one-g bending I:lOments, stresses and 
full spectra damage analysis for each mission segrrent were available. These 
data were used as a basis to derive representative two level spectra for the 
study analyses and to extend these spectra to the study check stations. 

Due to the presence of significant flaps-down induced chordwise stress in 
conjunction with the primary spanwise stresses, a consideration of principal 
stress effects was required. SInce the principal stress direction is con
stantly changing, this consideration was resolved in favor of using the 
primary spanwise stress component to establish fatigue damage at one critical 
point of the hole notch. 

7.1.1.1 Wing Lower Cover - A two level spectra was used to analyze the wing
lower cover. The two level spectra is composed ~f Ground-Air-Ground (GAG)
and low level maneuver plus gust since the detailed computer a~alysis showed 
that the major part of the damage was caused by these sources, as shown in 
Figure 129. 

For GAG, which is defin~d as "peak-to-peak, II one cycle per flight, the cumu
lative frequency summary of peak flight and peak ground condition load factor 
excursions defines the full spectra. To reflect the fact that maximum load 
factor excursion is not always associated with maximum stress and that more 
than one large load factor excursion may occur per flight, only alternate 
peak excursions are used to define the GAG cycles and associated damage. A 
single eqUivalent GAG level is also defined to match the full GAG spectra
damage. For the 95,020 landings (i.e., flights) per 60,000 flight hours, 
this equivalent average 1evel occurs at rf = 95,020 "ith flight An ~0.56 
and ground An 0.47. (See Figure 23) 

A similar matching of total spectra damage at a single most damaging load 
factor level is used to define the equivalent low l~vel maneuver plus gust 
spectra alemerlt. The low level maneuver plus gust (LLM+G) spectra are given
in Table XXIX.wherein the most damaging level is sh~n to occur in the region 
of An =0.75. The one II gil bend; n9 moment and associ ated stress data are 
based on the mission midpoint and a section modulus aIM = 120~ X 10-6 in-3• 
The full spectra in conjunction with the SIN data of Figure 125 were used 
to define the total damage. The two levels thus identified to pive damage
equivalent t~ that of the full spectra for stations 117.9 and 339.1 are 
summarized below: 

Spectra	 Flight amax(KSI)Station	 Element A 9 _R_ f/60,OOO hrs. 

117.9	 GAG .55 11 -.99 95,020 
LLM+G .75 1: .14 47,167 

339.1	 GAG .55 8.1 -.68 95,02C
LLM+G .85 9.1 .08 9,066 

A typical example of the accuracy of 1he simplification is sha"m in Figure 
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130. The sum of the damage ratios is 1.01 as compared to one for the full 
spectrum analysis. This is within the five percent limit specified in 
Table XXVIII. 

For the Station 117.9 skin-spar cap joint, GAG and L~M+G damage were calcu
lated for selected values of aIM, from which corresponding service life and 
fatigue design stress values were established (Table XXX). From the service 
1ife-to-fatigue design stress relationship, a fatigue design stress = 47,000 
psi is defined for the required service life of 15,000 hours. In a similar 
manner, the reference ultimate design stresses for fatigue of the skin-spar 
cap joint at Station 339.1 and of the skin splices at Stations 117.9 and 339.1 
were determined. The same analysis results apply to both the baseline and 
concept designs since the spectra and the SIN data also apply to both. 

The equivalent moments, associated with the equivalent GAG cycle strtsses at 
Stetions 117.9 and 339.1, closely corresponded to Mission 1, Segments 8 and 
1, respectively, for flight and ground condition moments (Reference 42, 
Tables 5-1 &5-2). This then provided a simple and direct means of establish
ing the equivalent GAG moments and stresses and hence damage at the other 
selected stUdy stations, since Segments 8 and 1 1I1 gll moments were available 
at all other stations. Adding a similarly determined damage i~crement for 
LLM+G to that for GAG established the to~a~ damage and associated reference 
design stress level constraints for the study stations also (Figure 131). As 
indicated, the fatigue design strESS i~vels increase significantly at the out
board wing stations. In the skin-spar cap case, the stress levels also 
increase with spar cap thickness reducti,n reflecting increased interference 
from the installed fasteners. Decreased spar cap thickness [from tID =3 
(baseline) to tID <2] was selected for the new concepts. 

7.1.1.2 Wing Upper Cover - Arepresentative two level spectrum was also 
developed for the wing upper cover at Station 117.9 in a manner similar to 
that previously described for the lower cover. The predominant damage source 
is GAG, followed by taxi. 

Spectra	 Ground 
max(KSI)	 RStation	 Element A 9 f /60,000 hrs. 

117.9	 GAG 0.47 7.5 -0.99 95,020 
Taxi 0.75 8.9 0.14 827 

Skin-spar cap joint and skin splice damage, service life, and reference design 
stress values were obtained, as before, on all check stations (Figure 132). 

7.1.2 Fuselage Shell Structure 

Fatigue analyses were performed on the baseline and on the honeycomb concept
fuselage considering flight. landing and pressurization loadings. The 
detailed analysis work on the baseline configuration is covered in Reference 
42. The detailed analysis of the honeycomb fuselage is summarized in 
Section 7.1.2.2. 

The baseline vehicle was checked for longitudinal fatigue loading at Stations 
703 and 847. It was further checked for hoop loading in a minimum skin gage 
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I")TE: rOIl STATION 117.900 
TOTAL SPECTR~ DNIAGE 
WED ON oIM· 1200 • 10.6 (PSIIlN') 

1.0
Rut SPlr/Skin 1.0 

0.96 3 0.9". 1200 x 10. In·

0.8 0.8 

0.7 0.7 ..
 
0.6 ~. 0.6 

f ....CTlON or -i' 
0.5 $ 0.5TOTAl. LANDINGS I 

.4 0.4I
 
0.3 0.3 

0.2 0.2 

0.1 0.1 

o 
o	 20 30 40 50 60 

ULTtIlATE DESIGrl STRESS (KSI) 

Figure 129 FULL LOAD SPECTRA FATIGUE Figure 130 EXAMPLE OF SIMPLIFIED FATIGUE
DAMAGE DISTRIBUTION FOR	 SPECTRA ACCURACY 
BASELINE WING LOWER INBOARD 
PANEL 

3 4 5 TOTAL 

"ISS ION 

TABLE XXIX DAMAGE DISTRIBUTION DUE TO LOW LEVEL MANEUVER PLUS 
GUST SPECTRUM FOR THE WING LOWER COVER 

@@ (i)@Q) G.>CD ® ®® . + a+• n n 01lNge1 • R1 + 6g69 9 °max °mln (x "10.6) Iiex 10-6) (E i) 
Figure1+(j), 1 •	 CD @ KQ) KREHRENCE 1 ®/: ®/ <B>® 12' 

......6,329 0.741.15 0.85 8,5630.15 6.6004 ... ...5,seS .. 9,308 0.601. 9501 1.25 0.750.25 ... 
... ...4,84010,052 0.181.35 0.650.35 0.8100 

0.1056 
140.00 0.0018810,797 4,095 0.381.45 0.550.45 0.2ti25 

0.1037 
0.0390011,541 3,351 0.29 2.500.55 0.0975 1.55 0.45 

0.0647 
0.0108012,286 0.21 0.831.65 0.35 2.6060.65 0.0090 

0.0539 
13,031 1,862 0.43 0.032100.140.75 1. 75 0.250.0139 

0.0216 
0.021601,117 0.081 0.331.85 0.15 13.7750.85 0.0071 

•a9 • aNe•G• 6Damage based on 60,1100 flight hours. 
Occurr.nces of airplane Incremental C.G. due to low level 9ust plus

+K • (olg)UG+" • 7446 Il\ineuv@r. 
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TABLE XXX STATION 117.900 SKIN-SPAR CAP JOINT FATIGUE CAPABILITY COMPUTATION 

(j) @ @ @) ® ® (ll ® ® 

&MIg 6g n R da/dBM °lg o'nax N (DR)GAG 

STA. 117.9 
GAG GROUND-AIR-GROUND SPECTRUM 

SELECTED 

ARBITRARILY 
PSI 

(1 + I.g) 0lg 

(PSI) 
n 

T 

x 106 x 10-6 ®x(j) (1 + ® )(@) Figure 125 <V/ro 
5.807 0.55 95,020 -0.989 1,600 9,291 14,401 47,000 2.02200 

5.807 0.55 95,020 -0.989 800 4,646 7,201 1,000,000 0.09502 

5.807 0.55 95,020 -0.989 900 5,226 8,100 420,000 0.22620 

5.807 o 55 95,020 -0.989 1,000 5.807 9,001 250,000 0.38010 

@ @ 62) @ ® ® @ @ @ 
BH1g 6g n R do/dllH Olg °max N (DR)LLG+H 

STA. 117.9 
LlG + H LOW LEVEL GUST + MANEUVER SPECTRUM 

SELECTED 

ARBITRARILY 
PSI 

(1 + 6g) O'g 

(PSI) 
n 
rr 

x 106 x 10-6 @ x @ (1 + ®)(@ Figure 125 ~@ 
6.205 0.75 47,167 0.14 1,600 9,928 17,374 140,000 0.33700 

6.205 0.75 47.167 0.14 BOO 4,964 8.687 -- --
6.20!l 0.75 47,167 0.14 900 5,!I85 9,774 3,000,000 0.01570 

6.205 0.75 47,167 0.14 1,000 6,205 10,859 1,250,000 0.03770 

@ @ @ ® @ NOTE: Plotting Service Life vs (FtU)Fatigue 

da 
'imR 

TOTAL DAMAGE 
BASEO ON 

60,000 FLIGHT HOURS 

SERVICE LIFE 
(HOURS) 

ULTIMATE FLIGHT 

BEtIDING MOHf~:T 

(FtulFatigue 

AT SPAR CAP 

at spar cap shows tha~ the critical 

Ftu is 47000 PSI, i.e., at Total Damage 

x 10-6 ®x @ 60,000/(4 x @) REFERENCE 1 @ x ® '" 1.0. 

1,600 
800 

2.35900 
0.09500 

6,359 
157,895 

38.4 x 10° 
38.4 It 106 

61,440 
30,720 

900 
1,000 

0.24190 
0.41780 

62,009 
35,902 

38.4 x 106 

38.4 It 106 
34,560 
38,400 
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(.050") area. The service life projections of these analyses (shown in Table 
XXXI) relative to the service life requirement of 15,000 hours indicates high
fatigue margins. The honeycomb fuselage analysis results also indicate ample
margins, although lower than the baseline. The lower margins ar~ du~ to the 
higher design stress levels associated with the honeycomb concept. 

The baseline and honeycomb concepts were also checked for ~coustic fatigue.
The minimum margin of safety for the baseline vehicle panels was approxi
mately zero, whereas the margins were high in the honeycC'inb concept. 

The analyses leading to the above results are discussed in paragraphs 7.1.2.1 
through 7.1.2.3. 

7.1.2.1 Baseline Concept - Analyses of the baseline fuselage were accom
plished using the DAC computer program A6PA (Reference 43). The program com
bines the full load spectra representing the environment with the SIN fatigue
strength allowables to compute the damage. Two points, Station 703 in the 
forward fuselage, and Station 847. in the aft fuselage. were checked. 
Reference 42. 

The forward fuselage is subjected to inertia loads. airloads. cabin pressuri
zation and ground loads. The spectra defined incremental load factor excur
sions for the non-pressure load environments. The analysis then also defined 
and provided as input to computer program A6PA the following basic data. 

Section modulus K= t =198 PSI/106 in lbs of applied moment. 

One g stresses for each mission, 

do/dn (rat~ of change of stress for change in load factor) 

for all mission segments. and 

SIN data for the 2024-T3 fuselage basic structure. 

The damage due to GAG was computed separately from that due to taxi, gust and 
maneuver, Table XXXII. The taxi. gust and maneuver loads do not generate any
fatigue damage directly. although they do define the ground-air-ground (GAG) 

cycle which causes the damage. The predicted service life is 0.36 x lOG hours 
which is large relative to the service life requirement of 15,000 hours; 
hence, no fatigue problems are anticipeted. 

The f~tigue analysis for the aft fuselage (Station 847), was conducted in a 
simil~r manner. The section modulus for this station was. 

K=t = 184 PSI/lOG inch p~unds of applied moment 

The results are shown in Table XXXII. The computed service life is 1.92 x 106 

hours. which is also high relative to the service life requirement so that no 
fatigue problem exists. 

A fatigue check was also made for hoop stresses due to pressurization. The 
analysis in Reference 42. Page 62 was for a minimum gage of 0.063 inches. 
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TABLE XXXI FUSELAGE FATIGUE LIFE PREDICTIONS 

CONCEPT LOADING 

LONGITUDINAL 

LONG ITUD INAL 

HOOP 

LONGITUDINAL 

HOOP 

CHECK 

STATION 

PREDICTED 
SERVICE 

LIFE 
(HOURS) 

PAGE 
NlJ'lBER 

FROM 
REFERENCE 42 

BASELINE 

BASELINE 

BASELINE 

HON~YCOMB 

HONEYCOMB 

703 (TOP ~.l 

847 (TOP {) 

AREAS OF 
MINIMlJ4 

GAUGE 

703 (TOP q) 

AREAS OF 
Ml tilMlJ4 

GAUGE 

0.36 x 106 

1.92 x 106 

0.45 x 106 

87,100 

48,200 

23 

23 

62 

-

-

TABLE XXXII BASELINE FUSELAGE FATIGUE DAMAGE 
DUE TO LONGITUDINAL LOADING 

MISSION 
FLIGHT 

HOURS 

1(0) 16,000 

l(R) 16,000 

2(0) 4,800 

2(R) 4,800 

3 

4 

4,800 

8,000 

5 5,600 

DAMAGE AT STA. 703 

T, GloM* 

0 

0 

TOTAL PER 60,000 FLIGHT HOURS 

*TAXI, GUST AND MANEUVER SPECTRA 

AG-A·G 

U. :!1023 

0.02460 

0.00277 

0.00316 

0.00065 

0 

0 

0.04141 

ASERVICE LIFE c 4(g~6~~7,) . 0.36(106, HOURS 

•SERVICE LIFE = 4(g~6~~g) • 1.92(106) HOURS 

(1) REFERENC~ 42, PAGES 23, 60 AND 61 

-
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DAMAGE AT STA. 847 

T, GloM * 

0 

0 

. 
G-A·G 

0.00146 

0.00381 

0.00006 

0.00006 

0.00003 

0.00238 

0 

0.00780 



The minimum gage of the study baseline vehicle is 0.050 inches, Reference 
Section 5.2.1. The Reference 42 analysis established the altitudes and 
maximum pressures reached during each mission, and defined the associated 
maximum hoop stresses and total damage. Duplication of the analysis tor an 
0.05 inch minimum gage shows a high predicted service life (0.45 x 10 hours, 
Table XXXIII. 

7.1.2.2 Honeycomb Concept - The honeycomb fuselage was analYl~J for both 
longitudinal and hoop loading. Longitudinal loading was cO~~ldered at the 
four che~k stations--439, 703, 847 and 982. Hoop loading is critical in 
minimum face gage areas. Station 703 (forward) was selected as typical of 
these areas. 

The longitUdinal fatigue check assumed that 80% of all fatigue damage results 
from the ground-air-ground (GAG) cycle loads. This is sli~ht1y conservative 
in that the baseline fatigue analyses results (Table XXXII) show that 
practically 100% of the damage is due to the GAG cycles. The GAG cycle limits 
come from the e.G. load factor exceedance spectra. Figure 133. The number of 
design life GAG cycles is four times the number of service life landings, 
n =4 x 23.755 = 95.020 cycles. The typicJl GAG cycle is 1.56g flight
condition to 1.47 ground taxi condition. These loads are applicable to the 
fuselage forward of the wing. However. for the fuselage aft of the wing
(Stations 847 and 982), the critical flight loads result from a flaps extended 
condition. The mission profile data (Reference 42) shows that the aircraft 
flies a total of 570 hours (out of 15.000) with flaps down. Flaps are 
extended during lower altitude o~erations which are associated with generally 
higher turbulence. Hence, tilt: flaps down time was doubled, giving an equiva
lent flaps down time of 1140 hours, or 7.6% of the total flight time. The 
basic cumulative frequency curve was adjusted by the factor 0.076 to give 
the equivalent flaps down curve shown. This changed the GAG cycle flight
load factor to 1.36 g's, while the ground taxi value remained unaltered. 

One II gll inertia bending moments are presented in Reference 42, Pages 54 and 
59. for Stations 7~5 and 871. The dead weight portion was rationally
extended to the check stations. In addition. moments due to an average one 
II gll flaps down balancing tail load were added to inertia moments at Stations 
847 and 982. The pressure loads corresponded to the maximum pressure differ
ential for each mission defined by the maximum associated altitude and altitude 
lapse rate of Reference 42. Page 62. 

The flight <..~1 ground condition moments defined the GAG cycle maximum and 
minimum momen~s at ~ach check station. The checks were made at the fuselage 
top centerline. where maximum tension occurs. SIN data for the aluminum face 
sheets is from Figure 128. Section properties are summarized in Table XXXIV 
and the fatigue calculations for the critical Station 703 are shown in Table 
XXXI. 

A fatigue check was also made ior hoop pressure loading. The hoop stresses 
are maximum in minimum gage areas (minimum face skin gages = 0.02 inches). 
which exist over the top centerline area from Stations 366 to 703 and down 
the entire bottom centerline area. The hoop pressure loads are twice the 
longitudinal pressure loads (which are shown in Table XXXV) and have a cycle 
ratio R = C. The fatigue check, using Figure 128 SIN data. gives a predicted
service life of 31.900 hours for the new concept design. The service life 
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TABLE XXXIV 

I 
STATlOII 

,
 

(tll3)I~ (t03) (1113)(III.)1111. ) 

0.llOO'67121.6 94.4 0.000589439 206.6 

124.9 91.1 0.000633 0.000462703 191.1 

O.llOO'69 0.000386118.6 97.4847 252.6 

122.0 0.000447210.7 0.00057898Z 94.0 

~ ... 
2 

i 1 
a
l=rt 

; ~O 
";0 
.;~ 

'" 
'" 1 

2 

TABLE XXXIII BASELINE FUSELAGE FATIGUE 
DAMAGE TO HOOP LOADING 

1lA1I1lU'l NI0.... ft, 
CYCLES TO~LTlTUOE n,111551011 Rj(PSI)(103 FT) FAILlJlE 

1(0) 34.20 14.000 1.2 • 106 
~5.240 0.0127 

1(R) 1.0 • 106
~7.80 15.100 15,240 0.0152 

2(0) 12,900 1.9. 10631.57 4,572 0.0024 

4,57221R) 33.09 13,500 1.8. 106 0.0025 

3 41.80 15,100 1.0. 106 764 0.0007 

4,324 04 1.00 400 -
6,100 9,33615.00 05 -

TOTAL PER 60,000 fliGHT HOURS ~. 0.0335 . 
RoO 

'PREOICTED SERVICE LIFE ••ro~lmSj 0.45(106) ltOtJIS0 

I . 
-............ 
~ -- r "'_r + Gust 

"" --. 
...s FIR L.r •• 1.56 

~ 
FJ.ps lip 

ft rIR l.r•• 1.36 
FJ.ps 0;;;, ---

Z 4 7 

101 102 103 104 1 5 106 

tf • CIaII.Uft rNllueftCy/60,OOO Moun r; 
"'~ 
:I.~ 

.r.• 1.47 

....... r--- 1.. , 

, , . 

~ 

IHONEYCOMB FUSELAGE SECTION 
PROPERTIES i 

I 
i 

I(C/I)_(C/.)_cc !
TOP IOTTlJI 

Figure 133 C. G. LOAD FACTOR EXCEEDANCE SPECTRA 
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TABLE XXXV FUSELAGE STATION 703 FATIGUE ANALYSIS (HONEYCOMB CONCEPT) 

ONE "g" 1. 56g FLIGHT 1.569 FLIGHT CABIN CABIN Gmax 
MISSION MOMENTS MOMENTS STRESSES PRESSURE PRESSURE (KSI)

(l06 IN LBS) (l06 IN LBS) PSID STRESS (KSI)tKSI) 

9.2 14.71(0) -5.570 5.5 6.83-8.689 
l(R) 15.15.5 7.08 9.6-5.585 -8.713 

6.9 6.64 9.0 15.92(0) -6.973 -10.87R 
2(R) 9.1 16.0-6.988 -10.901 6.756.9 

13.43.1 7.61 10.3-3.114 -4.8583
 
4
 5.5 0.36 0.5 ~6.0-5.585 -8.713 

3.1 4.35 5.9 9.0
 

19 GROUND
 

5
 -3.133 -4.887 

1.479 GROUND Ni
omin "i";MOMENTS R (CYCLES TOMOMENTS 

(KSI) Hi(l06 IN LBS)(106 IN LBS) FAILURE) 

+0.257 +0.378 2.9 x 105
 15,240 0.0526-0.01--0.2 
+0.2 +0.01-0.378 2.4 x 105
 15,240 0.0635-0.257 

8.8 x 105
 4,572+0.764 0.0052+0.520 -C.5 -0.03 
1.8 x 105
 0.02540-0.062 -0.091 0 4.572 
2.5 x 105
 764
 0.0031+2.813 +4.135 -0.19-2.6 

rO.557 0+0.379 -0.4 -0.07 17.296• 
37,336 0.~1332.8 x :06+1.462 +2.148 -0.14-1.3 

DR =0.1632PREDICTBD SERVICE LIFE IS 73.500 HOURS FROM I TOTAL 95,020 
(60,OOO/4)(0.8)(1/[n;/N;]) WHERE 0.8 ACCOUNTS FOR 80% DAMAGE DUE TO GAG 



versus design stress relationship (shown in Table XXXVI) is useful for 
identifying the design stress that exactly meets the service life requirement.
This relationship is established through face skin gage variation where .02 
inch gauge corresponds to 66.240 PSI maximum ultimate flight stresses at 
fuselage stations 703. top centerline (see Section 7.3.2). 

7.1.2.3 Acoustic Fatigue for Baseline Fuselage - The acoustic fatigue 
analyses were limited to the baseline configuration skin panels. No analyses 
were required on the honeycomb concept because the effective panel sizes are 
so small that acoustic fatigue is lIot critical. The baseline concept is 
analyzed by a DAC design chart approach based on test data for skin and rib 
structure. 

Estimated pressure spectrum levels on the fuselage during ground static opera
tion at full takeoff power. with flaps at 0°.23° and 55° curves are given
in Reference 1. These data relate to fuselage zones. which are defined in 
Figure 134. Reductions from the estimated pressure spectra levels for fuse
lage zone and circumferential location are shown in Tables XXXVII and XXXVIII, 
respectively, where the reference points on Table XXXVIII refer to the loca
tions on Figure 134. All skin panels were chose~ to be 10.94 x 24 inch 
rectangles. The natural frequency of the panel is obtained from the DAC design
chart. A plus and. minus 25 CPS range is conse~vatively considered. The 
larger value is used to conservatively increase the number of applied (n) 
cycles. The smaller value is used on the design chart to establish the allow
able life curve. All damage was assumed to occur at or near the ground, at or 
close to 100% thrust (Table XXXVII), and to be linearly cumulative. 

Inspection of the skin gages and zone chart identified the critical panels,
which are summarized in Table XXXIX along with the resulting margins of 
safety. 

7.1.3 Horizontal Stabilizer Box Structure 

Fatigue analyses of transport aircraft horizontal stabilizer box upper cover 
panels show. in general, that (1) fatigue is not a critical mode and (2) the 
ground-air-ground (GAG) cycle is the predominant fatigue damage mode. A 
preliminary check of the baseline cover panel spanwise splices using bas~line 
wing lower panel GAG spectra and SIN data (Err~ennage spectra not available 
hence this analysis qualified by spectra analysis) yielded a capability 
Ffatigue > 90.000 PSI (expressed in terms of tension ultimate). This is 
greater than the panel tension ultimate capability .8 Ftu ~62,OOO psi 
(7050-T76 skin material). Hence, it was concluded that fatigue is not a 
critical mode for the baseline horizontal box unless a reduction of fatigue 
geometric efficiency below baseline levels is considered for cost savings or 
other reasons. 

A similar check of the bonded honeycomb concept on the basis of a "no ho1e" 
SIN curve (K <2 assurr~d) yielded a fatigue capability significantly higher t 
than that of the baseline. 
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Figure 134 FUSELAGE ZONES OF ACOUSTIC NOISE 

TABLE XXXVI SUMMARY OF HOOP STRESS FATIGUE ANALYSI~ 

CESIGN STRESS (PSI) PREDICTED LIFE (HOURS) 

59.600 

66.240 

72.900 

78.400 

31.900 

19.700 

-No 

Fl 

TABLE XXXVI I
 

NlJ'1lIER 

t 

2 

3 

4 

5 

6 

CC'tOITION 

TAKEOFF 

TAKEOFF 

3 ENGINE 

LANDING 

4 ENGIN£ 

LANDING 

TOUCH a GO
 

LANDING
 

REVERSE 

T'IRUST 

ACOUSTIC db REDUCTIONS FOR 
OPERATIONAL CONDITION 

flAP 
SETTING 

23" 

23" 

55" 

55" 

55" 

THRUST 
(t) 

100 

100 

100 

60 

100 

REVERSE 

VELOCITY db 
(KNOTS) REDUCTION 

0 0 

.7100 

100 -7 

100 -11 

-3eo 

0 0 



TABLE XXXVIII ACOUSTIC db REDUCTIONS FOR
 
CIRCUMFERENTIAL LOCATION
 

OCTAVE BAND CENTER fREQUENCY 
ZONE
 

POINT
 

REfERENCE 

250 50012563 
t- 

f2 -51 -9 -5 -5 

00-1 -1f2 2 

-8 -5-43 -3f2 

005 -1-2f2 

-15 -13 -1515 -10f2 

4 -8 -6-6 -5f3 

+10 -1f3 6 -1 

-5 -27 -3F3 0 

-28 -2 -1 -3F3 

+1 +1 -1 -29F3 

·110 ·2 -1 ·2FJ 

-513 -8 ·6 -5f3 

-1 0-1F4 11 -1 

+10 -212F4 -2 

014 -1-2 -2F4 

TABLE XXXIX SUMMARY OF ACOUSTIC FATIGUE ANALYSIS RESULTS 

CHEC" 
POINT 

NlJolBER 

+ 
ZONE 

Fl 

F2 

FJ 

F4 

F5 

9 

DEGREES 
FROM 

TOP i 

SKIN 
GAUGE 
(IN) 

RESONANCE 
fREQUENCY 

(CPS) 

TOTAL 
DAMAGE 

ni
DR • tl'lf 

MARGIN 
Of 

SAFETY 

1 

2 

3 

4 

5 

Any 

0-52 

52-110 

110-157 

157·180 

-

0.050 

0.063 

0.080 

0.071 

0.050 

70 

90 

130 

110 

70 

0.0104 

0.3240 

• 1.0 

• 1.0 

0.0104 

High 

High 

0 

0 

High 

+See figure 134 for zone locations 
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7.1.4 Vertical Stabilizer Box Structure 

A preliminary check of the baseline cover panel-to-spar cap spanwise splice,
using the baseline wing lower panel maneuver plus gust spectra and SIN data 
(See note in Section 7.1.3). yielded a capability Ffatigue~ 75,000 PSI 
(expressed in tension ultimate), which is greater than the panel tension 
ultimate capability .8 Ftu =62,000 PSI (7050-T76 skin material). Hence, 
fatigue is not indicated to be a critical mode for the baseline vertical box 
unless a reduction of fatigue geometric efficiency below baseline levels is 
considered for cost saving or other reasons. 

A similar check of the bonded honeycomb concept on the basis of a "no-ho1e ll 

SIN curve (Kt <2.0 assumed) yielded a fatigue capability significantly higher 
than that of the baseline. 

7.2 DAMAGE TOLERANCE ANALYSES 

Damage tolerance analyses were performed on critical wing and fuselage primary 
structure to identify design stres~ levels and to verify that the required 
unrepaired service usage period was being met. The criteria used was the USAF 
Damage Tolerance Criteria Revision D (18 August 1972), presented in Appendix
A. except as noted in the following pages. Walk-around and depot inspectability 
were used for the wing lower covers. Special visual and depot inspectability 
were used for the wing upper covers, the critical upper quadrant of the fuse
lage, and the empennage. 

Two level spectra applicable to the particular structure being investigated 
were determined from an evaluation of the full spectra which contained over 
2000 stress levels (Reference 1). In each case, the truncated spectra con
sisted of a low frequency level (9round-air-ground, GAG) and a high frequency
level (gust plus maneuver or taxi). The spectra values used are included in 
the subsections on the specific structural components. 

The criteria used to select the structural members and locations for analysis 
are summarized in Table XL. 

In general. hand analyses were used to account for a range of complex st~uc
tural conditions including multiple members and associated interacting cracks, 
such as for the wing spar-skin joint, in a single analysis. The crack growth
analyses were based upon linear elastic fracture mechanics wherein the crack 
growth rate and the residual strength of the structure are governed by the 
local stress conditions at the crack tip expressed as a stress intensity 
factor 11K." A discu~sion of the method can be found in Reference 33. The 
general equation for the crack tip stress intensity factor is: 

K = SaYM (3l) 

a = gross area stress remote from the crack 

a = crack half length 
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TABLE XL 

LlVll 

COiliPpnent 
or Area 

Component 
or Area 

N Iw 

Point 

component" 
Ar~a or 
POlnt 

CRITERIA FOR SELECTION OF CRITICAL DAMAGE TOLERANCE ANALYSIS POINTS 
-I FAC10R	 CRIHRION RE::ARKS AND RATlQI;AlE 

I \ieight (l) Study objective is to n,inimize structural weight
Fraction I [6~:} fraction (Ws/wl. 

max 
For fixed study e~fort. enhancedquantitativeness 
of ~s. is achieved by placing analytical emphasis nan 
on ~ximum comp~nent weignt fraction (Aws/~s)max. 

(2) Critical MS s (A'hi~ved Period) _ 1 - QI(Achi~ved ) " Requlred Perlod min >Penod nlln Minimum achieved period is a function of
 
Stress Type
 (a) Tensile stresses	 (at).°t 

ClStress (b) ~~ximum positive cyclic stress rangef fl91flagni tude l tU)	 (A o~ax • 0tlg max) normalized for 
max material (ott IF tu )	 •9 max 

I Section IfAST] (cl ~~ximum stiffenerlskin area ratio (AST/As~) 
Geometry for JllclXimUlll skin stress in presence of falledlASK max	 stiffener (internal and relatively uninspect

ab1e>. 
I flaw Stress I A	 (d) ~~ximum stress intensity (K) per unit nominalmax IConcentra t ion	 s tress (0 h Le., 

(1:10 )max • )max r;;. A • 

I 
max
 

I·lateria1 I Kc (e) ~laximum crack growth rate @6K cC Kc
min 
C AKll 1fdaj-1 •	 .

ldn max (l-R) KCmin • Kemin 

Jnltial (f) f.laximum start condition damage size.(2 ai)max
Damage 

f (structure type)Size 

( Period ) I I ( 3) llaximum required period is a function of:
 
Required mQlt.
 

Jnspectabil i ty I	 (a) Minimum degree of inspectability {Imin ).Imin I 

............·f
 

........._ ••._"'--._-.>_---- __ ...-..o.-_~.•~	 ...... 'ftC. .--......a t·. ' l tr trf ' '$' 'ltt'"
 



s =modification factor for the effects of stiffener, 
finite width, holes, etc. 

A = constant = tr (for "through" flaw) 

=~ (for "part through" flaw) 

Appropriate modification factors (s and A) were used to adjust the basic 
equation for structural conditions such as finite width sheet. asymmetric
cracks. cracks starting from hole or surface flaws, through or part-through
cracks, and the influence of stiffening members. The particular stress 
intensity factor formulations used are presented in the following analysis 
subsections. 

For multiple cracks in stiffened structure. the influence of one cracking
member on the crack growth of anothe~ member was also represented by a 
modification factor. The factor was assumed to b~ unity until the first 
member failed, at which time the factor increased to account for the load 
transfer and varied with the subsequent crack growth in the other member(s).
The modification factors were determined using Douglas computer code N4BD 
(Reference 44), which requires a symmetric structure and crack. For asymmet
ric structures and cl'acks, e.g. t wing skin-spar cap joint, the structure 
and its mirror image were input to provide a symmetric model approximation
for the modification factor analysis. 

Crack growth timp.-history calculations were based on experimentally deter
mined curves of ~K versus da/dN at room temperature and for lab air chemical 
environment conditions for the material of the structure being analyzed
(Figures 13~ through 140). The crack growth histories also did not account 
for crack retardation effects from crack tip plasticity. This is somewhat 
c~nservative, since literature and in-house test data indicate that time 
retardation factors as high as 1.5 are not unreasonable. More work, which 
is beyond the scope of this study. is required to calibrate existing retarda
tion analysis models to test data. The study assumptions with respect to 
temperature, chemical and retardation effects are to some extent offsetting. 

Failure (i.e., unarrested fast fracture) was determined from the criteria 
requirements for "one-time" load and a residual strength analysis of the 
particUlar structure. Residual stl~ngth was determined from the fracture 
mechanics principle that a partially cracked structure will fail completely
when the crack tip stress intensity (K) reaches a critical value (K ). The 
residual strength is then defined as: c

K
a =-c (32) 
res 13.JAa 

The critical stress intensity. Kct has been experimentally determined for 
many aircraft materials, Reference 11. and varies with material thickness. 

The criteria specifies that the structure must be able to sustain the one
time load (or stress) that could ocr.ur in one hundred times the applicable 
inspection interval. This load requirement was established from cwnulative 
frequency curves of 0max derived from the full stress spectra associated 
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with the structural component. An example derivation is given in Section 
7.2.1 Structural failure starts at the crack size existing when the residual 
strength becomes le~s than the required load. thus defining the time period 
of safe crack growth. 

As with fatigue. a reference design stress level is associated with the 
defined time period. Since. in the Forman equation. the time period is 
inversely proportional to da/dN and da/dN is proportional to (~K)n in the 
region of primary period accumulation. a single time period and design stress 
solution (T1• a1) can be extended to define other solutions (T2, 02)' 

(oreq'd. Treq'd)' etc. 

T ) lin 
0=0 1 (33)

(required 1 Trequired 

The Forman equation exponent. n. is that of the critical structural member 
material which primarily determines the time period. For example, failure 
of the spar cap determined thl: life of the skin-spar cap strur,~II"P in the 
baseline configuration. The constant. n. for the spar cap material was. 
therefore. used in that case. In the ensuing sections. results of the damage
tolerance analyses are summarized and further described through numerical 
examples which illustrate more specifically the methods used. 

7.2.1 Wing Box Structure 

Damage tolerance analysis data and design stresses for the baseline and 
integral concept wing lower and upper covers are summarized in Tables XLI and 
XLII. The analyses were performed at Station 117.9 to make use of available 
data from the project group. e.g .• the one "g" stress levels for the complete 
spectra. The Station 117.9 da~age tolerance design stresses were then 
extended to the four check ~tations on the basis of the fatigue design stress 
variation developed in Section 7.1.1. 

The damage tolerance analyses provided design stress levels for structural 
sizing and material. georretry. and criteria variation effects for concept 
selection guidance (Section 6.1). Both hole and surface flaws were investi
gated. 

7.2.1.1 Wing Lower Cover - A representative two level spectra. developed 
from the cOliiplete spectra (Reference 1). was used in the wing lower covel' 
analyses. An example of the two level spectra development method is shown 
in Section 7.2.1.2. The low frequency ground-air-ground (GAG) spectrum
element. with the compression stress portion eliminated as non-damaging. was 
defined as follows: 

~a = 10.500 psi. R = O. f = 23.800 cyc1es/15.000 hours 

The high frequency.!. maneuver and gust spectrum element (Reference 1) was 
defined as follows: 

~a = 4.400 psi. R =0.48. f =1.100.000 cyc1es/15.000 hours 
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(a) Spar-Skih Cap Joint - The baseline and integral concept skin-spar cap
joints were analyzed for flaws at a fastener hole, (see Table XLI, Cases 1, 
2, 3, 7, 8, 9, and 13). In an initial analysis, all of the initial flaws,
Figure 141, were "grown" simultaneously until the fai lure crack length of 
points (2) through (5) in the region of the spar cap and point (1) in the 
skin were reached. Comparison of the crack growth time-histories established 
that the cracks of primary importance in determining the structural iife and, 
therefore, the design stress, were the skin crack (1) and spar cap crack (2).
Crack (1) growth was best represented with a symmetric model and crack (2)
growth was an asymmetric model. The symmetry/asymmetry was determined by
checking the slow crack growth history of cracks (3) and (5) relative to that 
of cracks (2) and (1). respectively. In the subsequent analyses, cracks (3). 
(4), and (5) were not considered since small structural elements were involved. 
F~i1ure of the spar cap occurred when crack (2) reached the spar web. At 
spar cap failure. the skin crack tip stress intensity increased markedly due 
to the added spar cap load (Figure 142). (NOTE: The modification factor 
computer code currently does not account for the gradual spar cap 10ad trans
fer to the skin during crack growth.) For the baseline. the separate non
integral stringers encountered were assumed to remain intact. However, for 
the integral concept, the skin crack branched and propagated into the 
stringers as well as the skin. In all cases, the influence of the local 
proximity of a stringer on the Skin crack tip stress intensity was accounted 
for (Figure 143). 

The stress intensity equation for the skin hole corner radius crack (1)
growth through the thickness is as follows: 

(34)ab (L)
AK = AalZa ~ f r Bspar cap (Reference 45) 

where: B cap =modification factor accounting for the spar spar cap load transfer (Figure 142) 

L = ..!. 
n:

ab = back surface correction factor for a corner flaw 
from a hole (Reference 45. Page 176) 

f(l) =stress intensity factor coefficient for symmetric 
r cracks at holes (Referellc~ 33, Page 44) 

The stress intensity equation used for skin IIthrough" crack (1) growth is 
as follows: 

AK = Acini f(f) Bspar cap ~stringer (35) 

where: Bstringer = modification fa~tor for stringer load 
transfer. see Flgure 143. 
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TABLE XLII WING DAMAGE TOLERANCE ANALYSIS SUMMARY - UPPER COVER - STA 117.900 

STRUCTURE AST INITIAL fLAW TYPE DEPOT INSPECTIO" SPECIAL VISUAL INSPECTION 1 CASECONCEPT HATFtUAL 
ELEMENT ATOT AND CRITERIA DESIGN DAMAGE EXTENT DESIGN DAMAGE EXTENT 11K NO. 

STRESS MD 81'QS STRESS AND BASIS 

BASELINE SKIN: SKIN-SPAR (FULL SIZE FLAWS AT HOLE SPAR CAP BREAK- NDT APPLICABLE. 

GEOMETRY 7075-T76 CAP SPAR CAP) 

1 ·f-O.OS" ING AND STRINGE TIME PERIOD-O 

STRINGERS: JOINT 0.72 16475 INTACT. 9.5 14D.01R" 
'---l SLOW CRACK 

RIVETED 7075-T651 r " GROWTH. 
SKIN AND SPAR CAP: CRITERIA: REVISION D 

707S-T6 
STRINGER BASIC SURFACE FLAW ~TRINGER~ STRINGERS 

"1 0.25" r- 0.125" INTACT. INTACT. 

0.33 I -- '" P 20128 MARCH 1974 13418 HARCH 1974 9.5 15 
CRITERIA. CRITERIA. 

SLOW CRACK SLOW CRACK 
CRITERIA: HARCH 1974 GROWTH GROWTH. 

SKIN: SKIN-SPAR (fUlL SIZE FLAWS AT HOLE SPAR CAP 
7050-T76 CAP SPAR CAP) BREAKING AND NOT APPLICABLE. 

~5'JOINT STRINGER INTACT TIME PERIOD"O 
STRINGER: 0.72 O.Ol"R 18636 16.0 16 

7050-T76 SLOW CRACK 

SPAr. CAP: GROWTH. 

7050-T73 CRITERIA: REVISION D 
BEST NEW SKIN: BASIC SURFACE FLAW INTEGRAL STRING INTEGRAL STRING 

CONCEPT 705G-T7651 1 0• " I25 ERS BREAKING. ERS BREAKING. 
GEOMETRY STRINGER: 

7050-T76S1 0.33 \ ~ '" =P ~RCH 1974 MARCH 1974 
INTEGRAL 33937 CRITERIA. 19023 CRITERIA. 16.0 17 
SKIN AND SPAR CAP: 0.125 SLOW CRACK SLOW CRACK 
STRINGER 70So-T73 CRITERIA: MARCH 1974 GROWTH. GROWTH. 
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1. 11K at da/dN .. 10-5 at R • 0 I 

_ -~.' _._'.i~'--"""'-.~'" 

I 
I 



u..-:.__ , • rn0 

\
 

SKIN CR';CK TIP DISTANCE FRlJ1 STRINGER LOAD TRANSFER POINT (INCHES) 

Figure 143	 SKIN CRACK TIP STRESS INTENSITY 
MODIFICATION FACTOR DUE TO 
STRINGER LOAD	 TRANSFER 

CD
 

0.7 oI i iiiI 

16 

RIVET 

t 

a • I 

SPAR CAP 8ROI.~ 

SPAll CAP 
lS 8ROKE'. 

~~ 

13 

..a. 12 
u 

~11 

.;{' 10 

c '" t; 9 
~ 
z: 8 
c;:
:5 7 
:;:	 NOTE: CALCULATED 8Y 
~ 6 ClIlPUTER PROGRAIl 
~ '.48D 

S 

4 

o : r , i 
012 3 4 S 6 

SKIN CRACK lENGm. I; (FRlI'I RIVET ~ IN.) 

Figure 142	 SKIN CRACK TIP STRESS INTEGRITY
 
MODIFICATION FACTOR DUE TO
 
BROKEN SPAR CAP
 

0 

Figure 141 

N 
N 
N 1.0 

'" 0.9 

~ 
t;'" 
'" 0.8 

·Thr,lJgh-the-Thickness Flaw 

SKIN-SPAR CRACK GROWTH MODEL 

APPROACHING STRINGER 

0.5 1.0 1.5 2.0 



Similarly. the stress intensity equation for spar cap "through" crack 
(2) growth is as follows: . 

AK =AO{naequiva1ent A 
2 

(36) 

where: aequivalent = a[f(~)] 

• equivalent Griffith crack length
(Reference 33. Page 74) 

A • finite width correction (Reference 33) 

stress intensity factor coefficient for
asymmetric cracks at holes (Reference 33) 

Anumerical example of the methods used in shown in Table XLIII and Figure 144 
for the skin crack (1) growth (Case 2. Table XLI). Using slow crack growth
criteria. the skin crack (1) growth history was first computed for the spar 
cap intact (i.e .. Sspar cap = 1). A similal~ bllt separate calculation for 
spar cap crack (2) growth (With the skin intact) established spar cap failure 
at 10.460 hours. (NOTE: For the spar cap cases. cap failure was defined at 
~+ ~ or the crack reaching the end of spar cap leg. whichever came first.) 
Skin and integral stringer growth subsequent to spar cap failure is precipi
tous and prOVides only a small additional period prior to final failure. 

The corner crack and through crack formulations for 6K were used to calculate 
the residual strength of the skin. Table XLIV. The residual strength varia
tion is shown in Figure 145. When the required one-time-stress level (deter
mined at 100 times the depot or walk around insrection intervals per Arpendix
A) equals the residual strength. the maximum safe crack length and. hence, 
time period is defined. 

The one-time-stress le'.els were derived from the maximum stress versus cumu
lative frequency data for the complete load spectra of the wing lower panel 
at Station 117.9 (Figure 146). A cross plot of the data readily identifies
the one-time-stress values for the inspection periods considered (Figure 147).
For depot inspection) Figure 145 shows no crack arrest since the residual 
strength curve does not recross above the one-time stress line. Use of slow 
crack growth criteria to define the initial flaw sizes was, therefore, justi 
fied. However. crack arrest does occur for walk-around inspection at a crack 
length of 5.75 inches. since the dynamic factor requirement w~s exceeded. 

Gres max _ 23,000 > 1 15 
Gone-time - 18,750 • 

However, the initial flaw sizes were kept unchanged. since the period for 
walk-around inspection starts at a two-inch crack and therefore is assumed 
to be relatively unaffected by initi~1 conditions. 
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TABlE	 XLIII NUMERICAL EXAMPLE OF 
SKIN CRACK GROWTH CALCULA
TIONS FOR WING SKIN-SPAR CtP
JOINT WITH SPAR CAP INTACT 
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O.16ZjO.0617 1.0 ! O."S66 0.1414.01·'1 3.G n.Jl88 
0.04 1.001 0.n61 0.28111 0.60661.' 
0.07 1.006 0.)'J~9 l.~ 0.1711 n.67lZ1J~:~~; 
0.1 ~.6171 1.016 0.16~6 1.77~ o.un 0.1201 
0.16 151 o 1j651o.o~o 1t.,1 0."" 1.2' o .'1I 

I, i)Ill) ti M ~~ O~ 67l~il. 

•
 fd.,,",
 ,'dr/d_f" ~t da/'"~, ! R I *.1.rJ 
,I @2 lorl ~P[LTU FIG "0 :@®@ @@ 

rr-Jll.1Q.. 
1. 7 ".:'.10.8 0.00123.8H0.01 10.~~! 0 O.OOAI~' O.OOO~l

6.~.10·9 0.0071S1.100.00< 1617....'101 0.48 

10.~0. 0 21.BI 1.8.10- 0.0066761690.04 0.07817 O.llOml' 6.5.10-8 0.07114.400 0.48 16691.100.00< 

10.~ lOSll0 11.BI ...1.10.7 0.009/610.07 0.1111 (OO8l1
l.llS.IO· 0.11114.400 0.48 19581.100.001 
~.I.l0·7 0.01)100 2l.Bl~ I~610.1 II~.: 0.1106 10.010040.48 1.IOO.DC 3168 1.1~.10· 0.1)71 

n,Rl. 1001110 100 1.8alD-6 0.041R6 0.4019 0.017060.16 1 : 
1.1.10.1 0.1610.48 1.100.~ 4115'.' 

n 

I O. Q~ (2(1~ M 

• • 1 TIM£ •... .t*. 10. f4l)tIR5"'OI'OWT 
RlHRUI([ .\Q) (1) AV(1Wi[ Ill ..." •• Q}/all 'OD 

0.01 c 
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1••61S0.07 G.03 0.081 0.0091 1./25
0.1 17.810 

~.06 0.13 0.017 3.2950.16 21.114 

' CAS[ 2. TAIL[ XLI &PER 15.000 NQ<Jl1 -7171-716 

TABLE XLIV NUMERICAL EXAMPLE or SKIN CRACK 
RESIDUAL STRENGlH(l) CALCULATIONS 
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For depot inspection, the safe time period was approximately 10,460 hours 
(Figure 145). The associated reference design stress (al ) corresponding to 
the design bending moment (Reference 1) was 46,080 psi. The critical element 
was the 7050-T73 cap, for which the Forman equation exponent n = 2.~.6. Using 
the stress/period relation developed in Section 7.2., 

T ) l/n 
°2 = a1 ( T~ (37) 

where: T = 7500 = 2x Depot Inspection Interval (Appendix A)2 
10 461) 1/2.376 °2::: 46,080( 7:500 = 53,038 psi = FTDamage 

Tolerance 

for walk-around inspection, the crack is in an arrested state from 4.5 inches 
to 7.25 inches (Figure 145). The time period for the arrested portion was 
calculated to be 63 hours using the method for the corner radius crack shown 
previously. The minimum crack size for walk-around inspection is 2 inches. 
therefore, the total period was also 63 hours since the crack was fast running
between 2 inches and 4.5 inches, i.e •• zero time. The design stress was cal
culated as: 

1. 63 ) 1/2.376 
a1 ~ 46,Oao\~ =37,233 psi = FTDamage Tolerance 

where: Tl = 5 x walk around interval =125 hours (Appendix A) 

T2 =63 hours 

Therefore, the lightest structure for the skin-spar cap joint for the wing
lower cover (Case 2, Table XLI) was obtained using the higher capability level
associated with depot inspection (Figure 148). 

A summary of the skin-spar cap joint damage tolerance analysis results appears
in Table XLI, Cases 1, 2. 3, 7, 8, 9 and 13. 

(b) Skin-Splice - The baseline and integral concept spanwise skin splices 
were analyzed for flaws at a fastener hole (Figure 149). Skin crack (1) and 
stringer crack (2), shown in the figure, determined the time period and, 
hence, the design stress for the splice structure. The crack growth model 
symmetry/asymmetry selection was guided by the skin-spar cap joint analysis
previously discussed. The residual strength and design stress calculation 
methods were also the same as those used for the skin-spar cap joint. The 
baseline "approaching" stringer was assumed to remain intact. The integral
concept "approaching" stringer was subject to crack gi4 0wth as shown in Figure 
149. The results of the skin-splice analyses are summarized in Table XLI 
(Cases 4 and 10). 

(c) Surface Flaws - The baseline and integral concept wing skins were ana
lyzed for the surface flaw geometry shown in Figure 150. The crack was 
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"grown" through the thickness to back-surface-penetration and then continued 
as a through-the-thickness crack to failure. The calculation methods used 
for crack growth, residual strength and d~sign stress were the same as 
pre\'iously described in the skin-spar cap numerical example. The surface 
flaw analysis results are tabulated in Table XLI (Cases 5, 6. 11, and 12). 

7.2.1.2 Wing Upper Cover - A two level spectra based on ground-air-ground
(GAG) and taxi elements was developed for the wing upper cover analysis. The 
low frequency equivalent-spectrum-element was defined from the full GAG spec
trum with the compression stresses eliminated: 

Aa = 7491 psi, R = O. f =23,800 cycles/15.000 hours 

The high frequency equivalent-spectrum-element was defined from the full taxi 
spectrum (Reference 1). 

~a = 2.548 R =0.6. f = 5.115.232 cycles/1S.OOO hours 

The taxi equivalent-spectrum-elemel;t calculation is shown in Table XLV to 
illustrate the method used in computing all of the truncated damage tolerance 
spectra used in the study. 

On the basis of wing lower cover data. tt,e baseline and integral concept skin
spar cap joints were identified as the most critical location for upper cover 
analysis. The results of the analysis. using the methods and models described 
in Secti~n 7.2.1.1. dre presented in Table XLII. 

7.2.1.3 Paran~ter Sensitivity Studies - Damage tolerance was the critical 
mode for much of the inboard upper and lower cover structure of the initial 
baseline (7075 aluminum) wing. Information on the effect of material. geom
etry. and criteria changes on damage tolerance was therefore developed. which 
in conjunction with the concept selection charts (Section 6.2.1). provide 
design guidance for improving the wing concept. Crack growth resistance was 
increased in the new concepts by incorporating material and geometry changes
and in the initial baseline by material changes only. 

Damage tolerance analyses of the initial baseline wing are described in 
Tables XLI and XLII (Cases 7. 10. 11 and 14). As indicated. use of walk-around 
inspection (in lieu of depot inspection) criteria eliminated surface flaws and 
skin-splice hole flaws in the wing lower cover from being critical for design. 
For the upper surface. however. special \'isual inspection criteria applied
1nstead of walk-around, so that surface t1aws could be critical and. hence. 
were considered (Table XLII. Cases 15 and 17)0 Th~ skin-spar cap joint was a 
critical flaw location for both the lower and upper covers. 

Spar cap thickness (hence. area) reduction was studied (Table XLI. Case R vs 
Case 7) to define the effect on the s~in crack tip stress and period. The 
associated load reduction effect under broken spar cap conditions is seen in 
the residual strength diagram (Figure 151) where the residual strength im
provement also improves the walk-aroun(. inspection period and hence the 
design stress. The effect is more pronounced under improved material condi
tions (Table XLI. Case 3 versus 2). 

The effect of changing materials was also studied (Table XLI. Case 13 vs 7). 
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The skin and stringers were changed to 7475-T7651 and the spar cap to 7050
T73 from 7075-T6&1 and 7075-T6. respectively. The improvement is shown in 
Figure 152. One of the material change effects was to improve the residual 
strength capability such thnt walk-around inspection criteria provided a 
higher allowable design stress than depot inspection. 

The effect of a criteria change was also investigated (Table XLI. Case 9 vs 7).
The March 1974 tentative USAF Damage Tolerance Criteria (Table XLVI) includes 
an initial flaw size of 0.005" R for holes with interf~rence fit fasteners 
which is much less severe than the :,evision D criteria requirement of a 0.05" 
through-the-thickness initial flaw (Slow Crack Growth). Extrapolating data 
for a 0.01" R initial corner flaw and for 0.02" and 0.05" initial through
the-thickness flaws. the design stress for a 0.005" R initial corner flaw 
was estimated to be 51.750 psi. a 33% improvement for an initial baseline 
skin-spar cap joint. 

A comparison of March 197" tentJtive USAF surface flaw criteria (Table XLVI) 
to that of Revision D (Appendix A) was also mace using the lower wing cover 
(Table XLI. Cases 11 and 12). As indicated in the Table. although a consider
able improvemer.t was achieved for the depot inspection design stress. the 
design stress for walk-around inspection did not change since the criteria 
change affected only the time period occurring before the specified 2" minimum 
crack size. For the upper wing cover. where walk-around inspection is not 
applicable. the tentative March 1974 surface flaw criteria WdS used to com
pute the upper cover design stress (Table XLI. Cases 15 and 17). 

7.1.2.4 Wing Damage Tolerance Summary - As previously stated. all damage
tolerance calculations for the wing were made at Station 117." to take advan
tage of existing project group data. Damage tolerance design data for the 
four wing check stations were then obtained by extending the Station 117.9 
data as described. Improved baseline and integral concept design stresses 
for the check stations are plotted in Figures 153 thru 155. These stresses 
are based on the March 1974 tentative USAF Damage Tolerance Criteria (Table
XLVI) for surface flaws and for ho~es (interference fasteners required every
where). These stresses were compared to the allowable :ensile stresses for 
the other integrity modes and the most critical values used for design. 

7.2.2 Fuselage Shell Structure 

Damage tolerance analyses were also performed on the b3seline and on the 
honeycomb concept fuselages. These analyses included both flaws at rivet 
holes and surface flaws. The analysis procedures followed the approacn
presented in Section 7.2.1. As in that approach. modification factors were 
obtained which. for the baseline. were for a cracked center longeron (longi. 
tudina1 loads) and for c. c.racked center frame rip stopper (hoJop loads). The 
honeycomb concept requi l'ed a mudifi cat i on factor to account for the effect of 
the uncracked sheet. 

Development of the equivalent spectra followed the approach indicated in 
Section 7.2.1. The various environmental modes were considered for longitu
dinal loads and for hoop loads. For the longitudinal loads. these included: 
low level maneuver plus gust. flight maneuver. fuselage pressurization. flaps 
down flight (for aft fuselage C1:11y). and ground taxi. Preliminary work indi
cated that almost all the damage was due to low level maneuver plus gust and 
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ground taxi, so only these were included in the final simplified spectra. 
Hoop loads were limited to fuselage pressurization. 

These analyses established that the critical damage tolerance mode resulted 
from hoop loading. Positive margins of safety based on stress are: 

Concept Station M.S. Inspectab..!..lJ.!.l. 
Baseline 667 +0.54 !)epot
Honeycomb 703* +0.97 Special Visual 

(*Note: Analysis point is typical of station 703 forward) 

7.2.2.1 Baseline Fuselage - The baseline fuselage concept is described in 
Section 5.2.1. The analyses are based on initial baseline materials. The 
initial baseline included three basic sizes of 7075-T6511 extruded stringers 
0.05 to 0.08 inches thick, 2024-T3 clad skins, 1.0 inch wide by .05 inch 
thick 7075-T6 crack stopper under each longeron and frame; and a heavy floor 
structure designed for vehicle loads. The section properties for use with 
the damage tolerance analysis are based on fully effective skin because of 
the relatively low stresses involved. The floor is included and also consi
dered fully effective. These section properties are presented in Table XLVII 
for the four check stations--439, 703, 847 and 982. 

One 9 inertia bending moments for each mission at stations 725 and 847 are in 
Reference 42. These were extrapolated to the fo~r check stations. The 
moments at stations 847 and 932 were further increased by the effect of an 
average one g down balancing tail load of 3800 pounds, and the final moments 
were used with the section properties of Table XLVII to get one g flight 
stress levels. Maneuver plus gust cumulative frequency data in conjunction 
with 19 fl ight stress levels for each mission WE'.'e used to get the average one 
g stress flight level shown in Table XLVIII. 

On the basis of maximum one g flight stress levels, Station 847 was identified 
as the critical area. A two level spectra comprised of low level maneuver 
plus gust and ground taxi was derived for this station, in the manner shown 
in Section 7.2.1 for the wing upper cover. The resulting spectra are shown in 
Table XLIX. 

(a) Hoop Crack Analysis For Station 847 - Heop cracks were grown simulta
neously in the longeron and in the sheet. When the longeron failed, the skin 
growth rate was accelerated by the modification factor B1ongeron (Figure 156). 
The load spectra of Table XLIX, however, resulted in very low da/dn rates, 
such that the hoop crack case was obviously not critical and tne crack history 
calculations therefore were not completed. The residual strength requirement, 
however, was defined fr0m fuselaqe maximum stress exceedance versus cumulative 
frequency of occurrence data for the baseline (Figure 157). The ~ne time 
occurrence maximum stress values are plotted on Figure 158 with the required 
residual strength corresponding to the maximum expected load in 100 times the 
applicable inspection interval (Table L). 

(b) Longitudinal Crack Analysis for Station 667 - Longitudinal cracks result 
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TABLE XLVII BASELINE FUSELAGE SECTION PROPERTIES 

STAn"" CONDITION 
I 

(1N4)(103) 
CliPPER 

(IR) 

CLOWER 
(IN) 

( lIPR/I 
(IN-3) 

ell/RII 
(IN-3) 

439 

703 (FWO) 

847 (AFT) 

982 

For 

Damage 

ToleranCE 

Analysis 

428.7 

488.8 

408.8 

508.8 

140.8 

136.4 

139.7 

139.7 

75.2 

79.6 

76.3 

76.3 

0.000328 

0.000279 

0.000275 

0.000275 

0.000175 

0.000163 

0.000150 

0.000150 

TABLE Xl VII I SUMMARY OF AVERAGE ONE "g" FLIGHT STRESSES 

O'g (KSI) 
MISSION Ef 

STA 703 SiA 847 STA 982STA 438 

1.6 3.4 142,4971(0) 0.7 2.3 

1(R) 1.6 3.4 2.3 152,0010.7 

1.9 2.4 25,2242(0) 0.9 3.5 

2(R) 0.9 1.9 3.5 2.4 26,411 

0.4 7,7410.9 3.2 2.23 

2,437,6454 0.7 1.6 3.4 2.3 

5 0.4 0.9 3.2 2.2 979,977 

(... ) 0.7 1.4 3.4 2.319 ave 
t(olg)(tf)

NOTE: (Olgi ~ ave t{d) 

TABLE XLIX STA. 847 LONGITUDINAL LOAD SPECTRA 

MODE 
f 

(CYCLES) 
Ao 

(PSI) R 

LOI/ LEVEL MANEUVER 
PLUS GUST 

GROUND TAXI 

3.56 1. 106 

8.00 x 106 

1360 

1290 

+0.67 

+0.68 
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from cyclic pres~ure loads. The maximum hoop stress is in the .050 minimum ,
gage area of the forward barrel including Station 667. top centerline. The
 
nominal operating pressure is 7.5 psid. giving a hoop stress of 7.5 x 108/.05 \
 

= 16200 psi. The number of pressure cycles was defined by including all \
 

missions except the low altitude flights of Mission 4 (23.944 - 4.324 = I
 

19.431i Reference 42. Page 24) giving approximately 19.500 cycles. The 
\ 
I
 

resulting load spectrum was:
 I 
~a = 0max = 16200 psi. \ 

j 
R = O. and 
n1 = 19.500 cycles. 

The analysis consi::~red a crack growing simultaneously in a crack stopper
 
(1 x 0.05 inch thick, 7075-T6 sheet) and in the skin. The failure effect of
 
the crack stopper on the skin growth rate was accounted for by the modifica
tion factor, Serack stopper' (Figure 159). Fast fracture in the skin occurred 
at the half crack length a, equal to approximately 7.5 inches at 19,000 flight

hours. as defined by the residual strength level falling below the requirements
 
level. The minimum residual strength requirement in this case is the maximum
 
pressure stress 0max = 16,200 psi. .
 

For study and design convenience. the damage tolerance capability is expressed

in terms of the maximum ultimate tensile stress at Station 667 top centerline.
 
The critical external loads (Section 2.2.1) show a maximum bending moment of
 
45.5 x 106 inch pounds ultimate. tension top centerline. Ultimate cabin
 
pressure differential is 11.25 psid. Section properties at Station 667 are
 
similar to those at Station 439 (see Table XLVII). Then. the maximum ultimate
 
tensile stress is:
 

ft = MclI + PR/2t~ff z 23.600 PSI (38)
(u1t) 

Only special visual and depot inspections apply to the top of the fuselage. 
The reference tensile stress (F) corresponding to the associated unrepaired 
usage period (Treq'd) was established through the following relation developed 
in Section 7.2.1 

0req'd = 01 (tl/T )l/n F (39)req 'd = 

where: 01 1s the maximum ultimate tensile stress = 23.600 psi. 

Tl is the correspL~ding period = 19.000 hours. and 

n = 3.666 is the slope of the cia/dn curve for 2024-T3 
sheet in the re~ion of 105 cycles. 

Depot inspection gave the lightest structure with a design allowable stress 
(F) of 30,400 psi corresponding to the 7500 hour period of unrepaired service
 
usage. This is eqUivalent to a margin of safety of (30,400/23,600) - 1 =
 
0.20, Table LI.
 

239 

"t. -: ',~~ 



~ 
M 

1 
7 10' 7 IIj~ 7 10'103 

MOUltS 

MINIMUM REOUIRED RESIDUAL STRENGTHFigure 158 
CORRESPONDiNG TO "0NE-TI~E" LOAD 
OCCURRENCE IN 100 XAPPLICABLE 
INSPECTION INTERVAl 

TABLE L SUMMARY OF MINI~UM RESID
UAL STRENGTH REQUIREMENTS 

I_"[CHIIII 
WALl- I'[elll 

VISUAL Ol'OT 

SI'NQl 1011 FR[QUIJOC' 

IMQUElIC' lHOORI 

"1'1_ '["100 Of "'M,al"[O 

I[UIC[ ~ (MOUltS) 

°1lll[.TlM[° OCCUA"UC[ LOAD 

INT[AV'L lltO""S) 

'11 . ;i:i~HR~~t~[~~~~OAD 
OCClJIl'£NC£ I" 100 r 
a"lICAIL! I_SPlCTIIIII 101[". 
VAL (KSI) 

'.. 
l~ 

In 

1.\00 

'.. 
11.S 

'.. 
1,000 

1 ,ODD 

100 ,ODD 

'.. 
tJ.os 

'... 
3,sao 

7.sao 

3SO,ODD 

'... 
13.SI 

I 
1.1 

1.. 

~ 
t 1.1 .u 

t-~L - C"CO St..... 

I. 

D.I 
0 • 10 12 ,. 16 1~ ~ l~ l~ 26
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Fi gure 159 MODIFICATION FACTOR (SeraCk stopper) VS 

CRACK HAlF LENGTH (a) FOR FAILED CENTER CRACK STOPPER 
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7.2.2.2 Honeycomb Fuselage - The honeycomb fuselage was originally designed 
with 7075-T6 clad face sheets. The first damage tolerance analyses were, 
therefore, with this alloy. The res~lts indicated that the minimum 0.02 inch 
gage, 7075-T6 face sheets were not adequate. An alternate alloy, 7050-T76, 
with improved resistance to crack propagation, was substituted resulting in 
a positive margin of safety. 

The damage tolerance analysis results (summarized in Table LII) demonstrate 
the superior capability of the 7050 alloy relative to 7075. The analysis
procedures para"ile1ed those of Ser.tions 7.2.1 and 7.2.2. The modification 
factor (Bskin ) associated with a crack in one face of a honeycomb panel was 
defined per Douglas computer program N4BD. These analyses are discussed in 
the following paragraphs. 

(aj Hoop Crack Analysis for Station 847 Aft - The honeycomb concept design, 
which is described in Section 5.2.2.1, consists of honeycomb panels ~ith core 
thickness tapering from 0.363 inches at Station 439 to 1.0 inch at Station 
703, and remaining at 1.0 inch back to Station 982. Face sheets are from 
0.02 to 0.033 inches thick; both face. are the same thickness; and tapered
sheets have been used. 

Ctrtain basic data are required for the analysis. First, the section proper
ties for the check stations are in Table XXXIV. These properties, in conjunc
tion with the baseline vehicle one g bending moments, reference Section 
7.2.2.1, established the mission one g stresses, from which the station top
centerline average one 9 stresses were defined (Table LIII). The crack modi
fication factor, versus half crack length (a) is shown in Figure 160.Bskin ' 
This figure shows that the uncracked face progressively relieves the stresses 
in the cracked face. 

The primary load spectra modes were established to be low level maneuver plus 
gust and fuselage pressurization. These are summarized in Tabie LIV. Inspec
tion of the table indicated that the critical spectra are at Station 847. 

The hoop crack was grown at Station 847 aft. The face sheets were assumed 
to be 7075-T6, 0.025 inches thick. The crack became fast when it reached a 
half length (a) of 14.4 inches, at a total of 14,000 hours. 

Load cxceedance data were estimated for the honeycomb fuselage by scaling the 
baseline data (Figure 157) by (C/I)honeycomb divided by (C/I)baseline to 
reflect the change in stress levels. Minimum required residual strengths 
corresponding to onp. time load occurrence in 100 times the applicable inspec
tion interval were defined. These were: for walk-around inspection, 

=23.4 KSI; for special visual inspection, PSV =26.9 KSI; and for depotPWA 
inspection, POM = 28.1 KSI. Again. only special visual and depot were appli
cable for a crack at the top centerline of the vehicle. The evaluations 
showed that depot inspection permitted higher design stresses. 

The damage tolerance capability, expressed in terms of the maximum ultimate 
tensile stress at Station 847. is 71,100 PSI. The design allowable stress 
at the 7500 hour minimum period of unrepaired service usage is 97,270 psi,
giving a margin of safety of 0.37. 
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TABLE LI	 STA 669 DAMAGE TOLERANCE CAPABI~ITY FOR 
HOOP LOAOH!G 

FT It.S. 
(HOURS) (PSI) (MARGIN OF SAFETY) 

MINIMUM REQUIRED DESIGN AllOWABLE P1AXII1lJ1 IlL T1PIIITE IIPPLIEDHOURS OF UNREPAIRED STRESS STRESS· Z3,liOO PSISERVlCE USAGE
 

6,000
 32,300 -
7,!l00 (DEPOT) 30,400 0.29 

10,000 ~,\OO -
\9,000 Z3,600 -

TABLE LII	 SUMMARY 0.' DAMAGE TOLERANCE ANALYSES 
FOR FUSELAlE HONEYCOMB CONCEPT 

FACE FIICE Sr.IN tlARGINCRACKCHECK SKIll GAUGE OFSTATlO~ORIENTATIONAllOY (IN) SAFETY 

\ +0.377075-T6 HOOP 847 O.OZO 

.0.\62 7075-T6 lOrlG !TUOIHAL 703 (FWD) 0.020 

7Q3 (FVO)7050.176* +0.973 LONG!TUDI ~Al. O.OZO 

*THIS ~TEPIAl	 ADOPTED 

ITABLE LIII SUtflARY OF" AVERAGE ONE "g" FLIGHT 
_. STRESSES_FOR. :THE F~SELAGE ~9NEYCO~_ CONCEPT 

ONE "9" FLIGHT SnESSES (KSI) 
MISSION 

STA 982STA 703 STA B47STA 439 

14Z,9473.5 5.8 4.81(0) \.3 

4.8 \52,0013.5 5.B\.3HR) 

Z5,Z244.4Z(O) 6.0 5.0\.6 

Z6,411Z(R) 4.4 6.0 5.0\.6 

7,7415.4 4.5Z.O0.73 

Z,437.6454.83.5 5.84 \.3 

4.5 978.977Z.O 5.40.75 
'------4----+----4----+----+-----1 

4.73.1\.1 5.7(JI 9) I~. 
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La.,ft""'''' cm~ /' ,/ 

/ 
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CRACK HALF LENGTH, a IN. 

Figure 160 MODIFICATION FACTOR (BSk1n) VS CRACK HALF LENGTH 
(a) FOR HONEYCOMB PANEL WITH ONE 0.020 INCH 
SKIN CRACKED 

TABLE LIV LONGITUDINAL LOADING SPECTRA FOR HONEYCOMB FUSELAGE 

LOW LEVEL MANUEVER PRESSURE SPECTRUMPLUS GUST SPECTRUM 
Station 

"ihe doR R "i(xl06) (PSI)(PSI) 

260 0.70 4.56 10.130 0 19,500 

703 

439 

10,1300.62 0.991470 0 19,500 

847 8,1000.54 2.20 19,5003400 0 

8,1000.60 2.88 19,500982 2240 0 
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(b) Longitudinal Crack Ai ~lysis for Station 703 Forward - An initial damage
tolerance check for a 10n9itudinal crack was made in the 0.02" thick 7075-T6 
face sheets just forwarn ~f Station 703. The ?rimary loading was hoop pres
sure. The oper~ting stress was equal to PR/2t or 7.5 x 108/2 x 0.02 = 20.250 
psi which is also equal to 60. The number of cycles is the same as for the 
baseline hoop crack pressure case (19,500 cycles). The final spectrum. there
fore. was 60 =20,250 psi. ni = 19.500 and R =O. 

The crack was grown to this environment in the basic panel. The crack became 
fast when it reached a half length (a) of approximately 4.0 inches at 4.216 
hours. The minimum required residual strength in this case is the maximum 
pressure stress amax ~ 20,250 psi. Depot level inspection was determined to 
provide the maximum design stress. The corresponding maximum ultimate tensile 
stress at Station 703 is 49,675 psi, reference Section 7.1.2. The design
allowable stress of 48.500 psi corresponding to the depot level period of 
7,500 hours gave a negative margin of safety of -0.16. 

7050-T76 clad sheet with better d~age tolerance capability was therefore 
selected. The face sheet thickness was 0.02 inches; hence. the loading 
spectrum was 60 = 20,250 psi, ni = 19,500 and R = O. This analysis showed 
the special visual inspection to give a slightly lighter structure than depot 
inspection. The design allowable stress was 97,710 psi giving a margin of 
safety of 0.97. 

7.2.3 Horizontal Stabilizer Box Structure 

A load spectra was not available for the baseline horizontal tail from the 
project group; therefore, damage tolerance analyses were not performed on the 
horizontal upper surface panels. However, a comparison of estimated upper
surface geometry. material and spectra characteristics to the corre~ponding 
wing lower surface characteristics provided an estimate of relative capability
and criticality (Table LV). 

For the baseline concept, the horizontal tail basic panels and spanwise
splices, by virtue of equal or better geometry. material and spectra charac
teristics, will have damage tolerance capabilities F/p equal to or better than 
the corresponding wing elements. Significant additional capability improve
ment above the levels indicated results from attachment interference benefits 
(tentative March 1974 criteria). Therefore, on a comparative evaluation 
basis. the baseline horizontal structure is not indicated to be critical for 
damage tolerance. 

For the honeycomb concept, the horizontal basic panels have improved geometry
and material characteristics which rp.sult in improved capability. The March 
1974 surface flaw criteria l t kely will not provide significant additional 
improvement because of the re1atively thin face skin gaugps involved. The 
projected capability improvement relative to the also hiJher requirement 
(defined by the ultimate mode) indicates that the basic panels may possibly
be marginal for damage tolerance. 

The honeycomb concept spar cap geometry. material and spectra characteristics 
are similar to those of the wir.g spar caps; hence, no capability improvement 
can be projected. The March 1974 "attachment interference benefit" crit•.n ia 
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TABLE LV COMPARATIVE DAMAGE TOLERANCE ESTIMATES FOR EMPENNAGE BOX STRUCTURE(l) 

CAPABILITY REQUIREMENTSPECTRAMATERIALGEOMETRY 
. 

(3)COMPONENTCONCEPT G + M F/p F/pIiK/pCODEELEMENT (CYCLES)cg 

E4(7075-T76)WING BOX STRINGER 1
 ~2«: f1113} 450
580
J0.83 
139
P6(7475-T76)B/L LOWER SKIN 

450
460
0.76 E4(7050-T76) 113
SURFACE SPAR CAP fl 

(2) (2): (2)(2)STRINGER E4(7050-T76)HORIZONTAL 1
 1l3}12E f1 450
580
~ 0.33 
137
SKIN P2(7050-T76)ANDBll J 

(2)(2)f (2)0.76«(') 450
127
 > 460
SPAR CAP E3(7050-T736) 1
VERTICAL 

(2)(2) (2)(2)OUTER SKIN P2(7050-Tl6)STABILIZER 137} > 580
 <' 700
 
BOX
 

131 fl} 0.83 
137
INNER SKIN P2(7050-T76)HONEY

(2) 460 (2) <' 700 (2)0.76(2) 113
H SPAR CAP E4(7050-T76)COVER f1 
COMB f1 (2) <' 650 (2)> 460 (2)0.76(2) 127
PANELS V SPAR CAP E3{7050-T736) 

(1) REFERENCE SECTION 6.2.1 
(2) ESTIMATED 
(3) DEPOT LEVEL (REVISION D OF DAMAGE TOLERANCE CRITERIA) 



will provide significant improvement. The capability im,rovement relative 
to the also higher stress requirement indicates that the spar caps may well 
be critical for damage tolerance. If verified by analysis. significant addi
tional capability ~ou1d be achieved by material substitutil):'s such as E3(7050
T736) or' F12(7050-T736) with t:.K/p = 127 or 157. respectively. 

7.2.4· Vertical Stabilizer Box Structure 

The damage tolerance discussion provided for the horizontal stabilizer in 
Section 7.2.3 also applies to the vertical stabilizer cover panel structure. 

7.3 ULTIMATE STRENGTH ANALYSES 

Ultimate strength analyses were performed to establish the wing box. fuselage
shell and empennage box structural component capabilities at discrete check 
stati~ns. Design stress level constraints imposed by th~ fatigue and damage
tolerance modes were also included in the sizing ~nd verification process. 
Critical loadings at each check station investigated are shown in Reference 
1. Tnese were obtained from a Format analysis of a highly idealized discrete 
element model of the appropriate STOl prot~t~'j)e airplane structure. These 
loads were distributed over the appropriate bar element spacing to obtain thp 
critical N and N loading. Structural capabilities used in sizing are givenx xY 
under each structure subsection. 

7.3.1 Wing Box Structure 

The integral wing concept was sized for the critical modes. The wing upper
panels were critical in compression and she,H. ~nd the lower panels were 
designed by either tension and shear (outboa~d) or fatigue (inboard) as shown 
in Figure 161. Deviation to tentative March 1974 damage tolerance require
ments for surface flaws and for hole flaws. reflecting irterference fit ,tta~h
ment benefits. eliminated damage tolerance as a critical a~;~;~ mode. The 
required compression, tension. cnd shear loads for the check stwtions are 
summarized in Figure 14 and presented as detail chordwise load distributions 
in Refe renee 1. 

Compression panel design was in conformance with classical principals and 
standard aircr~ft practices to preclude both local and general instability.
Given the design requirements, optimum panel geometry properties were derived 
using Doug1as Computer Code K3BF, as shown in Table LVI. A compression only
sizing crart for pertinent panel concepts investigated was constructed from 
the computer data as shown in Figure 162. Sizing for compression or tension 
in conjunction with sheer was based on the interaction relations 

R 2 + R 2 = 1 and R + R 1.75 = 1 (40)
T S C S 

For the wing integral concept, this is shown as example sizing charts (Figures 
163 and 164). The fatigue and damage to1erdnce constraints, as devp.loped in 
Se~tions 7.1~1 and 7.2.1, respectively, are also included. The charts define 
the minimum t's for design. However, practical manufacturing a~d cost consid
erations. such as straight l~ne tapering. may result in higher t's in the 
final design. 
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The final design was checked for both stl'ength and flutter requirements.
Strength margins of safety for the lower and upper cover panels for the inte
gral wing concept are shown in Tables LVII and LVIII. respectively. The 
analysis approach and methods us~d are similar to those subsequently described 
for the horizontal stabilizer in Section 7.3.3. Zero or low margins of safety 
are generally associated with the critical modes at the chord and station check 
points except for the lower whig cover panel at Station 508.436. where minimum 
gage prevails. Flutter checks and margins are described in Section 7.4. 

The integral concept spar caps were sized for the tension and compression loads 
and the spar webs for the shear flows and fuel pressures presented in Reference 
1. Standard classical analysi~ methods were used. In the spar cap analysis.
strain compatibility was waintained with the attached skin. Tension. com~res
sion. fatigue. and damage tolerance moJes were checked. A tension field anal
ysis was made of the spar webs. Web stiffeners were designed and analyzed to 
resist the bending loads induced by the out-of-plane fuel pressure loads. The 
resulting spar cap and web sizes were included i~ the wing rigidity used ir 
the flutter check. 

The bulkheads at the check stations were analyzed for the in-plane shear and 
axial loads (including crushing) and for the out-of-plane bending moments 
resulting from the fuel pressure loads (Reference 1). Standard analysis 
methods were used. with the webs being sized for tension field. All four 
bulkheads were desig~ed for flight shear and axial loads. In addition. the 
bulkhead sizing at: (1) Stations 91.25 and 214.0 accounted for fuel pressure
(including over pressure); (2) Station 214.0 accounted for pylon loads; 
(3) Statioli 3i2.375 illcluded flap loads; and (4) Station 508.436 included 
aileron loads. 

The baseline concept sizing and design check approach paralleled that described 
above for the integral concept. 

7.3.2 Fuselage Structure 

Sizing and verification analyses for ultimate strength were performed on both 
the baseline and the honeycomb fuseiege shell and floor beam structure. Simi
lar checks for fatigue and damage tolerance on the shell were accomplished iii 
Sections 7.1.2 and 7.2.2. respectively. A summary of the ultimate mode anal
ysis approach and results is presented in the subsequent subsections. 

7.3.2.1 Baseline Fuselage Shell Structure - The ultimate stress analysis of 
the basel~ne fuselage shell duplicated the methods used by the YC-15 project 
group. The analysis approach included format derived panel axial and shear 
loadings and the use of existing test afid experience based panel tens~on. 
compression and shear allowab1es. The development of panel al10wables was also 
sup~c~ted by classical and standard aircraft structural analysis procedures. 
Curved panel shear a110wab1es and attendant 10ngeron loadings. however. also 
used a OAC developed curved web diagonal tension field analysis. 
action equations to obtain margins of safety were: 

The inter

RT 
2 + RS 

2 = i (tension and shear) (41) 

R 1.4 + R 1.45C S = 1 (compression and shear) (42) 

249
 



--

--

--

TABLE LVI I WING LOWER COVER INTEGRAL CONCEPT MARGINS OF SAFETY
 
PAHlL II-_L_ l T_:T··_·_!_"_·P_tTIt_"_'._"_I_SI"T._P_~_1 _-iII~_U_ITIMAII "t".Adl [ ""SS.·P51 r--.. MAkGIH or SAf_[_"._.--__-I 

5TAlIC~ -[
LOCA1l0N H"!IO~ S.tA. [(11<,. SH!AR
 lEOSIOOf~ 'S~!AR fATIi.UI ~~~:~ - IlH:;"
 WlV. fAlIGU[ 

TOliR. 

0.11Sl.6",fWO. 1).OOC 4/. 
,x/! 'I.M Sl.:lOO i ;1.8'J!) 0.3\ O.\iI D 

9I.n !I.OO:;< I 0.11ClHTlR f 'b.~C:; I I ! I G.4l.1 ° SO •.11Jl 

AfT D~"I '11 I I5Z. RO()_'_I-+_t-5_3_.C_.~_" +1_1'_''_BOO_if-__._-_,+-_0._'_\--l__0_+_0_._11~ 
rw~. O.OS D.n 

D.llZlI.O 0.31 D.n::::::::: :::: :::::: 11~: I ! 1''1 
2 9S SI.6~ 1__0_.'_'+_0_66_-+__0_+-_0_.3_5-41-__I-'_f_T_i-ii_4._8_;'-+_4_.4_'_61l-_"_S_'9-+_S._'_-iI_+i--l_'_s_,~~~ 

I
ID.,1~2 0.160.18;ll.~15 CUTE. El.9:1l 2s.0001 ••• •.. I ... I 11 JIM,),)
 

AFT 6l.611 Il.I.' i '..~:6 S.92' I )).t:'J!i 19.5'O
 D.CS O.ll D.\7 D." 
~ 

i .,.\AfT n.l~l IJ.~C508.')6 

TABLE LVIII \HNG UPPER COVER I;HEGRAL CONCEPT !·1ARGI NS OF SAFETY 
\.'lllfrol':'T£ .. rp~:!'J ~TRtSS ••51 lJllIJlll/I'l J,;.:'i:1lI.1.8U: STAHS. ~)J "'~Glh ~f !.IofnTPAH[L 

5TAlID!I O:.Pl.A~( 11 DAI'.AGE 
l(,s,o~ ~"!["~ l'J"'~ . t£~~I:!i5HL\R C~P. 'ATIGUEIe...... ~~ fATI"~E TOLER. I' Tl~IJn.L:x:nIC" ;JLER. 

~,rlfoD. 1~.9H eo.Ot1; 48,uOJ • 12 .l'926.QES 4l.na ;'1.8~' ~ 0.240.2432.'09 ,1If 
.,J.~S2 S: .>(;JIE'H~ 29.268 5~fS'H ),/52 ~ C.11 0.11I 

rwo Of I \1.67991.1;0 ;1, 119S.JSl Sb.ILJ2J.~10 .\ C 0.l6 D.16£100<; 
DOOR .. , ... ..S).02) .. ..S.I31 tL.4"C CAIltA .AfT cr ... ... ..2).140 ),. l'9 ..)t.~1 S '.0.90'; 3,~ .'O~ DOOOIlS 

',; .. ,w.0D. ,S.ldS ",)E'2 H.31J )8.9~O19.~iC 0.55".6,'04 .1 0 O.sa 

l r ..up 9.)2~ . .,J.O))S..OOO S).I"O2'.66' 0.a30 U.80I 
n'D or2,..000 •.1.,S2.(6)31.~O,) ;3.0')0 I D.S90 D.S6WlI'S I.()(' ~ " 
~R ... _z .1j~--. 21."'9 -.0 -.6I."JIJAIl!A I 

I .. ...AfT ?f .. .. ..: c. •• 1I U,!..0J I 3".~90".661 f l'}.t~U D
I>O(OS 

~-J.  I -r  .,(fNI£R t.:..,}I) 10,100.1 ,',blII.Hl 4g.S94.~.~oo 0148.bOll 

rr 
I .. 

.' 

0 

.,

.. 

.\ 

filfJ or
 
ilOOIlS
 .,U,J1t 1.0\JQ 4!..:.C";IS.OOO J. ~_". .1 0I 

llOOOlll. lIS I... .. U,ht.(, ..P..f.~l 41.4J0AREA I I!AfT Df ...... .. ..l~.~;,l ..Jl."A~ 4i1. ~9CI JtI.MC,;,. I "d,tltlH 0conAS -
fWD Of .,H.fJn "1.7 :!' JJ.S'S I (.416l? .6)" ~b.'.t.J -I D.O) .1S6.6"2:lOOPS 

Il('(lR ... ..  .. .. 51ll1.')6 16.4l"1 0lI.))) 111'1.~AlIA 
AfT Of
 
LOOi<S
 ... ... t(JJ':l)l) :Je.41'J t 4~ •(/;t(1 .. ..!·to.(,KI ..',t. ',tlJ .1 

250
 



The ratios R represent the applied loading (or stress) divid~d by allowable 
loading (or stress). . 

The baseline vehicle fuselage design (described in Sectior. 5.2.1) incorporates
only three basic longeron sizes. The basic cross section areas are 
0.188 in2• 0.414 in2• and 0.500 in2• A routed out 7075-T6 sheet doubler strip.
0.05 inch thick by l.e inch wide. is sandwiched between the 7075-T6 longerons 
(and frames) and 2024-T3 skin. For analysis. t~e total longp.ron area. including
the doubler area. was 0.238. 0.464 and 0.550 in • respectively. The skin 
gages vary from 0.05 to 0.15 inches. 

The baseline fuselage was checked at Stati'ns 439. 703 (I/ing front spar for
ward), 847 (wing rear spar aft), and 982 (ahead of the a"l't door). From the 
Format analysis results. ten or more critical loadings were compiled for each 
check station at selected circumferential locations. These loadings reflect 
both the general gross vehicle loads and the significant local redistribution 
effects for structural discontinuities and arrangements. 

The section analyses showed: (1) generally high margins at Station 439i (2) 
margins of 0.11 or better at Station 703. except for a zero margin at longerons
17 through 19i (3) margins of 0.10 or better at Station 847 except for small or 
zero margins at 10ngerons 9. 10 and 17 through 19; and (4) margins of 0.13 or 
greater except for small or zero margins at 10ngerons 16 through 18. 23, and 
25 through 30. 

7.3.2.2 Honeycomb Fuselage Shell Structure - The ultimate stress analysis
approach for the honeycomb concept is similar to that used for the baseline 
concept (Section 7.3.2.1). Format derived panel loadings for the baseline 
fuselage (Reference 1) were also applied to the honeycomb fuselage. 

Margins of safety are obtained by using the interaction equations in Reference 
5. General buckling of panels under compression and shear is described by 
the interaction equation R + RS

2 =1 and the margin of safety is given byc 

M S = 2 - 1
•. (Rl+R 2)1/2 (43)s

Basic allowables pre also established in accordance with Reference 5. For 
tension. the ultimate allowable F of the 7075-T76 clad sheet is 79.000 PSI.tu 
The compression allowable is the lesser uf the material compression yield.
the sandwich panel general instability or the wrinkling stres~ of the face 
sheets. The compression yield Fey is 73.000 PSI. For equal facing thickResses 
of 0.020. the general instability allowable is 67.700 PSI; and. for 0.033 inch 
thick face sheets. 66,100 PSI. The wrinkling allowable is 78,200 PSI minimum 
for the 0.02 inch thick face sheets. General instability then establishes the 
minimum compression allowable. The ultimate shear allowable Fsu of the face 
sheets is 47,000 PSI. These a1lowables are summarized in Table LIX. 

Minimum margin of safety calculations at Stations 439. 703. 847 and 982 are 
shown in Table LX. Margins for combined tension and shear and for r.ombined 
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TABLE LIX HONEYCOMB FUSELAGE SHELL ALLOWABLE STRESSES 

AlLOHABLEOOOE (PSI) 

79,000 

COMPRESSION YIELD - Fey 

TENSION ULTIMATE - Ftu 

73,000 

tf = 0.020 67,700GENERAL INSTABILITY 
66,100tf = 0.033 

FACE HRIrIKLltlG 78.200 

47,000SHEAR ULTI~~TE - Fsu 

1 
j 
i 

1 
! 

TABLE LX HONEYCOMB FUSELAGE SHELL MINIMUM MARGINS OF SAFETY . . 
e f u Re kTfACE 

HrGALCE (e or el ',u fluf cu"n '.. ~ 

SIATI~N (OreRErS) (PSI I IPS!) J((~ • tfl ("tn. ) l'I';W'J K.S."'DE ~~(''''.) 

Ug TIS .04091 -lilt 1~.71)1)SOIl .)~-27.8$0 .27 1.2%· 

.l~ )UCIS .040 ·391 .1497 ",A2S .n'.10'1 2.67· 
70) ..,TIS 51 •• .042 -1782 92P. -66.24~ .8622.1"" .02· 

70) CIS 51.4 .l'I,l00.042 ·1222 280 ~.700 .43 .14 1.12· 

.nss 88)847 .0$0 .71 .1MTIS 16.7 38 .OOS17.'00 .92· 
847 ·2).SCIS 101.9 .066 lO9l ·)S.~ .5211.700 .67 .02· 

981 lIS .0$0 .:lllS20 101 ~.lOD .05 .16'~I,noo .19 

911 1S .)/lOCIS l1A.2 .040 1010 ·1S.5'>O .Sl·un .!14 .16· 
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compression and shear are shown for each check staLlone For the design, the 1 
minimum margins of safety are 0.005 in combined tension and shear, and 0.02 
in combined compression ani shear at Station 847. A face skin sizing chart 
(Figure 165) summarizes the defined relationshiP between loading, strength, 1design and weight. Additive weight thickness t increments for core and
 
adhesive are also indicated. ~
 

The panel joints were checked for discontinuity stresses through the splice
 
area. The results of one such analysis are presented here. Inspection of
 
Table LX indicates that the maximum tension loads occur at F.S. 847 at 0=16.7°.
 
At this point, there is an ultimate tension loading of 3555 lbs per inch with
 
an associated ultimate shear loading of 883 pounds per inch. The splice
 
cross section is shown in Figure 166. Checks were made at critical sections
 
A-A and 6-B. The stresses and margins of safety for thes~ sections are ade

quate as shown in Table LXI.
 

7.3.2.3 Fuselage Cargo Floor - The baseline floor plank members are similar Iin cross section to those used in the YC-15. The weight saving modifications , 
are proposed to this basic member. The first is to substitute, for a major 
portion of the lower cap, boron filaments which are infiltrated into a 0.188 
inch diameter hole in the basic extrusion (see Figure 73). Since stresses in 
the plank members are functions of ell and cross section areas. these values 1 
are presented in Table LXII for the baseline and new concept floor plank mem i 
bers. The table shows that the stresses in the new concept will be somewhat ! 
less tha~ in the baseline. The new concept is therefor~ acc~ptab1e by inspec j
tion. 

The second modification is based on the determination that the centerline fou~ 1 
foot strip of the floor would not be subjected to wheel loadings. reference 
Section 5.2.3.3. The floor FORMAT analysis was searched for a maximum nose I 
wheel loading. This was Case LX. the 300 psf bulk load over one bay between Ibulkheads, at N = 10.1 ultimate. Maximum loads were: z I 

I 

iIn bar 12 at centerline of floor, i 

P = -20,198 lbs, V = -5,018 lbs, and M : -60,826 in lbs 

In bar 33 at 15 inches from centerline, 

P = -13,499 lbs, V = -3,391 lbs, and M= -40,l92 io los 

A check was made of the floor panel from the fuseiage centerl ine to i. :,; 14.94 
from the fuselage (see Figure 73). Bar 12 is a strip 7.5 inch~~ on each side 
of the centerline. while bar 33 runs from 7.5 inches to 17.75 incht:s off the 
fuselage centerline. Hence, the load on the check section is half of the 
bar load plus 73% of the bar 33 load. The check lua~ i~ then 

P = -19,980 lbs, V = -5,065 lbs, and M: -59.095 in lbs 

The section properties of the ch~ck section included the ~omrosit~ settien as 
well as half the sections at the f~selage centerl~ne (x : 0) and x =.14.94. 
These properties were I = 2.411 in , A = .007 in , (bottom:: 1.379 ln and 
C = 0.871 in. The section cheek showed stresses of -28.2 KSI in the uppertop
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TABLE L ,I STA. 847 SPLICE STRESSES AND MARGIrIS OF SAFETY 

SECTION 
(FIGURE 166) 

tlAXIMur·, STRESSES 
(PSI) 

HIB'D OUTB'D 

ALLOUA13LE STRESSES 
(PSI) 

Itll3' D OUTB'D 
N.S. 

A-A +5~,500 +6000 79,000 79,000 0.13 

B-B +77 ,100 +9600 79,000 79,000 0.10 

TABLE LXII CARGO F~OOR PLANK SECTION PROPERTIES 

CONFIGURATION 

( BOTTor, 
---y-

(1 n-3) 

(TOP
--f

(1 n- 3) 

EQVfVALHIT 
ALUtlI NUtt 

AREA (1n 2) 

STRESS HEIGHT 

BASELINE 

NEU CONCEPT 

2.95 

2.64 

2.28 

2.20 

0.529 

0.545 
I 

0.529 

0.483 
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TABLE LXI STA. 847 SPLICE STRESSES ft~D MARGInS OF SAFETY 

SECTION 

(FIGURE 166) 

ttAXIMur'1 STRESSES 
(PSI) 

INn'D OUTB'D 

ALLOWABLE STRESSES 
(PSI) 

HIO'D OUTB'D 
H.S. 

A-A +59.500 +6000 79,000 79.000 0.13 

B-B +77.100 +9600 79.000 79.000 0.10 

TABLE LXII CARGO FLOOR PLANK SECTI 011 PROPERTI ES 

CONFIGURATION 

(COTTor, CTOP EQU.I VALENT-',-  --f- ALUMlNUtl 

(1 n- 3) (1n-3) 
AREA (1n2) 

STRESS UEIGHT 

BASELINE 

NE~I CONCEPT 

2.95 2.2R 0.529 0.529 

2.64 2.20 0.545 0.483 
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surface and +27.2 KSI in the lower surfacei hence, no stress problem exists. 

7.3.3 Horizontal Stabilizer Box Structure 

The horizontal stabilizer box new concept structure consists of upper and lower 
cover pal.els of aluminum tapered face skins and :lluminum honeycomb core. The 
face skins are chem-milled with a straight taper spanwise from XH= 0 to 
XH= 182. The face skins outboard of XH=182 are of minimum gauge thickness 
equal to the XH = 182 thickness. Conventional aluminum extrusions are used 
for front and rear spar caps with chem-milled integrally stiffened spar webs. 
The bulkheads are also chem-milled and integrally stiffened. The four check 
stations investigated represented maximum stabilizer internal loads (XH=15), 

,inboard elevator hinge station (XH=101). an intermediate station (XH = 173). 
,and outboard elevator hinge station (XH= 292). Critical loadings at each of 
the horizontal stabilizer check stations are shown in Reference 1. 

,	 Material allowables used for sizing the horizontal stabilizer box structure 
are sUl111larized below. IIB II value al10wables for ali materials are used tor 
ultimate strength mode checks. Honeycomb surface paneling is generally
bonded to the spar caps and bulkheadsi therefore, no hole-out factor was 
applied to the allowable. Where mechanical fasteners are used to attach the 
honeycomb paneling to the bulkhead (Station XH= 15). the facing skins are 
reinforced with bond~d doublers and the core densified. Mechanical f~steners 
are used to attach the spar cap flange to the spar webi therefore, a hole-cut 
factor was used for the te.lslon mode analyses. 

Structure Materi a1 
.~ Fsu 
ifill.. 1illl. 

Honeycomb Face Panel 
Spar Cap
Spar &Bulkhead Webs 

70S0-T76 Sheet 
7050-T76511 Ext. 
7050-T73651 Plate 

80.000 74.000 
82.620 72.400 
73.400 

48.000 

7.3.3.1 Honeycomb Panel Face Skins - The upper and lower honeycomb surface 
panel skins were sized for the more critical of tensile or compressive load
ings in combination with corresponding shear loading. [NOTE: Fatigue and 
damage tolerance are less critical. see Sections 7.1.3 dnd 7.2.3]. For axial 
loading and shear loading, the design stress level was determined by standard 

Nx and ~ formulas. respectively. wh~re N and N are applied running
ff 2t x ~
 
loads in pounds per inch and 2t is the combined thickness of the fully effec

tive outside and inside face skins. lnteraction of II shear and compression ll
 

and IIshear and tension. 1I which was used to design the honeycomb face skins.
 
was established on the basis of standard interaction relationships. For shear
 

2and compression, Rs
2 + R = 1 and for shear and tension RS

2 + RT = 1.c 
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An example of the panel face skin ultimate strength check is as follows: 
check panel at station 15 between front and center spars (t =0.032). The 
critical loading between 29.9 and 35.7 inches from leading edge is from 
Condition 4. 

N =4497 lbs/in N =1389 lbs/inx xy 

xf =N = 4497 =70 265 PSI f =~Xy = 1389 = 21 703 PSI 
t fi 2(0.032)' s t 2(0.032) • 

ft 70,265 - 0878 R f s 21,703 - 0452RT = r.r = 80.000" - • S =rs =48, 000 - . 

RrA =allowable tensile stress ratio for design shear stress 
2= ~l = RS = ~l = (0.452)2 =0.892 

= allowable tensile stress for design she3r ~tress x FTFTS = RTA 

= (0.892)(80,000) =71,355 PSI 

1 -1= 1HS• • =-;:::::;;::::::::;:= - 1 = 0.01 
VRT2 + R 2 ~(0.878)2 + (0.452)2s 

Similarly, for compressive loading, the core of the honeycomb panels was sized 
(Reference 36) such that general instability of the panel at compressive yield 
stress was critical. 

f c 
RC =r

Cv 

(44) 

Tables LXIII and LXIV summarize the horizontal stabilizer upper and lower sur
face panel face skin minimum margins of safety. Further lowering of these 
margins of safety by reducing the skin thickness would also adversely influence 
the rigidity mode (see Section 7.4.2). 

The above strength criteria are also reflected in the sizing chart (Figure 
167) to establish the relaiionship between loading, design and weight. In 
addition to the face skin t, incremental additive tis for core and adhesive 
are also indicated. 

7.3.3.2 Front and Rear Spar Caps - Spar caps of the honeycomb concept are 
bonded to the surface panels and mechanically fastened to the spar web. A 
hole-out reduction factor of 0.87 was applied to the material ultimate tension 
allowable. No hole-out reduction was used for compression loading. Ultimate 
strength margins of safety for the front and rear spar caps for specified check 
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SU~ARY QF HORIZONTAL STABILIZER UPPERTABLE lXI II ACE SKIN ~1ARGIN )F SAFETYPANEL 
f fRTt~K1N R.r.. U(OHD "x f sNay~~I! .. l 

ST" 
GAUG£ OR Oll M.S.ORf OR Rscc. (2t) (PSI)(1/111) f'" >-1" ~ NO ('liN) e es"'15~'" RCA(IN. ),j (PSI) (PSI)Rc 

4,'97\5 4 70,265 1,389 .45 71.355 .0\.064 .88 21.703 .89 

~ 101 67,558 .84 .45 .055 .052 21.365 .90 71.6383.513 1.11\-.. 0 c 
173 64.431552 13.143 .16 1.195 28.452 .59 .81 .63"':1 ~ 6 .042"' ...:'''' 4.77282 1 .040 413 10,m 79,46J.13 5.550 .992ZZ .12"''''... 

"'\0 

-r.... 
15 -3,4153 .064 -53,359 .n 1.404 21.938 .46 .79 -58,543 .06 

~~ \0\ 2 .052 -3,269 -62,865 .85 -7\,53D465 8.769 .\8 .13.17 

173 .042 -\,890 -45,0002 .6\ \6\ .08 -73,528 .62t 3.833 .99... •~ 
u 

15 5 .172 10,283 59,784 .75 5,\67 .78 62,39630,040 .63 .03 
~ 

co -.. 10\ 3,3785 .070 48,257 .60 \,849 26,414 66,791.55 .':1 .22... £~!I 173 5 .044 ~,295 52,159 .65 \,354 30,773 61 397.64 .77 .09...... 
\5 -9,00\2 -52,331 4,436.172 .71 25,79\ -52,636""" .54 .7\ .00!.."'~ 101 .47,900.070 -3,3532 .65 713 10,186 .4\.2\ .95 ·70,668~ii... E .41,045173 .0442 .55·\.806 21,909 .46964 .23.79 ,-58,583u I .11\282 .040 .2,7756 .0. 719 17,975 .86 .63,623 1.14.37 

(I) Flee skl~s Ire 7050-T76 11l1'11r."" l110y sheet. 

(b) Ho flce s' n splice It Statlon 282. 

SUMMARY OF HORIZONTAL STABILIZER LOWERTABLE LXIV PANEL FACE SKIN MARGIN OF SAFETY 

... --.. 
SKIN f tsf t RT R.r.. 

.... 0'" 0>c:: fNCONn GAUGE Hay sa OROR M.S.R ORORSTA.?it;( " ... (2t) S... "" (PSI)<o-g (-/III)W!N)~ ... HO. f e 'esR RCA.... (IN.) t (Psi)(Psi> 
51,994 .00.653,094 31>,833 .76.6451.988.084 4.36115 2 

~ 79.207 .29.\1 .9960.790 .76 418 6.742101 .067 3.7692.. ..c:: 78,901 .66997,929 .1746,238 3331.942 .58.042173 t0 .. ...... '"
~:}; 6.3079.364.994.280 .09416 8.320 .10 I 214.050282 2..."le., 

.13-65,741.8916.036 .33-4,697 .76 1.347.. .084 -55.91715 1!Z~ 

:....
,.0 ... 

.06'"'.., -61.5&4.41 .831,220.062· -3,528 .77 19.677·56.902... 101 5 

.\6.80 -58.9892\,619 .45.46,429 .63 908-\,950.042... 173 5 
... ~ 

13,100 -68,233 2.38.28 92-2,460 670-123 .03.050282 6 

._- .6672,16520,717 .43 .904,97233,533 .42.. .Z4015 2 
0 ..... 1.0778,495.98.\935,447 .44 871 9.2663,332:0\ .091c 2"' .......'" ~ 77 ,609 \.05.24 .971,829 3J,870 .42 629 11.648.05-4173 2... '" '" ~ -69,684 .90"' ..'" 11,592 .942,782 .24-7,364 -30,683 .4\....., .240515..
~'" ..... ...., .32-60,7531,909 20,309 .42 .82-J,646 -38,787 .52.. .094\01 5... 

6 -51,853 .1826.2591,418 .55 .iO·J6,833 .50-1.989.054173 5... 
(I) Fate skins are 7050-T76 all1'1ln"" Illoy sheet. 

(b) No face skin splice at Station 282. 
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stations are shown in Table LXV. Integrally stiffened spar webs were designed
for tension field action when stressed to the ultimate tensile strength of the 
material. The classical equation for allowable web buckling shear stress and 
Wagner's equation for tension field action were used with sheet edge restraint 
midway between clamped and simply supported. Figure 168 shows the spar web 
margins of safety. A reduction of spar cap areas or spar web thicknesses 
would adversely influence the rigidity mode (see Section 7.4.2). 

7.3.3.3 Bulkhead Webs - Integrally stiffened chern-milled bulkhead webs were 
designed for tension field action when ~tressed to the ultimate tensile 
strength of the web material. Each of the check station bulkheads contained 
from 8 to 10 chordwise panels extending from the upper surface to the lower 
surface. Table LXVI shows the minimum margin of safety for the most critically
loaded panel of each bulkhead. Internal design shear loadings for the panels 
(in pounds) were derived from Reference 1 where panel member loads are tabu
lated in pounds per inch and designed by a "P" panel number. The sum of three 
tabulated panel shear flows is converted to shear load in pounds to obtain the 
true bulkhead shear from the upper to the lower surface. 

7.3.4 Vertical Stabilizer Box Structure 

The vertical stabilizer box structure concept consists of cover panels made 
from aluminum constant thickness face skins and aluminum honeycomb core. Face 
skin thicknesses between front and rear spars below vertical stabilizer sta
tion ZRS = 248.105 are 0.032. above ZRS = 248.105 betweell front spar and 
center spar. 0.025; and between center spar and rear 5par. 0.032. Flont and 
rear spar caps are aluminum tapered extrusions reinforced with ~oron epoxy.
Spar webs and bulkheads are chem-milled and integra,ly stiffened. The three 
check stations investigated represent maximum vertical stabilizer bending
load (ZRS = 143.1). an intermediate station (ZRS : 250.5). and the upper end 
of the front spar (ZRS = 343.1). Critital loads at each of the vertical 
stabilizer check stations are shown in Reference 1. 

Allowables used for the sizing of the v~rtical stabilizer box structure are 
sunvnarized below. "B" value allowables of all materials are uspd for ultimate 
strength mode checks. Honeycomb surface panels are bonded to the spar caps
and bulkheads; therefore. no ho'~-out factor was applied to the material 
allowable. Mechanical f~~teners are used to attach the spar cap f1ange to the 
spar web. There. a hole-out factor was used for tension mode analyses. 

F F Ftu su
 
StructLore Materi a1 (PSI) (~) 1illl.
 

Honeycomb Face Panels 7050-T76 Sheet 80.000 74.000 4P,OOO 
Spar Cap 7050-T7365ll Ext. 79,560 69,360 
Spar Cap Boron-Epoxy 186.000 
Spar &Bulkhead Webs 7050-T73651 Plate 73,400 

7.3.4.1 HOlleycomb Panel Face Skli1S - The left and right side honeycomb
panel skins were sized for the more critical of tensile or compressive lOdding
in combination with corresponding shear loading identical to the method 
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Figure 167 SIZING CHART FOR EMPENNAGE COVER PANELS 
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SUM.t1ARY Of H()RlZ()~ITAL STABILIZER
 
SPAR CAP t~ARGINS OF SAFETY
 

I COMrRESSIOHTENSION 
Ft I
 CONO M.S.LOADLOAD (PSI) M. S. NO.
 

(L8S)
 (LBS)I
 

64.639 0.11 3 47.759 50,273 N.C.11,407 

69,985 0.Cl4 2 39.582 55.749 N.C.48.979 

53,132 0.36 2 21.491 37,704 N.C.30.285 

6,9_88_+-_17,.:...4_7_0-+_3_.1_2-11__2_+-_2.;,..5_6_7_+-_6.;,..4_18--1-_"_._C.-I 

68,621 0.05 1 63,224 66.552 N.C.
 

38,024
 

65.190 
53.555 N.C. 5 39.550 55.704 0.30 

34,786 N.C. 5 21,007 36,854 0.9519.828 ( 
2,521 6,303 N.C. 5 4.523 11.308 5.40 

---H----l--~-·+ 
114,863 69,195! 0.04 2 109.017 b5,709 N.C. 

35.987 54,526 0.32 2 I 34.078 51,633 H.C •
 

17,248 31.941 1.25 2 17.136 31.733 N.C.
 

1.927 4.0.1'1 _1.3_._9_4 --l~ __3_-I-__l.404 3.510 I-_H,_C_'--l 
., ..., 

55.369 47,324 rl.c. 5 84.519 72,2311 0.002 

28.232 44.813 ~.C. 5 35.699 56.6/.!. 0.270 

16.585 31,894 N'C'15 26.194 50.751l 0.430 

1.242--L,~'~0~ ~:..::'" _7_-'--__2_.0_44_..-1._5.;,..1_1_°...1..._'_3_.1_7-1° 

TABLE LXV
 

CAP 

AREA 

l1N2) 

0.95 

0.71 

0.57 

0.40 

0.95 

0.71 

0.57 

0.40 

1.66 

0.66 

0.54 

0.40 

1.17 

0.63 

0.52 

CONO 
110. 

4
 

5
 

5
 

5
 

2
 
2
 

2
 

2
 

5
 

5
 

I
 

7
 

2
 

2
 

2
 

0.40. 3
 
Is 7050-176511 al .... in ... extrusion 

(b) F ·72.000 PSI (8a of 82.620); Fef • 72.40Q PSI 
tu 
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described in Section 7.3.3.1. Tabl~ LXVII shows a summary of the vertical 
stabilizer side surface panel face skin minimum margins of safety. Further 
lowering of the margins of safety by reducing the skin thickness would also 
adversely influence the rigidity mode (see Section 7.4.2). A face skin sizing 
chart relating loading. strength. design and weight is shown on Figure 167. 

7.3.4.2 Front and Rear Spars - Spar caps of the honeycomb concept are bonded 
to the surface panels and mechanically fastene~ to the spar we~. A hole-out 
reduction factor of 0.87 was applied to the material ultimate tension allowable. 
No hole-out reduction was used for compression loading. In order to increase 
the chordwise stiffness required by the rigidity mode and still maintain mini
mum weight, the front and rear spar caps incorporate composite reinforcement. 
An aluminum extruded tapered cap with slots impregnated with boron epoxy is 
used. A typical section is shown in Table LXVIII. The aluminum portion of 
t~~ cap is sized to carry limit loads without yielding and the boron epoxy
portion sized to obtain the desired total chordwise moment of inertia. For 
strength checks, the boron epoxy fs cons idered 90% effective. MinimlJlT. margi ns 
of safety for the front and rear spar caps are shown in Table LXIX. 

./. 

Integrally stiffened spar webs were designed to tension field action wher. 
stressed to the ultimate tensile strength of the material. The classical 
equation for allowable web buckling shear stress and Wagner's equation for 
tension field action were used with sheet edge restraint midway between 
clamped and simply supported. Figure 169 shows the spar web margins of 
safety. 

7.3.4.3 Bulkhead Webs - Integrally stiffened chem-milled bulkhead webs were 
designed for tension field action wh~n stressed to the ultimate strength of 
the web material. Each of the check station bulkheads contained 12 chordwise 
panels extending from the left surface to the right surface. Table LXX shows 
the minimum margin of safety for the most critically loaded panel of each 
bulkhead. Internal design shear loading for the panels was derived from 
Reference 1 where panel member loads are tabulated in pounds per inch and 
defined by a lip" panel member. Three tabulated panel shears in pounds must 
be added to obtain the true panel shear from left to right surfaces of the 
bulkhead. 

7.4 RIGIDITY ANALYSES 

Rigidity for flutter is a primary consideration for wing and empennage. The 
rigidity requirements of Section 2.2.3 ,..,ere applied to the sizing process and 
in the subsequent rigidity checks of the wing and empennage box structure 
designs. 

7.4.1 Wing 

The effect of wing local rigidity changes on the flutter damping parameter 9 
is shewn in Figures 25 and 26 for the two most critical frequencies. Analysis
of the data established section area as an important geometric parameter 
affecting flutter (Figure 170). A relative insensitivity to stiffening ratio 
change is also shown. 

Aflutter check of the baseline and integral concept wing designs was also 
made. For this analysis, improved baseline and integral concept wing proper
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TABLE LXVI SUMMARY OF HORIZONTAL STABILIZER BULKHEAD MARGINS OF SAFETY 

DUlKJIEAO 
STATlOfi 

I" • 15 

WEB 
t 

(i n.) 
P~NEL LOCATlnN(5) 

AT R.S. 

ALLO\lABLE 
SIlEAR LOAD 

(Ibs. ) 

OESIGII 
SIlEAR LOAD 

(Ibs. ) 

CDI/O. 
/0. H.S. 

.165 95.832 86,m(1 ) 2 .11 

I" • 101 .050 BEr~EEN C.S. ANO R.~, 20,797 17 ,062(2) 5 .22 

I" • 173 .0:i0 BENEEll C.S. ArlO R.S. 12,255 4 ,360( 3) 6 1.81 

I" • 282 •050 AT R.S • 12,51" 12,472(4) 5 .00 

iHAT£RIAl: 7050- T73651 1Ii.;:~: ~~v~ Pl-T: 
, 
(1 ) DESIGI/ SHEAR LOAD FROIl P22. PZl, API!) P24 • (33501)(1.77) + (&118)(14.46) + (.4441)(1.77) • 

86.542 lbs. 

(2) llESIG~1 SHEAR LOAD FROH P13. P14, ArlO P15 • 
(-807)(1.75) + (-515)(12.?) + (-648)(1.75) • -9190 • 1.8~ • -17,062 lbs. 

I 
FDRHAT ANALYSIS COVERED LIlAOIrlG FRlfl flID·STA. 1l7.75 and 113.75 • 26 in. 
COIICEPT ST :DY CIJVERED LOADlltC FRrt-l '1ID-STA. 77.44 and 125.71 • 4B.27 in. HlCP-EASE LOADS GY 

48.27 ~ 26 • 1.86 

(3) OESJ~'; SHEAR LO~O FROH Pll, P2~, AND P13 • (-37.6)(1.75) + (-2''l)(ln.7) + (·337)(1.75) • ·4360 lbs. 

(4) DESIGH SHEAR LO.\O FRnll P19. P2IJ. f;!J P21 • (-300)(1.75) + (-743)(6.4) + (-529)(1.75) • 
·621J5. ".01 • -12,472 Ibs. 

FORMAT A:I/\l.YSIS cnVEPED LOAOI'j(; fRn', riID·STA. 269.5 and 2')4.5 • 2; in. 
COrlCEPT ANALYSIS ('1VERED LOAOIlKi fRCH MID-STA. 256.'111 and 306.24 • 50.16 in. IIlCREASE LOADS BY 

50.1f, ~ 25 • 2.01 

(51 pn. Pt,·,rt " pt,. FPI1I' RFF 1 

,..
SU~11ARY OF VERTICAL STABILIZER SURFACE PANEL FACE SKINTABLE LXVII MARGINS OF SAFETY 

T fTSft Il
T

01'SKI'I I01' funIIX ¥~sRTAfe sSTA. corm. 2t 
(PSI) 11.5.(PSI)(Ibs/ln)Rrt) • (ltls/in) (PSI)(In. ) Rs PoeALQtATlO:l e 

143.1
 
at C.5.
 71l,189 •10.21 .9r.11(,4 7/}.625 650 10.156•All10 457." 

... ~ 

~:.:. 250.SVIC": .')7:::< 11,200 77 .791 .27301') 560 .23M.200 .75.OSOaft r. 5 5
"'0.......
 

343.1
 
aft F.5
 3GI') 79,095 .587.201') .15 .992460 4'1.200 .62.n505 

143.1 
.05.26 .'l3 ·6:1.:155.41:10 -(.':i,313 nll1 12.fi56
 

>
 
.'111.%~IIIat C.5.... 

:;;~ 
VI_ 250.5
 
c..o

... 0 .R? -60.74F. .17.4213M 20.313-3050 ·~7 .6S6 .64.OG4fwd R.S 5"'''''' ::-J 
0 
u 

343.1
 
aft F.S
 .5617.400 .36 .87 -64.276.~4 870-1610 -32.200.0502 

(1) rlAURIAL: 705"- T7G ALl.lIfnW, ALLOY SIIEET 

/
/ 
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TABLE LXVI II VERTICAL STABILIZER COMPOSITE SPAR CAP AREAS 

CCII'OIl[1lT 

AU". 

lA[A 

(1_2) 

IIOI\CII 

WA 

0_21 

AL .... r.l)J1 V'UlIT 
OF BOllOlI latA 

TOTAL AL .... 
[QIlIV. latA c::, 1...... C "=:JJ--. ..:::. 

, 
L - -G -..... \" I 

\'IOIlON/[POIY 

... 

lOOl 

EFFHTlV€ 
101 

[FF[CTlV€ 
1OIl0ll 
lOOl 

1OIl0ll 
101 

I 
i 

St•. 7••0 

Su. 113.1 

Su. 250.5 

Su. 330.0 

Su. )(3.1 

1.88 

1..1 

1.08 

0.80 

1.03 

0.92 

0.61 

0... 

0.28 

.. 

2.58 

1.79 

l.23 

0.79 
.. 

2.32 

1.61 

1.11 

0.71 
.. 

•••6 

1.20 

2.31 

~ .51 
.. 

•• 20 

3.02 

2.19 

1.51 
.. 

I 
~ 
llt 

St•• ,.)., 

5ta. 250.5 

5u. 343.1 

Su. 430.0 

2.U 

1.82 

1.81 

1.8Z 

1.12 

0.85 

0.85 

0.85 

3.1. 

2.38 

2.38 

2:kl 

2.83 

2.1. 

2.le 

u. 

5.76 

•• 20 

•• 20 

•• 20 

5••5 

3.96 

3.96 

3.9l' 

[SOROII
A1.1Jl. IQJIY. OF 8OROI lAEA • r:;-;;:- • A80lt0IALU". 

TABLE LXIX SUMMARY OF VERTICAL STABILIZER SPAR CAP MARGINS OF SAFETY
 

COI~PRESSION 

COMPONENT corlD. 

EQutv 
ALII~ 
AREA 

TENSI~" 
LOAD 

ft 
(PSI) 

H.S. 
(TENSION) 

STAnON l«l. (f "2) (L8S) ALUM. BORON ALLM. BORON 

FRONT 
SPAR 

143.1 
250.5 
343.1 

5 
5 
5 

3.02 
2.19 
1.03

124.542 
91 .290 
55.634 

41,240 
41.680 
54,010 

115,620 
116,870 

0.68 
0.66 
0.28 

0.61 
0.59 
.. 

REAR 
SPAR 

143.1 
250.5 
343.1 

2 
5 
2 

5.45 
3.~ 

].96 

162,521 
107,978 
129,859 

29,820 
27,270 
32,790 

83,610 
76,450 
91.940 

1.32 
1.54 
1. 11 

1.22 
1.43 
1.02 

-CAP IS ALL ALlkH Nt.t4 
f c 

(PSI) 
M.S. 

(COMPRESSION) 
ABOVE STATION 330.0 LOAD 

(LBS) ALUH.AtlJ1. 8oRON BORON 

-28,710 1.42 1.31143.1 2 ·86,70a -30.5003.02FIlOtIT -29,190 1.38 1.272 2.19 -63.917 -81.A30250.5SPAR 1.03 -35,690 0.942 -36,:'65343.1 

-40,590 0.71 0.635 5.45 ·221,191\143.1 ,-113,790REAR 0.95 0.86250.5 5 3.96 -141,0fi2 -35,620 I -99,870SPAR 0.76 0.68343.1 5 3.96 -39,470 -110.670'156.316 
i 

(1) 705O-T736511 AlUM. AND BORON EPOXY (3) ALLO\lABLES: 
EBORON ALII': Ftu • 0.87 (79,560) • 69,,00 PSI

(2) 110ROIl ~TRESS • r,--' x f ALUH Fey· 6'>.360 PSIAlil-' 
MROrl: Ftu • 186,000 PSI 

264
 



4 
~ 

c-
,.. ;-- 3.............
c:: I 

'" C'... - 2 
C" .. 

n 

,_ t· .067.~t •.06;I_t •.Ot:q ~~~ .. 
FROrlT SPM III ~ 

~ALLO:JArH SIIEAP. FLOII 
70S0·T736~1 ALUH. PLATE ~ 

(2) & (13) ARE 
LOAD COIl:>. rIO. --L::r'AP.CI~I.n~. • _._ 
(kEf. 1) 

(liT - - , - - -	- iJ.3.L - - - -- --(2) 
"'- ULT!:IAT[ SIIEAR FLO!!\t--r-----r----......----.,.----.------r--- .......,.


o	 I) Inn 150 201) 2 0 30n 350 

VERTICAL !'Tf,BILlztR STATIm" 11"S (In.) 

I_ t· .102 .. 050,.05:1 :=1.._>--_..:.t_.-..:..:.06:.;.4~ __"14 
c: 

sn 100 150 200 250 300 350 

VERTICAL STAnILllER STATln:I, Zrs (In.) 

REAR SP/IP :IEn ..•

7050-T136S1 ALUll. PLAT[
 ALLO,!/lClE SHEAR FLOII 

(2) '. (13) liRE
 
lO"U COrlD. rIO.
 ........... ~MARGHI OF SAFETY _
(REF. 1) 

(13) • --- (2) __ - - - (2)-"\ - - - --=-------
'- liLT. !AT[ SIIEAR FlO:1 .. ----.. 

Figure 169 VERTICAL STABILIZER SPAR WEB MARGINS OF SAFETY 

TABLE LXX SUMMARY OF VERTICAL STABILIZER BULKHEAD MARGINS OF SAFETY 

BUWIEAD 
STATlOII 

* 

\·/[8 
t 

/1 n. ) 

PfIIlEL 
LOCATlOtl (4) 

AllO~'IA!lL E 
S~IEAR ~It\l

_II n. 

OESIGrl 
S~EAIl ~\ml

'Ii n. 
COllO. 

NO. 
M.S. 

143.1 

lSO.S 

343.1 

0.070 

".('Ino 

0.n61l 

AT REAR SPAR 

AT REAR SPAR 

AT FRm'T SPIIR 

2,249 

2,210 

2,132 

654(1) 

012(2) 

-530(3) 

2 

14 

2 

2.44 

1.71 

3.03 

(1) DE~IG" SIIEAR nmJ FROII SIIEIII: LOIIO W P4, Pn •.VIO P12 • (713 + 16,'l30 + 653) : 28 .. 654 lbs./ln. 

(2) DESIGrl SHEAR ROIl FRI)M SIIt:AR LOAD III P4 MIO PI! .. (1311 + 12,0'.11) ; 15·816 l!ls./fn. 

(3) OESIGIl SHEAR flOIl FROI' SHEAR LOAD HI PI, PS, Mm Pg .. (-540 -13,603 -555) : 27.75 = ·5.>: lbs./ln. 

(4) P4 • PANEL 4. ETC. FROH REFERnICE 1 

*7050-T73651 ALUMItlUH Pl~.'!'!: 

-
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ties were computed based on the cirawings shown in Sections 5.1.1 and 5.1.3 
and the ri~idit) changes relative t~ the initial baseline wing rigidity estab
lished (Figure 24). From Figures 25 and 26, the equation for the cha,ge in 
damping, as shown below, defined the incremental damping change Ag. 

(45) 
69 • f (fJ.;) (~ ) x 100 dx +J. (%~~J) (~) x 100 dx 

~here: 4Zrr and ~ are given in Figures 25 and 26. 

W- = the charlge in thE wing EI 
&:lO 

AGJ = the change in the wing GJ
GJ o 

Both the improved baseline and the integral con~ept wings are flutter free 
as can be seen in the results tabulated below. 

Frequency Allowable Ag Calcuiated A9 Calcu14ted 69 

Figures 25 and 26 Improved Baseline Integral Concept 

2.8 +0.18 _ ClD -0.0001752 -0.001163 

3.5 +0.43 
_ ClD -0."1235 -0.02898 

7.4.2 Horizontal Stabi~izer 

The honeycomb concept horizontal stabilizer box structure was evaluated in 
conjunction with the vertical stabilizer box structure to verlfy that tne 
empennage symmetric flutter requirements were met. The flutter free require
ment is met if the change of empennage flutter speed (AV) relative to the 
baseline empennage is equal to or greater than zero. Change of empennage
flutter speed is related to the rigidity changes as follows: 

AV ;: .r(%~~J)(~) x 100 dx +J(%~~r)(~) x 100 dx 
H.S. H.S. 

+J{%~~d (g~) x 100 d>. 
V.S. 
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where: ~3J)
G 0( H.S. 

(~i: )
H.S. 

(~3~) 
V.S. 

J ' 1 = o 0 

= the change of the horizontal stabilizer GJ 

= the change of the horizontal stabilizer EI 

= the change of the vertical stabilizer EI 

baseline torsional and bending moments of 
inertia 

(%:~J) and (%~~I)	 are given in Fig~re 171 for the horizontal 
and vertical stabilizers 

For the minimum weight honeycomb sandwich panel concept (based on ultimate 
mode requirements only). the horizontal stabilizer portion of the integral 
had a t:,.V equal to -7.34 KEAS and the vertical stabilizer portion of the inte

,	 gral had a t:,.V equal to -30.32 KEAS. A para~etric study was conducted to 
. l	 determine the minimum weight changes to either or both horizontal and vertical 

stabilizer box structure in order to obtain stiffness characteristics that 
would yield a t:,.V equal to zero or greater. 

Aminimum weight increase was accomplished by changing only the vertical 
stabilizer spar caps	 to increase chordw1se b~nding stiffness. The aluminum 
front and rear spar caps, therefore, are designed with a boron epoxy fill as 
shown in Table LXVIII.~ 

f	 
Plots of the baseline Jnd honeycomb concept rigidity values used in theI .. empennage flutter speed evaluation are shown in Figures 172 and 173. An 
example evaluation is given in Table LXXI. Evaluation of the three integrals 
gives the following change of empennage flutter speed: 

t:,.V = -52.19 + 44.85 + 7.56 =0.22 KEAS 

Since ~V is greater than zero, the honeycomb concept empennage is flutter 
free. 

7.4.3 Vertical Stabilizer 

The rigidity requirement of the honeycomb concept vertical stabilize~ box 
structure is evaluated in conjun~tion with the horizontal stabilizer as 
described in Section 7.4.2. 

7.5 WEIGHT ANALYSIS 

The weight analysis for the baseline structure and the new struct.ura1 co,cepts 
are presented in the	 following sections. 
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TABLE LXXI CHANGE OF Ef1PtrmAGE FLUTTER SPEED RESULTING FROM A 
CflANGE OF 1f0RIZOrlTAL STABILIZER TORSIONAL STIFFNESS 

6V J J o 6J 
% MID % STA. (~)( ~)X 100dX 

SEMI SHU XH dX %6GJ HONEY~OHB BASELINE (J-J)} ~ % 6GJ Jo 
SPAN SPAN (IN. ) (IN. ) (KEAS/IN. ) (It ) (IN4) (IN4 ~ (KEAS) 

6 

10 
8.0 27.3 13.64 0.00253 3.180 4.930 -1750 -0.355 -1.225 

12.5 42.6 17.05 0.00295 2.720 4.300 -1580 -0.367 -1.848 
15 

17.5 59.7 17.05 0.00342 2.300 3.700 -1400 -0.378 -2.206 
20 

22.5 76.7 17.05 0.00392 1.950 3.200 -1250 -0.391 -2.611 
25 

27.5 93.8 17.05 0.00442 1.600 2.730 -1130 -0.414 -3.119 
30 

-0.435 I32.5 110.8 17.05 0.00492 1,300 2.300 -1000 -3.647 
35 

38.5 131.3 23.87 0.00548 1,000 1.850 -850 -0.459 -6.010 
42 

46.0 156.9 27.28 0.00605 750 1.420 -670 -0.472 -7.787 
50 

52.5 179.0 17.05 0.00632 600 1.070 -470 -0.439 -4.733 
55 

57.5 196.1 17 .05 0.00630 500 860 -360 -0.419 -4.496 
60 

62.5 213.1 17.05 0.00605 400 700 -300 -0.429 -4.421 
65 

67.5 230.2 17.05 0.00555 340 580 -240 -0.414 -3.916 
70 

76.0 259.2 40.92 0.00431 260 400 -140 -0.350 -6.173 
82 

av· -52.192 (KEAS) 

I 

I 
/ 
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7.5.1 Baseline Concept Weights 

Table LXXII presents a summary of the design weights, geometry, and empty weights
for the AMST baseline aircraft. The vehicle is sized for a 400 n-mi radius at 
the initial takeoff gross weight. STOL performance is achieved ?t the midpoint
weight which includes fuel for the 400 n-mi return mission. The aircraft is 
configured with four JT8D-l7 engines. 

Detailed structural weight breakdowns are given in Tables LXXIII and LXXIV for 
the wing. empennage. and fuselage. These tabulations represent both the pri
mary and secondary structure for the baseline vehicle. These values are for 
comparison with the weights from the structural concepts study. 

The results of reducing the aircraft size due to the weight reductions pro
vided by the advance~ structural concepts are shown. Two resizing configura
tions are investigated. For the first resized configuration {completely 
resized}, no restrictions are placed on the re'.iizing; and, in the second case, 
the engine size is fixed {partially resized}. 

7.5.2 Advanced Concepts Structural Weights 

Table LXXV presents the structural weight savings achieved through application
of advanced structural concepts. Two concepts were investigated for the wing
box structure. Concept No. 1 has integral stringers and rib attach flanges 
on the upper surface panel, while the Concept No.2 upper panel employs non
integral construction with boron caps on the stringers. Both concepts have 
integrally stiffened lower panels. The use of 95 lb. of boron did not off~et 
the weight savings due to integral construction, and Concept No. 2 is 64 lb. 
ileavier than Concept No.1. Concept No. 1 was chosen for the res i zi ng study. 

Concept No.1 has a 1,002 lb. weight reduction prior to resizing, and further 
weight savings when resized. 

The horizontal tail box utilizes integrally stiffened spar webs and bulkheads 
and sandwich construction on the box covers. The covers have linearly tapered 
core with face sheets that are tapered in most areas. Most of the weight
savings shown in Table LXXV can be attributed to the cover design. 

The vertical tail box also has integrally stiffened spar webs and bulkheads, 
and sandwich covers. However. most of the weight savings (apprOXimately 150 
lb.) is obtained by using a signif~cant amount of boron in the front and rear 
spar caps. 

The fuselage shell utilizes sandwich construction from fuselage station 366 
to 982, which results in a 330 'lb. weight reciuction. The structure remains 
unmodified forward of station 366 and aft of station 982. 

Boron infiltrated aluminum extrusions provide weight reduction in the cargo
floor. Structural weight savings can also be translated into significant 
weight and size reductions in other aircraft components when resizing is 
employed. Table LXXVI has a sUlnnary of the vehicle description for the resize 
study. The group weight statement for the various aircraft sizes is presented
in Table L.XXVII. Resizing was perfol"l'lled by the "ParameLric Weight Sensitivity
Program," MSBA. 
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TABLE LXXII AMST WEIGHT SUMMARY 
Y[tIlCl[ D[SC.~IPTlO:I BASELINE PRODUCTION ALP 

Initial TOLW (11s\ 166.500
 
lill1polnt TOCO: (1~s)
 150.000
 
IIlng Area (rtZ)
 1.740
 
En,lne Designation
 JT8D-17
 
lnyine Thrust (SlS/Eng)(IU3e F)
 14.900
 
Sound Suppression
 t:one 
tloriz/Vert Tall Area (H2) 643/4E2
 
Iloriz/Vert Tail lenqth (In.)
 743/616
 
lioriz/Vert Tail VollJl1(!
 1. 323/. 1235 
.:1,,'1 loadin9-lnltial/"1I' (PSF) 95.7/86.2 
Thrust Ratio-Inltial/MP .3S11/.397 

Fuel Fraction-Initial/III' .218/.132 
Fuselage ~ia/len9th (In.) 216/1318 
Carqo Cempt. (ft) 11. 31111. 7114Ci. 7 
Fuel Capacity-Usable (lbs) 77.970 

WEIGilTS 

1. 1!lnll 18.765 
Z. fuselaQe 24.367 
3. Y- Tall 3.460 
4. II-Tall 3.234 
5. la"dlng Gear 7.741
 
I.. Fhght Controls
 3.966 
7. Prepulslon 21.709 
8. Fuel System 768 
9. Aux. Power Unit 9b6 

lu. Ins truments 1.453 
11. Hydraulics 1.436 
12. Pneumatics 340 
13. Electrical 1.736 
14. Avionics 2.045I 

TABLE LXXI~ -  Concluded 

~ (Continued) 

15. Furnishings 

BASELINE PRO:lUCTlON All' 

5.4)7 
16. Air Conditioning 837 
17. Ice Protection 254 
18. lIandlln9 Gear 150 

- 
l~iUfACTURER'S WEIGHT EMPTY 98.724 

19. Operator's Items 4.510 - 
Operator's ~pty Wei9ht 103.234 

Payload 27.000 
fuel 19.766 -- 

TOGW - HIOPOINT 150.000 

COST I/EJr.tlTS 

ilfq. Empty Weight 

less: Roll Ing Assy 

Enqlnes 

Cost Welqht 

less Items Peculiar to #MPR 

Starters 

APU 
Instrun!nts 

Battery , A.C. Supply 

Avionics (Black Boxes) 

Air Condition Units 

Hydraulics (Drop-out Gen.) 

Nll'K WE IlillY 

98.724 

- 3... ·q 

-13.320 

82.055 

(- 3.039) 

- lOS 

- 410 

- 578 

- 450 

• 1.183 
. 24Z 

- 71 -- 
79.016 

" 

,./ 

j' 

-' 

"""
 
, 



COMPONENT 

TABLE LXXIII BASELINE AERODYNAMIC SURFACE WEIGHTS 
WEIr.HT (lb) 

9118 

516 

482 

515 

37 

786 

CI 405 z 
:s 460 

776 

2326 

612 

119 

2009 

604 

18765 

1749 

... 356 
< 227... 
;;! 10... 
~ 772 

'" 120!E 
3234 

1475 

410 
110... 

c 170... ... 358c 
u 
;: 830 
'" ~ 107 

3460 

r()llPONENT
 

W;ng Box
 
Fuselage Shell 

Wing/Fuselage Attach 
Wing & Main landing Gear Support 

leading Edge (Fhed) 
Nose landing Gear Support

Tralling Edge (Fhed)
 

Wlng Tips
 Vertical Stabilizer Support
 

Wing Fuse:age Fairings
 i lockplt Enclosure 

Aileron Structure. SUDports & Balance IIts, Pressure Panels (Prl ....r)' Structure) 
l.r. Flaps 

Cockpit Floor & Support
Slats' Support 

Cargo Floor & Support
T.r.	 Flaps
 

Vehicle loading Curb
Spoilers & Support 

Maln landing Gear Doors Flap Hinge fairings 

Hain Flap links & Support Nose landlnq Gear Doors 

Aft flap links & SupportN Aft loading Door.... 
TOTALW 

Ramp
HoriZDntal Stablllzer Box
 

leading Edge Structure
 Pressure Panels & Bulkheads (secondary Structure) 

Ma In land In9 Gear Pods
 

Tips
 

Traillng Edge Structure 

Radome
 
Elevators
 

Tallcone 
Elevator Hinges & Supports 

SealantTOTAL 

Cockpit ladder & StairsVert. Stab. B"x
 

Pivot Installation
 Misc. Car90' Handl1ng Provisions 

leading Edge Structure Cockpit Down Vision Windows
 

Trailing Edge Structure
 Troop Door
 
Fairing & Dorsal
 

JIJII" Door & Deflector 
Rudder Structure
 

Rudder HI"!!es & Supports
 "Isc. & life Raft DoDrs 

TOTAL TOTAL 

TABLE LXXIV BASELINE FUSELAGE WEIGHTS
 
IIEIGHT (lb) 

7897
 

1409
 

49
 

1277
 

981
 

470
 

322
 

2892
 

402
 

147
 

183
 

1297
 

2638
 

144
 

1306
 

142
 

161
 

83
 

13
 

125
 

250
 

212
 

854
 

S13
 

24367
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TABLE LXXV ADVANCED CONCEPT STRUCTURAL WEIGHTS 

COMPONENT BASHINE UNPfSl2fO 
~ 

\AVfO 

COI'Pl ETE l Y 

Rl SI2ED 

~ 

SAVED 

PART lALL Y 

RESIZED 

S 

SAVED 

IUn9· 

Box Structur. 

Rl!I!\alnder 

(18,765) 

9,118 

9,647 

(17,7631 

8,116 

9,647 

5.3 

11.0 

0 

(17,257) 

7,876 

9,381 

8.0 

13.6 

2.9 

(16,991 ) 

7,763 

9228 

9.5 

14.9 

4.3 

Horiz. 

Bo. Structur. 

Rt!I!lalnd.r 

(3.234) 

1,749 

1,485 

(J,031 ) 

l,S46 

1,485 

6.3 

11.6 

0 

(2,978) 

1,51' 

1,459 

7.9 

13.2 

1.8 

(2,948) 

1,504 

1,444 

8.8 

14.0 

2.8 

V.rt. 

Box Str!Jc!llrfl 

Rt!I!laI nd.,· 

(3,460) 

1,475 

1,985 

(3,288) 

1,303 

1,985 

5.0 

11.7 

0 

(3,231) 

1,2BO 

1,951 

6.6 

13.2 

1.7 

(3,249) 

1,287 

1,962 

6.1 

12.7 

1.2 

fus.lag. I. 

S~.l1, /366·982) 

floor (366·9821 

Rsna Ind.r 

(24,367) 

5,730 

1,841 

16,796 

(23,899) 

5,539 

1,702 

IG,G5a 

1.9 

3.3 

7.6 

0 

(23,802) 

5,500 

1,702 

16,600 

2,3 

4.0 

, .6 

0 

(23,809) 

5,500 

1,702 

16,607 

2.3 

4.0 

7.6 

0 

·Wlng Conc.pt wjt~ Int.gral Sklrs 

TABLE LXXVI SANDHICH FUSELAGE AIRCRAFT DESCRIPTION° 
C(JIoIPLETELY PARTIALLY 

UNRESIZEDBASELINe:VEHICLE DESCRIPTION RESIZED RESIlED 

146,312150,000 150,000 146,570hk.off Wt .• STOl (lb) 

1,740 1,740 1,697 1,671Wln9 Area (ft2) 

JT9D-17 Typ. JT80·17 JTBD· '1 JT8D·17[n91n. D.scrlpt1on 

14,900 14,90014,900 14,mEngl n. Thr. t (lb/Eng) 

643 626t43 632Harlz. hil Ar.a (H2) 

462 462 4S4 457lert. ~~i1 Area (ftZ) 

743 743743 743Harlz, Tal1 length Cln.) 

616 616616 616Vert. Tail l.nqth (In.) 

1.36801. 3234 I. 3500Horlz. Tall Volume 1.3234 

0,12970.12)~ 0.1235 0.1260Vert. Tall VollJ1\p 

86.2 8~.Z 87.7Wing loadlnq IP\f) 86.2 

0.39,3 0.3973 0.3973ThruH ~.tlo 0.4066 

0.1441·Fu,,1 froctlon 0.13111 0.1330 0.1329 

I 216 216 216Fus"lag" DI •••"ter (In.) 21t. 

1,3181,318 1,318Fusehqe ll!ngth On.l 1,318.With Wing Concept 11 

,.
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TABLE LXXVII GROUP WEIGHT STATEMENT FOR ADVANCED STRUCTUP£ 

ITE~ BASELINE 'JllRrSlrrn 
I 

SAVfO 

COIII'UT{I.~ 

RESilED 

I 

SAYED 
PAATtAll' 

RESIlED 

I 

SAYED 

Winq (Cn"r~Dt .1) lR,76S 17 ,763 5.3 17,lS7 8.0 16,991 9.5 

Hart,ont.l T.11 3,114 3,031 6.3 2,91R 7.9 l,948 8.8 

Vertical TaH 3,460 3,2r.R 5.0 3,231 6.6 3,249 6.1 

rus~l.qf! (Sandwich) 24,367 l3,8'9 1.9 23,802 2.3 23,808 2.3 

l.nd1:'llj :iur 7,74' 7,741 0 7,551 2.5 7,564 2.3 

r1lght ront.ols 3,%6 3,'l66 0 3,905 1.5 3,875 2.3 

Propulsl,n 21.709 21,709 0 Z' .173 2.5 21,709 0 

fu.l Syst... 768 768 0 759 1.2 752 2.1 

Al'u 966 966 0 966 0 'l66 0 

l",trll¥nu 1,453 1,453 D 1,453 0 1,453 0 

Hydnulf" 1,436 1,436 0 1,414 1.5 1,415 1.5 

PneUll\lti" 340 340 0 340 0 340 0 

El.ct.lc.l 1,736 1.736 0 1,736 0 1,736 0 

Ayfontcs 1.045 2,045 0 2,045 0 2,045 0 

rurnhMngs 5,497 5,497 0 5,497 0 5,491 0 

Afr Condlttont.. 837 837 0 837 0 837 0 

Ice Protection 254 254 0 254 0 254 0 

••".,,~ r.••• 1<" ,.. 0 150 0 150 0 

S' uct.rol ""9~t (llo. loG.)· 53,'ll 52,077 3.4 51,263 4.9 51,092 5.2 

St..ct.rol lIof9ht (wtth l.G.)· 61,663 59,818 3.0 sa ,814 4.6 Sll,656 4.9 

" •••hct.re.'s E"'llty lIof,ht 98.724 96,879 1.9 95,348 3.4 ts.S89 3.2 

;)perator's Itt!ll'lS 4,510 4,510 0 4,505 .-. 4,SOl --
Oporoto.'s £"'llty Wef'ht 103,234 101,389 1.8 99,853 3.3 100,091: 3,0 

hylOid 27,000 27,000 0 27,000 ... 27,000 ... 
••t.rn 5......t r..l 19.766 21.611"· D 19.459 1.6 19,480 1.4 

1Ik..,ff "ol,ht • STOl 1SO ,000 lSO,ooo 0 146,312 2.5 146,570 2.3 

\ ~ 

'/ 

" 

,/ 

" 

j 

j 
I 
\ 

ifo. 8..011..); ""btond«! "lssl ... 
j 
T 

~ 

~ 
~ 
:i 

..... 

"'ncl.d.s ••c.ll. I pyl •• Struct.re ('096 lb. 



7.5.3 Growth Factors 

The tenn "growth factor" defines the total weight effect on a vehicle diJe to 
resizing as d result of a weight increase or decrease to the unresized vehicle. 
The numerical value of a growth factor is the number by which the initial 
weight increment is multiplied to obtain the total vehicle weight change. 
The mission perfcnnance of the vehicle is usually held constant. 

Growth factors are especially pertinent to the- medium STOL transport struc
tural concepts studies. For example. if a new structural concept produced a 
weight savings of 1.000 pounds to the fuselage. the takeoff gr~ss ~eight could 
be reduced by an amount greater than 1.000 pounds while retaining the same 
payload. range. and field length perfonnance. This additional reduction in 
takeoff weight would result from decreases in wing size. tail size. and mission 
fuel. plus the corresponding reduction in str~ctures and systems weight~ (~.e •• 
reduced gear weight. reduced wing structure and flight controls weight due to 
change in wing size, etc.). The sum of the initial weight reduction plus the 
reductions due ·to resizing divided by the initial reduction is the growth
factor. 

Table LXXVIII presents growth factors for the AMST baseline based on initial 
reductions of 1,000 po~mds to the unresized vehicle. Two cases are shown. 
Case I represents a constant wing loading and thrust-to-weight ratio (com
pletely resized) to maintain constant field length performance. Fuel fraction 
is increased slightly in order to maintain a constant 400-nautical mile return 
mission. This case assumes a "rubber" engine with the characteristics of the 
JT8D-17. since the baseline engine is a fixed JT8D-17 installation. Case II 
(partially resized) presents the growth factors for constant fieid length and 
range for the fixed JT8D-17 installation. As the gross weight is reduced. the 
thrust-to-weight ratio increases (constant thrust) and. therefore. the wing
loading is increased to maintain constant field length. Fuel fraction is also 
increased slightly, as in Case I. in order to maintain constant range. 

As an example of how to use the growth factor tables. assume that 2.800 pounds.
1,000 pounds. and 3.600 pounds could be saved in the unresized wing. empennage
and fuselage, respectively. The total savings to OEW and TOGW. using Case II 
values. for the vehicle resized to constant performance is as follows: 

(1) (2) (3) (4) (5)
Initial Growth 
Weight Growth OEW Factor STOGW 

Component Reduction Factor (1 x 2) STOGW (1 x 4) 

Wing 2,800 1.80 5.040 2.01 5.628
 
Empennage 1.000 1. 79 1,790 2.00 2.000
 
Fuselage 3.600 1.83 6,588 2.05 7,380
 
Total Change 7,4C"I 13, 418 15,008
 

Therefore, for a total initial weight reduction of 7,400 pounds, 13.418 
pounds can be saved in OEW and 15,J08 pounds in TOGW. 

All growth factors are based on constant tail volume and tail length. Para
metric weight values for aerodynamic ~izing and growth factor derivation are 
obtained from the "Parametric Weight Sensitivity Program," M5BA. 
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The growth factors obtai~ed in this study are shown in Table LXXIX. The Table
 
LXXIX values are about 95 percent as large as those presented in Table LXXVIII.
 
There are two reasons for the small difference between the-two tables. Table
 
LXXVIII assumed a constant tail volume, whereas the tail volume tends to in

-'
 crease slightly as aircraft size is reduced. The second reason is that growth

factor decreases (partially resized), most noticeably as the magnitude of the
 
weight saving increases.
 

7.5.4 Material Description 

Material descriptions were developed for the baseline aircraft, and the com
pletely resized advance structural concept aircraft (see Tables LXXX and 
LXXXI). 

7.5.5 Cost Weight and AMPR Weight 

The cost weights and AMPR wei~hts for the baseline, unresized, partially
resized (fixed engine size) and the completely resized aircraft are found in 
Ta!>le LXXXII. 
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TABLE LXXVIII GROWTH FACTORS - AMST PRODUClION - JT80-17 ENGINE 

ITD4 

WI~ 

~r;a 
TIlRUST (SLS) 

TO '"EIGHT 
RATIO 

FUEL TO 
'"EICHT 
RATIO (~l 

~ 

r~l 
';R~ 

FACTOR 
GE'W 

STOL 

1~1 
~ 

T(JGIi 
rLll~ ) 

GR~ 

FA':rOR 
STOGW 

~ - Vuy W1n& Area an4 TIu'II.t 

Ba•• Ca•• 86.:'1 .3973 .1317 103,234 --- --. 150,000 ._- -.-. 
W1n& - 10CJ0j 86.21 -3973 .1322 101,357 -IBn Lee 147,908 -2"92 ' .09 
taU - 10CJ0j 86.21 :3973 .1322 101,365 .1669 1.87 147,\117 -2083 ~.08 

ru..l-a' - lOOQ11f 86.21 .H73 .1322 101,323 -1911 1·91 147,869 -2131 2.13 

Lan4tna (le... - lClCXl1 86.21 

EncIn.. . lOO<:1i 86.21 
.3973 

.3973 

.13-' 

.:,$22 

101,351 

101,379 

-1883 

·11'55 

1.88 

1.86 
147,901 

147,934 
·2099 
-2066 

2.10 

2.07 

Sy.t••• - 1()()()/ 86.21 .3973 .1322 101,337 -1897 1.90 147,886 -2U4 2.11 

~ - ~ary I(tna Ar•• at Con.tant TIu'II.t 

Ila•• CI.. 86.21 .3973 .1317 103,?34 --- --- 150,000 __ e. ----
WInc - lOOOi1 86.93 .4027 .1321 101,439 -1795 1.80 147,993 "2007 2.01 

TIU - lOOOi1 86.93 .4027 .1321 101,44~ -1165 1.79 148,005 ·1995 2.00 
ru.el-at .. lClCXl1 86.93 .4028 .1321 101,401 -IS 33 1.83 147,950 ·2050 2.05 

Lan41nc Go... - 1000II 86.93 .4028 .1321 101,421 -1813 1.81 147,973 -2027 2.03 
Encill.. - lClCXl1 86.93 .4028 .:321 101,422 .lS12 1.81 147,975 -2025 2.03 
Sylt... - lOOOi1 86.93 .4028 .1).:'1 101,417 ·1817 1.82 147,969 -2031 2.03 

• S7lt•• are tho.. it... that vary witll wlnl Uta, TOJW, aIl4 tlu'll.t, SUrfae. eOlltrols, tIlel IYlt.elll, ~4raulie. an4 
ie. prot.ction; other 'ylte.. (l.•. Avionic.) have tho .... p'ovtll r..tora ao tb' tIl••I ..t. 

TABLE LXXIX GROWTH FACTORS FOR ADVANCED AIRFRAME 

CASE I CASE III INITIAL 
COMPLETELY RESIZED PARTIALLY RESIZEDWEIGHTITEM 

REDUCTION ATOGWtOEW AOEW tTOGW 

1002WING 1508 lSoa 17741774 

HORIZONTAL TAIL 203 256 256 286286 

VERTICAL TAIL 172 229 229 211211 

468FUSELAGE (SANDWICH) 565565 559 559 

MISCELLANEOUS 0 823 823 314314 

~lIn 0 3070 0 286 

1845TOTAL WEIGHT REDUCTION 3381 3688 34303144 

.GROWTH FACTOR 2.001.83 1.70 1.86 
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TABLE LXXX BASELINE STRUCTURE MATERIAl WEIGHT BREAKDOWN 

COMPONENT 
GLASS. 

FlBER-

GLASS 

FILLER. 

ATTACH. 

PAlh, 

ADHE

SIVES 

ALUMI

HUH 

FORGI foIG 

ALUMINUM 

NON 

FORGING 

STEEL 

ALUHINUM 

TITAN Iuti HONEY

COMB 

HIGH 

DENSITY 

"'ETAL 

BORON

ALUMINUM 
TOTAL 

Wing Structure r,ONE ~ONE NONE (lB,765) 

Box 

Remainder 786 

543 

95 

165 

3,197 

8,410 

1,811 IiSl 2,930 147 

9,118 

9,647 

Horizontal Tilil Structure 

lIox 

Remainder 

85 

44 

55 

3~7 

1,609 

1,134 

(3,234) 

1,749 

1,485 

Vertical Tail Structure (3,460) 

Box 79 

52 

61 

384 

1,335 

1.455 94 

1.475 

1,985 

Fuselage Structure 

Shell (Forward of 366) 

Shell (3~6 to 982) 

Shell (Aft of 982) 

Other Primary Structure 

Cargo Floor. Ramp and Supports 

Reniltnder 

681 

402 

232 

20 

182 

95 

80 

180 

263 NONE 

2.295 

320 

247 

251 

4.980 

2.369 

, .524 

••830 

4.889 

200 

327 NONE NONE 

(24.367) 

271 

5,)02 

2,464 

4.580 

5,932 

5,958 

TOTAL 2.101 1.718 0 7,031 34,597 1.302 2.930 0 147 0 49,826 
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TABLE LXXXI RESIZED STRUCTURE r1ATERIAL WEIGHT BREAKDOWN (11 W:NG - SANJWICH FUSELAGE) 

BOROH*GlASS. ALlI1INlI1ALlI1I Alll1INlJ' HIGHFILLER. 
ACHE NONNII1COMPcmENT STEEL TITAN IIJ' TOTALFIBER HONEY DENSITY BORONATTACH. 
SIYES fOflGIRG ftlRGINGGLASS PAINT COHB METAL ALltlINlJ1 

(17 .257)Wing Structure 

175
 7.71)1 7.876Box 

143
 9.38193
 662
 2.849Remainder 764
 3.109 1.761 

(2.978)Horizontal Tail Structure 

109
 1.519112
 1.185 113
Box 

43
 1.459302
Remainder 1.114 

(3.231)Vertical Tafl Structure 

55· 1,280132
15
 110
59
 909
Box 

51
 378
 1 951
1.430 92
R 

(23,802)Fuselage Structure 

271
20
 251
Shell (Forward of 366) 

211
Shell (366 to 982) 769
 4.8602,710609
561
 

2.46491
 2.369Shell (Aft of 982) 

4.45576
Other Primary Structure 681
 1.5082.190 

200
180
 320
 2.990402
Cargo Floor. Ramp and Supports 5.7941.702 

5.958321
263
 4.889232
 247
Remainder 

X ,702 47,2687.265 28 817
 1.281 '_RaQ2.079 1.334TOTAL . 729
 1.014 143
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TAI3LE LXXXII ADVANCED CONCEPT AIRFRAME (HONEYCOMB FUSELAGE)
 
COST HEIGIIT AND AI~I'R WEIGHT
 

ADVANCED CONCEPT 

8ASELINEITEI~S COMPLETELY PARTIALLY 
UNRESIZED RESIZED 

MANUFACTURE'S 

RESIZED 

96.879 95,348 95,58998.724mpTY	 WEIGHT
 

ROLLING
 -3,349-3,349 -3.272-3.267ASSEMBLYLESS 
ENGINES -13,320 -13.320 -13,320-12.991 

i 

80,210 78,997 

STARTERS 

COST	 WEIGHT 82.055 79.090 

-105-105 -102 -105 

APU -410 -410 -410 

INSTRUMENTS 

-410 

-578 -578 

BAITERY & 

-578 -578 

-450 -450 -450-450A.C. SUPPLY 

LESS AVIONICS -1,183 -1,183 -1,183 -1,183(8LACK	 BOXES) 

AIR 
CONDITIOrUNG -242-242 -242 -242 

urUTS
 

HYDRAULICS
 
(DROP-OUT -71 -71 -71 -71 
GENERATOR) 

AMPR \4E IGIIT 77,17179.016 76.054 75.958 
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SECTION VI II 

MANUFACTURING METHODS 

8.1 METAL PROCESSING 

Advanced design concepts for the stol transport evolved from studies empha
,sizing reduction in the number of parts required in an effort to reduce cost. 

i'The resulting designs utilize large integrally machined or honeycomb sandwich 
structural components with relatively few mechanical attachments. Fabrication 

,of the large components utilizes existing conventional processes, and no spe
cial problems are expected except for the double curvature forming of isogrid. 
The unique feature of the advanced design concepts is the large size of many
of the structural cumponents. Larger facilities are required for such pro
cesses as heat treatment, penetrant inspection, ultrasonic inspection, check 
and straighten operations, and the curing of honeycomb sandwich components. 

8.2 METAL REMOVAL 

Precision machining of complex geometric patterns from thick plate and forging
stock with dimensional conformance and required surface finish is necessary 
for the success of the advanced design concepts. The machining of the inte
grally stiffened wing cover and fuselage isogrid panels from aluminum plate
stock involves the removal of a large volume of material. Die forgings were 
selected as the stock material for structural components where possible to 
reduce the machining required. 

8.2.1 Machining 

The two primary machining techniques proposed are numerically controlled 
machining and chemical milling. Multiple-spindle N/C machines to be used to 
machine the large structural components, wherever possible. For surface 
finishes required, cutters using replaceable lockable carbide inserts to be 
used. These cutters offer the additional advantage of lower tool replacement 
cost when compared to the use of brazed carbide inserts. The cutters to have" the capability to end cut, side cut, and undercut to accommodate the flanged
stiffeners of the design concepts. The machining to be accomplished with the 
stock material in "M" condition to increase tool life, and minimize heat 
treatment and check and straighten operations. 

Surface finishes ..., be controlled by optimizing feeds and speeds and designing
pockets with radii that permit correct tool loading. Float-passes to be used 
where feeds arc decreased and surface speeds increase to generate fine finishes. 
Hand finishing to be used to spot touch areas where machined finishes do not 
meet engineering reqUirements. The use of float-pass and hand finish techniques 
to be minimized to reduce cost. 

Three types of numerically controlled machines--direct computer controlled, 
magnetic tape, and punched tape--were evaluated to determine the most effective. 
For production applications, direct computer control provides the most rapid
response in verifying and modifying program~ to reflect engineering design
changes. Magnetic tape or punched tape methods are inflexible in that changes 
must be programmed separately, then processed into the controller for function 
checks. Direct computer control eliminates this intermediate step. 
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Conventional machining techniques can be used to machine honeycomb cores used 
in the sandwich panels with no special problems expected. Bevel edges of the 
core can be provided by standard band saw type operations. 

Boron/epoxy reinforced aluminum extrusions were considered for extra stiffness 
in wing, floor. and vertical stabilizer assemblies. The ~igh ratio of aluminum 
to boron in a typical extrusion cross-section complicates the machining of the 
extrusion because of the diverse cutting properties of the aluminum and boron 
fibers. Boron can only be cut with diamond tooling, as the high hardness of 
boron precludes the use of conventional steel or carbide cutting materials. 
Cutting through the aluminum extrusion tends to fill the diamond wheel and 
stop the cutting action of the diamonds. Present in-house machining efforts 
are treating this problem by using special metal matrix wheels at high surface 
speeds to minimize filling. Special oscillating grindinJ wheel operations can 
be used to grind off the ~)(cess boron reinforcement on ttlC outside surface of 
the vertical stabilizer spar caps. Boron-reinforced extrusions could be 
purchased to net lengths from proven suppliers to eliminate machining opera
tions on assembly. 

8.2.2 Chemical Milling 

The ribs of the wing and horizontal and vertical stabilizer, and the wing 
spars, are integrally stiffened members with large. flat webs between 
stiffeners. Web thicknesses are generally .040 to .10 inch thick with varia
tions in thickness along the longitUdinal rib dimension. The wing cover panels 
are integrally stiffened and are tapered spanwise and chordwise. Skin thick
nesses range from .063 up to approximately .156 inch thick. Stringer cross
sectional areas are tapered spanw·:se. 

After numerical control machining to a minimum thickness of approximately 
.090. the chemical milling process will be used to obtain the final thickness 
required. By masking and withdrawing the structural components at a controlled 
rate. the web and stiffener thicknesses may be tapered to engineering require
ments. No special problems are expected in chemical milling the structural 
components. but facilities must be provided to accommodate the large wing cover 
panels and spars. 

8.3 FORMING 

The use of integrally stiffened panels. especially those with an isogrid
network. requires some specia) forming techniques. The forming of integrally 
stiffened panels has been performed on brake presses and creep apparatus. 
These methods have certain limitations: brake forming is limited to simple 
contours only and creep forming is expensive and constrained by part size. 

The rapid growth in shot peening among manufacturers over the past decade, 
and advancements through research and development have made this process a 
highly favorable candidate for forming these large panels. Research and 
development in the shot peening of panels to simple and compound contours 
support peening techniques as being both economical and reliable. However. 
additional development is required for double contouring. 

Conventional forming methods will be utilized for the horizontal and vertical 
stabilizer honeycomb sandwich panels and conventionally constructed fuselage 
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components. No special problems are expected in these areas. Large auto
claves are required to accommodate the large honeycomb panels. 

8.4 JOINING 

The large size of the structural components of the advance design concepts 
reduces the number of mechanical attachments required in the advanced STOL 
transport. There are several types of mechanical attachments that offer 
advantages over conventional types. Crown flush rivets eliminate rivet 
shaving and the associated skin rivet marking problems. Aerodynamic smooth
ness is maintained provided the tolerances on the rivet head and countersink 
are held. Other crown flush attachments 1) prevent structural damage when 
driving interference fasteners. 2) provide increased head tension strength. 
and 3) insure full head seati~g Drior to the nut or collar installation. 

A Rivbolt fastening system should be considered for attachments up to 3/8 inch 
diameter and 4D grip in fatigue critical areas where permanent attachments are 
required. Stationary and portable installation equipment is available. 
Taperloks should also be considered for use in fatigue critical areas. Stress
coining techniques with 100% inspection can be used. 

Improved coatings and lubricants for interference fit attachments should be 
used to expand	 the use of straight shank fasteners in areas of greater than 
40 material thickness to prevent adhesion upon installation. 

In honeycomb sandwich panels where attachments are installed. densified core 
inserts or "potting" can be used tc. prev€:nt the core from crushing and to 
transfer the load into the panel. No special problems are expected. 

Adhesive bonding is a joining ~!chnique that is used extensively in the ad
vanced concepts. The honeycomb sandwich cover panels of the horizontal and 
vertical stabilizer, and the honeycomb fuselage shall all use conventional 
adhesive systems. Large autoclaves are required to fabricate these components.
The spar cap~ and splice doublers of the horizontal and vertical stabilizer 
are bonded to the cover panels. Accurate tolerance control is a requirement 
in these areas. 

Adhe~ives are used to bond the boron reinforcement to the stringers of the 
wing, to the vertical stabilizer spar caps, and to the cargo floor panels. 
Cold setting adhesives that are environmentally resistant are required for 
this operation, and several candidates should be evaluated to determine their 
efficiency. Development of a suitable new adhesive system may be required. 

8.5 BORON/EPOXY REINFORCEMENT 

/	 The spar caps of the vertical stabilizer will be reinforced by infiltrating
with boron/epoxy reinforcement. Figure 174 shows a schematic of the opera
tion. The 7050-T6511 aluminum alloy "T" spar caps will be infiltrated with 
boron/epoxy composite by pultrusion. The pultrusion die is approximately 30 
inches long, and the filler plugs are aligned with the aluminum Tis after the 
boron/epoxy filaments and resin are bonded onto the front end of the aluminum 
"T." The pultrusion die temperature is maintained at 350°F. The pull rate 
of the infiltrated "T" is 1 to 3 inches per minute. The boron/epoxy infil 
trated aluminum "T" will be sufficiently cured going through the pu1trusion 
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die to allow an oven post cure without mold pressurization. After the 30 
fo')t long double length infiltrated "T" leaves the pultruder, the boron/epoxy 
irragular filaments existing beyond thE: aluminum "T" surfaca are ground off 
with an aluminum oxide wheel. The gri~ding wheel oscillates while rotating 
to ensure a smooth outside surface. 

The cargo floor planks are reinforced by infiltrating the aluminum extrusions 
with boron filaments. This method offers many advantages, but it's limited by
the inability to obtain infiltrated extrusions longer than approximately 20 
feet in length. and the lack of an effective method of reducing the amount of 
boron reinforcement if the area of the stringer is reduced. 

8.6 MANUFACTURING METHODS DEVELOPMENTS REQUIRED 

The advanced design concepts for the AMST transport require development of 
techniques to pro~ide: 1) infiltrated reinforced extrusions between 50 and 60 
feet in length, 2) suitable methods of reducing reinforcement area along the 
length of the infiltrated extrusion. 3) cost-effective techniques for rein
forcing extrusions by pultrusion. 4) effective environmentally resistant 
adhes i ve sys tems that cure at room temperature. 5) further capab il ity in the 
area of shot peen forming of double contours in isogrid panels and with deter
mination of the degree and effects of stress distribution between peen~d and 
unpeened areas. and 6) large die forgings between 50 and 60 feet in length. 

8.6.1 Boron/Epoxy Infiltrated Extrusions 

Continuous pieces of infiltrated boron extruded metal of 50 foot lengths for 
floor supports have not been produced to date. Somydevelopment and analysis
will be necessary to confirm that the part can be made and that the bond of 
resin to metal will withstand thermal expansions and contractions and repeated
loadings during service environment. 

8.6.2 Boron/Epoxy Pultrusion 

Development work is essential to establish the economics of pultruding the 
boron/epoxy into place. Analysis to confirm that the bond of resin to metal 
will withstand therrral expansions and contractions and loadings during service 
is necessary for the proposed stiffening of spar caps. 

8.6.3 Shot Peen Forming 

In support of the concept of shot r~~n forming of isogrid fuselage skin panels, 
Douglas has a development program 1n progress to evaluate and demonstrate the 
shot peen forming capability for contouring isogrid panels with stiffeners 
approximately one inch in height. Consideration must also be given to node 
areas and the degree and effect of stress distribution between peened and 
unpeened areas. 

8.6.4 Large Forgings 

The wing box concept has incorporated the use of large single piece die 
forged front and rear spars. Die forged upper and lower wing cover panels may
be used to reduce the amount of machining required and for increased material 
properties. The 50 foot lengths proposed exceed the current state-of-the-art 
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of approximately ~ feet. Discussions with the larye die forgers indicate the 
limited sile of the current die platens could be circumvented by the use of 
overlapping segmented dies to produce the longer forged lengths. 
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SECTION IX 

NONDESTRUCTIVE INSPECTION 

9.1 NOI INSPECTION SENSITIVITY 

Fracture critical parts will require inspections for material and fabrication 
defects per NOI process specifications and per damage tolerance requirements. 
A planar discontinuity. sharply terminated. and oriented normal to the pre
dominant tensile stress i~ most effective in reducing performance and is most 
easily accommodated in fracture mechanics calculations. In most designs. this 
orientation will also be transverse to the long axis of the part and perpendic
ular to the surface. For most NiH procedures. this type of discontinuity is 
readily detectable. 

9.1.1 Material Inspection 

Minimum initial defect sizes are specified in MIL-A-XXXXXX (Appendix A).
Smaller initial flaw sizes may be assumed subsequent to a demonstration that 
all flaws larger than these assumed sizes have at least a 90% probabi~ity of 
detection with a 95% confidence level. The results of demonstration tests. 
as reported in References 46 and 47 are shown in Figure 175. Recent results. 
as noted in Reference 48. are shown in Figure 176. These results indicate 
that radiography should not be used ouring production inspection of fracture 
critical parts. Test methods should be confined to penetrant, magnetic
particle. eddy-current. and ultrasonic shear or surface wave inspections. 

The most recent and realistic NOI demonstration program was conducted at the 
B-1 Division of Rockwell International. at Los Angeles. in conjunction with 
Dr. Packman of USAF Materials Laboratory at Dayton. The resu1ts. obtained 
using optimum inspection techniques on different materials, are shown in 
Table LXXXIII. The minimum detectable flaw size was for cracks a/2c = 1/2;
where ~ = crack depth. and 2c = crack length. For the AMST program, it is 
assumed that equal results will be demonstrated with a 90% probability at a 
95% confldence level using production conditions, equipment. and personal. 

9.1.1.1 At Locations Other than Holes - The assumed initial dalnage size 
shall be (a/Q) = .10 where (a) is measured in the principal directioll of 
crack growth. and Q is the flaw shape parameter. The (a/Q) values must be 
determined for the material and temper finally selected for th0 de5ign con
cepts. However. for the purpose of analysis. a hypothetical flaw size curve 
is shown in Figure 177. The shape is based on the assumption that the longer 
the fldw, the shallower it can be and still be found and vice-versa. In 
general, different NOI methods will have different detectabi1ity limits. For 
each flaw deptil (a), with its corresponding length (2c), a depth to length 
ratio (a/2c) can be calculated as shown in Figure 178. In the available 
literature, there are few data relating detectab:lity to flaw size, especially
data relating depth and length. The study. in Reference 49. took data from 
References 46 and 50 for penetrant inspection of 7075-T651 and plotted detec
table flaw size data as shown in Figure 179. ~Ihile serera1 flaw sizes were 
studied. only a (a/2c ~ .5) was represented. When the data is sparse as in 
this case, some assumption rr.vst be made regarding the real curve. The intui
tive curve would be hyperbolic through the known point and one such curve is 
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TABLE LXXXIII NDI DEMONSTRATION PROG?AH FOR B-1 BIJMBER 

MIN. FLAW R.1. B-1 0IV• 
ITEM NOI METHOD ENGTH (2C).:{INCH PRODUCT REPORT NO. 

Titanium
Penetrant 0.025 - 0.050 Extrusion, TFD-72-7931 (P5F-2.5) Plate, Sheet & 

Titanium0.030 - O. 075Penetrant Forgings or TFD-72-10052 (P5F..2.0) Diffusion TfD-72-1515& Bonded 
0.049 - 0.080Penetrant PH13-8r~03 TFD-73-496(P5F-2.0) Steel& 
0.037 - 0.068Penetrant4 Aluminum TFD-72-767(P5F-2.5) & 

Magnetic 0.070 - 0.100 
5 Particle Steel TFO-72-768 

(fluorescent) & 
0.076·-- 0.100 Ultrasonic6 Welded steel TFD-7S-372(shear wave) & 

.~rought or0.048 - 0.090Ultrasonic Welded TFO-73-3717 (shear wave) Titanium& 
0.108 - 0.126Ultrasonic Wrought TrO-73-i408 (shear wave) Steel,& 
0.048 - 0.060 Stacked steel Eddy Current Aluminum TFD-73-279 (hole probe) and Titanium,& 
0.046 dia. Titanium 

Ultrasonic (3/64) Wrought or10 TFD-72-677-1(long wave) Diffusion 
Bonded& 

& --i 2C t-: ~ & & 
~\:J I a 2C

Flaw -Jt ~ a/2C ;;-/2 a/2e = 1/2 ~ 
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shown. There is, however, no real basis for such a curve and a more defen
sible approach would be to use the known point as the limits of both (a) and 
(2c) giving the linear curve as shown. In fact, the latter could be consid
ered the limiting case of the hyperbolic form. Once a detectable flaw size 
curve has been established for the conditions of interest, the appropriate 
(a/2c) ratios can be obtained. Figure 180 shows (a/2c) as a function of (a) 
for Figure 179 limit points. Once the limits of (a/2c) have been establis'hed. 
then for any given stress. the factor Qcan be calculated for each value of 
(a) by Irwin equation Reference 49. Looking at Figure 179. an (a/2c) of .06 
represents a long shallow defect like a scratch, gouge, or machine mark whereas 
an (a/2e) of 1.6 repr~sents a pit. Therefore, it appears that for cracklike 
defects. the (a/2c) hyperbolic limits range between 0.05 to 1.5 as illustrated 
in Figure 178. 

Reference 51 has a report on flaw detection in .060 and .225 with thick 
2219-T87 by various NOT methods. Figure 181 is a plot of these detectable 
data points for (a) as a function cf (2c) for penetrant and eddy current 
inspection. The limiting curve from Reference 49 is included in the plot to 
show the improvement in detectable limits. An effort was tried to make flaws 
with (a/2c) ratios of 0.1, 0.25, and 0.5 in all specimens. Hovever. the flaw 
depth (a) to thickness (t) ratio influenced the (a/2c) ratio as illustrated 
in Figure 182. This figure shows that low values of (a) or (a/t) require
large (a/2c) values and vice versa with the range being different for the 
various thicknesses. 

Based on the data presented, it is obvious that fatigue crack standards for 
NOT detection capabilities always produce defects with an (a/2c) ratio of 
0.10 to 0.50 which was a consequence of their crack initiation and growing
techniques. Other types of defects [With (a/2c) ratio less than 0.1 or 
greater than 1.OJ may not be detectable. In view of these problems. it may
be necessary to either establish detectable flaw size curves for each metal 
thickness and flaw shape as well as for each detection method. Further theo
retical studies are required to explain the relationship between the real 
data in Figures 181 and 182 to the intuitive limits of Figures 177 and 178. 

9.1.1.2 At Locations Adjacent to Holes - Figure 183 shows a typical wing-box
lower-surface concept for integral stiffened panels and also the baseline 
design. Illustrated is a through the thickness crack of 0.02 inch and a 
corner crack of 0.01 inch at a 0.25 inch hole. The corner crack with a radius 
of 0.01 inch (a=2c=1.0) is the minimum level of detectabi1ity for penetrant 
and eddy current durin9 fabrication inspection. The through-the-thickness
crack (0.020 inch deep) has a (a/2c) ratio slightly greater than 0.12 which 
is also the minimum level of detectability for penetrant and eddy current. 

9.1.2 Fabrication Inspection 

Inspection of fracture critical parts during fabrication is required in order 
to insure a crack-free structural component. A discussion of the areas of 
inspection for various concepts is presented in the following sections. 

9.1 2.1 Wing Box Structure - The wing concepts 1 and 2 are shown in Figure 
184. The integral stiffened wing concepts. upper and lower. require ultra
sonic inspection of the plate stock. prior to machining. to a Grade-A (3/64
in. dia.) level. The finished machined parts require penetrant inspection 
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using a MIL-I-25l35 Group-V or better penetrant and non-aqueous spray
developer. Critical holes are to be checked by penetrdnt or eddy-current 
(whichever is most applicable). The foregoing statement also applies to wing 
spar-caps and wing to fuselage attach fittings. The integral stiffened 
mac~ined wing skins a~d machined spar caps require an ultrasonic or mechanical 
thic~ness check bec~use of the variations in thickness due to tapering. 

i Wing concept 2. witil the boron-reinforced stringers at the upper panel. should
I be handled as follows: 1) The skin material will not be ultrasonically in
, spected. 2) The stringer extrusions to be ultrasonically inspected before 

machining. 3) The finished machined stringers to be penetrant inspected. 4)
Critical holes to be penetrant or eddy-current inspected, 5) The boron-epoxy
laminate to be radiographed or ultrasonic C-scanned for voids and delaminations 
before bonding and (6) The bond quality between the boron-epoxy laminate and 
the stringer caps to be evaluated by contact pulse-echo ultrasonic or Fokker 
bond test. 

9.1.2.2 Empennage Box Structure - The horizontal and vertical stabilizer box 
sections are fabricated from adhesive bonded aluminum honeycomb (Figure 185). 

Clealiness of panels prior to bonding is determined by water-break test. 
Other surface analysis methods such as contact angle measurement, electron 
micrographs, electron emission energy measurement. surface impedance measure
ment are still being analyzed to control adhesive bond strength. However, no 
one method or combination of methods has yet been established for production 
inspection prior to bonding. 

Considerable work has been done. at OAC. to establish NOI methods and accep
tance criteria for adhesive bonded honeycomb panels. Based on these studies. 
the application of NOI methods in the production cycle for honeycomb sandwich 
panels generally includes the following: (Ref. 52) 

o material property tests 
.. o cleaning method checks (pre-bond) 

o	 verifi1m (pre-bond) tooling check 
o	 visual inspection 
o	 hot water leak test 
o	 radiographic check for water. core damage. fit-up, and other 

internal discontinuities 
o	 ultrasonic inspection for voids and lack of bond 
o	 nondestructive and destructive testing of first assembly for 

correlation of findings and t.horo~gh evaluation. 

To avoid unwarranted inspection costs. engineering drawinJs should be zoned 
with quality limits based on stress analysis or criticali1~ of part function. 
A typical example of a zoned drawing for a vertical stabilizer is shown in 
Figure 186. A definition of inspecticn zone letters vs allowable adhesive 
void sizes is shown in Figure 187. Reference standards should contain dis
continuities of the required minimum sizes as specified by the applicable 
zones of inspection for any given part. 

The configuration of the standard must be representative of the test article 
with respect to skin thickness. material type, adhesive type and underlying
structure • 

297 
. J
 

I 



/' 

"
 

J 
5CI!"hUICI: L....TI 

e-,\.., 
200 •• ~,- ......,-....."r--,...,-"'"TI-"'1-...,. 

'25 

iDO 

1.S 

1.01.21 I III II I I 

1'''1 '	 

"" 
..............~
111111.1111 

! 
~ 

""{'(iJ'~ ~'lIOI/ltH I 
i 
.. 

.., 
N 
\D 
CO \"""""'1 I~"" "" ".,.,,, ,8 

Figure 185 HORIZONTAL &VERTICAL o 0 I I I I I I I I I 
.1 .2 J • 5 • I'"	 ,/STABILIZER DESIGN 

o 15 10 7.5 100 '2 S 1101_1CONCEPT •• ¥DC) wtDfH 

1III'l!'	 W IS THt: IIAX'_ PIlOJ[CT[O \IOIlI won<. UEAStJ'I[II ACIOOSS THt: 
.. Tft[ "_ROW" 0I!l£~lC)H AS SHOWN IN THl! saETCM L is THt: 
~CTED VOID Lt:NGTM "[ASUllt:D P't:1lP't:NDlClJU'1l 10 wA-A 

Figure 186 QUALITY ZONING FOR 
VERTICAl TAIL LOWER Figure 187 DEFINITION OF INSPECTION 
FORWARD BOX ASSY	 ZONES AND ALLOWABLE 

ADHESIVE VOID SIZES 

",,-, 

"" 

I 



Quality assurance of production parts can only be obtained by: 1) preparing
specifications for each NOT method, 2) preparing technique charts for each 
NOT method as applicable to a specific part, and 3) recording test results on 
~lar overlay of each part. 

9.1 .2.3 Honeyco'nb Fuse1age She11 - The NOI di scuss ion for the empennage box 
structure is applicable to the honeycomb fuselage shell concept. In addition, 
the plate stock for the "picture frame" edge member (Figure 84), would require 
an ultrasonic inspection of the plate stock and penetrant inspection of the 
finished machine parts. 

9.2 IN-SERVICE INSPECTION 

This section discusses Special Visual Inspectab1e and Depot or Base Level 
Inspectab1e structures during service. To be consistent with the damage
tolerance criteria (Appendix A), the discussion will only cov~r on-aircraft 
inspections of fracture critical structure. The frequency of inspection 
associated with the inspection plan element is as follows: 

Inspection Plan Element Inspection Interval (Hours) 

Walk Around Visual 25 
Special Visual 

Depot or Base Level 
1,000 
3,750 

9.2.1 Special Visual Inspectable 

Structure is special visual inspectable if the nature and extent of damage
being considered is unlikely to be overlooked by personnel conducting 3 
detailed visual inspection of the aircraft for the purpose of find;ng damaged 
structure. The procedure may include removal of access panels and doors, and 
may permit simple visual aids such as mirrors and magnifying glasses.
MIL-M-38780A specifies: "Special cases may be included at the request of the 
using conmand(s) based on the component criticality..." 

Problems of accessibility or removal of access panels could be minimized by
locating small access holes near critical structure for endoscope inspections.
Holes approximately 1/4 inch dia. could be provided at selected locations. 
Quick removal fasteners could be used to plug the holes when the aircraft is 
in service (see Figure 188). 

The smallest damage which can be presumed to exist in the structure after 
completion of special visual inspection shall be an uncovered open 2-inch 
through the thickness crack. This limit does not agree with demonstrated 
tests (Reference 53) for through the thickness fatigue cracks generated in 
1/2 in. thick 7075-T651 anodized specimens with organic coatings. Table 
LXXXIV shows the results for fatigue cracks generated under organic coatings 
from a 3/8 in. dia. hole. 

The word "open" crack is difficult to define because a crack may not be 
visible at a no-load or compressive-load condition, but becomes visible if a 
static tensile load is applied as illustrated in Figure 189. In Figure 189 
we see that the real length of the crack was not indicated until the tensile 
load reached 60 percent of maximum. Table LXXXIV clearly indicates that cracks 

299
 

\ i 



\/
cr=-= 

goo Foreob11 Que RetrospectIve 
Types of Endolcopes 

Figure 188 INSPECTION HOLES FOR IN-SERVICE INSPECTION 

TABLE LXXXIV	 MIHIMUM DETECTABLE CRACK LENGTH 
UNDER ORGANIC COATINGS (VISUAL
INSPECTI ON) 

• 
CRACKCRACKTYPE OF WIGTH 

SPECIMENS 
LENGTH 

(NO LOAD) (LQAOE!l) 
(lNi (IN)COATING 

LENGTH CYCLESLENGTH CYCLES 

0.250 57K63KFUEL TANK 1.20I 

FUEL TANK·
 
2
 r;'IMER TOP. 0.090 82K 

COAT 
1.43 97K 

F.R. PRIMER
 
3
 .3.25 61K 0.125 45K 

SYSTEM 
CORUGARD 

•CRACK DETECTA8LE ON ONE SlOt OF HOLE ONLY 
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on the order of 1.0 inch long may be found in anodized aluminum. Cracks less 
than 2.0 inch may be found in aluminum coated with anodize, fuel tank coating,
primer, and topcoat. However,:'"r surfaces coated with F. R. primer, and Coro
gard system cracks must be at lea:t 3.5 inch long to be visually detected with 
a no-load or compressive load cond:tion. Hence, NDI methods must be used to 
locate possible cracks. X-ray and v'sual (from the anodized side) were used 
to follow the crack growth (with and ~it~)ut load) in the study. 

9.2.2 Depot Level Inspectable 

The Damage Tolerance Criteria (Appendix A) state: where NOI techniques such 
as penetrant, eddy-current or ultrasonics are applied to a component installed 
in the aircraft, ~he minimum assumed size shall be a through the thickness 
crack emanating from a fastener hole. having 0.25 inch of uncovered length.
At other locations, the minimum assumed damage size shall be a/Q =0.20 inch. 
Appendix A also states that srnaller sizes may be specified subsequent to a 
demonstration to a 90% probability and 95% confidence using in-service 
inspection procedures. 

HIl-M-38780A states that the primary inspection method be backed-up by a 
secondary verification procedure where initial results do not provide uncon
testable data for determination of the serviceability of the item inspected.
It is desirable to perform the verification procedure by a method employing
direct visual observation (optical, magnetic-particle, or penetrant) when the 
initial procedure is performed by an instrumented method (X-ray, eddy-current 
or ultrasonic) providing it does not resr.1t in extensive disassembly. In 
reality, the NOI engineer. selecting the test methods, does not have many 
r.~tions to choose from. The methods selected are more generally governed-by
the structural configuration t defect location, and defect orientation, than 
by any other reasons as illustrated in Figure 190. 
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SECTION X
 

COSTS
 

In studies of this type in~olving new design concepts. new materials. and new 
manufacturing rrethods, there·is an inherent minimum of historical experience 
upon which to base development, production, and life cycle cost estimates. 
In general, some experience does however exist to draw upon from completed 
or ongoing research and development or smaller scale applications to past 
and present aircraft or spacecraft of similar concepts, materials. and manu
facturing processes. This historical experience and production cost data 
together with a comparatively detailed examination of each component were 
used to estimate projected costs for each of the elements necessary to the 
development. production and operation of the AMST aircraft. 

The baseline aircraft and two new concept aircraft (incorporating the selected 
new concepts and materials in the primary structure) were analyzed in parallel 
to the same detail to produce directly comparable data. The two new concept
aircraft had the same wing and empennage box structure but different f~selage 
shell concepts. The first of these utilized a 1oneycomb sandwich fuselage
shell and all detailed data is presented in this section. The second new con
cept aircraft incorporated an isogrid concept f~selage shell. Detailed data 
for this configuration is contained in Volume II with only summary results 
presented in this section. Each new concept aircraft was considered unresized 
and Jgain. as resized to take maximum advantage of the reduced weight of the 
new con~epts. The baseline aircraft incorporated new metallic materials but 
not new design concepts and is referred to as the nimproved baseline" in 
Section V. The resized aircraft costs were calculated using a scaled ~ngine 

based on the off-the-shelf baseline JT8D-17 engine. 

Acquisition and life cycle costs were generated for the baseline and the new 
concept aircraft. The acquisition cost is the total of develop,nent and pro
duction phase costs with all the necessary supporting elements. The life 
cycle costs include the projected operations and support costs. Aircraft 
production quantities of lOa, 300 and 500 were considered. The production 
rates postulated for the three quantity programs were 3. 6. dod 9 aircraft 
per month, rc3pective1y. 

The information available on u.~ basel ine aircraft and generated for the 
new concept aircraft during the study made possible a much mOl'e detailed 
analysis than is usually possible in a program of this type. Not only were 
precise structural materials and concepts defined but also ~he manufacturing
processes for fabrication and assembly. The overall analytical process is 
illustrated in Figure 191 beginning with the requirements and engineering
data and ending with the costs. 

10.1 ACQUISITION COSTS 

The acquisition costs arc made up of the following resource elements within 
the two program phases: 
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Development Production 

Air Vehicle Air Vehicle 
Project Management Project Management
Product Support Product Support
Test Spares Initial Spares
Packaging, Marking, Shipping Packaging, Marking, Shipping
ECPS ECP 
Training/Trainers Training/Trainers
AGE AGE 

Each of these elements was addressed separately during the study. 

The air vehicle production costs were estimated using the engineering drawings
produced for each selected component concept (see Section V) as the basis. A 
detailed industrial engineering approach was then made to estimate the costs 
of major part fabrication and assembly. All costs reflect the analyses of the 
detailed shcp standards. the detailed definition of materials and gages, the 
historical relationships between standard and anticipated actual hours, and 
the 1973 cost base used. which held direct labor. overhead and G&A rates 
constant. 

10.1.1 Labor Hours 

Bid worksheets were created which reflected the manufacturing concepts and 
processes selected. including the specification of material. equip".:mt and 
facilities required. The bid worksheets (Figures 192 and 193) accumulated 
the detailed planning, tooling. quality assurance and manufacturing manhour 
estimates made for each sequenced operation. This informati~n was then 
collected on a structural component by component basis so that at the end 
of the analysis it was possible to compare the total fabrication and assembly 
costs for the various portions of the wing. horizontal tail. vertical tail, 
fuselage. and the remainder of the aircraft. All information was prepared in 
a m~nner to ensure cost compatibility. It should be noted that the bid work
sheet requires separate consideration of set-up time and operating time and 
permits traceability on a part basis through to the final total estimate. 
When the estimatiny process is conducted in parallel at this level upon the 
actual work to be performed. rather than by cost or labor hour ratio, more 
accurate comparative estimates are obtained. In addition. the relationship 
of manhours between fabrication. assembly, tooling, planning. and quality 
assurance is much better defined. 

The c.umu1ative average direct production manhour estimates are summarized in 
Tables LXXXV. LXXXVI. and LXXXVII for the 100. 300, and 500 baseline aircraft 
programs. respectively. The primary structural components subject to applica
tion of the new conce;Jts are listed separately. The corv-esponding direct 
labor estimates for the resized new concept aircraft with the honeycomb sand
wich fuselage are contained in Tables LXXXVIII. LXXXIX, and XC. Planning
estimates considered the significant reducti0ns in numbers of parts for the 
new concept components compared to the baseline and the magnitude of the manu
facturing and tooling estimated hours. As noted in the tables. the fabrica
tion and assembly hours reflect this reduction in parts for each of the 
structural components. 
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O.C.BID WORK SHEET 

""IT ....ME. SEGMENT 1-6 SANIJIICH - STRUCTURE _TIL.. 
TGrllL""T'L, AlUMINUM CORE 

PIlOC •NO.lItO. HUT "SStM. STA. '6%-'847SIU. .125 CEll/5056 AllOY - .0007 FOIL TOOL (ST
 

SI'(C.
 tHO ITtM: ....G. (ST.AlUHI~~~HOBE NOTE PG. 2 
UNIT C<lSt TOOL COSTPlIIIT ILLUSTA..TIlINt 

Ol'tAllTIClItNO. TOOL eou IPMENT Dtn.". SCToUP rAIl. llSSCM. r ..e. 

*'l 

Ots. 

1.0SET UP ALUM HIC HOBE ON --® ilL 
w,~ MILL. ~IILl (4) FOUP. 

SEGMENTS AS ON PG. 2 
I 

~~~ .. 
MAKE FROM 4 HOBES AS

p~0 .A~ 
NOTED• 

...cJ~ . 2 FOUR (~l HOBES WIll MAKE - --
CORES FC~ ALL SIX PANELS 
I(PG. 21 CORE SPLICE 
REQUIRE FOR' (1) & (4) 
PANELS NOTED PG. 2 VIEW~'_lI15-n srI/I> 
"Cu. 

3 MACHINE (4) HOBES AS 1.300 --1llllUlP~~~l'llU~/ -~ 
NOTED T~ 1.00 SIZE.

Ii'-"'''' 10/ .£~'eJ) jlfJJ#£~/VE'. 

_. Vir W ""," . 2.3204 EXPAND THE HOBES (4) --, . 
REQUIRE MAKES 110· III, • :' 

\ . 151" AS NOTED. VIEW "Cu.- .._- --_.__ ... 
UNIT CCST SIMWrt 

SEToUl' 2.5/15.0 IIIIS
 

rd.
 34.321J IIIIS 

llSSEM. E PURCHASED II LI UOF OBE.* NOTE: ALUM EXPANDED H-CC RE I'AY"" 
....T·L. t I 

CTtL[ OATS 
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TABLE LXXXV I DIRECT PRODUCTION lABOR ELEMENT 
ESTIMATES BASELINE - 300 
AIRCRAFT PROGRAM 

DIRECT LABOR HOURS PER AIRCRAFT1 
AI RCRAFT cel~OII111T QUAlITYI:ANUFACTU•. IXG ASSURANCE TOOliNG PlAN~ING 

IIll1G 
Wing Bo. 39.499 3.210 1.651 2.765 
Ren.. inder (!nc1udes also 51.638 4.379 4.601 3.615 

naps ••~i1crons. B.lance --- --- --- ---Wel,:hts) 
Subtot.,1 91.137 7.589 6.25~ 6.380 

r---------
HORIZONTA. TAIL 

tforizon':al ~Jt 6.594 540 422 462 
Remainder 6.958 ----ill... --lli- ----ill.. 
SubtotJl 13 552 1 133 1 167 949 

VERTICAl TAIL 
Vertical Bo. 5,075 4i8 357 355 
~e".inder 8,4el 727 958 594 
Subtotal "lJ;'55I l":iC5 l:3i5 ----m-

FUSELAGE 
Fuselage Shell (Station 24.203 2.058 1.842 1.694 

366-9fl2) 
Re"ainder 53,693 ~ ~ 3758 
Subtotal 77.~6 6.623 5.928 5.452 

REflAlIlOER Of AlRtRAFT2 68,520 9,8311 5.231 4.796 

TOTAL 264.659 26.3::8 19.893 i4:.526 

I
/

I 

.; 

I 

TABLE LXXXV DIRECT PRODUCTION LABOR ELEMENT 
ESTIMATES BASELINE - 100 
AIRCRAFT PROGRAM 

DIRECT LABOR HOURS PER AIRCRAfTI 

AI RCRAFT CO'''O'iE'/T 
rAAUFACTURING QUAlITY 

ASSURANCE TOOlING PlNiHlNG 

IIINr. 
Iltng Bo. 55.050 4.517 2.860 3.853 
Remainder (Includes aho 71.968 6.235 7.979 5.038 

Flaps. Ailerons. Balance 
Weights) --  -  -  -- 

Subtotal 127.018 10.752 10.830 8.891 

HORIZONTAl TAIL 
Horl:o"t.l Box 9,136 760 731 640 
Re~... tnder 
SUbtot-1 

~ 
18 777 
~ 

1.602 
-Lill.. 

2,022 
----!IL 

1.315 

VERTiCAl TAIL 
Vertical Bo. 7.031 5B9 618 492 
Rtma1 ndC'r tt .751 ~ 1.660 823 
Subtotal 18782 1 6ll 2,278 1 315 

FUSElAGE 
Fuselage Shell (Station 34.326 2.964 3.191 2.402 

366-982) 
Remainder 76.153 6.575 ~ ~ 
Subtotal 110 479 9.539 10,2S9 7.734 

R£KlINCi:R OF AIRCRAFT2 
l--. 

98.435 14.340 9.0il 6.889 

TOTAL 373.491 37.855 34.460 26.144 

lC.....lathe average recurrlr'9 estl..t.;d actual hours 

2lnclUdt!S the (ollowing alrfra... systelllS: 

• hndin9 gur (less rolling Iss!rilly) 
• flight controls 
• propuls ion (leu engine) 
• (uel s1st... 
• Iuxiliary cower unit 
• instrurents 
• hydraull cs 

• pneuIIItfcs
• e1ectrfcal 
• avionics 
• fum1shln~ 
• .Ir condi tionlng 
• fce proleCtiOll
• llandllng gelr 

ICIIII'.u1atlve IV.~·:· retun·lng estimated Ittu.1 hours 

21ncludes t~d followln9 Ilrfrare syste1llS: 

• hnding gear (l~ss rolling asseootlly) 
• fll~ht controls 
• propulsion (less englnel 
• fuel _yst"", 
• .udllary power unit 
• Instr_nts 
• hydr.uIi tS 

• pn_tlcs 
• electrIcal 
• Ivlonlcs 
• (umlshlnss 
• Ilr conditIoning 
• Ice prolectlon 
• hlndll"9 gelr 

: ~-
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TABLE LXXXVII nIRECT PRODUCTION LABOR 
ELEMENT ESTIMATES, BASELINE -
500 AIRCRAFT PROGRAM 

DIRECT lAB~R HO~11>5 PER AIRCRAFTI 
AIRCAAiT CO'1'lr.<E!lT QlitLIHYAAUFACTWUNG ASSlill.;NCE TOOLING PlANNING 

IIIN'-
lii'g So, 
~l:'1'ltlder Ord~C:fS .lso 33.8B9 2.745 1.305 2.372 

F'lapili • .\lIe~T"ls. B!1a"c~ 4~,303 3,739 3,637 ...l.a!Q!. 
We' ~r:ts) 

5ubtct.l 78,19Z 6,484 4,942 5,473 

HORIZOHT~ TAIL 
~cr;l~'t.l eol. 5,673 463 334 397 
Re:ra;nct,;t" 5,987 51>6 519 419 
Subt:tal h,660 -~ -m ---eTb 

'/UTIC.'\!. T~n 

Vfrtlc.l EkI .. 4,366 358 282 306 
Rr""4 '"der ..!..l21 610 757 511 
SubtoUl 1l.1l~3 --m "T,'OJ9 --srr 

-
rUSElACi 

Fusphg" Sh~lI (S~ltiOft 20,596 1,742 1,455 1,442 
366·~Bl) 

45.690 l,e65 3,llO~m,in"er J,I99 
SublDUI 66,~ "T,W "T,m' .....-;m-

REPlAIN::U OF AIRCRAfT2 57,951 8,282 4,134 4,(,56 

TOU. 225,752 22,320 15,723 15,603 

// 

/ 

TABLE LXXXVIII DIRECT PRODUCTION LABOR ELEMENT 
ESTIMATES, RESIZED NEW CON-
CEPTS, HONEYCOMB FUSELAGE --
100 AIRCRAFT PROGRAM 

~-
DIRECT LABOR HO~:~ PER AIRCRAr.' 

Al RCRAFT CGr1'C~jWT 
C'!A~lTVY.AllUFACTu'lt;G ASSUiW.CE TOOLING PLAN:f!~r, 

WING 
Wing BOI 36,153 3,755 2,360 l,e~8 

R""',nder (Includes aho 69,973 6,140 7,752 4,898 
F1ap~. Ailerons. 6.1ance !----el.hts) --- -- ---

Subtola~ 106,126 9,895 10,112 6,706 

HORI2QllTA" T-Il 
Herizoota! 80. 4,589 51t 754 229 
ReNinder ~ 824 .....!..ill... 663 
Subtot.1 lA,OS,; l":Ji8 1,9!l2 ----a92 

VUT! CAL TAll 
Vort;tll Bo. .. ,087 449 579 204 
R!'l'Iatnder ~ ....l.a£lL .....M£ pn~ 

Subtotal 1"f>J6 l,4t1S 2,221 """'i':Di'2 
FUSEl~Gr 
Fu,eh~ : hell (StatIon 40,9Z7 4,~BO 3,4."3 2,046 

366-982) 
Rc",a1nder 75,2E4 ~ ~,9~5 ~ 
Sub!otal 116,191 10,£78 1~,418 7.31~ 

RErlAINlJER ar AIRCP.AFT2 97,409 7.254 9,032 6,817 

TOT~ 349,41ll 30,830 33,765 22,741 

I 
! 

w.... 
w 

le-lI·;Y~ ,y~rag~ re:·:rring ~stl...~~ letuII hours 

21"cl,,*s t'~ following ,;rfr,~ sysl. s: 

• hndin9 ~.r (I.ss roll Ing Iss"""ly) 
• fll."t controls 
• ~rcpu1s;on (1 ... ~nglnel 
• fuel sy\tt..., 
• aua11f.')· power unit
 
J i"stru~"t,
 

• h)drtulics 

• pn......tic. 
• electrical 
• .,,1o"1c\ 
• furnlshln~s 
• Ilr conditioning 
• Ic~ protectlOft 
• Illf\dltng gear 

IC"""'hthe average recun'lng estl...~d actual hours 

21ncludes the 'ol1owing alrfr_ systelllS: 

• hndln9 ~ar (Ie.. rolling ISsemly) 
• fl Ight contro15 
• propulsion (less engIne) 
• fuel syHem 
• auxiliary power unit 
• instruments 
• hld..~1ics 

• pneumatics 
• electrltll 
• ,ylonics 
• furnlshlngs 
• air conditl ...lng 
• Ice protection 
• ...nelling ge,,, 
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~ 
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TABLE LXXXIX	 DIRECT PROffilCTION LABOR ELEMENT 
ESTIMAT[S. RESIZED NEW CONCEPTS, 
HONEYCOMB FUSELAGE 
300 AIRCRAFT PROGRAM 

DIRECT LABOR HOURS PEr. "1~CRAfTl 
AIRCRAfT COII'ON(l1T 

IWtUfACTUR ING QU~lITY 

ASS:,ol\lICE TOOliNG PI.A/IIlING 

IIINt: 
WtnS eo. 24,808 2.547 1.319 1.240 
Reooain~r (Includes also 50.206 4.318 4,«8 3.514 

Flaps. AlIe"Ons. Ualance 
Wtights) 

Subto~al 75.014 6.865 5.767 4.7~ 

HQRIZOlnr.t. rAIL 
Hort lonUI eo. 3.314 364 412 169 
Rpr"J:1 ndf'r 
Subtot.l 

6,834 
1rl~nA 

~ 
944 

704 
1 116 

4i8- 
647 

VERTICAL TAIL 
Vert'c.l eo. 3.043 323 :JI9 152 
R~""1"~er 8,336 7ie 942 sec 
Subtotal II .379 1.037 1,251 736 

fUSUAG< 
Fuselage Shell (Statton 29.280 3.111 2.227 1.464 

3£6-982) 
~"'l"dt!r 53.066 4,511 

~ 

4.038 3.715 
SubtDul 82.34& 7.622 6.265 5.179 

Rl:"AI:.XR OF AIRCRAFT2 67.1Il1 9.740 5.183 4.746 

rOTAI. Z46.743 26.208 19,582 16.062 

ltuoulative ..erage ~currln9 estimated actUlI houn 

ZlncludrS tile following alrfrane systetos: 

• landing geor (len roll ing an_ly) 
• fllsht controls 
• p,""pulsion (len engine) 
• fuel syst"", 
• auxiltary poooer unit 
• Ir.strumrnts 
• hydraull cs 

• ..-.alta 
• electrical 
• avionics 
• furnishings 
• air condl lIOlII", 
• Ice protectlOll 
• IlIndll"9 geer 

TABLE XC	 DIRECT PRODuCTION LABOR ELEMENT
 
ESTIMATES RESIZED NEW CONCEPTS
 
HONEYCOMB FUSELAGE - 500 AIRCRAFT
 
PROGRAM
 

DIRECT LAli-JR HC~t.j r£R AIRLRAfTi
 
AIRCRAfT COWJNEI;l
 OUAlITrI'lJlUfACTUR ING TOOLING PLANNINGASSURA:;CE 

lllNG 
Wing eox ZO.8)6 1.028 1.04Z2.132 

3.015 
flaps, Ailerons. B.hnce 
IIel j!lts)
 

Subtot.1
 

43,075 4,318~inder (lncludrs also 3.528 

~ l--;:S; 4.05763.911 

HORIZONTAl TAIL 
Horizontal 30. 2702.;;27 14630e 
1l<!t:Ia;.dt'r 41,496 559
 
Subtotol
 

~ 
----sci""8.806 

I
-si9 --sss 

VERTICAL TAll 
Vertical Bo. 133 
Remaindrr 

2.655 278 135 
--iQL-l...!1L ~ ----lE.. 

Subtot.1 P.68 6359,827 992 I 

fUS£LAG£ 
fuselag~ S~ll (Station 2,6c8 1,730 I.Z5. 

366-982) 
ReNinder 

25,087 

45.158 ~ ~~ 
Subtot.1 70.245 5.nZ 4.4156.4£8 

REI1AINOCR OF AIRCRAfT2 4,110 4.01457,340 8,610 

TOTAl 15.39!.' 13.679ZIO,I29 23.220 

IC"'latlv~ average ~currlng estiNted actual ,",un 

2lncludr. the fol lowing airfrUlt systetos: 

• hnding !/fIr (less roll ing 45s""1y) 
• flight centrols 
• ~ropuhion (len engine) 
• fud systcn 
• c·.·"If.ry _r unit 
• i.str....nts 
• hydra.1i cs 

• pn_tlcs 
• electrica; 
• avionics 
• furnishings 
• air condl liontng 
• tee protectiOll 
• handllnll lIear 

\ 
\ 

\ 



For engineering hours, the initial design, sustaining design and manufacturing
liaison engineering, and the engineering laboratory efforts were considered. 
A group by group discipline evaluation of the total tasks was made which 
accounted for the impact of the ~tructural concepts. Labor for engineering 
laboratory and flight test are assumed to be constant for baseline and new 
concept aircraft and within a given aircraft quantity. These labor elements 
reflect a full scale test program for con'pliance with military standards, 
specifications and requirements for airworthiness. Pt~duct support represents 
the manufacturer's participation in developing the integrated logistics 
support system and includes the requirements for the three major subsystems 
airframe, engines and avionics. Examples of the product support expenditures 
are developing a maintenance concept, maintainability plan, initial training, 
etc. Product support costs for the new concepts are lower reflecting fewer 
parts. However, logistics costs incrc3sc with increases in the fleet size 
du~ to increased numbers of aircraft and bases. Also, included in these costs 
are subsystem technical representatives for the various bases al~d depot.
While these are direct estimates they are based on past experience. 

10.1.2 Material Costs 

Raw materlal costs for the airframe structure are dependent on the quantities 
of each material, the mill forms, and the cost per pound of those materials. 
Table XCI is the listing of materia15, mill forms, and costs for each that 
were used in this study. Also shown is the material utilization fdctor for 
each as an average value used in the study considering the concepts. The 
utilization factor is the weight ratio of the material in the aircraft to 
the purchased material. 

The detailed raw material estimates are listed in Tables XCII through XCIX 
for the baseline aircraft and the resized new concept aircraft. Each table 
is for one of the major structural components of the study. The purchased
weights were determined by dividing the calculated design weights by the 
utilization factors shown in Table XCI. These tables are for the production 
cumulative average in the 300 aircraft program and i11ustratE the calculation 
procedure. 

Tables C and CI list the raw materials and purchased parts costs summary by 
component for the 100, 300, and 500 aircraft programs and for the baseline and 
resized new concept aircraft. The costs of Tables XCII through XCIX for 300 
aircraft were multiplied DY learning curve factors for the 100 dnd 500 air 
craft programs. The "'~emainder of Aircraft" is the cost for the various 
onboard systems, such as pneumatics, hydl'aulics, landing gedr, instruments, 
etc. For each aircraft quantity, the unit cost of these items 'r'JllS held 
relatively constant to account for small configurational variations in the 
size of the systems. The cost per pound for all structural components and 
for the remainder of the aircraft are summarized as follows: 
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TABLE XCI MATERIAL UNIT COST 

Material Typa $/Lb Utilization 
Flctor 

Fiberglass &Glass 2.78 0.59 

Adhesive 25.66 0.83 

Aluminum - 7075 Forging 2.46 0.25 

Aluminum - 2024. 7075 1.64 0.81 
Sheet. Plate. Extrusion 

Aluminum - Honeycomb 8.17 0.83 

Aluminum - 7050 
Sheet &Plate (Mostly Sheet) 1.78 0.81 

Aluminum - 7050 Extrusion 2.05 0.81 

Aluminum - 7050 Forging 3.07 0.25 

Aluminum - 7049 Forging 2.64 0.25 

Aluminum - 7475 Sheet &Plate 1.81 0.81 

Steel 1.43 0.35 

Titanium 9.19 0.37 

Boron - Aluminum 7.72 0.67 
(With 7050 Extrusion) 

Boron 88.88 0.71 

Other lFil1er. Attachments, 
Paint. Balance Weights) 4.87 1.00 

January 1973 Dollars 
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TABLE XCII WING COMPONENT RAW MATERIAL COST 
ESTIMATE, BASELINE - 300 AIRCRAFT 
PROGRAM 

I'ATERIAl ~IGHT - L6 COST 1 
I'~TERIAl CATEGORY JAlIUARY 1973 

OCS I G:l I PUROIASEO DOLLARS 

Fiberglass to Glass 786 1,336 3,711 

Adhesive 

Alumln"", - 7075 Forging 3,197 12,788 31.158 

A1Ul'lln"'" - 2024. 7075 
Sheet. Plate. ExtMl~lon l,Bll 2.228 3.651 

Al uml num • iDS!! 
Sheet. Plate (I'.cstly S~"t) 3.111 3.827 6.812 

Al""'inuM - 7475 Sheet. Plate 1,987 2,444 1,421 

,\1 ...1r,JIll - 7049 Forg1ng 1.731 6,924 18,279 

w..... Al..,ln.1'l • 7050 Forging 1.746 6.984 21.441 

~ Al ...lnu::. - 7Ci50 ExtMlslon 

BOnln - ,\l\t"llnllD 
(WI th 7(l50 Extrusion) 

Al""'In"", - HoneYCllllb 

Steel 681 '74 2.747 

TfWlh. 2.930 7.'11 n.702 

Soron 

Other (Filler. Att.c/IIlents. 
ralnt. Balance 1Ielgllts) 785 785 3.823 

Total 18.765 40.201 169.051 

TABLE XCII i HORIZONTAL TAIL COMPONENT RAW 
MATER!AL COST ESTIMATE, BASELINE -
300 AIRCRAFT PROGRAM 

fllATERIAl CATEGORY 
I'ATERIAl \IElGHT - LB CGSTI 

~A1IUAF.{ 1913 
DOLLARSDE~:~; ;>uP.OlASE0 

Fiberglass & Glass . · -
Adheshe - · -
Alumln.... - 7075 Forging 307 1,228 3.021 

AiI".lnum - 2021, 7075 
Sheet. Plate. Extrusion 1.134 1.395 2.288 

Aluminum· 7050 
Sheet' Plate (!"cstly Sheet) 1.0;~ 

-
1.320 

-
2.350 

-Alumln.... - 7475 Sheet S Plate 

AlI,.,lnUIII - 701' Forging 55 220 581 

Aluminum - 7050 Forging - · . 
A101l"Inum - 7050 Extrusion 536 1iS9 1.311 

Boron. A1U11l1n... 
(WI th 70;0 ExtNS fonI . · -
A1UIII nul': • HoneYCllIIlb - · -
Stetl - - . 
Tttanl. . - -
Boron - - -
Other (Fnler. Att.dwnts. 
Paint. lIalance 1Ielgllt) 129- 129 - 628-
Total 3.234 4.951 10.21' 

1 ~l.th, Avrrige (stlllite 1 e-htlve Avertge [stfeate 

! 
, 

t 

I 
! 
t 
I 

! 
1 

~._.. ~ --.. _ _-.,-_.~.~.-



TABLE XCIV VERTICAL TAIL COMPONENT, RAW MATERIAL 
COST ESTIMATE BASELINE - 300 
AIRCRAFT PROGRAM 

I'.ATU:Al CATEGORY 
HATERIAl UEIGKT - LB COSTl 

JAlIUARY 1973 
OOllAJlS«SIGH PUROtASED 

Fiberglass ~ Glin - - · 
Adhesive · - -
1.11111in\llll - 707S Forging 384 1.53fi 3.179 

A1U1111num - 2024, ~075 
SIIeet. Plate. Extrusion 1.455 1.7911 2.936 

A1uminUOl - 7050 
Sheet & i'late (Mostly Sheet) 890 1,094 1.947 

AI ~nUIII - 7475 Sheet. & Plite - - · 
A1U1111n..  7049 Forging 61 2.. 644 

A1U1lin"'" - 7050 Forging · · 
A1U111inum - 7050 Eatrusion 445 547 1.121 

80ron - AI uml n.. 
(With 7050 btrvslon) · · · 
At....!"U!II • ::cr.r.1coab · - -
Steel M 134 371 

Titeni.. · · · 
Iol"Dn · · · 
Other (Filler. Attec'-ts. 
Paint. Bilana Weight) 131- 131- 131--
Totel 3,4&0 5••76 11.W 

TABLE XCV FUSELAGE COMPONENT RAW MATERIAL 
COST eSTIMATE BASELINE - 300 
AI ReMFT PRJGRAM 

I'J.TERIAl UEIG:iT - 1I COSTI 
HAT£RJAl CAlEGllRY JAI,UARY 1973 

«S IGIl PUROIASED DOl.lidtS 

Ftberglln ~ Glass 1.315 2.<:36 6.216 

Ad1les1ve - - · 
Al\l1Dtnllll • 7075 Forging - - -
All11flnU'll - 2024. 7075 

12.679 15,595 25.576Slleet. PlIte, btruslar 

A1UllllnUIII • 7050 
Sheet & Plate (:'Io:lst1y Slleet) - · 
Al~nUlll - 7475 Shet & Plate 644 192 1.434 

Ah.tnUID - 7049 Forging t.862 11,"8 30.223 

A1U11tnU1ll • 7050 Forging · · · 
AlllllnUII • 7050 Extrusion 5.280 6.494 13.313 

10I"Dn - A1U1lln.. 
(III th 7050 btMlsion) · - · 
Alll11tn\llll - HoneyClMlII · · · 
Steel 527 754 2.126 

Tlten1.. 240 648 5.915 

IoI"Dll · · -
Other (Ffller. Attedlll.UltI. 
Paint. lalence Weipts) 8ZO 8ZO 3.9M- - --Totel 24.367 38.787 88,837 

1 CumuelUve A..,.,. Estt..te 

w.... 
co 

1 CuoulaUve Avet'age EsU..te 
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TABLE XCVI WING COMPONENT RAW ~ATERIAL COST 
ESTIMATE RESIZED NEW CONCEPT -

f-------
300 AIRCRAFT PROGRAM 

I'IATrRIAl \/EIGHT· LB COSTI 
1'IA1UIAl CATrGORY .:ArIUARY 1973 

OCSIGH PURQlASED DOlLARS 

F'~rglass L Glass 764 1 ,~ 3.611 

Adhesive -- -- --
Alu..ln.... - 7075 Forgln9 3.109 12.436 30.593 

Aluminum - 2024. 7075 1.761 2.166 3.552 
Sheet. Plat•• Extrusion 

Aluminum - 7050 2.849 3.504 6.237 
Sheet' PI ate (!'lostly Sheet) 

A"'nin",,, - 1475 Sheet. Plate I.BI9 2.237 4.049 

A1U111in"", - 7C4~ Forging 1.434 5.736 15.143 

.:Iluminum - 7050 Forging 1.599 6.396 19.636 

AlumInum - 7050 htrvslon -- -- --
Boron - A1U11ln... .. -- .. 
(~ltII 7050 EatM/slon) 

AI lIIIi nlllll - HoneYCOIIIb -- -- --
Steel 662 947 2.671 

THiltl.. 2.849 1.692 70.689 

loron 
_. -- _. 

Other (Filler. Attact.r ts. 411 411 2.001 
Paint. Balance Weightsl -- -- --
Total 17.257 42.824 158.18'. 

',umul.the Anrage [stl..te 'ClMulattve Avel:age EsU..te 

TABLE XCVII HORIZONTAL TAIL COMPONENT RAW 
MATERIAL r05T ESTIMATE RESIZED NEW 
CONCEPT - 300 AIRCRAFT PROGRAM 

I'.AT£RIAl CATEGORY 
f"ATrRIAl WEIGHT - LB • COST' 

JArIUARY 1973 
OOl.LARSIl£SlGH Pl.:RQlASED 

Fiberglass & Glass - - -
Adhesive 109 131 3.361 

Alumln"'" - 7075 ForgIng 302 1.208 2.972 

Aluminum· 2024. 7075 1.1" 1.370 2.247 
Sheet. Plate. Extrusion 

AlumlnUlll - 7050 922 1.134 2,019
Sheet' Plate (!'lostly Sheet) 

Alumln.... - 7475 Sheet' Plate - - --
AIUIIIln"", - 7049 Forging - - -
Al ....lnum • 7OS0 Forgln9 - - -
Alll111lnum - 7050 Eatrusion 263 323 662 

Boron - Alll111lnlll - .. .. 
(III th 7050 Eatrvsion) 

Alu..in~'III • HoneYCOlllb 113 136 1.111 

Steel . - -
ntant.. - . .. 
Boron .. . .-
Otller (Filler. Attacllnents. 155 155 754 
Paint. Balance Weights) - - -
Total 2.9i8 4.457 13.126 



TABLE XCV III	 VERTICAL TAIL COM?ONENT RAW 
MATERIAL COST ESTIMATE RESIZED 
NEW CONCEPT - 300 AIRCRAFT 
PROGRAM 

MAT£RIAI. WEIQiT - LB COSTI 
IlATUIAI. CAT£CiORY JANUARY 1973 

OCSIGN PUROlASE:D IlllUARS 

Fiberglass' Glass - -. -
Ad!leshe 59 71 1.m 

Al ..ln..  7075 F0rtlnll 378 1.512 3.7%0 

Alllllln... 2024. 7075 1.430 1.759 t•• 
Sheet. Plate, utrvstclft 

Al ...ln.. - 7050 792 974 1.134 
Sheet' Plate (Mostly SheetI 

AI ..!n... 7415 Sheet I Plate - - -
Al ..~n... 7049 FOrting - - -
AIUIIlnUlll • 7D5O FO"9ln, - -. -
AI ..lnllll - 7050 Extrvslon 227 279 572 

80ron • AIlIIlln~ - . -
(With 7050 Eatl'llslOtlI 

AIUIIllnUIII - HoneYCIlOlb 132 158 1.291 

Steel 92 132 372 

Tlunl.. . - -
Bonin 55 77 6.844 

Other (Filler. Attll~ts. 
Paint. "lInee lIelgllts) 

66 

- 
66 

-
321 

--
Totll 3.231 5.021 11.561 

TABLE XCIX HONEYCOMB FUSELAGE COMPONENT RAW 
MATERIAL COST ESTIMATE RESIZED NEW 
CONCEPT - 300 AIRCRAFT PROGRAM 

IlATERIAI. CATtGaRY 
MATrRIAI. WElQiT - II COSTl 

JANUARY 1973 
llOLURSCESIGII PUROlASED 

Flber,l.u & GI.n 1,315 2.Z36 ~,Z16 

Adllesl .. 561 673 17,269 

Al ..lnlll • 7075 Forgin, .. - -
AI.ln... 2024. 7075 10.733 13.202 21.651 
Sheet. Plate. Extrusion 

Al..ln... 7050 3,319 4•• 7.256 
Sheet, Plate (llDst1y Sheet) 

Al ..lm.  7475 Sheet I Plite .. .. -
Al ..lm. • 7049 FO"9I"1 2,757 11.02ll 29.114 

Al ..ln.. - 7050 Forgtng - - -
AI ..tn.. - 7OS0 ExtNstOtl 1.162 1.42' 2.921 

Boron - Al ...t_ 1.7llZ 2.553 19.7llt 
(With 7050 [xt",ston) 

AI ..tn... HoneYCllOlb 761 923 1.Ml 

Steel 527 754 2.121 

Tltlnl. 112 302 2.m 
801'llll . - -
Other (Ftner. Attle'-tlU. 845 ItS 4.11. 
PaInt. S.lence lIetgllul -  -  --
Totll 23.802 311.027 120.712 

W
 
N
 
o 

l C..,I.the Aver... [sttMta	 Ie.-I.the Aftr.ge [stt.ta 
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RAW MATERIAlS AND PURCHASED PARTS 
TABLE CI SUM~1ARY RESI ZED ADVANCED COI~CEPT tRAW MATERIALS AND PURCHASED PARTS

i TABLE C HONEYCOMB FUSELAGESUM~~RY BASELINE 
[l[SIGN COSI ,-, JANUART 1911 rol. Aq~ 1.Wlt'ART 1973 OOl ARSOC~:GN COST 

AI RCRAfT CQIflONENT WlIQlT IvO lOT. 300 ~tll.AIRCRAFT CO!I'OIlEMT SOO IIUT.ioo ACfl. 300 ACFT. ~OO ACII.Wl:IC/tT 
PROGRAhPROGRAM LB PROCRAMP"UGAA/I FROGAAIIlS PROGRAlI 

WIMGWINC 
Wing 80Jl'49.596 ".91153.~OO T.c...·'~3.3429.118W,n9 Boa '2.'81".21>2
Rfrr,,'nde, (InclUdes alsn136.437 115.454 106.8289.647r.,,,,,,nder \t",ludes ..1sft 

112.265n.ps, AileroM, B.l.nce 102 .8J8F1 ,sps ~ Ai 1erons. 6a1dnce ~~ 
WeIghts)wO'9,nl 

SubtotJl 11 .25J le6.931 158.182169.054 1S6.~4 1".]65199.77918.765S.H,t.l 

HORIZOI;lAL TAILltOqIZ:r.;U.. TAIL 
Horllontal Bow 1.12)9.09J 1.69B4.696 4.345 1.'191.749 5.549Her; lo"'tal Boa. 

• 428~"od1"~r6.a ..1ofl22~Nlnder ~ 
Subtotal -+m;:m li:!O'6"T.;m 2.91 15 .~12 12.14316:m ~S.b~ot.l - VERllCAl TAILVHT:CA1. T~ll 
Vrrtlc.l Boa 12.)]61.2804.097 3.7911.475 4.836 U."16l' .'80\'ertical 8oJl: 
Rfm.alndtr 66MRillNir,do'r ..J..251. -Lm
SuMoUI 19,5blIN:~ l~:m -ftfuZl,l.~:Ii5 &tN 3.231S.bUlt.1 ~ 

F~~tl~GL fUSELAGE 
23.85925.78530.4711.571f.,.lIgo Sholl (SUtion fusehqe Shell (St.tion 10.)1181.202 59.'ll 55.121 

366-982) • floo, PAne" 366-98Z) And floo, Panels 
58.34163.05216.796R_;"~, 1lt"",'nOtr,74151~ ~ 8T,'8J1S.btot.1 04.98 82.200 2]. )2~ Subtotal ~~ 1 ? .651 120.112 ~ 

REHAINrU or AIRCRAfT2461.0]54i8.Z60 ).1.62232.229 588.817 S81.3Bl '55.21)FlHAHlO£R OF AI RCIlAn2 '91.968 

119.802 TOTAl.117 .813919.111 19.090 9.9.59)TOUL 803.54982.055 743.516 

W 
N 
-' 

IC....IAtlve .ve',~ esU..He 

21ftcludOS the foll""'ft9 At,frAme SI'telft>: 

& lalldlng 90ar (10" rolllftg ........,1)
 
• r.lght controls 
• propulston (le.. en91ne) 
& f"'" sl,tem 
• ••0;1I.rl ;l(lloll!' UlItt 
• fnstrunents 
• hydra"lIcs 

I 

1 
! 

r 
l 

" 

• pne_tics 
• elect,lc.l 
• .vfonfcs 
• (u",hMftg, 
• ,I' condiUoning 
• tee pr1)tp.cttOft 
II handling gear 

'e-hU•• ,.er'9Il Ilttl_te 

21ncTudes tPle fon .... tng alrfrllllt IYSt8nS: 

• hndlng gear (ltss rII'ling usnI,) 
• fll9ht controls 
• propulsfon (less ""gIn,) 
• ruel sr-t...
 
& Aua i I ifrl PO"" lll1i t
 
• i"strur.-enu 
• hydrAulics 

I lIM_tics 
• electrical 
• aviontcs 
• 'u",'shlngs 
• Air conditton'ng 
• Ie' PflltfCtfOll 
• handlIng 9Ia, 



Concept 

Costs Per Pound 

Structural 
Components Remainder Total 

Baseline $5.61 $15.46 $9.48 

Resized New Concept $6.59 $15.46 $10.16 

The structural material cost per pound increased by 17.5 percent but the 
total material and purchased parts cost per pound increased by only 7.2 
oercent for the resized new concept. 

The above raw materials and purchased parts identify all raw stock procured for 
fabrication as well as fabricated parts purchased which are classified as 
"low-value" items. Another material class .fication, instruments and special
equipment, excludes the raw materials category and considers only "high-value" 
items or purchased parts and equipment such as landing gear, etc. Estimates 
for parts and equipment are based on historical data applicable to this type
of aircraft. 

Tooling materials that are used for jigs and fixtures, etc. (except capital 
equipment and facilities) are related to the estimated tool design and 
fabrication labor and are estimated using historical factors. Product 
support materials are related to the effort described in 10.1.1. 

All of the material costs and raw material cost factors include an overlay
for internal handling, distribution, and warehousing. The functional 
relationship varies with the type of material. 

10.1. 3 Subcontracts 

The third major element of air vehicle costs is the engine and avionics costs. 
The baseline engine costs are for the JT8D-17 engines with these costs scaled 
down by the ratio of thrust required for the resized new concept aircraft. 
The avionics ';osts are for the units whi ch make up the system complement in 
the baseline. Both of these are considered as constant unit cost with 
quantity. 

10.1.4 Research, Development. Test and Evaluation 

The air vehicle costs for the 100, 3JO, and 500 aircraft programs ~ere 
apportioned to research, development, test and evaluation (RDT&E) on the basis 
of five aircraft being produced utilizing RDT&E funds for each program. Table 
ell summarizes these costs. These estimates are constant for each of the 
three aircraft except for peak production rate variation effects on non
recurring tooling and non-recurring planning. A profit of 8 percent has 
been applied to all the material and labor elements of cost for both the 
development and production phases. Because engines and avionics are usually
considered as GFE. no profit is applied to them. 
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TABLE crr AIR VEHICLE RDT&E COST ESTIf1ATE COMPARISON 
. (NEW CONCEPTS - HONEYCOMB FUSELAGE) 

--oc_ 100 AI RCIlAFT PROGIlAH 300 AIRCIlAFT PROGIlAM ~OO AIRCRAFT PROGRAM 
RE~OURCf HEfOT bASlllNE U!lRE~IZED RESIZED BASElIfl[ U!lRfSIl£1i RESIlED 8ASElllll ~llRESI ZED RESIZED 

NEW CONCrPT I/EW CONCEPT !lEW Corl£EPT NEW CONCEPT NEW COIICEPT NEW CONCEPT 

LAOOR 
IIAIWfACTURING 83.0 79.5 78.4 83.0 79.5 78.4 83.0 79.5 78.4 
TOOLING 51.0 51.6 50.B 75.5 76.0 74.9 91.S 93.8 ~2.5 

PLANNING 10.2 8.8 8.6 16.3 14.9 14.7 21.a 20.1 19.6 
QUAlI :.; ASSUllAr~CE 9.4 8.0 7.8 19.5 19.4 19.2 27.2 27.7 27.4 
[NGWEHI,:G IlESIGII 153.9 143.6 141.6 153.9 143.6 141.6 153.9 143.6 141.6 
Ei~GlShQn,:; LABORATORY 45.0 45.0 45.0 45.0 45.0 45 0 45.0 45.0 45.0 
FliGHT TEST 33.8 33.8 33.8 33.8 33.8 33.8 33.8 33.8 33.8 
PRODUCT ~U~PORT 14.5 13.4 13.4 14.5 1J.4 13.4 14.5 13.4 13.4 

SU8TOTAL 400.8 383.7 379.4 441.5 425.6 421.0 UZ.7 456.9 451.7 

MATERIAL 

IWlUFACTURING - IlAW MATERIALS 
AIID r~RCH~SEO PARTS 17.5 18.3 18.0 17.5 18.3 18.0 17.5 18.3 18.0 

EQUIPM£NT - INSTRUM£NTS AIIO 
SPECIAL EQUIPMENT 16.8 16.8 16.8 16.8 16.8 16.8 16.8 16.8 16.8 

TOOLING 4.2 3.8 3.8 5.5 5.0 4.9 6.5 5.9 5.8 
fL:GHT TEST 5.3 5.3 5.3 5.3 5.3 5.3 5.3 5.3 5.3 
PROOUCT SUPPOPT 12.3 11.5 11.4 12.3 11.5 11.4 12.3 11.5 11.4 

_ ~TOTAl. 2 56.1 55.7 55.3 57.4 5~.9 56.4 5R.4 57.8 57.3 

SU8CONTIlACTS 

ENGI~. , 7.5 7.5 7.3 7.5 7.5 7.3 7.5 7.5 7.3 
AVIONIC5 2.2 2.2 2.2 2.2 2.2 2.2 2.2 2.2 2.2 

SUBTOTAL 9.7 9.7 9.5 9.7 9.7 9.5 9.7 9.7 9.5 

TOTAL PRICE 4&6.6 449.1 .4.-.2 5('8.6 492.2 486.9 540.8 524.4 518.5 

JANUARY 1973 DOLLARS. MILLIONS 

1INCLUDES OV[l;HEAO. &lA, OVERTIME PREMIUM, DIRECT CIfARGES. PROfiT 

21NCLUOES DIRECT CHARGES, PROFIT 
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10.1.5 Air Vehicle Production Costs 

The air vehicle production cost estimates for the baseline, unresized new 
concept, and resized new concept aircraft are shown in Table CIII. The total 
procurement subtotal is for the program aircraft quantities noted minus the 
RDT&E costs for the five aircraft included in Table CII. The unit prices 
shown are the flyaway cumulative average prices for each production quantity • 

10.1.6 Other Acquisi tion Costs 

Deployment of an aircraft system also requires initial spares, ground equip
ment, manuals, training, and development changes. In addition, the program 
must be supported by the manufacturer's organization to coordinate with, and 
~, responsive to, field experience. 

Table CIV summarizes the total acquisition costs for the baseline and new 
concept aircraft. The costs for each element for both the development and 
production phases, were determined from historical experience. For the new 
concept aircraft, the costs of program management, spares, product support, 
and engineering change proposals (ECP·s) were proportioned by air vehicle 
costs. Cost of spares required consideration of various major portions Jf 
the aircraft. Engine spares we~ proportioned to engine costs, avionics 
were held constant, and airframe spares were proportioned to airframe costs. 
Training/trainers and AGE were computed as a function of the Prime Mission 
Equipment (PME) with consideration given to the numbers of aircraft and an 
assumed basing concept • 

10.2 LI FE CYCLE COSTS 

10.2.1 Operating Factors and Maintenance Manpower 

The operational costs of the system were projected using the Air Force 
"Planning Aircraft Cost Estimating" (PACE) model (Reference 54) for forces 
of 100, 300, and 500 dircraft operating for 20 full force years without any
phase-in or phase-out phenomenon. In the 100 aircraft case, 15 aircraft were 
withheld for pipeline advanced attrition and command and support purposes. 
44 aircraft were withheld for the 300 case, and 73 aircraft for the 500 case. 
The remaining unit equipment (UE) aircraft were organized into squadrons of 
16 aircraft each. Since full squadrons could not be held for the 100 and 500 
aircraft cases, fractional squadrons were used for these two cases to maintain 
data comparability. Each UE aircraft operates 900 hours per year. 

The most significant single component of operating costs is the personnel 
required to operate the system. The determination of personnel begins with 
establishing the anticipated maintenance manhours per flying hour for the 
aircraft under consideration in the operating environment. Table CV displays
the estimated maintenance manhours per flight hour for the baseline aircraft 
and the unresized and resized new concept configuration. The airframe main
tenance function manpower requirements shown vary in response to the changed
maintenance requirements as a r~sult of the new concept structure. 
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TABLE eIII AIR VEHItLE PRODUCTION COST ESTIMATE COMPARISON 
(NEW CONCEPTS - HO~EYCOMB FUSELAGE) 

100 AIRCRAFT PROGRAM 300 AIRCRAFT PROGRAM 500 AIRCRAFT PROGRAM 
RESOURCE ELEMENT BASELIriE tlEl~ CONCEPT BASELIIIE 11m CO~CEPT BASELINE flEW CONCEPT 

UNRESIZED RESIzE1) UNf:ESIZED RE~IZI:.U Ul'lK!:SIlEiJ k~SIZEiJ 

It'.BGR 
r:;\;.UFACTURING I 549.2 1521,3 513.8 1,260.0 1,lQ?5 1,175.2 1,825.8 1,721).6 1,700.6 
nOLPiG 131.2 132.6 130.7 194.0 195.5 192.6 240.5 241.3 237.8 
PLA~JjJ :iJG 7g.1 63.3 66.9 126.0 114.9 11J.4 16M.7 155.1 151. 5 
CLr\'.ITY ASSURf,NCE 58.0 48.9 47.7 118.9 119.4 117.9 167.0 171).4 168.l 
t:'jrJlJE!:p.IilG DESIGN 116.1 111.9 110.3 145.1 139.9 137.9 163.4 160.1 157.9 
Ei,GW£t:F:WG LABORATORY 3. 1 3. 1 3.1 5.1 5. 1 5.1 5.5 5.5 5.5 
FLIGHT TEST 3. 1 3.1 3. 1 5.1 5.1 5.1 5.5 5.5 5.5 
PF;C ~L:cT SUPPO RT 4.0 3.8 3.7 5.7 5.4 5.3 6.3 6.0 5.9 
SLGTCTf,Ll '944.4 893.0 879.3 1,861.5 1,777.8 1,752.5 2,585.1 2,469.5 2,433.0 
i·~" T~r. If,L 
r:;;;.LF"cfuP.ING - RAW ,.,ATERIAlS 84.0 87.8 86.7 239.8 250.6 247.7 379.2 396.3 391.7 

h~U PURC~ASED PARTS 
EQUIlJr:fifT . INSTRUr·iEi:TS I\flD 97.9 97.9 96.6 304.0 304.0 3~0.1 510.1 510.1 503.6 

5fECIAL £QUIPf·![flT 
TOOU:iG 7.4 7.1 7.0 11.0 10.1 10.0 13.7 12.4 12.2 
FLIGHT TEST 0.0 0.0 O.V ('1.1) 0.0 0.0 0.0 0.0 0.0 
hODt~CT SUPPORT 5.7 5.4 5.3 8.1 7.6 i'.51 9.0 8.4 8.3 
SL5TOTAL2 195.0 198.2 195.C 562.9 572.3 :>b:>.31 912.0 927.2 915.9 
SLSCC),;Tlli\CTS
E:lCii;;I.-:,--· 142.5 142.5 139.0 442.5 442.:> 431.6 742.5 7~2.5 724.2 
A~'I ON ICS 42.5 42.5 42.5 131.9 131.9 131.9 221. 3 221.3 221.3 
Sl'STcrn 185.0 1l.lS.0 181. 5 574.4 574.4 563.5 953.8 963.8 945.5 
TOTAL PROCUREMENT 1,324.5 1,276.2 1,256.4 2,998.8 2,924.5 2,381.3 4,460.9 4,360.5 4,294.4 

urn'r PRI CE 3 13.942 13.434 .3.225 10.165 9.914 9.767 9.012 8.809 8.67~ 

RDH..E 466,6 449.1 444.2 503.6 492.2 486.9 540.8 524.4 518.5 
-

TOTAL AIR VEHICLE 1,791.1 1,725.3 1 ,700.6 3,507.4 I 3,416.1 3,368.2 5,001.7 4,884.9 4,812.2 
L 

~IrlCLUD!:S OVERHEAD, GM, OVERTI~IE PREMIUM, DIRECT CHARGES, PROFIT 
3Ir1CLUOES DIRECT CHARGES, PROFIT 

FlYAUAY PRICE OULY 
JANUARY 1973 DOLLARS, MILLIONS 
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TAnLE CIV ACQUISITION COST COMPARISCN (NEW CONCEPTS - HONEYCOMB FUSELAGE) 

100 AIRCRAFT PROGRAM 300 AIRCRAFT PIIllGAAI! ~ :'1 RCRAFT PIIllGRAM 
RESOURCE ElE!£~r \JjRESI zm RESIZED \JjRESIZED RESIZED U!lRESlZEO RESIZEO

BASELl~E NE. CONCEPT NEW CONCEPT 81<SELINE 
~EW CO:lCEPT ~EW CONCEPT BASELINE NEW CONCEPT NEW CD~CEPT 

orVELOP:'PH 

AIR VH'!,LE 439.8 424.2 419.4 481.8 467.3 462. I 514.0 499.5 493.7 
PROJECT I'IMAGEM£NT 28.8 27.8 27.5 31.6 3'J.7 30.3 33.7 32.8 32.4 
PRQCUeT SUPPORT 26.8 24.9 24.8 26.8 '4.9 24.8 26.8 24.~ 24.8 
TEST SPARES 28.3 27.4 27.1 30.8 30.0 29.6 32.8 31.9 31. 5 
PKG. "RV.~. SHPG. .9 .8 .8 .9 .9 .9 1.0 1.0 .9 
ECPS 17.6 17.0 16.8 19.3 , 1.7 18.5 20.6 20.0 19.7 
TRAINING/TRAI1lERS 16.8 16.2 16.0 Z7.S 26.4 39.1 38.2 37.7 
AGE 15.8 1~.2 14.9 40.3 39.3 38.7 66.6 65. ~ 64.1 --- --- --- --- -- -- -- --

SUBTOTAL 514.8 553.5 547.3 659.0 638.5 631. 3 734.6 113.4 704.9 

PRODflCnON 

AIR VE~ICLE (PIf:) 1,314.8 1,267.0 1,247.4 2,985.0 2,911.5 2,868.5 4,445.6 4,346.1 4,280.2
PROJECT I'IANAGEM£NT 23.0 22.2 21.8 52.: 51.0 50.2 77.8 76.1 74.9 
PRODUCT SUPPORT 9.7 9.2 9.0 1~.8 13.0 12.8 15.3 14.4 14.2 
INITIAl SP~RES 116.2 113.3 111.4 294.8 290.4 2B5.8 460.9 455.0 447.6 
PKG. I'\RK•• S~P•• 3.5 3.4 3.3 8.9 8.7 8.6 13.8 13.6 13.4 
ECP 52.6 SO.7 49.9 119.4 116.4 114.7 177.9 173.8 171.2 
TRAINI:lGITRAINEPS 25.2 24.3 24.0 41.2 40.2 39.6 58.7 57.4 56.5 
AGE 23.7 22.8 22.5 60.5 

-- 59.0 58.1 99.9 
--

97.7 96.2 --- --- --- -- --- --- --
SUBTOTAL 1.568.7 1,512.9 1,489.3 3,575.8 3,490.2 3,438.3 5,349.' 5,234.1 5,154.2 

--- = ACQUISITION TOTAL 2,143.5 2.066.4 2,OJli.6 4.234.8 4,128.7 4,069.6 6,084.5 5,947.5 5,859.1 

JANUARY 1973 DOllARS, MILLIONS 
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While these estimates are preliminary. they are based upon detailed considera
tions of the structural problems and advantages associated with the various 
new concepts used in the major structural portions of the airplane wing,
horizontal stabilizer. vertical stabilizer. and fuselage. As shown in tHt! 
table. the maintenanc~ mant:ours for propulsion are a f1mction of the thrust 
level. Avionics maintenance was, of course. held constant. 

These seemingly small variations in maintenance manhours per flying hour, 
together with the associated changes in spares costs as a result of design 
simplification and. to a lesser extent, resizing yield rather large changes
in total maintenance costs over the life of the system. Table CVI. The 
total spares and material costs for the new concept resized aircraft are 
$60 million less than for baseline case. or a savings of six percent. Main
tenance labor costs for the resized aircraft are $33 million less than the 
baseline maintenance labor costs. or a savings of almost 2.5 percent. The 
total maintenance savin~s frount to 4 percent of total maintenance cost ~ith 
most of this (3 percent) du~ to the new structural design concept. 

Since the new concept structures influence not only maintenance manhours per
flying hour but also aircraft structural spares and modifications/spares • 

. there is an impact upon the total maintenance of t~lI~ system. Table CVI 
assembles the various components of total maintenanc~ to provide a comparison
of the new concept and the baseline aircraft total maintenance cost. The 
final line of this table shows the ratios which would be anticipated on the 
basis of an unresized and resized new concept aircraft as compared with the 
baseline aircraft design. 

10.2.2 Total Life Cycle Costs 

The total life cycl~ costs for the baseline and the unresized and resized 
new concept aircraft are shown in Table eVIl for 100. 300, and 500 aircraft 
in the total procurement period. The acqu·;sition costs displayed here are 
from Table rIV. The operations and support costs displayed ~Iere calculated 
using the PACE model for the variou~ quantities of aircr~ft at a gOO-hour 
per aircraft per year utilization level. The POL (petro~eum. oil. and 
lUbricant) costs shown here were taken on the basis of 15 cents per gallon 
for fiscal year 1973. as reported in AFM 173-10. These cost levels were 
used despite the fact that current fuel price~ have advanced very significantly. 
However. to maintain comparability between these and other similar studies. 
the January 1973 cost level was held constant. 

10.3 New Concert Economic Benefits 

The various areas of cost changes resulting from the u~e of the new structural 
design con~epts can best be highlighted through the derivation of cost com
plexity factors. These cost factors. since they are developed as a result of 
the detailed analysis of this study. are referred to as implicit complexity 
factors. , 
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TABLE CV	 MAINTENANCE MAN-HOURS PER FLIGHT HOUR 
COMPARISON (NEW CONCEPTS - HONEYCOMB 
FUSELAGE) 

.

MAINTENANCE 
FUNCTIONS BASELINE 

NEW CONCEPT 

UNRESIZEo RESIZED 

AIRFRAME 3.13 3.11 2.99 
PROPULSION 3.62 3.62 3.55 
AVIONICS 1.77 1.77 1.77 

SUBTOTAL &.52 8.50 8.31 
SERVICING 2.70 2.70 2.70 
CLEANING/
CORROSION CONTROL 0.28 0.28 0.28 
SUPPORT OTHER n 41; 0.45 0.45 

SUBTOTAL 'I 4'1 ':l 4'1 ':l 4'1 

PRE/POST FLI GHT 0.57 0.57 0.57 
PHASE (PH)
INSPECTION (LOOK) 0.98 0.98 0.98 

SUBTOTAL 1.55 1. 55 1.55 

TOTAL 13.50 13.48 13.29 

TABLE CVI COMPARISON OF MAINTENANCE COSTS FOR 
300 AIRCRAFT PROGRAM (NEW CONCEPTS 
HONEYCOMB FUSELAGE) 

~:AI:1TE:jA;iCE COST ELEI~EijT BASELHiE 
flEW CONCfPT 

UURESIZEo RESIZED 

REPWHSHrl,WT SPARES 290.3 284.7 280.0 

MODIFICATION/SPARES 233.5 228.1 224.7 

COMMON AGE/SPARES 31. 7 31.7 31.7 

SYSTEM SUPPORT MATERIAL 290.3 284.8 280.2 

GWERAL SUPPORT ,...ATERIAL 188.9 -  185.1 -  181.5-
SUBTOTAL 1,034.7 1,014.4 998.1 

MAINTENANCE PERSONNEL 588.1 562.B 555.2 

DEPOT MAWTEiIANCE 753.9 
- 

753.9 -  753.9 --
SUIlTOTAL 1,342.0 1,316.7 1,309.1 

-  -  - TOTAL 2,376.7 2,331. I 2,307.2 

COMPARISON WITH BASELINE 1.00 0.98 0.97 

JllfllJAP.Y 1973 DOLLAkS. MILLIOIIS 
256 OPERATIrIG AIRCRAFT 
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The implicit factors are defined as follows: 
CN

CF = C = Cc x SF (47) 
BL 

where C = Complexity FactorF 

= Cost of New Concept ComponentCN 

= Cost of Baseline ComponentCBl
 
C = Cost Coefficie~t
 c 

SF = Scale Factor = Ratio of the Weights of the New 
Concept Component to the Baseline Component 

The labor complexity factors for manufacturing. quality dssurance. tooling.
and planning for each of the four components and the remainder of the aircraft 
are shown in Table CVIII for the 300 aircraft quantity. The corresponding
material complexity fartors are presented in Table CIX. The labor factors 
range from 0.448 for whg box planning to 1.512 for fuselage shell quality 
assurance. The material factors range from 0.857 for the wing box structure 
to 3.010 for the vertical stabilizer box structure. Although these factors 
art' very speci fi c because of the detail ed methodology used. these factors 
may be applied for cost a.lalysis of similar design concepts and components
whet transformed into cost coefficients. The scaling factors may be calculated 
frr"n the weight data for the components. 

T~e economic benefits of the new concepts in dollars. are listed in Table CX 
for each structural component of the resized aircraft together with the weight 
and change in cost divided by the change in weig~~. All of the components 
were reduced in weight and all were reduced in cost except the fuselag~ shell 
and floor. The new concept fuselage component was 26.2% more expensive than 
the baseline ~nd increased cost about $383 per pound of weight saved. The 
cost for the wing box was reduced 35%. for the horizantal stabilizer ~ox. 42%. 
and for the vertical stabilizer box. 29·~. 'ihe r~:pective savings ~.:~ pound of 
weight saved were approximately $245. $263. a~~ $160. The total cost for all 
four components was reduced $254.000, or 15.3% from the baseline. Including
the resizing benefits to the remainder of the stl"ucture. the total cost reduc
tion to the aircraft structure was $311.000, or 7%. from the baseline cost. 

10.4 NEW CONCEPT COMPARISONS 

In addition to the d~ta contained in the preceeding paragrapns for the new 
concept aircraft having a honeycomb fuselage. comparable data are presented
in Volume II for the nr;w concept aircraft having an isogrid fuselage shell 
structure. Th. r.osts of these two new concept aircraft. unresized and resized. 
are compared to the baseline aircraft in Table CXI for the 300 aircraft pro
gram. The combined application of th~ new concepts to wing and empennage
structural boxes together with the honeycomb fuselage results in a reduction 
of about 2.5 percent with resizing in Manufacturer's Weight Empty. However. 
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TABLE CVII LIFE CYCLE COST COMPARISON 
(NEW CONCEPTS - HONEYCOMB 
FUSElAGE) 

RESOURCE El£M£NTS 
RESIlED 

100 AIRCR4FT QUANTITY 

ACOIJISITlOII I 2,143.5 I 2,066.4 I 2,036.6
OPERA110NS AIlIl SuPPORT 

DIRECT 
'lAHRIA,S/SPARES 4~7 .5 451.7 445.0 
PERSONNEL 434.9 416.5 424.0 
POI. 520.2 515.6 511.6 
Dr POT III1NTENAN;E 250.3 250.3 250.3 
MISCEllAN£OUS 5.0 4.9 4.8 

IICllIRECT 
BASE OPERATING :UPPIlllT 214.3 2ll.3 211.4 
PlANliING AOOITlY';S ----E..:.!. ~ ~ 

Sll8TOTAl 1,914.9 1,895.3 1,879.8 
lifE CYCLE COST 4,068.4 3,%1.7 3,91'.4IlOll AIRCRAfT QUANTITY 

ACOIJISITlON ',234.8 4,128.7 I 4,069.6 
OPERATIONS AND SUPI'ORT 

DIRCCT 
110\ HR rAlS' SP,,[S 1,035.1 1,014.4 9'18.1 
r[~SONNEl 1,309.8 1,384.4 1,276.9
pel I,S~6.7 1,552.9 I.SCl.7 
DE POT 'lA INT ENANCE 153.9 753.9 153.9 
"I SCElLAN£!llJS 15.0 14.7 14,6 

INDIRECT 
BASE OPER',TlNG SUPPORT 045.5 642.5 636.6 
PlANN111l ADOITIYES 98.5 96.4 95.6 

SUBTOTAL 5,424.5 5,359.2 5,319.4 
LIFE CYCLE COST 9,659.3 9.481.9 9.389.0 

500 AIRCRAFT QUANTITY 

AC!llJISIIIOll 6,084.S 
I 

5,947.4 5,859.1 
OPERATlOII~ AND SuPF,JRT 

DIRECT 
'lATERIAlS/SPARES 1,536.6 1,509.3 1,484.4 
PERSONNEL 2,184.7 2,141.' 2,119.8 
POI. 2.6ll.2 2,590.2 2,574.8 
OEPOT 'lAINTENANCE 1,257.4 1,251.4 1,257.4 
"I SCElLANEOUS 25.0 14.5 24.3 

INDIRECT 
BASE OPERATING SUPPIlllT 1,016.7 1,011.6 1,061.8 
P~NNIf£ ADOITIYES 164.3 160.8 1S9.5 

SUBTOTAL 8,857.9 8,756.2 8,692.1 
lIfE CTClE COST 1.,942.4 14,103.6 14,551.2 

JAIlJART 1913 DCl.lARS·lllllIOllS 

TABLE CVIII IMPLICIT LABOR COMPLEXITY 
FACTORS FOR RESIZED NEW CONCEPT 
AIRCRAFT RELATIVE TO BASELINE 
AIRCRAFT (HONEYCOMB FUSELAGE 
300 AIRCRAFT PROGRAM) 
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TABLE CX COST AND WEIGHT BENEFI1S OF NEW CONCEPTS (HONEYCOMB
FUSELAGE) 

WEIGHT - LB PPODUCT IO~ COST - S"!ILllONS 
~TRUCTURAL 

RESIZED RESIZED :.sf L LB 
CO,""ONEIIT BASELINE NE" REDUCTION 8ASELINE NDI COS. 

CO~lCEPl CO~[[PI 

Wfnq Box 9,118 7,876 1,242 0.865 0.561 -0.304 -245.02 

Horizontal 
Stabflizer Box 1,749 1.519 230 0.143 0.083 -0.060 -263.03 

Vertical 
5tabl If zer Box t ,475 t ,200 195 0.111 0.079 -0.032 .167.88 

fusela<,;e Shell 7,571 7,202 369 0.541 0.683 ·0.142 383.00 
And floor 

COMPONENT TOTAl. 19,913 17.877 2.036 1.660 1.406 -0.254 -124,75 

AIRCRAFT 
STRUCTURE TOTAl 49,826 47,268 2,558 4.448 4.137 -0.311 -121.58 

300 AIRCRAFT CU!1UlATlvt AYERAGE COST 
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TABLE CIX IMPLICIT MATERIAL COST 
COMPLEXITY FACTORS FOR 
RESIZED NEW CONCEPT 
AIRCRAFT RELATI~E TO 
BASELINE AIRCRAFT 
(HONEYCOMB FUSELAGE -
300 AIRCRAFT PROGRAM) 

AIRCRAFT CO"'"O~E~T 
("'·Iru ,lTV 

r~(~OR 

~ 
BOX STRlfCi'JRE 
RE~.AI·mER ~ INCll'PES At SO FLAPS. 
AIIERO">, eALANCf W£1GllT» 

SUBTOTAL 

0.BS7 

0.972 

0.936 

HORIZOf,Hl TAIL 

BOX STRUCTURE 
REP'A(IWER 

S'.lIlTOTAL 

1.639 
0.981 

1.2B4 

VERTICAL TAtL 

BIlX STRUCTURE 
REP'A INPER 

SUBTOTAL 

3.010 
0.983 

1.709 

FUSELAGE 

CENTER FUSELAGE SHELL (SlATlON~ 
366 TO 9B2) , fLOOR PANElS 

REMAIIIDER 

SUBTOTAL 

2.310 

0910 

1.359 

.,...., ... i,I. .............. , ..
 



the total life cycle cost is reduced about 3 percent relative to the baseline. 
With the isogrid fuselage. the weight and cost reductions· are les~. The 
resized new concept aircraft with the isogrid fuselage results in about a 2 
percent reduction in Manufacturer's Weight Empty and about 1/2 percent less 
acquisition and life cycle costs. Although the resized aircraft with the 
isogrid fuselage weighs only slightly more than the resized hor.eycomb fuselage
aircraft. the production cost is 3.7 percent higher. The aircraft cost increase 
is due to the higher cost and weight for the isogrid fuselage. 

While the new structural design concepts when combined into the baseline air 
craft provide relatively modest weight reductions. the honeycomb fuselage case 
results in a much larger relative cost improverr~nt. In fact. the isogrid 
fuselage aircraft must be resized before the production cost becomes less than 
the baseline. This occurs for the honeycomb fuselage case. even with material 
cost increases which are partially offsetting to the labor reductions. These 
cost impact factors are readily apparent in Table eXII where all costs are 
normalized to those for the basel ire. The honeycomb fuselage aircraft exhibits 
manufacturing and planning labor reductions and slight material cost increase. 
The isogrid fuselage aircraft provides less significant planning labor improve
ments. increased tooling, and much greater quality assurance labor and raw 
materi a1 cos t. 

Estimates were made of the total potential benefits of using the new concepts
based on the present values of the life cycle costs. Since technology invest
ments are required for the new concepts, the total benefits must be large
enough to justify the investment. The benefits were calculated for the 300 
aircraft procurement quantity deployed in sixteen squadrons of 16 aircraft 
each operating at 900 hours per year per aircraft. A discount rate of ten 
percent was used to roughly reflect the current ~ecision making rate of the 
government. The present values. presented in Table CXIII, show that if the 
technology development costs are less than $120 million. the technology in
volved in the new concept aircraft with the honeycomb fuselage would be worth
while for the C-15 application. If the technology development costs exceed 

, $120 million. there must be additional applications to result in an investment 
pay-o~f. 
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SECTION XI 

AIRCRAFT PERFORMANCE PAYOFF 

The structural arrangement of the aircraft used in the following performance 
analysis consists of the following new design concepts: 1) integrally stif 
fened wing cover skins. 2) honeycomb sandwich fuselage shell a!'ld 3) honeycomb
sandwich empennage cover skins. 

The performance analysis of the aircraft having the isogrid fuselage shell is 
found in Volume II. 

n .1 PERFORMANCE ANALYSIS 
I 

The performance payoff studie~ were conducted for three configurations of air 
craft utilizing the new design concepts. These include: 1) unresized. or 
fixed. geometry; 2) completely resized airframe. including "rubberized" engines 
and 3) partially resized airframe with the uase1ine engines. 

11.1.1 Unresized Aircraft 

The unresized aircraft has the same external dimensions and engine thrust as 
the baseline aircraft. The weight reduction of 1850 lb. is due to a combina
tion of new materials and internal geometry changes. This structural weight 
reduction results in a perfOrl,1anCe improvement over the baseline aircraft. 
The improvement may be taken as a reduction in field length. an increase in 
payload, or as an increase in mission radius. These performance improvement
options are summarized in Table CXIV. 

11.1.2 Resized Aircraft 

The resized aircraft is the minimum weight configuration that has the sam~ 
performance characteristics as the baseline aircraft. The reduction in struc
tural weight has a cascading effect on total weight as the aircraft is res;zed. 
The wing and empennage areas are reduced. and the engines are smaller. Engine
weight and performance are those of the JT8D-17 scaled linearly to the requ1red 
size. The external geometry of the fuselage does not change due to the 
requirp~nts of cargo space. 

The total operator's weight empty reduction obtained by completely resizing 
the aircraft is 3390 1bs. The description of the resized aircraft is given
in Table CXV. 

The reduced wing area cuts the ferry range some 30 nautical miles due to less 
fuel volume a"I'lilab1e in the resized wing. 

11.1.3 Resized Aircraft with Fixed Engine Thrust 

The fixed engine thrust configuration was sized to minimize weight by reducing
wing and empennage areas. This allows a greater wing and horizontal tail area 
reduction relative to the completely resized aircraft. However. the vertical 
tail area ~s larger due to the rel'juit'ements imposed by the fixed engines. The 
fuselage external geometry was not changed. 
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The total operator's weight empty saved by using the baseline engine is 3150 
lbs. The ferry range is reduced some 83 nautical miles (53 less than the com
pletely resized aircraft) due to the smaller wing. The description of the 
partially resized aircraft is found in Table tXV. 
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TABLE CXIV UNRESIZED AIRCRAFT PERFORMANCE IMPROVEMErn OPTIONS 
," 

PAYLOADMID-POINT RADIUS FIELD LENGTH 
OPTION GROSS CAPABILITY CAPABILITY MID-POINT 

WEIGHT (LBS) (LBS) (N.MI.) (SL 103°F) 

BASELINE 150.000 27.000 400 2.000 

150.0001 28.850 400 2.000 

15('.0002 27.000 458 2.000 

147.9903 27.000 400 1.958 

TABLE CXV RESIZED AIRCRAFT PERFORMANCE DATA 

PARTIALLYCOMPLETELYAIRCRAFT BASELINE RESIZED 
RESIZEDDES':RI PTION AIRCRAFT (FIXED 

AIRCRAFT ENGINE SIZE) 

PAYLOAD (LB) 27.000 27.000 27.01)0 

RADIUS (N.MI.) 400 400 400 

FIELD LENGTH. Sl (lC3°F)(FT) 2.000 2.000 2.000 

WING AREA (FT2) 1.740 1.697 1,671 

HORIZONTAL TAIL AREA (FT 2) 643 632 626 

VERTICAL TAIL AREA (FT2) 462 454 457 

THRUST/ENG., SL (103°)(LB) 14.900 14.532 14.900 

OPERATORS EMPTY WEIGHT (LB) 103.240 99.850 100.090 

MID-POINT WEIGHT (LB) 150.000 146.310 146,570 

FERRY RANGE (N.MI.) 2.420 2,390 2.337 

337 

,. .......-......-. ..'..
~~.--------.-IiIIIIIIiI.t ?"~t1 
~ ..~~ tid tid ex '". ·'t-. " .:1"'. ite * .,' - ' .. r _s .. y·tn.# tIt ht' 

/' 



SECTION XII 

CONCLUSIONS AND t{ECOMME~!DATIONS 

The study requirement to devise, evaluate. and select new structural concepts
and to identify the resulting effects Of, ;lircraft performance and life cycle 
costs provides a basis fOI' conclusions and recorrmendat"ions of possible
interest and value for future planning and studies. 

12.1 STUDY APPROACH 

The study approach (see Figure 1). identifying structural integrity require
ments. material properties. geometry efficiencies, cost rates. and manufac
turing capabilities as the primary elements influencing concept definition. 
is ~upported by the study experience. 

The study approach for concept selection, based on acquisition and life cyc1e 
cost, directly reflects the study goals of reduced ~tructural weight and cost 
(see Section VI). The resulting criteria parameters are simple and objective
and therefore of significant value in concept screening and selection as 
demonstrated in Section 6.2. 

A simple "design-for-weight" preliminary design method is required to 
quantitatively integrate structural integrity requirements. material capabili
ties. geometry capabilities, and weight. An initial development and implemen
tation of such a method was accomplished in the study (see Section 6.2). The 
method is a formal representation of the concept selection proces!> in a si,nple 
chart format and provides visibility, traceability and most important, a 
quantitat i ve re1ati on between wei ght and the desi gn parameters in 1·1 uenci ng
weight. Therefore. the engineers' capability to identify the constraining 
problelT''i and the required lower weight concept solutions is greatly enhanced. 

The rr.ethod also defines the weight parameter values required to implnment the 
concept selection criteria. Additional refinement of, and experience with 
the procedure, are recommended. Currently recognized areas for further 
consideration include (1) further definition and incorporation of "geometry
selection" parameters analogous to the already incorporated material selection 
parameters, (2) further definition and ger:2ra1ization of the charting rules 
for complex mater"jal and geometry conditions. (3) trial use of the material 
selection parameter for "wal k-around" damage tolera1ce and (4) improvement
of the material selection parameter for "depot level" damage tolerance. 

A simple "design-for-cost" prel iminary design method is al~o requirel"l to 
directly support the engineer in the concept definitioli process. The method 
would also define the cost parameter values required to impl~~nt the concept 
selection criteria. As currently envisioned. the method would provide cost 
buildup information from a chart format type manual. The primary material, 
fabrication, and assembly co~t elements for a range of material. geometry, 
and joining options would be included. Where possible, existing study and 
experience cost data would also be included for calibration and comparative 
purposes. 

339 

$ Pt r 5 " HOt 71E,. tr f' %( - t) ·'en _.',' ..... d • , Tn S' ttr ¢§ 



I

;".. . ....-- .~_._.;..~_::.~_ .... 

'I; ~ , . 

\'1··
.r 
.\ 

" 

\ 

..' 

. 

12.2 MATERIALS 

The most promising new metallic materials for use in future aircraft struc
tures appear to be the aluminum alloys x7475 and x7050 for their combination 

I of high tensile and ultimate strengths, damage tolerance capability, and low 
cost. The higher specific strength capabilities of titanium and beryllium 
are offset by their higher costs • . 

Additional cra~k propagation rate and fracture toughness data ara required
to supplement the data currently available in the Damage Tolerant Design
Handbook (Reference 11). The smaller initial flaw sizes appearing in current 
damage tolerance criteria versions subsequent to Revision D require da/dn 
data extension into the 10-8 inches/cycle range. To support improved damage
tolerance analyses of the future, the effects of temperature, cyclic rate, 
chemical environn~nt, and spectra, as influencing crack tip plasticity and 
crack retardation, are also required. 

Fatigue, damage tolerance, and ultimate strength data are required for new 
structural joining concepts such as padded hole, extern~l clamping, weld 
bond, etc. Further evaluation of ~xisting structural joining concepts
incorporating increased attachment interference or hole cold working or both 
is also required. Fatigue and damage tolerance data are also required for 
basic "isogrid" panel structure. 

A standardized approach to define estimated "B" value data from available 
typical data is required for strength and damage tolerance design properties. 
For this study, an approach for estimating "B" value strength data was used 
(see Appendix B). Since a fatigue type "scatter factor" approach (wherein
the service life is increased by a factor to account for basic data variabili
ty) is not used for damage tolerance. an alternate "B" value approach is 
requirod for da/dn and K data also. This standard approach should then b~c 
applied to the basi c data of Reference 11 to define "B" val ue capabil ity and 
thereby pr~clude each user from duplicating the work. By standardizing the 
me~hod and data. the variability in damage tolerance analysis results between 
usel'S that may be introduced by differing data interpretations would be 
eliminat2d. 

Methods for correlating existing data provide a means for estimating values 
under new parametric conditions as well as reducing the amount of additional 
test data required. ihis is both useful and economic, therefore data 
correlation approaches should be purs~ed. The approach for correlating fatigue 
data under various notch, specimen geometry, and material conditions that was 
used in the study is presented in Appendix B. Correlation approaches may also 
be possible for crack propagation and fracture data. These could include 
generation of full range da/dn curves with "R" ratio and K variation (anc 
extension of Forman's work) and with further provision for temperature and 
chemical environment variation effects. 
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12.3 CRITERIA 

The study premise that toe relative and absolute severity of requirements 
f(\r the individual failure modes st.rongly infl';ences concept selection, 
weight. and cost is supported by the study experience (Section 6.2). Hp.nce, 
all known and representable failure modes, including rigidity for flutter, 
should be included in studies of this nature to increas~ the pertinency of 
the concept selections and quantitativeness of th~ resulting value esti.nates. 

!Realistic criteria based on calibration to existing experience and data are 
inecessary to properly establish the "relative" and "absolute" sever-ity levels. 
,Hence. work in the "criteria" area may offer as significant a potential for 
weight and cost saving as th~t in the "ne\'I concepts" area. 

Damage tolerance criteria are currently in dn evolutionary phase. The study 
experience has indicated. for example. that differences in proposecJ initial 
flaw requirements between Revision D and tentative March 1974 criteria Can 
result in significant capability differences (Section 6.2). 

For example, use of tIle March 1974 criteria initial flaw size ...ssociated with 
'attachment interference benefit" can result in an other.-lise damage tolerance 
critical area becoming very non-critical, thus influencing material, geometry 
and design stress level selection and resulting \'Ieight al1d possibly cost in a 
favorable manner. Selection of this initial flaw size should be based on a 
realistic "B" value approach (if not alreadj so based) which reflects an 
acceptable probability that i1 minimum or greater "favorable benefit" level 
exi sts. 

Under constant (Revision D) criteria and wing lower panel structure conditions. 
significantly higher damage tolerance capabil:ties are dernon:itrated for "walk 
around" relative to "de;:ot" inspectability ("uJllle XLI). Presuming a realistic 
relative criteria, "Walk around" visual inspfction provides a higher NO! 
efficiency level than depct level with larget' crack size an:' higher frequency 
apparently being the favorable factors. The practicaHty and cost of applying 
the "walk around" approach to other critical componerts should be considered, 
perhaps in the form of much more frequent special visJal inspection~. A large 
percentage of the odmage tolerance requi red safe period for depot -,nspection 
is generated at relatively small crack sizes which would require sophisticated 
NOI techniques to be e.pplied over large surface areas for adequate detection. 
A realistic assessment of depot level detection capability (if not already 
reflected in the criteria) is also required. 

12.4 ANALYSES 

A computer code for growing multipl~ symmetric or asymmetric cracks from a 
hole through several elements with full spectra and accounting for variable 
interacting material, geometry, and crack size condit-ions is j·equired. The 
inclusion and correlation to test data of a crack retardation model is also 
reqUired. The parametric development and normalization of stress intensity 
correr-tion factor data reflecting panel geometry effects (such as stiffener 
size, spacing and attachment rigidity. crack size. crack symmetry/asymmetry. 
etc.) as weil as damage tolerance capability variation with the above type 
geolllP.try variation is also recormlended to identify favorable geometry factors. 
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12.5 DESIGN CONCEPTS 

The wing cover panel studies (Section 6.2.1, 6.2.2) indicate that material 
and geometry options exist to sUbstantially increase wing design stress 
levels above uaseline levels, prima~ily through more efficient fatigue and 
compression geometry options. Th~ fatigue options could include hole cold 
working or greater attachment interference or both, among other options; 
however all require further evaluation. 

The integrally stiffened wing cover skins, with rib and bulkhead caps m1chined 
in, reduces the number of small detail parts required to assemble a wing box. 
The integral spar concept, machined from a forged billet, has less parts and 
saves structural weight. Similarly, the one-pier.e ribs and bulkheads offer 
the s~e advantages. The integral concepts are feasible due to the better 
properties of the emerging aluminum alloys. The fatigue life and damage
tolerance criteria was met for the life of the airframe. The selection of 
this type of box structure will have an impact on the machining and forging
capabilities of industry. There is a point where large machined components
could become more expensive than built up structure due to the raw material 
costs. 

The load intensities of both the horizontal and vertical stabilizer structural 
boxes were so low that a stiffened skin concept was not an efficient arrange
ment. The bonded aluminum honeycomb skin panels, including all spar caps, .	 rib and bulkhead caps. proved to have merit. Both weight and cost savings 
were realized. Honeycomb panels and integrally machined spar and bulkhead 
webs eliminated many parts. The critical design condition for the vertical 
stabilizer was flutter, requiring stiffness in chordwise bending. The use 
of boron-epoxy inserts in the spar caps to obtain the stiffness reduced the 
weight by 150 pounds. Development testing of comDosite reinforced component~ 
must be done to insul'e structural compatibility for the life of the airfra~e. 

The fuselage shell studies (Section 6.2.3) indicate that subs~antial portions
of the baseline shell are at or near minimum skin gage as established by
attachment countersink requirements. Elimination of countersink require
ments by bonding (honeycomb concept studied) permitted reduction of the 
minimum gage and weight saving in the basic panel; however a substantial 
portion of th~ basic panel weight saving was negated by the panel edge weight
penalty. The	 panel sizes. as developed in this study, were predicat.ed on 
existing bonding facilities. These panels may be made much larger, thereby
eliminating a portion of the weight penalty associated with the edge memb~r 

...	 splices. The design, a tension bolt attachment, was coordinated with .......
 manufacturing. and is considered as the ~ost efficient manner of assembly for 
a honeycomb sandwich panel fu~~lage shell. The portion ~T the fuselage, 
extending the length of the C'I":;O floor, was covered in the concept study. 
Similar weight and cost factors may be feasible for the aft s~ction. 

Consideration of a single face skin concept without a countersink constraint 
on tIle minimum gage (integral machined isogrid studied) permitted minimum 
skin gage reduction to honeycomb two-skin levels but no weight saving due to 
the minimum gage skin, rib, node and edge weight penalties. Since a "machined 
down" single face skin approach is constrained in a weight penalizing way by
minimum dimensions for machining. an alternate "built-up" single face approc:ch 
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without countersink constraint and incorporating efficient thin gage stability
elements may offet' weight saving potential in lightly loaded areas. 

12.6 MANUFACTURING METHODS 

The design concept selected for the wing covers. spars. and bu"lkheads. and 
for the empennage spar and bulkhead webs is integrally stiffened. The wing
cover panels were assumed to be machined from plate stock by numerically
controlled equipment. A considerable savings in raw material and reduction 
in the amount of nlaterial removed would be realized if forging blanks of 
sufficient size couid be obt~ed. Forging blanks of this size would require
development of a sequenced forging operation uti'jizing overlapping segmented
dies. Development problems could be reduced by design features which simplify
the forging operation such as parallel stiffeners and standard stiffener and 
bulkhead spacilig. The wing sP:,'\rs are machined from forging blanks produced
by utilizing overlapping segmented forging dies. The bulkheads are integrally
machined from forging blanks produced by current "state of the art" forging 
techniques. 

The structural components of this study utilizing the honeycomb sandwich
 
design concept were designed to be manufactured by existing equipment. The
 

,weight of panel edge treatment ;s a significant factor in the total weight 
of a honeycomb panel. This panel edge treatment weight could be reduced hy 
increasing the size of the honeycomb pan~ls. The increased panel sizes 
require larger autoclaves for bo;;ding and curing of the panels and larger
handling fixtures. The honeyc;:>mb sandwich design concept could be utilized 
for the aft segment of the fuselage from Station 982 to Station 1437 to 
further redUCt' weight and cost. The panels of the aft flJselag~ have a double 
curvature but require no special manufacturing techniques. 

The use of large. integrally stiffened panels require special forming tech
niques. A favorable candidate for this operation is shot peen forming.
Research and development in the shot peen forming of panels to simple and 
compound contours s~ppor'': ~,eening tech:lique~ u:; b~~ng both economicul and 
reliable. Further development is required to it.:prove techniques dnd increase 
capability with emphasis on determining the deoree and effect of stress 
distribution between peened and unpeene~ areas. 

Conventional forming methods can be utilized for t~z horizontal and vertical 
stabilizer honeycomb sandwich panels and conventionally constructed fuselage 
components. Boron/epuxy rei nforced a1umi num ext I" ... :; i 0:15 \Kn:: consi deri:!d for 
extra stiffness in wing. floor, and vertical ~t1t.-jlizer' a~se'nblies. The high
ratio of ;,~uminum to boron in a typical e",trusion Cl'oss-~~cti(irl t:o:Tlplicates
the machining Of the extrusion but this pr~blem can be h~ndled by present
in-house :nachining techniques using special r.2tal matrix wheels at high
surface speeds. Three methods of reinforcing aluminum extrusions were 
considered: 1) the application of boron-epoxy reinforcemPnt to the upper cap
of the stiffener. 2) the infiltration of the extrusion by boron fibel's. and 
3) the reinforcement of extrusions with boron/epoxy composite by pultrusion.
The three methods of extrusion I'einforcement require Cln effective chemical 
resistant adhesive system that cures at room temperature. Reinforcement of 
extrusions by pultrusiol1 requires develr,;::;ment of cost effective techniques
and capabilities. The most promising reinforcentent technique is the infiltra
tion process wher~ boron fibers are pulled through ahd cured inside a hole in 
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the extrusion. The boron reinforcement is protected from the environment and 
warpage due to the mismatch of thermal coefficients of expansion between the 
all.lllinum extrusion and boron reinforcement is redlJced. Development of methods 
to produce infiltrated reinforced extrusions between 50 and 50 feet in length
with ability to reduce the amount of reinforcement area along the length of 
the extrusion is required. 

The large size of the structural compon~nts of the advanced concepts reduces 
the number of mechanical attachments required in the advanced STOL transport.
Several types of attachments that offer advantages over conventional types 
were considered and studies underway to determine the relative cost efficiency 
of these fastener systems. Imp"oved coatings and lubricants for interference 
fit attachments can be used to expand the use of straight shank fasteners in 
areas of greater than 40 material thickness. 

In honeycomb sandwich panels where attachments are ~nstalled, conventional 
techniques can be	 used to prevent the core fr~m crushing and to transfer 
the load into the panel. 

Adhesive bonding is another joining techniqwe that can be used extensively
in the advanced STOL transport. The honeycomb sandwicn panels of the 
horizontal and vertical stabilizers use conventional adhesive systems.
Adhesives can be used to bond the boron reinforcement to the stringers of the 

./	 wing, to the ""Irtical stabilizer spar caps, and to the cargo flrJr pane!s • 
Cold setting adhesives that are corrosion resistant are required for this 
operation, and several candidates should be evaluated to determine their 
efficiency. Development of a suitable adhesive system may be required. 
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APPENDIX A 

USAF DAMAG[ TOLERArlCE CP.ITER IA 
(REVISION D - 18 AUGUST 1972) 

1.0 DEFINITIONS AND GENERAL RlQUIREMENTS 

1.1.1 Degree of Inspectability 
The degree of inspectability of each element of safety of flight structure 
shall be established in accordance with the following definitions. 

1.1.1.1 In-Flight Evident Ins~ectable - Structure is in-flight evident 
inspectable if the nature and extent of damag~ occurring in flight will 
result directly in characteristics which make the flight crew immediately and 
unmistakably a\'Iilt'E: that significant damage has occurred and that the mission 
should not be continued. 

1.1.1.2 Ground Evident Inspectable - Structure is ground evident inspect
able if the nature and extent of damage being considered will be readily and 
unmistakably obvious to gro~nd per~onnel without specifically inspecting the 
structure for damage. 

1':1.1.3 Walkaround Inspectable - Structure is walkaround inspE'l"table if the 
nature and extent of damage being consirlered is unlikely to be ov~rlooked by
personnel conduct~ng a visual inspection of the structure. This inspection 
norma 11 y sha 11 be a vi sua1 look at tne exteri or of the structure from ground 
level without removal of access panels or doors and without special inspection 
aids. 

1.1.1.4 Special Visual Inspectable - Structure is special visual inspectable
if the nature and extent of damage being considered is unlikely to be over
looked by personnel conducting a detailed visual inspection of the aircraft 
for the purpose of finding damaged structure. The procedure may include 
removal of a~r~~s pQnels and doors. and may permit simple visual aids such 
as mirrors and magnifying glasses. Re~oval of paint. sealant. etc. and use 
of ~DI techniques such as penetrant, x-ray, etc. are not p~rt of a special 
visual inspection. 

1.1.1.5 Depot or Base Level Inspectable - Structure is depot or base level 
inspectable if the nature and extent of daMage being considered will be

•	 detect~d with a ~O% probability at 95% confidence le 'el for slow crack growth 
structurp. and with 90% probability at 50~ confidence level for fail safe 
structure. The inspection procedures may include NOI techniques such as 
pen~trant. x-ray, ultrasonic. etc. Accessibility considerations may include 
removal of those components designed for removal. 
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1.1.1.6 In-Service Non-Inspectable Structure - Structure is in-service non

inspectable if either damage size or accessibility preclude detection during
 
one or more of the above inspections.
 

1.1.2 Frequency of Inspection
 
Frequency of inspection is the number of times that a particular type of
 
inspection is to be conducted during the service life of the aircraft.
 

1.1.3 Minimum Period of Unrepaired Service Usage
 
Minimum period of unrepaired service usage is that period of time during
 
which the appropriate level of damage (assumed initial or in-service) is
 
presumed to remain unrepaired and allowed to grow within the strocture.
 

1.1.4 Minimum Required Residual Strength (P xx)
 
The minimum required residual strength shall be as specified in Paragraph
 
1.2.2.
 

1.1.5 Minimum Assumed Initial Damage Size
 
The minimum assumed initial damage size is the smallest crack-like defect
 
which shall be used as a starting point for analyzing residual strength and
 
crack growth characteristics of the structure.
 

1.1.6 Minimum Assumed In-Service Damage Size
 
The minimum assumed in-service damage size is the smallest damage which shall
 
be assumed to exist in the structure after completion of an in-service
 
inspection.
 

1.1.7 Damage Growth Limit
 
Damage growth limit is the maximum amount of damage growth allowed within a
 
specified interval so as not to degrade the residual strength below a specified
 
minimum level.
 

1.1.8 Slow Crack Growth Structure
 
Slow crack growth structure consists of those design concepts where flaws or
 
defects are not allowed to attain the critical ~ize required for unstable
 
rapid propagation.
 

1.1.9 Crac~ Arrest Fail Safe Structure 
This is structure which is designed and fabricated such that unstable rapid 
propagation will be stopped within a continuous area of the structure prior 
to complete failure and the strength and saf€ty of the remaining undamaged
structure will not be degraded below a specified level for a specified period 
of unrepaired service usage. 
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1.1.10 Multiple Load Path-Fail Safe Structur~ 

This is structure which is designed and fabricated in segments (with each 
segment consisting of one or more individual elenents) such that failure of 
any single segment (i.e. load path) will not degrade the strength and safety
below a specified level for a specified period of unrepaired service usage. 

1.1.10.1 Multiple Load Path-Dependent Structure - Multiple load path 
structure is classified as dependent if. by design. a common source of 
cracking exists in adjacent load paths at one location due to the nature of 
the assenbly or manufacturing procedures. An example of multiple load path
dependent structure is planked tension skin where individual members are 
spliced in the spanwise direction by ~ommon fasteners with common drilling
and assembly operations. 

1.1.10.2 Multiple Load Path-'Lndependent Strut.tl1re - Multiple load path 
structure is classified as independent if by design. it is unlikely that a 
common source of cracking exists in more than a single load path at one 
loc~tion due to the nature of assembly or manufacturing procedures. 

1.2 GENERAL REQUIREMENTS 

1.2.1 Analysis Requirements 
It shall be a requirement to classify all safety of flight structure with 
regard to type of damage tolerance approach and degree of inspectability and 
perform the required analytital work neressary to demonstrate compliance with 
specific requirements in this specification. The analysis shall assume the 
presence of crack-like defects. placed in the most unfavorable orientation 
with respect to the applied stress and the material properties. and shall 
predict the growth behavior in the chemical. thermal. and sustained and 
cyclic stress environment to which that ~ortion of the component shall be 
subjected. In addition, the interaction effects of variable loading shall be 
considered. Regardless of the damagp tolerance concept,.single initial flaws 
of the specified size shall be a~SUl:lp.d to exist in each separate element of 
the structure. For structural ele~ents where it is likely due to the fab
rication and assembly operations that the flaws in two or more elements 
exist at the same location in the structure this shall be assumed. 

1.2.2 Residual Strength Requirements 
The minimum required residual strength is the minimum load which must be 
sustained by thp aircraft \-lith damage present \'lithout endangering safety of 
flight or degrajing the performance of the aircraft for t~e specified
minimuII' periClri of unrepdired service usage. This includes loss of strength. 
loss of stiffness, excessive permanent deformation, loss of control. or by
reduction of the flutter speed below VL' The minimum residual strength
requirements are specified in Sections 2.0 t~rough 4.0 in terms of the minimum 
load PXX that the structure must be able to sustain at any time during the 
specified minimum period of unrepaired service usage with the specified damaqe 
present. The magnitude of PXX varies with the overall degree of inspect
ability of the structure (e.g. PFE applies to flight evident. PSV applies to 
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1.2.2 Continued 
special visual inspectable, etc). The PXX load shall be determined from 
average load exceedance data and shall be that load that could occur once in 
laO times the applicable inspection interval (e.g. POMis the load that 
could occur once in 100 depot or base level inspection intprva1s). For fail 
safe structure there is a requirement to sustain a minimum load, Pyy ' at the 
instant of load path failure (or crack arrest) in addition to being able to 
sustain the load, PXX ' subsequent to load path failure (or crack arrest) at 
any time during the specified interval. The single load path failure (or
crack arrest) load, Pyy, shall include a dynamic factor (D.F.). In lieu of 
test or analytical data to the contrary a dynamic factor of 1.15 shall be 
used. The magnitude of Pyy shall depend upon the overall inspectability and 
the specific fnspectability of the intact structure for subcritical damage
(i.e. damage less than failed load paths or arrested cracks). Pyy shall be 
determined per Table CXVI. 

1.2.3 Test Requirements 

1.2.3.1 Specimen T~iting - Valid data shall be determined in accordance 
with the procedures set forth in the 1970 ASn1 Standards Test Method 
E3999-70T, or as described in AFFDL-TR-69-l1l or by alternate methods approved
by the procuring agency. The materials from which the structure identified 
in Paragraph 1.2.1 are to be fabricated shall be controlled by a system of 
procedures and/or specifications which are sufficient to preclude the 
utilization in fracture critical areas of materials possessing K1C (or KC)
values inferior to those assumed in design. Tests will be conducted on all 
billets, forgings, extrusions, plates, or other forms (from which final parts 
are to be finished) to evaluate the fracture toughness. A slice will be cut 
from these items, or integral projections ther~of, at receiving inspections, 
so that specimens from each slice may be tested. These specimens shall have 
been heat treated with the same material from which they were cut. When 
sufficient data are available, sampling procedures may be instituted on 
approval of the Air Force. 

1.2.3.2 Component Testing - Fail safe tests will be conducted on that 
structure which is considered to be fail safe to verify that the failure of 
a load path or rapid propagation of a cr~ck will not result in loss of the 
entire structure. Tests will be performed during the preproduction design 
verification component test program dnd the full scale qualification test 
program. These tests will be conducted by pre-cracking a particular member 
to the critical crack length and applying the load Pyy. Tests will be con
ducted on selected critical structure, particularly slow crack growth 
components, to verify the analytical crack propagation rates. Initial flaws 
of the specified size will be initiated at the critical point(s) and 
propagation rates measured. These tests will be performed during the pre
production design verification test program and during the full scale 
qualification test program. Wherever possible, the structural components
used for static test and fatigue test will be used to perform these tests. 
If in certain cases, this is not possible, then additional components will 
be fabricated for testing. 
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TABLE CXVI SINGLE LOAD ?ATH FAILURE LOAD 

OVERALL DEGRCE 
OF 

INSPECTABILITY 

INSPECTABILITY FOR MIN. 
ASSUMED IN-SERVICE SUB
CRITICAL D~MAG[ SIZES 

Pyy 

In-Flight Evident Walkaround Visual 
Special Visual 
Depot or Base level 
Non-Inspectable 

Walkarour.d Visual 
Special Visual 
Depot or Base Level 
Non-Inspectable 

Walkaround Visual 
Special Visual 
Depot or Base Level 
Non- I1.:pectable 

Special Visual 
Depot or Base Level 
Non-Inspectable 

Depot or Base Level 
Uon-InspectaJle 

Non-Inspectable 

D.F. XPWV 
D.F. XPSV 
D.F. XPDM 
O.F. XPLT 

Ground Evident D.F. XPWV 
D.F. X PSV 
D.F. XPOH 
O.F,XPLT 

Walkaround Visual D.F. XPWV 
O.F. XPSV 
D.F. XPDM 
D.F. X PLT 

Special Vi sua1 D.F. XPsv 
D.F. XPOM 
D.F. X PLT 

Depot or Base Level D.F. X PDM 
D.F. X PLT 

D.F. XPLTNon-Inspectable 
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1.2.4 Fracture Control Plan 
General guidelines for the f~acture control plan at'e provided in 5.1.3 of 
MIL-STD-XXX. 

,
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2.0 SLOW CRACK GROWTH STRUCTURE 

2.1 WALKAROUND INSPECTABLE 

2.1.1 Frequency of Inspection 
The frequency of inspection and inspection interval shall be specified in the 
system RFP, Prime Item Development Specification or other contract document 
as applicable (Table CXVII). 

2.1.2 Minimum Period of Unrepaired Service Usage 
The minimum period of unrepaired service usage shall be five (5) times the 
inspection interv~l specified in Paragraph 2.1.1. 

2.1.3 Minimum Required Residual Strength 
The minim~m required residual strength shall be PWV ' 

2.1.4 M1nimum Assumed Initial Damage 
The damape assumed to exist in new structure as a result of fabrication 
operat ions sha 11 be an .050" 1ong through the thickness crack emanati ng from 
one side of a hole. At locations other than holes the assumed initial damage
size shall be (a/Q) = .100 where a is measured in the principal direction of 
crack growth and Q is the flaw shape parameter. A smaller initial flaw size 
may be assumed sub~equent to a demonstration that all flaws larger than this 
assumed size have at least ~ 90% probability of detection with a 95% con
fidence using the selected production inspection procedure, equipment and 
personnel. This demonstration shall be subject to U~AF approval. A smaller 
initial size may be assumed if proof test inspection is used. In this case 
the minimum assumed initial size shall be the calculated critical size at 
the proof test stress levels and temperature using the upper bound of the 
material K1C data. 

2.1.5 Minimum Assumed In-Service Damage Size 
The smallest damage which can be presumed to exist in fuel tank structure 
after completion of a walkaround inspection shall be an uncovered open 2" 
through the thickness crack. A smaller through the thickness ""'lek may be 
assumed only after it is shown (analytically or experimentally) that fuel 
leakage will occur and can be detected during the inspection. Other slow 
crack growth structure shall be assumed to be walkaround uninspectable. 

2.1.6 Damage Growth Limits 

2.1.6.1 Fabrication Damage - Initial da~~ge as specified in Paragraph 2.1.4 
shall not grow to critical size and cause .ailure of the structure due to the 
ap~lication of PD~ in the minimum period of unrepaired service usa~e specified
in Paragraph 2.3.~. 
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TABLE CXVII SLOW CRACK GROWTH STRUCTURE 

DECREE FREQUENCY HIN. PERIOD HIN. REQ'D "IN. ASSUHED HIN. ASSUMED IN-
OF OF OF RESIDUAL INITIAL SERVICE DAMAGE DAMACE GROWTH LIMITS 

INSPECTABILI'J :, INSPECTI ON UNREPAIRED STRENGTH DAMAGE SIZES SIZES (I) 
SEi\VICE USACE (PXX ) (a} 

(Fxx ) 

IN Fll GHT 
~ N/A ~EVIDENT 

GROUND -<EVIDENT NIA > 
WALK SPECIFIED 5 X FREQ ./Q - 0.10 2" Open Thru I Shall not grow to critical 

AROUND IN coa::RACT (Fwv) PWV 
Crack Un less ~ P in FwVwvVISUAL DOClJrlr.NTS Detection Of Shall not grow to.crlti~.j(10 FLTS. Smaller Size • 

TYPICAL) @ PDH in FDH 
1)1\ Demonstrated 

0,05'''1 ... 
I Shall not Qrow to critical 

SPECIAL SPEC IflED 2 X FREQ o=ra @ PSV in F~V 
VISUAL IN CONTRACT (Fsv) PSV a Shall not grow to criticalV1CUMENTS @ POM in FDM\ I YR. TYP) OR 

SPECIFIED 1. X FREQ SHA1{ER I Shall n~t grow to criticalIF
DEP"T OR IN CONTRIICT (F 

DH
) PDH DEHONSTRATED @ ~ 01'1 in F0:\ 

DOCUMENTS (a/Q)DH a Shall not grow to critical3ASE LEVEL (1/4 II FE-
@PDM in FOp!TIME TYP.) 

2 a Shall not grow to critical 

NON LIFETIMES @ P In FLT lT 
INSPECTABlE NIA (FLT ) PlT MIA 



2.1.6.2 In-Service Damage - In-service damage size specified in Paragraph
2.1.5 shall not grow to critical size and cause failure of the ~tructure due 
to t'.e application of PWV in the minimum period of unrepaired service tAsage
specified in Paragraph 7.1.2. 

2.2 SPECIAL ~ISUAL INSPECTABLE 

2.2.1 Frequency of Inspection 
The frequency of inspection and inspection intervals shall be specified in 
the system RFP, PIDS or other contract documents as applicable.

I 
I 2.2.2 Minimum Period of Unrepaired Service Usage
I 

The minimum period of unrepaired service usage shall be two (2) times the 
inspection interval specifi?d in Paragraph 2.2.1. 

2.2.3 Minimum Required nesidual Strength
 
The minimum required residual strength shall be PSV'
 

2.2.4 Minimum Assumed Initial Damage
 
The minimum assumed initial damage shall be as specified in Paragraph ?.1.4.
 

2.2.5 Minimum Assumed In-Service Damage Size
 
The smallest damage which can be presumed to exist in the structure after
 
completion of special visual inspection s;,all be an uncovered open 2" through

the thic~ness crack. A smaller through the thickness crack may be assumed
 
only in those special cases where inspection statistics on similar structure
 
or uni~ue aesign features clearly indicate that smaller cracks crn and will
 
b~ found.
 

2.2.6 Damage Growth Limits
 

2.2.6.1 Fabrication Damage - Paragraph 2.1.5.1 applies.
 

2.2.6.2 In-Service Damage - In-service damage size specified in Paragraph
 
2.2.5 shall not grow to critical size and cause failure of the st~ucture due
 
to the application of PSV in the minimum period of unrepaired service usage'
 
specified in Paragraph 2.2.2.
 

2.3 DEPOT OR 3ASE LEVEL INSPECTABLE 

2.3.1 Frequency of Inspection 
The frequency of inspection and inspection intervals shall be svecified in 
the system ~~P, PIOS or other contract documents as applicable. 
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2.3.2 Minimum Period of Unrepaired Service Usage 
The minimum period of unrepaired service usage shall be two (2) times the 
inspection interval specified in Paragraph 2.3.1. 

2.3.3 Minimum Required Residual Strength 
The minimum required residual strength shall be PQM' 

2.3.4 Minimum Assumed Initial DamageI . 

The minimum assumed initial damage shall be as specified in Paragraph 2.1.4. 

2.3.5 The Minimum Assumed In-Service Damage Size 
The smallest damage which can be presumed to exist in the structure after 
c~mpletion of a depot or base level inspection shall be as follows: 

2.3.5.1 If the component is to be removed from the aircraft and completely
inspected with NOI procedures equivalent to those performed during fabrication, 
the minimum assumed damage size shall be that specified in 2.1.4. 

2.3.5.2 Where NOI techniques such.~ penetrant, magnetic particle or 
ultrasonics are applied to a componen~ installed in the aircraft, the minimum 
assumed size shall be a through the thickness crack emanating from a fastener 
hole, having 0.250" of uncovered length. At other locations, the minimum 
assumed damage size shall be a/Q = 0.20". 

2.3.5.3 Where visual inspection is used, a 2" uncovered open through the 
thickness crack shall be the minimum size. 

2.3.5.4 Smaller flaw sizes may be assrmed under Paragraphs 2.3.5.2 and 
2.3.5.3 subsequent to a demonstrativn that all flaws larger than the selected 
size have at 1~ast a 90% probability of detection with a 95~ confidence using 
the specified in-service inspection procedures and equipment. "rhis demon
stration shall be subject to USAF approval. 

2.3.5.5 Smaller flaw sizes may be assumed under 2.3.5.2 and 2.3.5.3 if 
depot or base level proof test inspection is used. In this case the minimum 
assumed sizes shall be calculated critical sizes at the proof test stress 
levels and temperatures using the upper bound of the material K, C data. 

2.3.G Damage Growth limits 

2.3.6.1 Fabrication Damage - Paragraph 2.1.6.1 applies. 

2.3.6.2 In-Service Damage - In-service damage size specified in Paragraph
2.3.5 shall not grow to critical size and cause failure of the structure due 
to the application of POM in the minimum period of unrepaired service usage
specified in Paragraph 2.3.2. 
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2.4 NON-INSPE~TABLE 

2.4.1 Frequency of Inspection
 
The frequency of inspection is not applicable.
 

2.4.2 Minimum Period of Unrepaired Service Usage 
The minimum period of unrepaired service usage shall be two (2) design
lifetimes. 

2.4.~ Minimum Required Residual Strength 
The minim~m required residual strength sha'l be PLT • 

2.4.4 Minimum Assumed Initial Damage
 
The minimum assumed initial damage shall be as specified in Paragraph 2.1.4.
 

2.4.5 Minimum Assumed In-Service Damage Size
 
The minimum assumed in-service damage size is not applicable.
 

2.4.6 Damage Growth Limits
 
The initial damage as specified in Paragraph 2.1.4 shall not grow to critical
 
size and cause failure of the structure due to the application of PLT in the
 
minimum period of unrepaired service usage a~ specified in Paragraph 2.4.2.
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3.0 FAIL SAFE - MULTIPLF. LOAD PATH (MLP) STRUCTURE 

3.1 IN-FLIGHT EVIDENT 

3.1.1 Frequency of Inspection 
Not applicable. 

3.1.2 Minimum Period of Unrepaired Service Usage 
The minimum period of unrepaired service usage shall be that perio~ of time 
between that when the damage becomes evident and the completion of an 
immediate return to base (Table CXVIII). 

3.1.3 Minimum Required Residual Strength 
The minimum required residual strength shall be ?FE svhs~quent to load path 
failure and Pyy at time of load path failure. 

3.1.4 Minimum A~sumed Initial Damage 

3.1.4.1 Intact New Structure .. The damage assumed to exist in each load
 
path of new structure as a result of fabrication operations shall be an .020"
 
long through the thickness crack emanating from one side of a hole. At
 
locations other than holes the assumed initial damage sizes shall be (a/Q) •
 
.03011 wnere a is measured in the principal direction of cruck growth and Q
 
is the fla~ shape parameter. A smaller initial flaw size may be assumed
 
subsequent to a demonstration that all flaws larger than this assumed size
 
have at least a 90% probability of detection with a 50% confidence level
 
using the selected production inspection procedure, equipment, and personnel.

This demonstration shall be subject to USAF approval.
 

3.1.4.2 Remaining Structure at Time of and Subsequent to Load Path Failure 

The damage assumed to exist adjacent to the primary failure in the remaining
 
HLP dependent structure at time of and following the failure of ~ load path

shall be equal to an .020" long through the thickness crack emanating from
 
one side of a hole or damage level equal to (a/Q) = .030" at locations other
 
than holes. plus the amount of growth 6a which occurs prior to load path
 
failure. The damage assumed to exist adjacent to the primary failure in each
 
load path of the remaining MLP independent structure at time of and following

the failure of a load path shall be equal to an .010" radius semicircular
 
corner crack emanating from one side of a hole or damage equal to (a/Q) •
 
0.010" at locations other than holes, plus the amount of growth 6a which
 
occur5 prior to load path failure.
 

3.1.5 Minimum Assumed In-Service Damage Size
 
The minimum assumed in-service damage size shall be a failed load path.
 

3.1.6 Damage Growth Limits
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3.1.6.1 Intact New Structure - Initial damage as specified in Paragraph
 
3.1.4.1 shall not grow to critical size and cause failure of a load path due
 
to the application of POM in the minimunl period of unrepaired service usage

specified in Paragraph 3.5.2. If the structure is not inspectable for sub

critical cracks, the initial damage specified in Paragraph 3.1.4.1 shall not
 
grow to critical size and cause failure of a load path due to the application
 
of PLT in one lifetime.
 

3.1.6.2 In Remaining Structure Subsequent to Load Path Failure - Damage as
 
specified in Para9r~ph 3.1.4.2 shall not grow to critical size and cause
 
failure of the remaining structure due to the application of PF in the
 
~ini~ula period of unrepaired service usage specified in Paragraph 3.1.2.
 

3.2 GROUND EVIDENT
 

3.2.1 Frequency of Inspection
 
The frequency of inspection shall be once per flight.
 

3.2.2 Minimum Period of Unrepaired Service U~age 

The minimum period of unrepaired service usage shall be one (1) complete

flight.
 

3.2.3 Minimum Residual Strength
 
The minimum residual strength shall be PGE subsequent to load path failure
 
and Py y at time of load path failure.
 

3.2.4 Minimum Assumed Initial Damage
 

3.2.4.1 Damage In Intact New Structure - The damage in intact new structure
 
shall be as specified in Paragraph 3.1.4.1.
 

3.2.4.2 Damage In Remaining Structure - The damage in remaining structure
 
at ti~e of and subsequent to load path failure shall be as specified in
 
Paragraph 3.1.4.2.
 

3.2.5 Minimum Assumed In-Service Damage Size
 
The minimum assumed in-service damage size shall be a failed load path.
 

~.2.6 Damage Growth Limits 

3.2.6.1 Intact New Structure - Paragraph 3.1.6.1 applies. 
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3.2.6.2 In Remaining Structure Subsequent to Load Path Failure - Damage 
as specified in Paragraph 3.1.4.2 shall not grow to critical size and cause 
failure of the remaining structure due to the application of PGE in the 
minimum period of unrepaired service usage specified i~ Paragraph J.2.2. 

3.3 WALKAROUND VISUAL INSPECTABlE 

3.3.1 Frequency of Inspection 
The freQuency of inspection and inspection interval shall be specified in 
the SyS\.....1 RfP. PIOS or other contract document as applicable. 

3.3.2 Minimum Period of Unrepaired Service Usage 
The minimum period of unrepaired serv~ce usage shall be five (5) times the 
walkaround inspection interval specified in Paragraph 3.3.1. 

3.3.3 Minimum Resi~ua1 Strength 
The minimum residual strength shall be PWV subsequent to in-service inspection.
 
and Pyy at time of load paU, failure.
 

3.3.4 Minimum Assumed Initial Damage
 

3.3.4.1 Damage In Intact flew Structure
 
The damage in intact new structure shall be as specified in Paragraph 3.1.4.1.
 

3.3.4.2 Remaining Structure Subsequent to load Path Failure and Intact
 
Structure Subsequent to In-Service Inspection - The damage assumed to exist
 
adjacent to the primary failure in the remaining MLP dependent structure at
 
time of and following the failure of a load path (or significant damage to
 
the load path) shall be equal to an .020" long through the thickness crack
 
emanating from one side of a hole or damage equal to a/Q = .030" at locations
 
other than holes. plus the amount of growth 6a which occurs prior to lOJd
 
path failure or prior to in-service inspection. The damage assumed to exist
 
adjacent to the primary failure in each load path of the remaining MLP
 
independent structure at time of and following failure of a load path (or
 
significant damage to the load path) shall be equal to an .010" radius semi

circular corner crack emanating from one side of a hole or damage equal to
 
a/Q = 0.010" at locations other than holes. plus the amount of growth t1a
 
which occurs prior to a load path failure or prior to in-service inspection.
 

3.3.5 Minimum Assumed In-Service Damage
 
The minimum assumed in-service damage shall be as specified in Paragraph
 
2.1.5 or a failed member. whichever is applicable.
 

3.3.6 Damage Growth Limits
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3.3.6.1 Intact New Structure - Paragraph 3.1.6.1 applies. 

3.3.6.2 Intact Structure - Subsequent to In-Service Inspection - If the 
detectable damage is less than a failed load path then the minimum assumed 
damage in one load path shall be as specified in Paragraph 2.1.5. This 
damage plus the damage assumed to exist in the remaining structure at the 
time of inspection as defined in Paragraph 3.3.4.2, shall not grow to 
critical size and cause failure of the structure due to the application of 

in the minimum period of unrepaired service usage specified in PWV
Para~raph 3.3.2. 

3.3.6.3 RemJining Structure - Subsequent to Load Path Failure - If the 1n
service detectable damage size is a failed load path then the damage in the 
remaining structure as defined in Paragraph 3.3.4.2 shall not grow to 
critical size and cause failure of the remaining structure due to the 
application of PWV in the minimum period of unrepaired service usage
specified in Paragraph 3.3.2. 

3.4 SPECIAL VISUAL INSPECTABlE 

3.4.1 Frequency of Inspection 
The frequency of inspection and inspection intervals shall be specified in 
the systems RFP, PIOS or other contract document as applicable. 

3.4.2 Minimum Period of Unrepaired Service Usage 
The minimum period of unrepaired service usage shall be two (2) times the 
special visual inspection interval specified in Paragraph 3.4.1. 

3.4.3 Minimum Required Res·~ual Strength 
The minimum required residu~~ ~trength shall be PSV subsequent to in-service
 
inspection, and Pyy at time of load path failure.
 

3.4.4 Minimum Assumed Initial Damage
 
The minimum assumed initial damage shall be as specified in Paragraph 3.3.4.
 

3.4.5 Minimum Assumed In-Service Damage
 
The minimum assumed in-service damage shall be as specified in Paragraph 2.2.5
 
or a failed member, whichev~r is applicable.
 

3.4.6 Damage Growth limits
 

3.4.6.1 Intact New Structure - Paragraph 3.1.6.1 applies.
 

3.4.6.2 Intact Structure - Subsequent to In-Service Inspection - If the in

service detectable damage size is less than a failed load path then the minimum
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3.4.6.2 Continued 
assumed damage in one load path shall be as specified in Paragraph 2.2.4. 
This damage plus the damage assumed to exist in the remaining structure at 
the time of inspection as defined in Paragraph 3.3.4.2 shall not grow to 
critical size and cause failure of the structure due to the application of 
PSV in the minimum period of unrepaired service usage as specified in 
Paragraph 3.4.2. 

3.4.f..3 Remaining Structure - Su~sequent to Load Path Failure - If the 
in-service detectable damage is a failed load path, then the damage in the 
remairdng structure as defined in Paragraph 3.3.4.2 shall not grow to 
critical size and cause failure of the structure due to the application of 
PSV in the minimum period of unrepaired service usage as spacified in 
Paragraph 3.4.2. 

3.5 DEPOT OR BASE LEVEL INSPECTABLE 

3.5.1 Frequency of Inspection 
The frequency of inspection and inspection intervals shall be specified in 
the system RFP, PIDS or other contract documents as applicable. 

3.5.2 Minimum Period of Unrepaired Service Usage 
The minimum period of unrepaired service usage shall be two (2) times the 
depot or base level inspection interval specified in Paragraph 3.5.1. 

3.5.3 Minimum Residual Strength 
The minimum residual strength shall be PDM subsequent to in-service inspection,
 
and Pyy at time of load path failure.
 

3.5.4 Minimum Assumed Initial Damage
 
The minimum assumed initial damage shall be as specified in Paragraph 3.3.4.
 

3.5.5 Minimum Assumed In-Service Damage
 
The minimum assumed in-service damage shall be as specified in Paragraph
 
2.3.5 or a failed member whichever is applicable.
 

3.5.6 Damage Growth Limits
 

3.5.6.1 Intact New Structure - Paragraph 3.1.6.1 applies.
 

3.5.6.2 Intact Structure - Subsequent to In-Service Inspection - If the in
service detectable damage is less than a failed load path, then the minimum 
assumed damage in one load path shall be as specified in Paragraph 2.3.5. 
This damage plus the damage assumed to exist in the remaining structure at 
the time of inspection as defined in Paragraph 3.3.4.2 shall not grow to 
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3.5.6.2 Continued 
critical size and cause failure of the structure due to the appl ication of 

in the minimum period of unrepaired service usage as specified in POHparagraph 3.5.2. 

3.5.6.3 Remaining Structure - Suusequent to load Path Fa;lure - If the fn

service detectable damage is a failed load path, then the damage in the
 
remaining structure as defined in Paragraph 3.3.4.2 shall not grO\'I to critical
 
size and cause failure of the remaining structure due to the application of
 
POM in the minimuoi rp.riod of unrepaired service usage specified in Paragraph

3.5.2.
 

3.6 IN-SERVICE NON-INSPECTABlE
 

3.6.1 Frequency of Inspection
 
tlot applicable.
 

3.6.2 Minimum Period of Unrepaired Service Usage
 
The minimum period of unrepaired service usage shall be one (1) design
 
service lifetime.
 

3.6.3 Minimum Rezidua1 Strength
 
The minimum residual strength shall be PLT subsequent to load path failure.
 
and Pyy at time of load path failure.
 

3.6.4 Minimum Assumed Initial Damage
 
The minimum assumed initial damage shall be as specified in Paragraph 3.3.4.
 

3.6.5 f,'inirnum Assumed In-Service Damage
 
Not applicable
 

3.6.6 Damage Growth Limits
 

3.6.6.1 Intact flew Structure - Initial damage as specified in Paragraph

3.3.4.1 shall not grow to critical size and cause failure of a load path due
 
to the application of PLT in the minimum period of unrepaired service usage

specified in Paragrap~ 3.6.2.
 

3.6.6.2 Remaining Structure - Subsequent to Load Path Fai1ure - Initial
 
damage in the remaining structure subsequent to load path failure. as 
specified in Paragraph 3.3.4.2 shall not ~row to critical size and cause 
failure of the remaining structure due to the application of PlT 1n the 
minimum period of unrepaired service usage specified in Paragraph 3.6.2. 
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4.0 FhIL SAFE - CRACK ARREST STRUCTURE 

4.1 IN-FLIGHT EVIDENT 

4.1.1 Frequency of !nspection 
Not applicable. 

4.1.2 Minimum Period of Unrepaired Service Usage 
The minimum pedod of unrepaired service usage shall be that period of time 
between that when the damage becomes evident and completion of an immediate 
return to base (Table CXIX). 

4.1.3 Minimum Required Residual Strength 
The minimUln required ..esidual strength shall be Pyy at time of crack arrest 
and PFE subsequent to crack arrest. 

4.1.4 Minimum Assumed Initial Damage 

4.1.4.1 Intact N~w Structure - The damage in intact new structure ~ha11 be 
as specified in Paragraph 3.1.4.1. 

4.1.4.2 Remaining Structure at Time of and Subsequent to Crack Arrest 
The damage assumed to exist in the remaining structure following arrest of 
a rapidly propagating crack shall depend upon the particular geometry. In 
conventional skin stringer (or frame) construction thi~ shall be assumed as 
two panels (bays) of cracked skin plus the broken centrul stringer (or frame). 
Where tear straps are provided between stringers (or frames), this damage
shall be assumed as cracked skin between tear straps plus the broken central 
stringer {or frame}. Other configurations shall assume equiv~lent damage as 
mutually agreed upon by the contractor and the A.F. 

4.1.5 Minimum Assumed In-Service Damage 
The minimum assumed in-service damage shall be as specified in Paragraph 
4.1.4.2. 

4.1.6 Damage Growth Limits 

.'4.1.6.1 Intact New Structure - Initial damage as specified in Paragraph 
':

" 
3.1.4.1 shall not grow to the size which would cause an initial rapid
propagation due to the application of PDM in the minimum period of unrepaired 
service usage specified in Paragraph 4.5.2. If the structure is not in
spectable for subcritical cracks, the initial damage specified in 3.1.4.1 
shall not grow to the size which would cause an initial rapid crack 
propagation due to the application of PLT in one lifetime. 
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TABLE CXIX FAIL SAFE - CRACK ARREST STRUCTURE 
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4.1.6.2 Remaining Structure Subsequent to Crack Arrest - Damage as specified
in Para~raph 4.1.4.2 shall not grow to the size required to cause compl~te 
structural failure due to the application of PFE in the minimum period of 
unrepaired service usage specified in	 Paragraph 4.1.2. 

4.2 r.ROUND EVIDENT 

4.2.1 Frequency of Inspection
 
The frequency of inspection shall be once per flight.
 

4.2.2 Minimum Period of Unrepaired Service Usage
 
The minimum period of unrepaired service usage shall be one (1) complete

flight.
 

4.2.3 Minimum Required Residual Strength
 
The minimum required residual strength shall be PGE subsequent to crack
 
arrest and Pyy at ~.ime of crack arrest.
 

4.2.4 Minimum Assumed Initial Damage
 

4.2.4.1 Intact flew Structure - The damage in intact new structure shall be
 
as specified in Paragrari" 3.1.4.1.
 

4.2.4.2 Remaining Structure at Time of and Subsequent to Crack Arrest

The damage in remaining structure at time of and subsequent to crack arrest
 
shall be as specified in Paragraph 4.1.4.2.
 

4.2.5 Minimum Assumed In-Service Damage
 
The minimum assumed in-serv1~e damage shall be as specified in Paragraph

4.1.4.2.
 

4.2.6 Damage Growth Limits
 

4.2.6.1 Intact New Structure - Paragraph 4.1.6.1 applies.
 

4.2.6.2 Remaining Structure Subsequent to Crack Arrp.st - Damage as
 
specified in Paragraph 4.1.4.2 sha'~ not grow to the size required to cause
 
complete structural failure due to the ?pplication of PGE in the minimum
 
period of urrepaired servic& usage specified in Paragraph 4.2.2. 

4.3 WALKAROUNO VISUAL INSPECTABLE 

4.3.1 Frequency of Inspection 
The frequency of inspection shall be as specified in the system RFP, PIOS or 
other contract	 documents as applicable. 
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4.3.2 Minimum Period of Unrepaired Service Usage 
The mini~um period of unrepaired service usage shall be five (5) times the 
walkaround inspection interval specified in Pal'agraph 4.3.1. 

4.3.3 Minimum Required Residual Strength 
The minimum required residual strength shall be PWV subsequent to in-service 
inspection, a~d Pyy at time of crack arrest. 

4.3.4 Minimum Assumed Initial Damage 

4.3.4.1 Intact New Structure - The damage in intact new structure shall be 
as specified in Paragraph 3.1.4.1. 

4.3.4.2 Remaining Structure at Time of and Subsequent to Crack Arrest - The 
damage in remaining structure at time of and subsequent to crack arrest shall 
be as specified in Paragraph 4.1.4.2. 

4.3.5 Minimum Assumed In-Service Damage 
The minimum assumed in-service damage shall be as specified in Para9raph 2.1.5 
(assumed to be located at an inaccessible, failed stringer or frame), or 
specified in Paragraph 4.1.4.2, whichever is applicable. 

4.3.6 Damage Growth Limits 

4.3.6.1 Intact New Structure - Paragraph 4.1.6.2 applies. 

4.3.6.2 Intact Structure - Subsequent to In-Service Inspection - If the in
service detectable damage is less than an arrested crack as described in 
Paragraph 4.1.4.2, then the minimum assumed damage as specified in Paragraph
4.3.5 shall not grow to the size required to cause complete structural 
failure due to the application of Pwv in the mir.imum period of unrepaired 
service usage specified in Paragraph 4.3.2. 

4.3.6.3 Remaining Structure Subsequent to Crack Arrest - Damage as specified
in Paragraph 4.3.5 shall not grow to the size required to cause complete
structural failure due to the application of Pwv in the specified period of 
unre~aired usage specified in Paragraph 4.3.2. 

4.4 SPECIAL VISUAL INSPECTABLE 

4.4.1 Frequency of Inspection 
The frequency of inspection shall be as specified in the system RFP, PIDS or 
other contract documents as applicable. 
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4.4.2 Minimum Period of Unrepaired Service Usage 
The minimum period of unrep~ired service usage shall be two (2) times the 
special visual inspection interval specified in Paragraph 4.4.1. 

4.4.3 Minimum Required Residual Strength 
The minimum required residual strength shall be PSV subsequent to in-service 
inspection, and Pyy at time of crack arrest. 

4.4.4 Minimum Assumed Initial Damage 

4.4.4.1 Intact New Structure - The damage in intact new structure shall be 
as specified in Paragraph 3.1.4.1. 

4.4.4.2 Rem" .l1g Structure - The damage in remaining structure at time of 
and subsequerlc to crack arrest shall be as specified in Paragraph 4.1.4.2. 

4.4.5 ~inimum Assumed In-Service Damage 
The minimum assumed in-service damage shall be as specified in Paragraph 2.2.5 
(assumed to be located at an inaccessible, failed stringer or frame), or as 
specified in Paragraph 4.1.4.2, whichever is applicable. 

4.4.6 Damage Growth Limits 

4.4.6.1 Intact New Structure - Paragraph 4.1.6.2 applies. 

4.4.6.2 Intact Structure - Subsequent to In-Service Inspection - If the in
service detectable damage is less than an arrested crack as described in 
Paragraph 4.1.4.2, then the minimum assumed damage as specified in Paragraph 
4.4.5 shall not grow to the size required to cause complete structural 
failure due to the application of PSV in the minimum period of unrepaired
service usage specified in Paragraph 4.4.2. 

4.4.6.3 Remaining Structure Subsequent to Crack Arrest - Damage as specified
in Paragraph 4.1.4.2 shall not grow to the size required to cause complete
structural failure due to the application of PSV in the minimum period of 
unrepaired service usage specified in Paragraph 4.4.2. 

4.5 DEPOT OR BASE LEVEL INSPECTABLE 

4.5.1 Frequency of Inspection 
The frequency of inspection shall be specified in the system RFP, PIDS or 
oth~r contract documents. as r~plicable. 
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4.5.2 Minimum ~eriod of Unrepaired Service Usage 
The minimum period of unrepaired service usage shall be two (2) times the
 
depot or base level inspection interval specified in Paragraph 4.5.1
 

4.5.3 Minimum Required Residual Strength
 
The minimum required residuai strength shall be PDM subsequent to in-service
 
inspection and Pyy at time of crack arrest. 

14•5•4 Minimum Assumed Initial Damage 

4.5.4.1 Intact New Structure - The damage in intact new structure shall be
 
as specified in Paragraph 3.1.4.1,
 

4.5.4.2 Remaining Structure - The damage in remaining structure at time of
 
and subsequent to crack arrest shall be as specified in Paragraph 4.1.4.2.
 

4.5.5 Minimum Assumed In-Service Damage 
The ~inimum assumed in-service damage shall be as specified 1n Paragraph 2.3.5
 
(assumed to be located at an inaccessible failed stringer or frame), ~r as
 
specifi~d in Paragraph 4.1.4.2, whichever is applicable.
 

4.5.6 Damage Growth limits 

4.5.6.1 Intact New Structure - Paragraph 4.1.6.2 applies. 

4.5.6.2 Intact Structure - Subsequent to In-Service Inspection - If the
 
in-service detectable damage is less than an arrested crack as describ~d in
 
Paragraph 4.1.4.2. then the minimum assumed damage as specified in Paragraph
 
4.5.5 shall not grow to the size rp.quired to cause complete structural
 
fail~re due to the application of POM in the minimum period of unrepaired
 
service usage specified in Paragraph 4.5.2.
 

4.5.6.3 Remaining Structure Subsequent to Crack Arrest - Damage as specified
 
in Paragraph 4.5.5 shall not grow to the size required to cause complete

structural failure due to the application of POM in the minimum period of
 
unrepaired service usage specified in Paragraph 4.5.2. 

4.6 NON-INSPECTAOLE STRUCTURE
 
In service non-inspectable crack arrest structure shall not be allowed.
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APPENDIX B 

MATERIAL O~TA ANALYSES 

1.0 MATERIAL STRENGTH PROPERTIES 

The structure of the baseline airplane is designed to the "B" values of the
 
state-of-the-art materials for Ftu. Fty. Fe'! and Fs u• Since most of the
 
new materials have only "S" values for tl'e design properties. it becomes
 
necessary to estimate "B" values for a valid strength and weight comparison.
 

It is proposed to estimate the "B" values by using the analysis method out
lined in Section 9.0 of the MIL-HOBK-5. The equation for "A" values is 
A='Y: - KA (SO) where 'Y: is the mean. or typical. value; KA is the one-sided 
tolerance limit factor correspondi~g to a proportion at least 0.99 of a nor
mal distribution and a confidence coefficient of 0.95 and SO is the standard 
deviation. Similarly. "B" values are given by the equation P = 'Y: - KB (SO). 
X and SO are the same values as for the "A" value equation. and KB is the 
one-sided tolerance limit factor corresponding to a proportion to at least 
0.90 of a normal distribution and a confidence coefficient of 0.95. By
 
solving t~e two equations simultaneously. the standard deviation value SD is
 
determined as follows:
 

A = 'Y: - KA (SO) or 'Y: = A + KA (SO) ( 48) 

B = 'Y: - KB (SO) or 'Y: = B + KB (SO) (49) 

B-Awhere SO = 
KA - KB 

The terms KA and KB. as defi ned in MI L-HOBK-5. are 2.684 and 1.527. respec
tively. Therefore. KA - KB = 1.157 and SO = 1/1.157 (B-A). or 0.8643 (B-A). 
Based on the assumption that "S" values are equal to "A" values. then r can 
be determined from equation (1). If the values for Ftu. Fty. Fcy and Fsu are 
listed as typical. they will be taken equal to r. 
A trend for certain values of (B-A) has been noted for various wrought forms 
of aluminum and titanium alloys as taken from MIL-HOBK-5. The values of 
(B-A) found in Tables CXX and CXXI will be assumed typical for the same 
wrought products for the new alloys of both aluminum and titanium. 

The values for "B" calculated in this manner are enclosed in parentheses and 
noted as estimated values in Tables X, XI and CXXII thru CXXV. The same 
trend is valid for all four static strength properties of aluminum and 
titanium. 

The same correlation procedure is applied to the steel a'loys evaluated. 
Table CXXVI has listed various steel alloy properties as taken from the r1IL
HOBK-5 document. Applicable factors were applied to the properties listed 
in Table CXXIV to obtain "B" values. These values are enclosed in parentheses 
and noted as estimatea. 

Data for beryllium was spal'se; however, "B" values were estimated in the same 
manner as for the steel alloys. 
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I TABLE CXX CORRELATION OF ~~TERIAL PROPERTY I
 
llATLRIAL Ftu (r.s!) 

B-A 
ALLOY FORM GAUGE A C (r.st) 

7075-T6 Chd Sheet .063 - .187 73 75 2 

7079-T6 Clad Sheet .063 - .187 70 72 2 

7178-T6 I Clad Sheet .063 - .187 80 82 2 

7075-T6 I Clad Sheet .040 - .249 78 80 2 

7178·T6 Clad Sheet .045 - .<149 84 I 86 2 

7075-T&51 Clad Plate .250 - .499 74 76 2 

7176-T651 Clad Plate ! .250-1.500 81 83 2 

7075-T651 Plate .250-1.000 77 79 2 

7178-T651 Plate .250-1.500 &3 115 2 

7075-T6 Die Forgi"!! ~ 1.000 75 78 3 

7075-T6 Ole Forging 1.001-2.000 74 77 3 

7075-T652 I Ole Forging :;: 1.000 I 75 78 3 

7075-T652 
I 

Ole Forgllll1 1.001·2.000 74 77 3 

7075-T& Extrusion ~ .249 78 82 4 

7075-T6 Extrusion .250-2.999 81 85 4 

7178-T6 Extrusion .06::-.249 84 88 4 

CORRELATION OFTABLE CXXI TITANIUM MATERIAL PROPERTY 
MATERIAL Fty (r.S!) 

8-A 

ALLOY FORM GAUGE A B 
(r.sI) 

TI-6-4 Sheet (Ann) ;:; .187 134 139 5 

TI-6-6-2 Sheet (Ann) ~ .1117 ISS 160 5 

Tt-811 Sheet (Ann) ~ .187 125 130 5 

n-5-2.S Sheet (Ann) , .187 120 125 5 

TI-5-2.5 P1ate (Ann) .187-.250 120 125 5 

TI -6-4 Bar (Ann) ~ 3.000 132 137 5 

TI-6-4 Extr (Ann) ;c 2.000 131 137 Ii 

TI-4·3·1 Sheet :5~) "' .187 175 182 7 

TI-6-4 Bar (Sta) ~ .500 164 172 8 

TI-6-4 Dar (Stt) .501-1.000 151 160 9 

TI-6-4 Bar (Sta) 1.001-1.500 147 157 10 

TI-6-4 Bar (Stt) 1.501-2.000 139 146 7 

Tt-6-4 Extr (Stt) ~ .500 155 163 8 

T1-6-4 Extr (Stt) .501-.750 151 157 6 

TI-6-4 Extr (Stt) .751-1.000 147 153 7 
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TABLE CXXII CANDIDATE ALUMINUM ALLOYS (CONT/D)
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TABLE CXXVI CORRELATION OF STEEL MATERIAL PROPERTIES 

MATERIAL Ftu (KSI) 
B-A 

Ft (KSI) 
B-A 

F,.v (KSI) 
B-A 

fell (KSI) 
B-A 

ALLOY II.T. A B (KSI) A B (KSI) A B (KSI) A B (KSI) 

PH 13·8 Mel H950 213 219 6 190 201 11 

PH 13-8 Mel Hl000 195 205 10 187 197 10 

9Nt-4Co-.45C Batnltc 257 262 5 212 218 6 236 242 6 152 155 3 

PH 14-8 Mel SRII 950 209 220 11 190 202 12 

PH 14-8 Mel SRH105/) 190 201 11 189 192 12 

17-7 PH THl050 177 184 7 150 169 19 158 178 20 115 120 S 

AISI 301 1/2 Hard 141 151 10 93 110 17 63 72 9 77 82 S 
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For the purposes of this study, a fatigue correlation analysis has bep.n
assumed to estimate the stress at R = 0 when only R =0.1 data is available. 
Several titanium alloys were studied to determine a trend in ratios for 
stress levels at R=0.1 and R= O. The fatigue data was obtained from con
stant life charts in the MIL-HDBK-5 document. The data were normalized to 
the value at R = 0.1. The results are in Table CXXVII. The ratios shown for 
the various alloys, whether annealed or STA, will be applied to the same 
class of material alloys to determine stress at R= O. Since the material 
in question is a Beta alloy, graphs were made of a similar Beta alloy for 
annealed and for STA conditions for values of Kt =1.0 and Kt = 3.0. The 
graphs are presented 1n Figures 194 and 195, respectively. The fatigue data 
for Ti-8Mo-8V-2Fe-3Al, in the STA condition, was ratioed by the factors 
indicated and included 1n the final report. The values so calculated are 
in Table CXXIII. 

A second method that can be used to obtain v~lues for maximum stress at R • 0 
when d~ta is 91ven for other values of R 1s as follows: construct a constant 
life (~oodman) diagram as shown in Figure 196; use three data p01nt~; 1) ten
sion ultimate. 2) compression yield and 3) the maximum stress at applicable
value of R. to define the curve as shown. The value of maximum stress for 
R • 0 may then be obtained. 

The tangent modulus is an important material data that is used 1n all column 
and panel compression strength allowable analyses. This data 1s very sparse
and those available are mostly typical curves. The stress/strain curves, in 
conjunction with tangent modulus curves, are all plotted as typical values in 
MIL-HDBK-5. This, by defini tion, does not agree with the "B" values that are 
listed in the tables. One example of this is shown in Figure 197 for 7075
T6511 extrusion material. 

Both curves, in Figure 197, were plotted with the same valuf for the shape
factor lin" as determined from the typical stress/strain charts by the Ramberg
Osgood equation. However, the equation was modified to use the secant modu
lus of the compression yield in lieu of the 0.7 secant modulus. Likewise, 
the second data point was at a secant modulus half way between the elastic 
modulus and the compressive yield secant modulus. This is shown on Figure 
198. This modification changes the value of the constant in the equation for 
strain and the equation to determine the shape factor. 

The reason for the equation modification was to obtain a better mathematical 
fit of the stress/strain ~urves. Some of the available curves ended before 
the 0.7 secant stress value, and others had compression yield stress values 
somewhat removed from the 0.7 secant stress. 

The Ramberg-Osgood basic equation for strain is 
E: = f + K( 0)n (50) 

and by choosing two sets of ~nown coordinates of stress and strain from a 
curve. the val ues of "K" and "ro" can be rietermined as follows: 

From equation (50) 
K ~ & - olE (51)

0'" 
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TABLE CXXVII TITANIUM FATIGUE DATA CORRELATION 
I 

G AT " • lOS GI' GR •. 1 

K R RALLOY t. 
.~ .40 .1 .2 0 .2- .2- .2 

\24 .955 1.045IJ~ lOS 110 115 .855 1.1271.0TI-8·1-1 Sheet 

104 .960 0.05187 95 99 116 .879 1.172TI-4-3-1 Sheet (Sta) 1.0 

118 \22 126 \31 .910 .967 1.033 1.07~\.0n·6-4 8", 111 

\O~ 112 117 122 .889 .957 1.0~3 1.128n-6-4 Sheet \.0 m 

74 78 83 9S .C46 .945 \.064 1.218n-U-\\-3 Sheet (Ann) \.0 66 

71) .95263 67 .889 1.063 1.238n -13-\\-3 Sheet (SU) \.0 S6 ~o 

44 1.075 1.2832.57 50 53 57 68 .830 .943Tt -8-1-\ Sheet 

2.02 59 62 65 73 .887 .952 1.048 1.17755H·4·3·1 Sheet (St.) 

.944 1.0S6 \.167.87572 76 843.30 63 69Tt-6-4 81r 

1.286.893 .946 1.07153 56 60 722.82 SOrt-6-4 Sheet 

.941 \.3S334 37 46 .824 1.08928 32Tt -13-\\-3 Sheet (Ann) 3.00 

1.188.938 1.06334 .87528 30 32 30n-13-\\-3 Sheet (Sta) 3.00 

1.3 t 

\.1 

1.0 

.9 

.1)+- .--_ 
_l1c---~-_+---+I---_lI'----__I_1-

-.2 -.1 o .1 .2 .3 .4 

R 

Figure 194 BETA TITANIUM FATIGUE DATA CORRELATION (~ =1.0) 
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-.2 -.1 o .1 .2 .3 .4 
R 

Figure 195 BETA TITANIUM FATIGUE DATA CORRELATION (~ • 3.0) 

R 
o .1 

·200 -180 ·160 ·140 -120 -100 -co -60 ·40 ·20 0 ZO 40 60 co 100 120 140 160 180 zoo 
HIHIIIJM STRESS - KSI 

Figure 196 CONSTANT LIFE DIAGRAM TO DETERMINE MAXIMUM STRESS FOR R• 0 
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Figure 197 liB" VALUE STRESS/STRAIN DIAGRAM DEVELOPMENT 
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Figure 198 COMPRESSIVE STRESS/STRAIN DATA BY MODIFIED RAMBERG-OSGOOD 
EQUATION 
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let (01 ,E:, \ define the set of coordinates for compression yield such that 
I' 0'1
 

0' =0'1 = X1EE:l and £ = £1 .. 


(1, ('-X, ) 
X,E 

then K" Ep'l)n ~ (52) 

and equation (50) becomes 

• = ~ + e;:lH~lH~r (53) 

Let (02, E:Z) definp the second set of coordinates whose secant modulus is 
midway between the comoression yield secant modulus and the elastic modulus 
such that 0" 0z .. X2EE:2 and E: .. E: 2 .. 02/X2E. These values substituted into 
equation (53) give 

x~~ = ~ + ~ ~;Xl) ~ ~9 (:~) " 
(55) 

or 

? (~;X2) =C-~: )( ~9( :~ )" 
since, by definition, the secant modulus of the second data point is midway
between the elastic and compression yield modulii, the relation of X2 to Xl 
is 

and this value substituted into equation (55) gives 

(56 ) 

The value of "n" is then obtained from equation (56) by taking the log of 
both sides to give 

(57)" = 1 + [LOG C::1 
) 

which is the Ramberg-Osgood equation. The value of Xl is determined from 
the strain at compression yield as follows: 

(58) 
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from whi ch 
01 

( 59)Xl= 0.002E+ol 

and substituting this into equation (53) gives 

•. (r) [1 + (0. O~~E)( ~) n-l] (60) 

and into equation (57) gives 

(61)n • 1 + [lOG(0.02~E + 2) flOG (:~)] 

The equati:: ~o:c til :(:':;:~d(: )'(~ )th~~ 1] 
The values for the 0.7 secant stress. as listed in the material properti~3 
Tables X. XI. and CXXII thru CXXV were calculated by the following method: 
Equate the basic stress/strain curve and the 0.7 secant modulus line thus 

...O. 7 • ~~'Ir. ·°4 [1 + o·o.,oiE e~/) n-l] (63) 

and solving foroO.7 as follows: 

1·0.7 +o.7e·~2E )C0~:) n-l (64) 

or 

lOG (o.o:;~ )(n-l) (lOG 00.7 - lOG 01) • (65) 

from this 

lOG 00. 7' lOG 01 (66)+ lOGC~~lE) 
then 

(
LOG ° + LOG (301/0•014E)) (67)

00.7= 10 1 n-l 

The search for valid stress/strain curves has not produced the desired data 
base for determining the compressive tangent modulus for the various materials. 

An attempt was made to determine if a pattern eristed for values of the shape 
factor "n" for aluminum. This was based on all the compressive stress/strain 
curves included in MIL-HOBK-5. The results of the study are listed in Table 
oovm. The values shown are taken from typical curves. The values for the 
shape factor range approxirrGtely from 11 to 56. It should be noted that the 
elastic compressive mcdu1us taken from the typical curves differs from the 
values found in the table for several of the alloys. 
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A study was made to determine the impact of the shape factors on the weight 
of a stiffened skin compression panel. The equation for column stability is: 

Fc TT' 
(68 )Et = (ll/(J)2 

!he term Fc/Et is the material property data and is obtained frum a tangent 
modulus curve as shown in Figure 199. Various combinations of Fc and Et are 
~possib1e, depending on the shape factor used, for each Fe/Et ratio. As 
noted, the highest value for Fc occurs with the highest shape factor; hence, 
less panel weight 1s possible when the material modulus curve shape factor is 
as large as possible. A series of computer runs were made to determine the 
weight variations for integrally stiffened skins made from 7050-T7651 plate
and assuming values for the shape factor of 10, 20, 30, 40 and 50. The 
results are listed in Table CXXIX. The weights were normalized to the "n" = 
20 and are plotted in Figure 200. The ra~ge in weight differences is some 
t3.5% around the normal n = 20. Con5equently, the shape factor for all 
aluminum alloys that were not available will be 20 for this study. Stress! 
strain curves were drawn by an in-house computer program for each of the 
materials and are found in Figure 201. The values for the shape factor "n" 
for titanium, steel and beryllium were estimated by the same type of analysis. 

Therefore. unless specific values for "n" were calculated from stress/strain
data curves, the values are 10 and 30, respectively, for titanium and steel. 
The shape factor used for beryllium was 20. The stress/strain curves for 
each are found in Figures 20~ through 204. respectively. 
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• fran Table e xx I I + from Chart o Clad Figure 199 TANGENT MODULUS CURVES
 
FOR VARIOUS VALUES OF "n" 

RAMBERG-OSGOOD SHAPE FACTORTABLE CXXVI II 
CO~lPARISON 

+• 
[E fey f2rlllTCRIAl fORM 

to( -6)PSl (KSI) (KSI)0(-6)1'51 " 
0 

1015-T6 Sheet 10.5 10.0 66
 61
 11.59 
0 

:~~5-T651 Plate 10.6 10.0 66
 61
 11.59 

1015-T6 Extr 10.1 10.2 81
 18
 22.51 

1015-T6 Bar 10.5 10.1 70
 65
 12.17 

1015-T651 I'late 10.6 10.6 16
 14.4971.5 

1015-T62 Plate 10.5 BO.5 77
 19.35-
[xtr1015-T1~51 10.7 10.4 65
 56.0066
 

7079·T651 Plate 10.410.6 14
 12.5 41.21 

7019-T62 Plate 10.5 70
 30.4412
· 
1113-T6 Sheet 10.5 10.3 79.5 74.5 13.55 

7118-T62 24.24Plate 10.5 88
 85
· 
0

1178-T6 Plate 61
 12.399.7 72
-
1475-T161 Sheet 10.5 68
 65
 19.55· 
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1.04 

1.03 

i.02 

i .01 

:.:1' i 
1.00 

'/TTl: 20 10 30 40 50 
T)

.99 

.98 

.97 

~1 = 6000' 

.96 

Figure 200 EFFECT ON PANEL WEIGHT DUE TO VARIOUS 
VALUES OF SHAPE FACTOR In' 

TABLE CXXIX COMPRESSION PANEL WEIGHT COMPARISON 

LOAD 
Pi (1/111) 

LEIlGTII 
(IN) 

SHAPE 
FACTOR 'n' 

STRESS 
(PSI) 

WEIGHT 
IIH2 

UTi 

'"n-20 

6000 

6000 
24.5 

-
10 

20 

30 

40 

50 

41500 

42860 

43660 

44100 

44301) 

2.082 

2.016 

1.979 

1.959 

1.951 

1.0327 

1.0000 

0.9816 

0.9717 

0.9678 

12000 

12000 

10 

20 

30 

40 

50 

54800 

56000 
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2.0 CORRELATION OF NOTCHED SPECIMEN FATIGUE DATA 1
 
The material selection criteria developed for the study (Section 3.1), as
 
well as the fatigue analyses to be made on new concepts, require the defini

tion of fatigue data under specified conditions. Although significant

quantities of fatigue data have been generated and reported in the literature
 
through the years. data for specific notch conditions are often not available.
 
A general approach for extending existing data to new conditions has, there

fore. been considered and is discussed in this section.
 

The fatigue strength of structures subjected to operational environments is
 
influenced by many factors. Notched coupon S-N data primarily reflects
 
materials and simple notch factors (as noted in Table CXXX). thereby providing
 
a basis for material selection and an initial approximation of structural
 
p~rformance. The factors reflected include material type, alloy and grain
 
~ize; specimen failure point, notch geometry and size; stress magnitude,

gradient and ratio R; and cycles to failure N under constant. amplitude stress
 
condi ti ons .
 

The influence of failure point location and stress gradient is qualitatively
illustrated in Figure 205. Fatigue strength decreases as surrounding material 

"support" to the fail ure point decreases. such that at corner edge condit; ons, 
the minimum strength occurs. Coupled with a stress concentration, e.g., at 
a ilotch, this defines the specimen initial failure point and therefore is a 
primary i nteres t. (NOTE: II Roundi ng off" of cri ti cal edges provi des a poten
tial for fatigue strength improvement.) Also related to the "support" factor, 
decreasing stress gradient results in decreasing fatigue strength, as indicated. 
Zero gradient data 1s generall~ associated witn axial loading tests of un
notched specimen (i.e., Kt = 1); gradient data, with notched specimens (Kt >1). 

Comparison of notched-to-unnotched data therefore provides a basis for relat 

ing gradient effects to a convenient standard for which data is also more
 
readily available.
 

Development of a fatigue data correlation procedure therefore requires the
 
definition and use of stress concentration factors (Figure 206).
 

The theoretical stress factor (Kt) is defined on net section conditions
 
assuming an ideal material (Le •• 9rain size is very small). An experimen

tally determined stress factor (Kn) Is defined by accounting for rea)
 
material conditions through a grain size factor (pI). Since specimen width
 
(as indicated by the curve) has an influential effect on local stress magni

tude (and gradient). it logically will also have an effect on fatigue

capability. Therefore. Kt or Kn is a required parameter in fatigue data corre

lation.
 

The stress concentration factor in fatigue {Kf} is formed at constant Nand R
 
conditions by comparison of unnotched to notched specimen maximum cyclic
 
stress levels as defined in Figure 207. A comparison at various Nand R
 
values provides the basis for establishment of an average value of Kf as
 
illustrated in Figure 208 for one set of notched data and a material type.
 
Plotting notched and unnotched specimen stress levels corresponding to various
 
Nand R conditions results in a typical curve as shown. The slope of the
 
straight line (elastic) portion of the curve represents the average value of Kf.
 

,
,
I
I 

I
I
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TABLE CXXX APPLICABILITY OF NOTCHED COUPO~ S-N DATA 

NOTCHED COOPON SoN DATASTRUCTURE FATIGUE DIRECTLY REPRESENTS FACTORITEM REHARICSSTRENGTH FACTOR YES LIMITED 110 

(.) M.terlel (type ••110y, gr.in I 
stze, etc.) 

(b) IteM (.) Ind notch geometry I 

(c) Item (b) .nd notch "by-plssing" I Generilly representatiye of basic 
10ldl 

I 
panel struct~re. 

• _ _ • _ X2 2 "Correction" factor required. (d) Item Cc) Ind 1ttacllnent inter1ference 10ld 3 Generally representatlYe of locll 
splice structure. • _ • _ • X2(e) Item Cb) Ind notch "source" 4 Remark 2. When most damagino lOidsIOld3 
are 1150 the high 101ds. less 

( _ _ _ • X2 "correction" required. (f) Item Ce) Ind3.ttacllnent inter
ference 100d 

~ • • • _ X4
 
of high spectrum 100ds


(9) Items Cd), ef) and Influence 

1.01--=:~-------------------

(1) Excerpt from Reference 41 

CONSTANT N, R, GRAIN SIZE &MATERIAL 
o. · INTERIOR rOiNT ZERO GRADIENT STRESS 
o ~ STRESS AT TIlE POINT 

~ ~O 
~ !!i o 

eROS: SECTIONS 

1 S 
POINT LOCATION 

E 

Fi gure 205 FATIGUE STRENGTH RELATIVE TO POINT LOCATION AND 
STRESS GRADIENT (1) 
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Figure 206 STRESS CONCENTRATION FACTOR DEFINITIONS 
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Figure 207 FATIGUE STRENGTH RELATIONSHIP BETWEEN NOTCHED 
AND UNNOTCHED SPECIMEN 
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Thus. each set of notched data for each material may be represented by a 
unique single value of Kf and Kt. 

Recognizing that Kf and Kt are normally greater than or equal to unity permits 
Kf - 1formation of a convenient "notch sensitivity" pararreter q:: Kt - , 

(Reference 55) where the limits q :: 0 and 1 correspond to Kf :: 1 and:: Kt, 
respectively. The limiting value q :: 1 indicates that the fatigue stress 
concentration factor is equal to the theoretical stre~s concentration factor. 
a condition which is approached (but generally not ait~;ned). For a constant 
notch radius-to-specimen width ratio (i.e., Kt :: constant). a wider specimen
(and correspondinq larger notch radii) would have lower stress gradient (and
fatigue strength) conditions and a q approaching unity. Therefore, it is 
logical to plot q versus notch radius r since fatigue strength is most sen
sitive to these geometric variables. 

Basic S-N data (primarily developed by NACA and Battelle) on 2024-T3 bare 
sheet and 7075-16 bare and clad sheet have been evaludted (in Reference 41)
to establish the fatigue factors. Kf (Figures 209 through 211). The data 
represents hole, edge and fillet notches. 1 < K< 5 and 0.0156 < r < 1.5 in. 
Basic parameters (in accordance with the described approach) are summ~rized 
in Table CXXXI. The data points normalize fairly well (Figures 209 through 211) 
considering the inherent scatter in fatigu~. Tt.e trends. in general, support 
the previous discussion; however. it should be recognized that the absolute 
valua of q is based on the theoreticQ! ~tress concentration factor Kt. 
Values of Kt are established on the bash of "ideal material" properties, 
including the assumption of small grain size dimension with respect to notch 
radius r. which could result in significant error, especially for low values 
of r. Neuber (Reference 56) provides for a modified stress concentration 
factor Kn which includes grain size and notch flank angle factor~. pi and w, 
respectively. 

K - 1tKn .. 1 + ---'---- (69 ) 
1 + _TT_ JP'fr 

11 - W 

for p'= 0, corresponding to ideal material conditions, Kn = Kt. For p'>O.
corresponding to actual material conditions. KQ < Kt. If Kn were to be used 
in lieu of Kt. this would result in generally lncreased and more realistic 
absolute values of notch sensitivity q. Since now the grain size effect 
would be normalized, the value 1 - q would also be a truer indication of the 
significance of stress gradient. Howevp.r. for material evaluation purposes, 
this is considered to be more of an academic than a practical consideration. 
Hence. Kt is retained as the normal i zing parameter. However. the above 
relationship is useful in that rearranging and assuming Kn :: Kf permits evalua
tion of a pseudo ~I (:: plf) for "best fit" of the (q) data. 

Kf - 1 Kn - 1 
(70 )q :: Kt -, :: Kt - 1:: 1 + TI _ 

11 - W 

Averaqe values of of for r < 0.500 inches are established in Table CXXXI which 
result in the fittea curves shown in Figures 209 through 211. 
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Figure 208 TYPICAL FATIGUE STRENGTH RELATIONSHIP OF NOTCHED
TO-UNNOTCHED SPECIMEN 
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Figure 209 NOTCH SENSITIVITY OF 2024-T3 SHEET {BARE) 
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4 

TABLE CXXXI ~lUMINlIM AllOY "NOTCH SENSITIVITY" DATA (REF. 41) 

MATERIAL 
FACTORS 

NOTCH(l) 
RADIUS 
r (i n) 

THEOR. 
SCF 
Kt 

FATIGUE 
SCF 
Kf 

~ - 1 
Kt-=l 

II 

q 

r (1  1)2
q 

" If (i n)p 

2024-T3 
Bare 
Sheet 

FTu (l) '" 73 KSI 

1.500 H 
.760 E 
.50G H 
.3175E 
.25(' H 
.1736F 
.125 H 
.0625H 
.0625H 
.057 E 
.0313E 
.0313H 
.0313H 
.0195F 
.0156H 

2.0 
1.5 
2.16 
2.0 
2.67 
2.0 
2.67 
2.91 
2.43 
4.0 
5.0 
2.91 
2.67 
4.0 
2.82 

1.82 
1. 36 
1.95 
1.82 
2.20 
1.67 
2.10 
1.95 
1.66 
3.05 
3.33 
1.90 
1.80 
2.56 
1.65 

.82 

.72 

.82 

.82 

.72 

.67 

.66 

.50 

.46 

.68 

.58 

.47 

.48 

.52 

.36 
AVE 

.0727 

.1155 

.0242 

.0153 

.0380 

.0418 

.0331 

.0625 

.0855 

.0126 

.0164 

.0400 

.0366 

.0166 

.0494 
(.037) 

7075-T6 1.500 H 2.0 1.90 .90 .0181 
Bare 1.00 H 2.16 2.00 .86 .0258 
Sheet .760 E 1.50 1.37 .74 .0930 

FTu (l) '" 83 KSI .500 H 2.16 2.07 .92 .0039 
.3175E 2.00 1. 75 .75 .0351 
.174 F 2.00 1.70 .70 .0321 
.125 H 2.16 1. 78 .67 .0300 
.C625H 2.91 2.30 .68 .0138 
.0625H 2.43 1.83 .58 .0333 
.057 E 4.0 3.02 .67 .0138 
.0313E 5.0 3.64 .156 .0083 
.0313H 2.91 2.07 .56 .0190 
.0195F 4.0 2.62 .54 .0141 
.0156H 2.82 1.78 .43 

AVE 
.0272 

(.023) 

7075-T6 .1875H 2.43 1.72 .50 .188 
Clad .078 H 2.60 1.60 .38 .207 
Sheet .0625H 2.60 1.57 .36 .198 

FTu (l) '" 75 KSI .0625H 2.43 1.47 .33 .258 
T:2TT 

(1) Notch Fl ank Angl e = 0 Radi ans 
NOTCH TYPE: H = Hole. E = Edge. F = Fillet 
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The notch sensitivity trends are applicable for all values of Nand R for 
which the stress level ,Jl(Kt=l) < 1.10 Fty . A plasticity correction factor 
to Kf is required for higher stress level:>. The trends can be used to create 
notched (Kt = x) S-N data from unnotchee (Kt = 1) data merely by identi fying 
the desired condition of r {and Kt}, establishinQ q (and Kf) and app1ying the 
definition of Kf (Figure 207~ 

Sn(Kt = x) = Sn (Kt = l)/Kf (71) 

Tn'e trends also can be used to convert available notched data to equivalent 
urinotched specimen data and then, if desired, to new conditions of rand Kt. 
as described. Reoresentative Kt:: 1 basic S-~ data for 2024-13 and 7075-T6 
bare sheet is shown on rigures 212 and 213. Similar data on these and other 
nJal:erials appears in Reference 5. 

Consideration of readily available MIL-HDBK-5 titanium alloy data resulted in 
a limited number of data ooints as shown in Figure 214. Extrapolation to 
higher notch radii may be accomplished by selection of a representative curve. 
This. however. points liP the problem of limited data for many materials and 
alloys which may be of interest in the study, In order to further generalize 
the approach described above to accommodate newer materials where less fatigue 
data is available, it is desirable to establish a correlation, if 
possible, bet.'1een the material notch sensitivity characteristics and other 
material properties (Ftu. Fty. E. etc.) for which more data exists. Since 
notch ~ensitivity has been related to c- f ,the fatigue grain size factor. it 
may be possible to establish relationships between Pf and p', the Neuber 
grain size factor, and thence between p' and basic material properties such 
as Fty (Reference 57). 

Investigation of available aluminum and titanium data indicates that a degree 
of correlation betw~en of and p' may exist as shovm ir. figure 215. Data 
relating (J I and material strength properties (Table ex} XII) also show a degree 
of correlation as can be seen in FiQure 215. General trends appear to exist 
for the various materials as indicated by the trend lines through the data 
points. It is of interest that the titanium trend line is counter to that of 
aluminum and steel. 

AssuminQ t~at the trend relationships are valid. the procedure can be uSrd to 
obtain missing fatigue data. For a ghen material and 'yield strength. p and
Pf may be identified and for a select"d notch radius (and specimen width). 
q. Kt and Kf identified. HO''Jever. a relationship between one of these para
meters and Sri ax(Kt = 1) is still required to permit definition of S-N data 
based on knov/~edqe of Ft only. Prel iminary checks have not revealed any 
simple correlation, Th,r ~iQht be expected, considering that apparently none 
have been published. 
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