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ABSTRACT

This volume describes analytical engineering methods for the prediction
of the aerodynamic and stability and control characteristics of STOL aircraft
employing internally ducted jet flaps, externally blown jet flaps, and mechani-
cal flap systems with vectored thrust. These methods are intended to be
used in conjunction with the theoretical methods and the associated computer
program (STOL Aerodynamic Methods Program) discussed in Volumes I and II,
respectively. These engineering methods are intended to provide a rational
approach for the aerodynamic analysis of completé STOL aircraft configurations
and to provide semi-empirical methods to account for those effects not treated
by the theoretical methods.

For the three selected powered high-1ift systems, a common set of
analytical engineering methods has been presented, and these methods have
been divided into three major sections:

@® Static Coefficients and Derivatives
® Dynamic Stability Derivatives
® Control Derivatives

The methods presented include brief discussions of the importance of each
coefficient and derivative and the 1mpact of each term on the overall stability
and control characteristics of the aircraft.

Finally, these methods have been applied to configurations representa-
tive of each of the powered high-1ift concepts, and the results of these
analyses have been presented along with avatlable experimental data to
indicate the validity and range of applicability of the methods,
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NOMENCLATURE

A Fuselage cross-sectional area
Ag 1. Fuselage cross-section area at x; where flow ceases to be
potential
2. Freestream capture area of each engine
AR Aspect ratio
b Wing span
Cp Total drag coefficient
Cgu Drag coefficient due to variation of forward speed
Cpy Total induced drag coefficient
CDSe Drag coefficient due to elevator deflection
Cnar Drag coefficient due to rudder deflection
Cp Drag coefficient at zero angle of attack

CDbase Base drag coefficient

Cpp Ram drag coefficient

CI Circular intercept

Cy Total jet momentum coefficient

CL Total 1ift coefficient

CLJ Jet reaction coefficient

CLq Lift coefficient derivative due to pitching
CLa Lift-curve slope

CL; Lift coefficient derivative due to o

CLp Circulation 11ft coefficient

C|_o Lift coefficient at zero angle of attack
(:,_‘Sf Lift coefficient due to flap deflection
CLSS Lift coefficient due to slat deflection
CLGJ Lift coefficient due to jet deflection
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Lift coefficient due to spoiler deflection

Total rolling moment coefficient

Jet reaction rolling moment coefficient

Ro1ling moment coefficient derivative due to roll
Ro11ing moment coefficient derivative due to yaw
Circulation rolling moment

Ro11ing moment coefficient due to aileron deflection
Ro1ling moment coefficient due to rudder deflection
Total pitching moment coefficient

Pitching moment coefficient due to stabilizer incidence

Pitching moment coefficient due to the vertical component of jet
reaction

Pitching moment coefficient derivative due to pitching

Pitching moment coefficient due to the horizontal component
of jet reaction

Pitching moment coefficient derivative due to &
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Pitching moment coefficient due to elevator deflection
Total yawing moment coefficient

Jet reaction yawing moment coefficient

Yawing moment coefficient derivative due to roll
Yawing moment coefficient derivative due to yaw
Circulation yawing moment

Yawing moment coefficient due to aileron deflection
Yawing moment due to rudder deflection

Total thrust coefficient

Total side force coefficient
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CYJ Jet reaction side force coefficient

Cyp Side force coefficient derivative due to roll
Cyy. Side force coefficient derivative due to yaw
Cyr Circulation side force
CY5a Side force coefficient due to aileron deflection
Cvsr Side force coefficient due to rudder deflection
c Chord
T Mean aerodynamic chord
c Wing reference chord
C, Distance from section leading edge to slot 1ip (Figure 3.5)
Ca Extended wing chord due to forward flap deflection (Figure 3.5)
¢ Forward flap chord
Cp Aft flap chord
c' Extended wing chord
Cq Sectional drag coefficient
Cde Cross-flow drag coefficient infinite cylinder
Cdj Sectional induced drag coefficient
Acdflap Incremental sectional drag due to flap deflection
Ce 1. Skin friction coefficient
2. Flap chord
o Sectional 1ift coefficient
¢m Sectional pitching moment coefficient
Cnac Mean aerodynamic chord
Cp Pressure coefficient
acp Difference in pressure coefficient between lower and upper

surfaces (pressure jump coefficient)
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xiv
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2. Empirical airfoil thickness factor for profile drag
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RL . Empirical correction factor to account for the spanwise flow on
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1.0 INTRODUCTION

A collection of theoretical methods for the prediction of the aerodynamic
and stability and control characteristics of a STOL aircraft employing either
jet-flap high-lift systems or mechanical flaps with vectored thrust systems
is presented in Volume I of this report. These methods are based on an
idealized representation of such aircraft and their implementation requires
a supplementary set of ana]ytiéa1 engineering methods to account for those
effects not treated by the methods of Volume I, In addition, it is appropriate
to describe how the theoretical methods can be applied most effectively to
practical aircraft configurations. Although the use of the computer program
developed for the theoretical methods is discussed in Volume II, Volume III is,
in part, intended to provide a rational approach for treating complicated air-
craft goemetries so that the many capabilities of the computer program can be
effectively and efficiently used.

The analytical engineering methods presented herein are divided into
three basic categories: static coefficients and derivatives, dynamic stabil-
ity derivatives, and control derivatives. In addition, general empirical
methods are presented to account for those effects not amenable to theoretical
treatments. The primary objective of this work is to establish prediction
methods for the aerodynamic and stability and control coefficients and deri-
vatives. It is necessary, however, to examine briefly the aircraft dynamics
problem insofar as the impact of the coefficients and derivatives calculated
is concerned for the purpose of establishing accuracy requirements in the
calculation of stability and control parameters.

In order to assess the validity of the methods developed in this work,
they have been applied to a variety of STOL transport aircraft configurations
for which experimental data are available. In this respect, methods corre-
lations are presented throughout, and in addition, analyses for complete air-
craft for configurations employing internally ducted jet flaps, externally
blown jet flaps, and mechanical flaps with vectored thrust are presented.

This volume, in conjunction with the computer program, is intended to
provide aerodynamic and stability and control prediction methods for STOL aijr-
craft suitable for use by design personnel. However, it is recommended that
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VYolume I of this report be read to gain an understanding of the theoretical
methods, including their assumptions and Timitations, before any attempt to
use these methods and the associated computer program is made.



2,0 AIRCRAFT GEOMETRY DEFINITION

Before a detailed description concerning prediction methods for each of
the aerodynamic and stability and control coefficients and derivatives can be
presented, certain aspects of aircraft geometry definition, which should clarify
and simplify application of the methods presented, will be discussed. The
basis for application of the analytical prediction methods deveioped in this
work is the STOL Aerodynamic Methods Program (STAMP), described in detail
in Volume II. Effective implementation of STAMP requires that the aircraft
geometry be suitably defined for input into the program. The details of
actually translating an aircraft geometry into a set of numerical data suit-
able for program use is extensively discussed in Volume II, including such
topics as methods Timitations and element spacing criteria. In this section,
some of the more fundamental aspects of geometry preparation are discussed,
primarily to aid the design engineer to effectively and efficiently utilize
the program.

The logical starting point in defining aircraft geometry is the wing
planform, Although the actual mode of input described in Volume II is straight-
forward and quite simple, confusion may arise for complex planforms, particu-
larly when extended chord devices (e.g., Fowler flaps) are employed. First of
all, for wing-body configurations the wing planform should be extrapolated to
the plane of symmetry (the x-z plane) to represent the fuselage carryover 1ift,
Secondly, consider a trapezoidal planform with a Fowler-type flap whose exten-
sion is a function of the deflection angle [ce/c = F(af)]. To consider a
range of deflection angles, it would actually be necessary to define a new
planform for each chord extension and run the program for each particular flap
deflection. However, it is not an unreasonable engineering approximation to
choose a single planform shape representative of the mean over the range
of flap deflections considered and make use of the fundamental/composite case
feature of the EVD segment of the program to efficiently treat the variations
in flap deflection if the chord variation is not too large. The ratio of the
wing area with chord extension to the reference wing area should provide a
reasonable estimate of the importance of the variation in chord extension.
0f course, if the specific purpose of a parametric study is to detemine the
effectiveness of a flap system, then clearly the mean planform concept is not
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a good approximation and the program must be fully rerun for each chord
extension,

There are several other areas where confusion may arise in planform
definition, First, the program cannot consider the geometric aspects of wing
dihedral with the exception of evaluating the effect of sideslipping, so the
projection of the planform in the x-y plane should be used instead. In
addition, the program can only consider straight wing tips that are parallel
to the freestream. Since the wing loading is not significantly affected by
tip shape, no attempt to carefully define a rounded wing tip should be made
unless the rounding is faired over a large part of the wing span. Rather,
the rounded wing tip should be represented by a trapezoidal segment of equi-
valent surface area. Skew wing tips should be similarly treated. Finally,
engineering judgment must be applied to insure that all planform character-
istics that will affect the aerodynamic characteristics of the wing are
inctuded in the geometry definition and that all unimportant aspects of the
planform are neglected.

In general, definition of the chordwise geometries is not as simple a
task as planform definition, but effective use of the fundamental case con-
cept can reduce the labor involved. In particular, separation of the wing
incidences into camber, twist, and control deflections can simplify the input
preparation task, Camber is actually the parameter that presents the most
confusion to a user of the program because the equivalent camber line is
often subject to user judgment. Ideally, the basic camber distribution of a
wing section would be fixed, and variations in camber due to device deflections
would be superimposed on it [see figure (2.1)]. However, high-1ift devices
invoiving Fowler action do not deflect by simple rotation, but rather the
motion is a combination of surface rotation and translation. Therefore, the
section camber must either be explicitly defined for each device deflection
as a separate fundamental case, or some mean basic camber line which approxi-
mates the surface camber over the full range of device defliections must be
defined and then simple surface rotations added to it using the composite
case feature of the program. The latter option offers the most versatility
and requires the least user effort, but the former option can provide a more
accurate representation of the section camber. A considerable amount of user
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Figure (2.1). Representation of Wing Sections
by Equivalent Camber
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judgment may be required to fair a mean section camber line and then to deter-
mine a distribution of camber angles from the fairing. Figure (2.1) illus-
trates a typical section geometry and the procedure used to represent the

mean camber line.

Specification of jet sheet parameters, including the sectional distribu-
tion of jet momentum cu(y) and the sectional distribution of jet deflection
relative to the trailing edge 6J(y), often presents considerable difficulty
to the user. The distribution of trailing edge jet momentum for internally-
ducted systems {IDF)} can usually be determined from a knowledge of the geome-
try of the duct exit along the wing span and the gross thrust available. If
the internally ducted jet is blown over a flap surface, however, losses in
momentum due to scrubbing of the jet over the flap surface must be considered,
and the jet turning ability of the flap must be determined. Unfortunately,
there are no general analytical methods developed to predict the friction and
turning losses over blown flaps, and usually available experimental results
must be applied. For externally blown flap (EBF) systems, not only must the
friction and turning losses in the jet be known, but a knowledge of the
spreading of the jet by the mechanical flap system is required. Again, experi-
mental data will provide the best estimate of jet parameters. A more complete
discussion of the jet turning and spreading is presented in Section 7.1, in-
cluding some basic experimental data which may aid in selecting jet sheet
input data. There should be little confusion concerning the specification of
vectored jets. However, it should be mentioned that if the exit duct of the
vectored jet is not circular, a circular exit of area equivalent to the actual
duct must be used.

The preceding discussion has attemped to provide some helpful sugges-
tions for representing a wing with a jet sheet or vectored jets to aid in ef-
fective use of the program. There are also several comments which can be made
concerning definition of the fuselage and empennage. As discussed in Volume I,
the fuselage analysis in STAMP is approximate in nature and is intended pri-
marily to calculate the pitching moment and yawing moment contributions of the
fuselage rather than to provide a detailed fuselage surface pressure distri-
bution. Thus, it is not recommended to use this method to determine the



fuselage shape required for an optimum pressure distribution, for example.
Therefore, some of the less important aspects of the fuselage geometry (e.qg.,
windshield shape) may be neglected, simplifying the input task. Geometry
definition for the empennage analysis in STAMP generally is subject to the
same set of guidelines as for the wing. However, in order to simplify input,
the program alltows only trapezoidal planform inputs. Therefore, such details
as dorsal fins and other tail planform irregularities must be neglected.

The preceding discussion is intended to provide a set of general guide-
lines to be used in conjunction with the program usage instructions which are
fully discussed in Volume II. Additional suggestions for program use and
further engineering approximations are presented throughout the remainder of
this volume, discussed in conjunction with the particular aerodynamic or
stability and control coefficient or derivative to which they apply.



3.0 STATIC COEFFICIENTS AND DERIVATIVES

The aerodynamic forces and moments acting on an aircraft in steady
flight must be accurately calculated before the performance, the static
stability, and the dynamic stability and control characteristics of the air-
craft can be predicted. The methods provided herein to calculate the three
static force components (1ift, drag, and side force) and the three static
moment components (pitching, rolling, and yawing moments) are applicable to
each of the STOL concepts under consideration; namely,

a. Internally ducted jet flap (IDF)
b, Externally blown jet flap (EBF) ’
c. Mechanical flap with vectored thrust (MFVT)

These methods are applicable for angies of attack where the flow is essentially
attached to the wing such that potential flow theory can be applied. If the
wing is stalled or partially stalled these methods are no longer adequate, and
experimental data and/or empirical methods must be used. In addition, these
analytical methods are applicable only for flight speeds where compressibility
effects are negligible (M_ < 0.5) and must be modified if higher subsonic

Mach numbers are desired.

The coordinate system in which the static aerodynamic forces and moments
are calculated is shown in figure (3.1). The x-axis is aligned with the free-
stream flow, and 1ift, drag, and side force are defined to be positive in
the positive z, x, and y directions, respectively. Pitching moment is taken
about the y-axis and is positive for a nose up moment; rolling moment is taken
about the x-axis, positive for a right wing down moment; and yawing moment is
taken about the z-axis, positive for a nose right moment.

In the following sections each of the static coefficients is discussed
in detail, including the contribution of each aircraft component. Variations
with angie of attack, flap angle, leading edge device angle, etc, are dis-
cussed, in and out of ground effect, for each of the STOL concepts under
consideration.



Figure (3.1). Reference Coordinate System
for Aerodynamic Coefficients

3.1 Longitudinal Static Coefficients and Derivatives

3.1.1 Lift

For STOL aircraft 1ift is derived both from aerodynamic forces on the
airframe and directly from the component of the propulsion system reaction
force normal to the flight path, and can be expressed as

(3.1)

where CLp is the aerodynamic 1ift due to wing circulation and CLJ is the
jet reaction 1ift. Both terms in equation (3.1) are calculated directly by
the program within the context of linear theory, but modification of the



predicted CLP contribution is necessary in order to account for wing thick-
ness and viscous effects.

It is necessary to discuss first the sectional wing 1ift characteristics
in order to account for those effects not considered by the program, and then
to discuss the total 1ift contribution of the wing, the jet sheet or vectored
jets, the fuselage, and the empennage in order to arrive at the total aircraft
Tift.

3.1.1.1 Sectional Wing Lift

The program calculates the sectional wing circulation Tift (Cﬂr) and,
for jet-wings, the sectional wing reaction 1ift (czu) for a zero thickness
wing in inviscid flow. For conventional wings or jet-wings, the program
prints the sectional 1ift variation with angle of attack for each composite
case in the form

c, ) =¢, (¥)+¢c, (yla (Free Air) (3.2a)
r T T
0 o
¢, (y)=c, (y)+c, (ya+c, (yla® (Ground Effect)  (3.2b)
2 % % 2
r T T r2e
0 o o
¢, yy=c¢, (¥)+¢c (e (Free Air or (3.2c)
" My My Ground Effect)

For wings with vectored jets these equations are not applicable because the
interference between the wing and vectored jets is a nonlinear function of
angle of attack, For this case the program explicitly calculates the sectional
circulation 1ift at specific angles of attack, in the form

c, {y) =¢, (y) (a = 0, 5, 10, 15, 20 degrees) (3.2d)
T T

O
Approximate theoretical methods and empiricism must be used to modify
equations (3,2) to account for those effects not considered in the EVD T1ifting
surface theory. The effects considered of primary importance are section thick-
ness, the effects of the viscous boundary layer, and the effects of separation
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of this boundary Tayer forward of the airfoil trailing edge. First, unblown
wing sections will be considered, relying primarily on the semi-empirical
methods presented in Datcom {reference 3). Then blown wing sections will be
considered.

Unblown Wing Sections

Lift Curve Slope. The T1ift curve slope Coq calculated by the com-

puter program [equation (3.2a)] can be corrected approximately for thickness
and viscous effects using the equation

¢, = 1.05 K1K2 C, {3.3)

o % EVD
where

K1 is the ratio of the theoretical cq,, of a thick section to that of
a flat plate (cza = 2r per radian) calculated by the Joukowski
transformation and presented in figure (3.2a).

K2 is an empirical correction factor to account for the development of
the boundary layer near the airfoil trailing edge. It is related to
the Reynolds number with transition fixed at the airfoil leading
edge, and the trailing edge angle oTE is defined as the angle
between straight lines passing through points at 90 and 99 percent
of the chord on the upper and lower airfoil surfaces. I(2 is pre-
sented in figure (3.2b).

c, is the program output result.

“1EVD

The factor 1.05 of equation (3.3) s an empirical correction factor based on
a large body of test data (reference Datcom, section 4.1.1.2),

Thin airfoil theory shows that the 1ift curve slope does not change with
camber or flap deflection. Experiment verifies that this is true for angles
of attack and flap deflections where the flow remains attached to the airfoil.
Even for high flap angles where some flow separation is unavoidable, there are
not appreciable losses in Cy, . However, as stall is approached, the 1ift
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curve slope will become smaller. Near stall experimental data 1s required to
determine Chy

Lift at Zero Angle of Attack. The Tift at zero angle of attack, Cgo,
calculated by the program [eguations (3.2a)] is more difficult to modify for
thickness and viscous effects because of the different type of empirical rela-
tions that are required for different types of flap geometries. For unflapped
sections, Datcom offers only tabulated airfoil experimental data for standard
section shapes. Hence the most accurate way to correct the program result
would be to know both the experimental value of the two-dimensional thick
agirfoil Ciy and the thin airfoil theory Cogs and then calculate the cor-
rected sectional 1ift from

c
experiment

zol
L ic

0 )

c (3.4)

2
EYD

d °_

thin

In Yeu of experimental data, a correction that is often applied to Cog is

c, = (1 + 0.8t/c) c, (3.5)

0 0

EVD

where t/c is the average thickness-chord ratio based on the extended chord and
for some section types a constant other than 0.8 may be applicable,

Datcom does present several empirical methods to calculate the change in
sectional c,, due to flap deflection. These methods have been modified
here so that they can be used to correct program calculated sectional 1ift.

Plain Flaps. For plain flaps the program calculated Cpo Can be cor-
rected for thickness and viscous effects using the empirical relation

c, = KoKoK. g (3.6)
b 3475 ol o

where

of a thick flapped section

K is the ratio of the theoretical Ce,

to that of a thin airfoil with flap, presented in figure (3.3a).
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Kg is an empirical correction factor to account for viscous effects
and is a function of the sectional Tift curve slope factor Ko
in figure (3.2b). K4 1is plotted in figure (3.3b).

Kg, is an empirical correction factor for plain flap 1ift effectiveness.
Kg 1is plotted in figure (3.2¢).

Cy is the program output result.
olEVD

Single-Stotted Flaps. For single-slotted type f1aps the program calcu-
Tated ¢, can be corrected for thickness and viscous effects using the
empirical relation

ch = K6K3 CEO (3.7)
EVD

where

Ke is an empirical corvection factor to account for viscous effects
and is a function of the flap deflection and flap chord ratio and
is plotted in:figure (3.4).

K3 is the ratio of the theoretical 20 of a thick flapped section
to that of a thin airfoil with flap, plotted in figure (3.3a).

c, is the program output result,

%levp

Double=-Slotted Flaps. For double-slotted flaps the program calculated
Ceg can be corrected for thickness and viscous effects using the empirical
relation

= [(KgK
CE‘ [( 6 3)FN

+ 0,72(K.K,)
o 63

] c, (3.8)

where the K¢ and K3 correction factors are the same as those described
above for the single-slotted flap, the constant 0.72 is an empirically
determined factor which accounts for the presence of the forward flap, and

(K6K3) indicates that these quantities are to be taken from figures
D (3.3a) and(3.4) using ci/c! and gy
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(K6K3) indicates that these quantities are to be taken from figure
AFT (3.3a) and (3.4) using c2/c' and 5,

where these geometric quantities are defined in figure (3.5).

Leading-Edge Devices. The empirical methods 1n Datcom for treating
leading~edge flaps and slats are considered to be inadequate for correcting
program calculated 11ft due to leading-edge device deflection, and it is
recommended that the program result be used directly.

Blown Wing Sections

The empirical methods described above are based largely on extensive
test data and simple two~dimensional airfoil theory for unblown sections.
Clearly, they are not applicable to jet-wings because of the boundary-layer
control effect of the jet flap which prevents separation over a wide range of
angle of attack and flap deflection. In addition, boundary-layer growth over
the aft portion of the airfoil is prevented by the favorable pressure gradient
due to the jet flap, and in fact the boundary-layer thickness can actually
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wing chord (flap in neutral position).

distance from section leading edge to stot lip.

extended wing chord due to forward-flap extension. In measuring cg,
first rotate the forward flap from its deflected position about the
point of intersection of the forward-flap chord and the chord of the
airfoil section, until the two chords coincide.

extended wing chord due to the double-slotted flaps. In measuring c',
the aft flap is first rotated from its deflected position about the
point of intersection of the aft-flap chord and the chord of the for-
ward flap, until the two chords coincide. Then both flaps are rotated
from the deflection of the forward flap about the point of intersection
of the forward-flap chord with the wing chord, until these two coincide.
optimum flap deflection of the forward flap.

optimum flap deflection of the aft flap.

forward-flap chord.

aft-flap chord.

Figure {3.5). Notation Applied to Double-Siotted Flaps
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decrease near the trailing edge due to the presence of the jet, Hence for
blown wing sections, the primary effect not considered by the program that
should be applied to the calculated result is due to airfoil thickness.
Spence (reference 9} has assumed that airfoil thickness for blown sections
can be treated in a manner analogous to that used for conventional sections,
increasing the circulation component of the 1ift by

c, =01+ Kt/ (3.9)

T T

EVD

where equation (3.9) applies to both Cﬂro and Cop, in equation {3.2a).
Here t/c 1s the section thickness-chord ratio, CEP'EVD is the program
calculated circulation 1ift, and K 1is a factor which depends on the section
thickness distribution. For an elliptic section K 1ds 1,0, while for sec-
tions with sharp trailing edges the value of 0.8 is a better approximation
(Kuchemann, reference 10). Spence has compared his well-known linearized
two-dimensional theory with the experimental data of Dimmock (reference 11)
for a 12,5-percent-thick elliptical section jet-flap airfoil by removing
thickness effects from the experimental data using equation (3.9) with K
equal to 1.0, His results, presented in figure {3.6), indicate that the
thickness correction alone is quite reasonable for blown sections,

Another comparison of the validity of equation (3.9) is presented in
table (3.1). Tabulated is the Tift for a NACA 0012 section calculated by the
Douglas Two-Dimensional Non-Linear Jet-Flap Potential Flow Method (reference
12) and the Tift for a flat plate airfoil calculated by a Tinearized theory,
multiplied by the (1 + 0.8t/c) correction factor. '

Table (3.1). Thickness Correction for NACA 0012 Airfoil

Cethick CLthin (1+0.8t/c)e,
a(deq) nonlinear 1inear thin A%
0 0,.59813 0.54357 0.59575 -0.4
5 1.19148 1.08714 1.19151 0
10 1.77447 1.63070 1.78725 +0.7
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Figure (3.6). Comparison Between the Two-Dimensional Theoretical Results
of Spence and the Experimental Data of Dimmock Corrected
for Thickness Effects,

Since these data are for a fully-attached flow, which is essentially what is
obtained for blown sections, they are indicative of the validity of equation
(3.9). The displacement effects of the viscous boundary layer are not
included in this correction for blown sections, but, as previously mentioned,
this effect should be small.

Ground Effect

To this point modification of the program calculated sectional 1ift has
been concerned only with the terms in equation (3.2a), the free-air case.
These modifications cannot be arbitrarily applied to the sectional 1ift in
ground effect, however. First of all, in severe cases ground effect can
appreciably alter the section pressure distribution to the extent that
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premature flow separation might occur. Secondly, while thickness has been
shown to increase sectional 1ift in inviscid flow in free air relative to

the thin airfoil, in ground effect thickness has just the opposite effect.
Therefore, it is clear that the theoretical and empirical corrections pre-
sented are not applicable to 1ift in ground effect.

Corrections to the ground effect solution are considered to be beyond the
scope of this work. As discussed in Volume I, considerable work is reguired
to more adequately solve the ground-effect problem. The method developed in
Volume I, however, is considered to be a first step in such a solution and is
intended primarily to provide the relative magnitude of the ground effect com-
pared to the free-air solution, Within this context, the magnitude of the
change of 1ift due to ground effect should be expressed as

ac, ) ) -
ground ‘ground free air (3.10)

<, ¢y
free air free air

where only uncorrected program results are used in equation (3.10).

Mechanical Flaps with Vectored Thrust

Corrections should be applied to the program calculated sectional Tifts
for mechanical flap systems with vectored thrust [equation (3.2c)] in the
same manner as for unblown sections because there is no boundary-layer
control effect for this type of system as there is for jet-flap airfeils.

3.1.1.2 Total Wing Lift

The EVD segment of STAMP integrates the sectional 1ift coefficients,
equations (3.2}, along the span of the wing to calculate total wing 1ift by
approximating the integral

. bs2
1
¢ =7 f cly) cRr(y)dy + CLJ (3.11)
-b/2

by a finite summation, treating czr(y) and c(y) as constant over each
spanwise division. In order to correct the total wing 1ift calculated by the
program for thickness and viscous effects, the corrected sectional values
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obtained in Section 3.1.1.1 must be reintegrated using the equation

oL 73 Zetle, ) by + O (3.12)
corrected

where the summation is taken over the span of the wing.

A considerable simplification to the thickness and viscous corrections
to total wing 1ift, which has proven valuable for preliminary design purposes,
involves applying a single correction factor to the program calculated total
wing 1ift, The approximation employed is to assume that for unblown wing
sections the thickness correction is cancelled by the viscous correction,
leaving the program-calculated €20 and Coy values; and that for blown wing
sections the thickness correction of [1+ (K)t/c] is applied to cﬁr and
czr Finally, it is assumed that the portion of circulation Tift due to
b1own sections is directly proportional to the wing area of the blown sections,
so that the total corrected wing 1ift can be expressed as

[+ 0] o -
Ly (K5 t/e]| L, - (3.13)
where SB is the blown wing area, illustrated in figure (3.7). It should

be noted that the average values of K and t/c (see page 19) for the blown
section of the wing should be used in equation (3.13). Obviously, this approxi-
mation will break down as angle of attack or flap deflection is increased and
viscous effects including boundary-layer separation become significant.

The information presented to this point in this section has been con-
cerned with correction of program calculated total 1ift data. With a working
knowledge of program use (Volume II) and the empirical corrections presented
here, the reader has the capability to accurately calculate the total wing
1ift for a STOL aircraft employing the high-1ift concepts being considered.

In addition, for zero jet momentum these methods reduce to conventional
aircraft (CTOL) analysis methods. In the following paragraphs techniques for
increasing program fiexibility are discussed, primarily to indicate methods of
program use that will provide the most useful assortment of wing 1ift data.
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Figure (3.7). Illustration of Blown Wing Area

Caiculation of Wing Lift from Fundamental Case Derivatives

It is often desirable and convenient to express the total wing Tift in
terms of derivatives which explicitly show the effects of angle of attack,
flap deflection, slat deflection, jet sheet deflection, etc. This is parti-
cularly easy to do using the EVD method because of the Tinear nature of the
approach and the fundamental case structure of the program. For mechanical
flap systems with vectored thrust it is not possible to calculate such deri-
vatives because of the nonlinear interference between the vectored jets and
wing. In addition, for jet-wings it is not possible to explicitly calculate
derivatives for the change in 1ift due to a change in jet momentum because
of the nonlinear behavior of the solution with C;.

For a wing or jet-wing in free air, the 1ift can be expressed within
the context of linear theory as

aC aC aC aC aC
- L L L L L
CL—C + O+ — .+ —— & +'55—J'5J+ 8 (3.]4)

Lo 3a 98¢ f 3¢ S aasp sp
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These terms, all functions of CJ, represent the basic T1ift, the 1ift curve
slope, and the change in 1ift due to deflection of flap, slat, jet sheet, and
spoiler, respectively. Each of these terms can be directly calculated from the
program except the spoiler term, for which resort to empiricism is required.
The procedure for calculating each one of these terms is presented below.

An expréssion similar to equation (3.14) for a wing or jet-wing in
ground effect could be formulated based on the results of the EVD method,
but because of the important influence of the image jet-wing empioyed in the
so1ut1on (see Volume 1), second-order derivatives (e.g., BZCL/BG R ach/aaaaf
3 cL/aaf, etc.) would be required. The complexity of the resulting expres=-
sion precludes its usefulness, and hence only the free air case is considered
here,

Basic Lift -CL0

The basic wing 1ift due to camber and twist can be calculated by com-
bining the inputs for these parameters into a single fundamental case with all
other deflections set to zero. Or, if desired, camber and twist effects can
be separated by specifying one fundamental case for camber alone and one for

twist alone., The program calculated CLo should be corrected for thickness
and viscous effects using equation (3.12) or (3.13).

Lift Curve Slope — (3Cy /3a)= CiLq

The slope of the 1ift curve versus angle of attack is fundamentally
important and is automatically calculated by the program for any wing configu~
ratfon (except antisymmetric wings). The program output is the 1ift curve
slope per degree of angle of attack and should be corrected for thickness
and viscous effects using either equation (3.12) or (3.13).

Lift Due to Flap Deflection — (3C| /ase)= Clgs

The change in wing 1ift due to a unit deflection of a trailing edge flap
can be easily calculated by defining a fundamental case with all surface
deflections zero except for the flap surface, which should be input with a
deflection angle of one degree. The resulting program output for that
fundamental case is simply acL/asf per degree of flap deflection, which
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should be corrected for wing thickness and viscous effects using equation (3.12)
or {3.13). If there is more than one flap, then each can be treated in this
fashion by defining a new fundamental case for each flap. For multi-segmented
flaps, deflection of each segment can be treated as a separate fundamental

case, or the composite deflection can be input corresponding to the relative
deflection of each segment. Various methods of treating flap deflections as
fundamental cases are illustrated in figure {(3.8).

Lift Due to Slat Deflection - (3C| /3sg) = Cleg

Changes in 1ift due to the deflection of a leading-edge slat or leading-
edge flap are treated in a manner analogous to that for a trailing-edge flap.
it should be noted that gaps or surface overlap cannot be strictly considered
in this method. This is not a serious restriction for trailing-edge flaps,
but it can impose serious restrictions on the geometric répresentation of a
slat because of the important mutual interference effects of the slat and main
wing. In addition, representation of a slat by a mean camber line in thin
afrfoil theory is an approximation which cannot be expected to predict accu-
rately the loading distribution at the leading edge. However, the proposed
treatment of a slat by the EVD method is expected to give a qualitative pre-
diction of the 1ift due to slat deflection for attached fiow.

Lift Due to Jet Deflection - (3Cy /asy) = CL,
J

The effect on 1ift of jet sheet deflection relative to the wing trailing
edge js calculated by defining a fundamental case with all wing surface
deflections zero and the jet sheet deflected downward one degree. Even though
all wing surface deflections are zero, the jet sheet will induce a loading on
the wing (CLF)' and this value should be corrected for wing thickness and
viscous effects using either equation (3.12) or (3.13). Multiple jet sheets
are treated in a manner similar to multiple flaps.

Change in Lift with Jet Momentum -(aCL/aCJ)

The term aCL/aCJ does not appear in equation (3.14) because the effect
of a change in jet momentum coefficient cannot be separated from the surface
deflections. Each of the coefficients and derivatives discussed to this point
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Figure (3.8). Various Methods of Treating Flap Deflections
as Fundamental Cases
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vary nonlinearly with CJ. Hence, each of the terms must be expressed as a
function of CJ, as

c, =¢ (Cq)

L, L0 J

CL = CL (CJ)

a o
= C -

CLGf Laf(cJ) (3.15)
C =C C

Lsg Las( J)
¢ =C C

Lsy LGJ( a)

There is no simple means of determining this functional relationship, except
for special cases such as the Maskell and Spence (reference 13) solution for
an elliptically loaded jet-wing. To determine the functional relationships in
equations (3.15) for an arbitrary jet-wing, it is necessary to run the EVD
segment of the program over a range of jet momentum coefficients and then
either graphically or numerically curve fit the data.

Change in Lift Due to Spoiler Deflection —-aCL/aas

P
Deflection of a spoiler causes severe flow separation aft of the device,

and consequently viscous effects become quite important, rendering the EVD
method not appiicable. Varjous empirical methods to estimate the effect of
spofler deflection on sectional 1ift are presented in Datcom (reference 3,
Section 6.1), but thése methods are based on limited experimental data and
do not in general apply to arbitrary sections, particularly where blowing is
present. At this point only experiment can provide a reasonable estimate of
spoiler effectiveness.

Calculation of Wing Lift Using Composite Cases

The fundamental case derivative concept previously discussed can be
useful as a preliminary design method to examine the relative merits of
various high-1ift cenfigurations rapidly. However, for the analysis of com-
plete wing confiqurations, it will usually be more convenient to use the
composite case capability of the program to calculate the total wing 1ift.
The composite case capability of the program evaluates equation (3.14) for
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the input values of &5, 85, &3, and C,;. For each composite case input,
the program prints the total wing 1ift as a function of angle of attack, in

the form:
aCL
g, =C +—a (Free Air) (3.16a)
L Lo da
aC 2 (Jet-Wing)
L%
C =C *+3—a+—5ao (Ground Effect) (3.16b)
0 o .
C = CL(u) {« = 0, 5, 10, 15, 20 degrees) (MFVT) (3.16c)

The circulation component of each term in equations (3,16) should be corrected

for wing thickness effects using the methods described in Section 3.1.1.1. By

using composite cases as such, it is not necessary to explicitly know the value
of the 1ift derivatives in equation (3.14).

3.1.1.3 Empennage Lift — Tailplane Downwash

The 1ift contribution of the horizontal tail depends not only on the
geometric characteristics of the tail but also on the downwash field induced
on the tail by the jet-wing high-1ift system. Tail 1ift is calculated by the
program both for the tail by itself (isolated tail analysis) and for the tail
in the induced flow field of the jet-wing (interference tail analysis). For
the Isolated tail analysis, the program calculated horizontal tail 1ift can
be expressed in the form

C =C + 3.17
(LH)Isol Loy = @8 ° (3.17)

where the first term is the basic 1ift level of the horizontal tail and

includes the effects of any input surface deflections, such as tail camber,
elevator deflection, and tail incidence (other than angle of attack); and

the second term is the 1ift curve slope of the horizontal tail. Equation
(3.17) should not be confused with the actual 1ift curve of the installed
horizontal tail given by equation (3.18). The installed tail 1ift curve is non-
Tinear and is calculated in the interference tail analysis.. However, the

term (aCLH/aa)ISUL could be used, for example, to modify the actual 1ift

curve for, say, a change in horizontal tail incidence.
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For the interference tail analysis, the program calculated horizontal
tail 1ift is expressed as

Gkﬁ) = Ciyle) (a =0, 5, 10, 15, 20 degrees) (3.18)
Installed

For other angles of attack within this range, either graphical or numerical
interpolation of equation (3.18) should be used. As fully discussed in
Volume I, tail 1ift as expressed in equation (3.18) is calculated by deter-
mining the induced flow field due to the wing and jet sheet or vectored jets
and treating these perturbations as induced camber, Since the flow field
velocities induced on the tail by the wing are a nonlinear function of the
wing 1ift, it is necessary to modify the wing circulation 1ift to account for
thickness and viscous effects before the flow field velocities are calculated.
Hence, there is a provision in the program to input the mean wing t/c to
approximately account for these effects.

The program output includes a summary of the induced flow field velocities
on the horizontal tail, but it is often desirable in an aircraft aerodynamic
analysis to know the mean tailplane downwash as a function of wing angle of

attack. This can be calculated from equations (3.17) and (3.18) to be
C, (a) -C
LH L

OH
BCL /o (3.20)
H

(a) = a -

“mean

This quantity is of great importance in both static and dynamic stability and
control work and will be more fully discussed in later sections.

3.1.1.4 Fuselage Lift

For the type of configurations typical of STOL transport aircraft, char-
acterized by large wing span to body diameter ratios, the fuselage 1ift can
be essentially regarded as arising from two separate effects. One is the
carryover of 1ift from the wing onto the fuselage. This effect is accounted
for in the present method by extending the wing planform to the aircraft
plane of symmetry. Hence this portion of the fuselage contribution to 1ift
is an integral part of the total wing 1ift calculated in equation (3.11).
Lift on the fuselage also arises from nonpotential flow effects which generally
occur on the fuselage afterbody in the form of boundary-layer separation and

29



vortex shedding. Flow visualization studies for typical upswept transport
aircraft fuselages {references 14 and 15) indicate that severe vortex shed-
ding often can occur, even for angies of attack as small as 10 degrees, A
typical vortex shedding pattern for such a fuselage is presented in figure
(3.9).

No account for boundary-layer separation or vortex shedding from the
fuselage afterbody is included in the analytical methods presented here or
in the computer programs. Approximate methods to calculate the 1ift due to
these effects are presented in Datcom (Section 4.2.1.2), based primarily on
the work of Munk and Allen and Perkins. This method is restricted to bodies
of revolution. The expression for fuselage 1ift given is

X

_ 2(Ky)A, PR N - rcg.dx  (a in degrees) (3.21)
L =TT et T ) wrededx (o indeg '

%o

C

where
S 1is the reference area

Ky s the familiar apparent mass factor for spheroids from exact
potential flow theory, plotted in figure (3.10a).

AO is the body cross-sectional area at Xy

X is the body station where the flow ceases to be potential, This

is a function of X1 the body station where the cross-sectional
area gradient, dA(x)/dx, first reaches its maximum negative value.
A-plot relating x, and x, is presented 1n figure {3.10b).

Cde is the experimental steady-state cross~flow drag of a circular
cylinder of infinite length given in figure {3.10c) and equal to
1.20 in incompressible flow.

n s the ratio of drag on a finite cylinder to the drag of an infinite
cylinder, plotted in figure (3.10d).

r is the local body radius.

Xg is the body tail station.
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The integral in equation (3.21) would, in practice, be evaluated using a

finite summation approximation; and, for small angles of attack, the second
term in equation (3.21) could be neglected. In addition, for preliminary
design purposes it would be expected that the nonpotential 1ift on the fuselage
could be entirely negiected.

3.1.2 Drag

For STOL aircraft employing powered 1ift systems, drag is usually defined
as the difference between the ideal thrust, CJ, and the actual thrust, CT’
expressed as

Cp = CJ ~Cy (3.22)

The drag force 1s composed of contributions due to skin-friction drag,
pressure drag, engine ram drag, and drag due to 1ift (induced drag). Only the
induced drag, CDi’ is calculated directly by the program, Semi-empirica]
methods, taken from Datcom (reference 3) and WINSTAN (reference 4) and
modified for use here, are the basis for calculating the other effects.
Application of some of these semi-empirical results, which were developed for
conventional aircraft, to STOL aircraft employing powered 1ift cannot be
justified at this time because of a lack of systematic experimental data for
these aircraft concepts. However, some uncertainty in the profile drag
estimate can be tolerated since, from a stability and control standpoint,
profile drag does not significantly affect the Tongitudinal static or dynamic
stability characteristics of an aircraft (see Section 4.0).

The structure of the EVD segment of STAMP requires that the induced
drag coefficient, CDi, be expressed as a function of angle of attack rather
than 1ift, as is used in most conventional aircraft methods, such as those in
Datcom., Hence, because of this, 1t is most convenient to express the total
drag coefficient as a function of angle of attack as well, in the form

: oy 2T,
CD=CDO+EG—G+'¥ZG (3.23)

The task is then to calculate the three terms in equation (3.23). First the
contribution of the jet-wing system to Cp will be fully discussed, followed
by the contributions of the fuselage and empennage, including interference
effects.
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3.1.2.1 Total Wing Drag

The total wing drag is composed of skin-friction drag, pressure drag,
and induced drag., Skin-friction drag is caused by shearing stresses within
the boundary layer on the surface of the body. The boundary layer arises from
the resistance of the viscous fluid to the motion of the body passing through
it. Three types of boundary-layer flow are possible: laminar, turbulent, and
transitional, For aircraft in flight, transition usually occurs very close to
the Teading edge of wings and to the nose of bodies; and,consequently, it is
common engineering practice to consider the flow to be fully turbulent.

While skin-friction drag is actualiy a function of the surface pressure
distribution, it is the standard engineering approximation to assume that
flat-plate boundary-layer flow will provide sufficient accuracy in the estima-
tion of skin-friction drag. The skin-friction coefficient (cf) is evalu=-
ated using the method due to Eckert, and the result is plotted in figure (3.11)
as a function of Reynolds number based on length for several Mach numbers.

The data plotted in figure (3,11) are for a fully turbulent boundary layer,
The effect of surface roughness is such that above a critical Reynolds number
based on the roughness height parameter, 2/K, the mean skin friction is
essentially constant. Therefore, the concept of admissible roughness is intro-
duced. Figure (3.12) presents the critical Reynolds number as a function of
admissible roughness. If the Reynolds number based on the reference length ¢
is below the critical Reynolds number obtained from figure (3.12), thén the
value of Ce is read directly from the curves of figure (3.11). However, if
the computed Reynolds number is greater than the critical Reynolds number, the
value of Ce is read from figure (3.11) at the critical Reynolds number.
Typical values of the surface roughness height for normal aircraft surface
finishes are listed in table (3.2) below.

The pressure drag contribution is due to boundary-layer displacement
thickness effects and flow separation forward of the trailing edge. No accu-
rate analytical solution exists for analyzing the pressure drag on general
shapes in subsonic flow, and consequently empirical prediction methods must be
employed. The pressure drag effects are in general small for the ]dw-speed
regime under consideration and can be estimated by applying empirical correc-
tion factors to the skin-friction drag, Cge The empirical method presented
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Tabie (3.2). Typical Values of Surface Roughness Height

Equivalent Sand
Roughness
Type of Surface K (inches)
Aerodynamically smooth 0
Polished metal or wood 0.02 —0.08 x 1073
Natural sheet metal 0.16 x 1073
Smooth matte paint, carefully applied 0.25 x 1073
Standard camouflage paint, average application 0.40 x 10"3
Camouflage paint, mass production spray 1.20 x 10'3
Dip~galvanized metal surface 6 x 1073
Natural surface of cast iron 10 x 1073

here 1s that used in Datcom with some modification. The method is based on a
correlation of experimental data with planform shape and the chordwise loca-
tion of the maximum section thickness, Although the correlations used to
establish the empirical corrections are for conventional wings only, they will
also be applied to jet-wings, primarily because there is not sufficient data
available to establish jet-wing correction factors., Some of the available jet-
wing data indicate that the profile drag is a function of the jet momentum
coefficient (CJ), but other data contradict this result. Further work in
this area for jet-wings is obviously required. The applicable empirical rela-
tion for wing friction plus pressure drag is

4

S
={cf [1 +L () + 00 (&) uet K

C '37"'+ AC
dfTap

(3.24)

D ]RL.S.

Ow b

profile

Cf is the flat-plate turbulent skin-friction coefficient obtatned
from figures (3.11) and (3.12), with the Reynolds number based on
the mean aerodynamic chord (Cmac)'

t/c is the average streamwise thickness ratic of the wing

L is an empirical parameter to account for the chordwise location of
the maximum airfoil thickness and |
= 1.2 for (t/c) located at x/c > 0.3
= 2.0 for (t/c) located at x/c < 0.3.

max
max
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The quantity [1 + L{t/c) + 100(t/c)4] is plotted in figure
(3.13) as a function of (t/c).

RL.S. is an empirical correction factor to account for the spanwise
flow on a finite 1ifting surface and is plotted in figure (3.14}.

Swet is the total wetted area of the wing.

S 1s the reference area,

ACy is the incremental sectional profile drag coefficient duye to

flap flap deflection, plotted in figures (3.15a) and (3.15b) for
plain and single-slotted flaps, respectively. For flaps with
jets, these corrections are not applicable because of the
boundary-layer-control effects of the jet. No empirical
Acdflap data are available for jet-wings, and it is recommended
that the additional profiie drag due to flap deflection for
blown flaps be neglected.

Kb js a factor to account for partial span flaps, plotted in figure
(3.16), For wings with multiple flaps, several &cdf1apr terms
will be reguired.

Equation (3.24) 1s only part of the CDow term, however, the remaining
contribution being that due to induced drag and other 1{ift-dependent drag.
Wing-induced drag 1s calculated directly by the program in the form

¢, =¢, +-D2L.4 giaz (3.25)

for a composite case. Since induced drag is a nonlinear function of angle of
attack and the other deflection angles, it is not worthwhile to look at the
separate induced drag contributions of each fundamental case, as was done for
1ift (Section 3.1.1.2), since the separate induced drag contributions cannot
be added directly. Hence, the discussion here deals only with composite wing
cases.,

It is necessary to provide some modification to the program calculated
induced drag to account for thickness and viscous effects not yet considered.
Empirical work done over the years to provide such modifications to potential
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drag of an isolated body is composed of Tift-independent terms and 71ift-
dependent terms,

The 1ift independent drag of smooth slender bodies is primarily skin
friction. Just as for the wing, the boundary layer is assumed to be fully
turbulent and is affected by the roughness of the surface. The expression
for 1ift independent drag given by Datcom {Section 4.2.3.1) is

S
60 £V “wet
C, =C [1 + +0.0025 ({ﬂ +C (3.28)
Dop  °f (17d)3 dJ’s Dpase
where
C is the turbulent flat-plate skin=friction coefficient cbtained

from figures (3.11) and (3.12), with the Reynolds number based
on body length, &.

L/d is the body fineness ratio, where 2 s the body length and d
{s the maximum diameter of an equivalent body of revolution.

S is the wetted area of the body.

wet
S is the reference area,

CDpase 18 the base drag coefficient based on reference area and is
required only for bodies with blunt aft ends (see Datcom
Section 4.2.3.1).

The method for calculating the variation of fuselage drag with angle
of attack is based on the fuselage 1ift calculated by equation (3.21) and is
expressed in the form

*E
(o) = 204 % SR Uy rnrcd dx (3.29)
c

C =
De (57.3)2  (57.3)3%S

X0
It 1s again expected that the second term could be neglected for small angles
of attack.

The total wing drag is now established from equations (3.24) and (3.27),
and the total fuselage drag from equations (3.28) and (3.29)., It is now neces-
sary to calculate the effect of the mutual interference between the wing and
body. For the 1ift-independent wing-body drag,
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flow methods predictions of induced drag have not been as successful as for
1ift because of the nonlinear behavior of drag and because of the overwhelming
importance of the viscous boundary layer. The method provided in Datcom for
calculating the 1ift dependent portion of drag (CDL) combines the induced drag
and viscous drag effects into one term, the Oswald span-efficiency factor (e),
and expresses this in the form S

2
O

Co, = kg + Lo, (y)] | (3.26)
where - f[ut(y)] indicates a functional dependence with twist. However, the
Datcom method is Timited in its range of applicability because it can only
approximately treat irregular planform shapes, and its empirical factors are
based on guite limited data correlations. For jet-wings these correlations
cannot be assumed to apply, however, because the boundary-layer-control effects
of the jet sheet will alter the variation of viscous drag with 1ift. Hence,
the Datcom corrections cannot be applied in this work, Because of the lack
of a'consistent set of experimental data for jet-wing configurations, it is
not possible at this time to present any general empirical relations to cor-
rect program-calculated induced drag., Simple corrections to approximately
account for airfoil thickness can be applied, however, in the form

2 2
/aC,., C 3°C s c
co; =|eoy, +(_—321)Ema(t———L L ) + ( g‘) (CL L ) o? (3.27)
W EVD EVD "3 ryp ‘EVD

where (CL/CL|EVD) is the ratio of the total corrected 1ift to the total
program-caiculated 1ift, from Section 3.1.71.2, and the CDi terms are calcu-
lated by the momentum-induced-drag method (see Volume I). Although additional
corrections to account for variation of viscous drag with 1ift are not pre-
sented herein, this is not considered to be a serious restriction since the
dominant variation of drag with 1ift is the induced drag, which has been shown
to be accurately predicted by the program.

3.1.2.2 Fuselage Drag

. The drag of wing-body combinations will be treated by separately calcu-
lating the contributions of the wing (Section 3.1.2.2) and the fuselage and
then applying correction factors to account for the mutual interferences. The
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(CDO)NB = [Cp,,, + Cog J Ryg (3.30)

Profile
where RNB is an empirical wing-body interference factor, plotted in figure
(3.17), and CDOwIp and Cpye are from equations (3.24) and (3.28),
respectively,

rofile

Little is known concerning the mutual interferences that affect the 1ift-
dependent portion of wing-body drag. The usual procedure is to add directly
the wing contribution, which is calculated in equation {3.27) from program
results, and the fuselage contribution, which is calculated in equation (3.29).
Thus,

[CD(C‘)]NB = CD-iw + CDF(G) (3.3])

0.8
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Figure (3.17). Empirical Wing-Body Interference Factor
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3.1.2.3 Empennage Drag

The drag contribution of the empennage is calculated in a manner similar
to that for the wing, separating the effects into those which can be calculated
by potential-flow methods (induced drag) and those for which empirical methods
are required (friction and pressure drag). Interference effects due to the
jet-wing are calculated by the program, as discussed in Section 3.1.1.3 for
the empennage 1ift coefficient. Interference effects due to the fuselage are
considered only so far as to treat the vertical tail as endplated by the fuse-
lage.

The procedure for calculating skin-friction drag and pressure drag is
jdentical to that for the wing, equation (3.24), and can be expressed in the
form

- )
4 wet
t t H
Cp = ng 1T+L, (=) +100(=) R £ + ACq K
o) Hav H L H (c)l1 (C)H ‘L.S.H . S elevator b
i 4 wet
t t v
* ‘{Cfv |7+ Ly (), * 100 ('E)V]RL.S.V 5 * 2%drudder’

(3.32)

where all terms are defined following equation (3.24) and the subscripts H
and V refer to the horizontal and vertical tails, respectively. The ele~
vator and rudder terms, of course, should only be used when these devices are
deflected.

The induced drag contribution of the empennage is calculated directly
by the program, both for theisolated tail solution and the interference tail
solution. The latter solution is actually the only one of interest, however,
and it is calculated explicitly at five angles of attack because of the non-
Tinear interference of the jet-wing. The empennage induced drag, as calculated
by the program, is expressed as
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Co, = CniH(u) + CDiv(“) (a = 0, 5, 10, 15, 20 degrees) (3.33)

H&Y

For other angles of attack within this range, either graphical or numerical
interpolation of equation (3.33) should be used.

The total empennage contribution to aircraft drag is then simply

=C +C +C +C 3.34
CDH&V DOH DOV DiH D1V ( )

3.1.2.4 Ram Drag

Ram drag is defined as the loss in freestream momentum of the stream-
tube of air entering the engine inlet. The ram drag coefficient (CDR) can
be calculated from

NA,, NQ,
Cpgp =2 = =2 TS {3.35)
where
N 1s the number of engines,
A, 1s the freestream capture area of each engine,
Q4 is the intake mass flow of each engine (1b/sec)
g gravitational constant (32.2 ft/sec?).

Note that ram drag should not be included in these calculations if the net
engine thrust is given, although gross engine thrust must be known for the
calculation of other aerodynamic characteristics.
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3.1.2.5 Total Aircraft Drag

Total aircraft drag is calculated from equation (3.22) by summing the
contribution due to each aircraft component. However, in practice the CJ
term in equation (3.22) has been absorbed into the induced drag term calcu-
lated by the program, Hence the total aircraft drag can be expressed as

¢ = [Cp +Cp IR (3.36)
D % profile OF " WB

{3.30)
+ CD-fw + CDF(“) + CDOH&V + CDiH&V + CDR

N e [ S— ., e

(3.27) (3.29) (3.32) (3.33) (3.35)

3.7.3 Pitching Moment

For STOL aircraft there are contributions to the overall aircraft pitch-
ing moment from the aerodynamic loading on the airframe and from both the 1ift
and thrust components of the propulsion system reaction force, which can be
expressed as

C =C +C +¢C (3.37)

where
CmF is the circulation component of pitching moment

CmJ is the reaction 1ift component of pitching moment

Cny is the reaction thrust component of pitching moment

Each of the terms in equation {3.37) is calculated directly by the program,
including contributions of the wfﬁg, jet sheet or vectored jets, fuselage,
and empennage, Modification of the program calculated results is required,
however, to account for wing thickness and viscous effects, which are not
considered by the program,

The approach used in this section is similar to that in Section 3.1,}
for 1ift, and many of the corrections applied here are formulated in the same
manner as those for 1ift. Hence, the sectional pitching moment characteristics
of the wing are discussed first, followed by discussions of the total contri-
butions of the wing, jet sheet or vectored jets, the fuselage, and the
empennage,
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3.1.3.1 Sectional Wing Pitching Moment

The program calculates the sectional wing circulation pitching moment
(q“r) and, for jet-wings, the sectional pitching moment due to jet reaction
(cmu and cmt) for a zero thickness wing in inviscid flow. For conventional
wings or jet-wings the program prints the sectional moment variation with angle
of attack for each composite case in the form

Cmr(y) = opp () + ny (y)a {Free Air) {(3.38a)
o a
Cnply) = ey (¥) + Cmp (y)a + ey, z(y)az (Ground Effect) (3.38b)
0 o a
Cmu(.V) = Cm, (y) + Sy, (¥)o (3.38¢c)
0 & {Free Air or
g (y) = my (¥) + Gpy (¥)o Ground Effect) (3.384)

For wings with vectored jets these equations are not applicable because the
interference between the wing and vectored jets is a nonlinear function of
angle of attack. For this case

Cmr(Y) = CmP(Y) {a = 0, 5, 10, 15, 20 degrees) (3.38e)

o

As for sectional 1ift, the effects of section thickness, viscous effects,
and boundary-layer separation will be discussed, first for unblown wing sections
and then for blown sections,

Unblown Wing Sections

Pitching Moment Curve Slope.— The slope of the pitching moment curve
cm, calculated by the program [equation (3.38a)] can be readily corrected for
thickness and viscous effects using the equation

c
Cmg, = K(E—_&“-—)cma (3.40)
E“IEVD EVD
where
K is the ratio of the theoretical aerodynamic center location for

a thick section to that for a thin section, plotted in figure (3.18).
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o

L

( < ) is the ratio of the corrected 1ift curve slope to the program
IEVD calculated 1ift curve slope, from equation (3.3).

cmu is the program output resuit.

Thin airfoil theory shows that Cm, does not change with camber or flap
deflection. Experiment verifies this to be true for angles of attack and flap
deflections where the flow remains essentially attached to the airfoil. When
separation begins some of the aft flap loading is lost and the pitching moment
becomes more nose up, although the changes are small. No methods are currently
available to predict this phenomenon and correlation with experiment is
required,

Pitching Moment at Zero Angle of Attack. It is more difficult to modify
the sectional cm, calculated by the program because of the importance of
viscous effects, particularly boundary-layer separation. Various flap types
exhibit markedly different Cmgy characteristics because of their varying
abi1ity to maintain attached flow. Also, Cmg is particularly difficult to
estimate because it is a function of the pressure distribution which depends,
of course, on the detailed flap geometry (i.e,, the shape of slots, vanes,
etc.) and on the point of flow separation from the flap.

For unflapped wing sections Datcom presents only tabulated airfoil data
for standard sections., As for 1ift, the most accurate way to correct the
program result would be to know both the experimental value of Cmg for a
two~dimensional thick airfoil and the thin airfoil theory Cmgs and then
calculate the corrected Qg from

Cmo .

cn =( lexperlment)cm | (3.41)

0 cm 0
°|thin EVD

In 1ieu of experimental data, the same correction as was applied to Ceo is
often used for cp,, that is

cmg = [1 + (K)t/c] °m0| (3.42)
where K 1s usually 0.8. EVD
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For flapped sections Datcom does present empirical data for the change
in sectional pitching moment with flap deflection, acm/aaf, which is a part
of omge This empirical data, some of which is presented here, should be
regarded as only a guideline for correcting program calculated g since
the agreement between these data and experiment is not consistently good., For
plain and single-slotted flapped sections, the correction to the program calcu~-
lated cp, is calculated from

aC ac

m _ m
-a—g- K"a'?c‘; (3.43)
EVD
where
K is an empirical factor for the ratio of Cm,, to the thin airfoil

theory result, plotted in figure (3.19) for plain and single-
slotted sections.

—_— is the program calculated sectional ¢y for the fundamental
EVD case which defines the flap.

In order to apply these corrections to the program sectional data, equation
{3.41) or (3.42) should be used to correct the camber/twist fundamental case
and equation (3.43) should be used to correct the flap fundamental case.

Then the corrected results can be appropriately added to form the required
composite cases., However, for simplicity, applying only equation (3.43) to
composite case data for flapped sections should suffice because the incre-
mental pitching moment due to flap is usually the dominant effect. No data

are presented for double-slotted flaps because of a lack of systematic data.
For leading-edge devices the Datcom methods are based on potential flow methods
only, and hence the program result should be used directly,

Blown Wing Sections

The empirical methods described above for unblown-wing sections are not
applicable to jet-flapped wing sections because of the favorable boundary-
layer~control effects of the jet. The reader is referred to Section 3.1.1.1
on Tift for a complete discussion of the implications of blowing and the need
for treating blown wing sections differently from unblown sections. Based on
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an analogy with the discussion of that section, a simple correction for
thickness effects can be applied to the circulation component of pitching

moment, as

CW‘=[T+(KHJQJ%W (3.44)

EVD

where equation (3.44) applies to both . and cp, in equation (3.38a).
The usual value K wused in equation (3.44? is 0.8 fo¥ sections with sharp
trailing edges.

Ground Effect

As discussed in the section on 1ift, the present ground-effect method
is intended primarily to provide the relative magnitude of the ground effect
compared to the free-air solution rather than the absolute magnitude of the
changes due to ground proximity. Hence the changes in sectional pitching
moment due to ground proximity should be expressed as

2Cmground : CMground = “Mfree air (3.44)
Chfree air CMfree air

Mechanical Flaps with Vectored Thrust

Corrections should be applied to the program calculated sectional
pitching moments for mechanical flap systems with vectored thrust [equation
{3.38e)] in the same manner as for unblown sections because there is no
boundary-layer-control effect for this type of system as there is for jet-
flap airfoils.

3.1.3.2 Total Wing Pitching Moment

The sectional pitching moments, which are referenced to the section
leading edges, are integrated by the program along the span of the wing to
determine the total wing pitching moment, which is referenced to the wing
apex, by approximating the integral

b/2
Chapex = 5 t{z [e2(y)empy) - c(y)cyp(¥)xg(¥)1dy + Cmy * G (3.45)

by a finite summation, treating cmr(y), czr(y), c{y), and x,{y) as con-
stant over each spanwise division. In order to correct the total wing pitch-

ing moment for thickness and viscous effects, the corrected sectional ¢
r
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calculated in Section 3.1.3.1 and the corrected sectional Cep calculated in
Section 3.1.1.1 must be reintegrated using the equation

Mapex ég-}i:[cz(y)cmr(y) = c(y)xy (¥)eg (¥) Jay

corrected corrected

apex apex
where the summation is taken over the span of the wing. Then the total wing
pitching moment can be transferred to the input moment reference center (xmc)
in the wing plane by

X
Cm. = C +c("‘°)+c +C 3.47)
Mc mrapex Lt e~ e (
where cmfapex and CLr are quantities that have been corrected for thick-
ness and viscous effects and the reaction components are calculated directly
by the program.

A considerabie simplification to the thickness and viscous corrections
to total wing pitching moment, analogous to that presented for Tift, involves
applying a single correction factor to the program-calculated total wing
pitching moment. The approximation employed is to assume that for unblown
sections the thickness correction is cancelled by the viscous correction,
leaving the program calculated cm and cm values; and that for blown
wing sections the thickness correct1on of [1 + K{t/c)] 1s applied to ¢y
and cma . The resulting expression is

Cp = [1 + (K)(Eg) g] Cor | ey (3.48)

where Sg 1s defined in figure (3.7). Obviously this approximation will
become less valid as angle of attack or flap deflection is increased and
viscous effects, incTuding boundary-layer-separation, become more important.

or

o+

In a manner similar to that discussed at Tength for 1ift, the total wing
pitching moment can be expressed in terms of derivatives which explicitly show
the effects of angle of attack, flap deflection, slat deflection, jet-sheet
deflection, etc. using the fundamental case structure of the program. This
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can only be done for jet-wings or conventional wings in free air, and,
within the context of linear theory, can be expressed as

al o aC aC aC
C =C 4+ g+ Mg +—pg + Mg +_T 54 (3.49)
m m, 3a 3¢ f 36, s 3d, J aasp sp

These terms represent the basic pitching moment, the pitching moment curve
slope, and the change in pitching moment due to deflection of flap, slat,

jet sheet, and spoiler, respectively. Each of these terms can be calculated
directly by the program, except the spoiler term. The procedure to calculate
each of these terms is identical to that fully discussed in Section 3.1.1.2
for 1ift and will not be repeated here, When following that procedure it
must be remembered to apply the appropriate corrections for pitching moment,
equation (3.46) or (3.48).

3.1.3.3 Empennage Pitching Moment

The empennage contribution to aircraft pitching moment is due only to
the horizontal tail and depends on both the geometry of the tailplane and the
downwash fleld induced by the jet-wing high-Tift system. Tailplane pitching
moment is calculated by the program both for the tail by itself {isolated
tail analysis) and for the tail in the induced flow field of the jet-wing
(interference tall analysis). The tailplane contributes to pitching moment
both through a pure couple about its own aerodynamic center and through the
moment about the aircraft moment center due to the 1ift on the tailplane.

The pitching moment due to drag on the empennage 1s small compared to the
other contributions and is not calculated by the program, but corrections for
it are discussed here.

For the isolated tail analysis, the program calculated horizontal tail
pitching moment can be expressed in the form

G = G +(a Cm”) (3.50)
m = [+ .
H OH 3a Isol

where CmoH is the basic pitching moment of the horizontal tafl and includes
the effects of any input surface deflections, such as tail camber, elevator
deflection, and tail incidence (other than angle of attack); and (aCmH/auhsolis
the pitching moment curve slope of the horizontal taii. For the interference

56



tail analysis, the program-calculated installed horizontal tail pitching
moment is expressed as

G%WDInsta11ed= CmH(“) (« = 0, 5, 10, 15, 20 degrees) {3.51)

For other angles of attack within this range, either graphical or numerical
interpolation of equation (3.51) should be used,

The program output, equation (3.51),includes the effect of the horizontal
tail 11ft and pitching moment. In order to include the pitching moment contri-
bution of the horizontal tail drag, it is necessary to modify the program cai-
culated horizontal tail drag for viscous effects. This has been discussed in
Section 3.1.2.3 and the result is summarized in equations (3.32), (3.33), and
(3.34). The pitching moment contribution of the empennage drag is then

by Az,
Cplesg) = Cpy(es8) {— sin o + — cos a

tail drag c ¢

% ¥
+ Cpy(2,8) [——}'_ sin o + — cos a] ‘ (3.52)
c c

where AZy, is the height of the horizontal tail above {or below) the aircraft
moment center, azy 1s the height of the vertical tail aerodynamic center
above the aircraft moment center, o and 8 are the wing angle of attack and
angle of sideslip, respectively, and CDH and CDv are the total horizontal
and vertical tail drag coefficlents, respectively., Except for cases of
extreme vertical tail loading, such as in a crosswind or in an engine-out
condition, the vertical tail contribution in equations (3.52) can be neglected.
Also, for conventional tailplane locations, the horizontal tail contribution
in equation (3.52) can be neglected.

3.1.1.4 Fuselage Pitching Moment

The fuselage contribution to total aircraft pitching moment can be
regarded as arising from two effects. One is due to the carryover of 1ift,
and hence pitching moment, from the wing to the fuselage. This effect is
accounted for in the present method by extending the wing planform to the
aircraft plane of symmetry, and, therefore, it is an integral part of the
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total wing pitching moment calculated in equation {3.45). The other effect

is the pitching moment due to the noncirculatory flow about the fuselage,

which is calculated directly by the computer program using a modified slender-
body approach described in Volume I. The interference of the jet-wing is
included in the computer methods, and because of the nonlinear nature of the
interference, the program calculated fuselage pitching moment must be expressed

as Cre = cmF(a) (@ = 0, 5, 10, 15, 20 degrees) (3.53a)

F
The program-calculated Cpe, equation (3.53a), should be corrected to account
for boundary-layer separation and vortex shedding from the fuselage afterbody.
Based on the approximate methods of Datcom {Section 4.2.2.1), equation (3.53a)
can be corrected and is expressed as

X
N
_ 202
CmF(a4corrected = CmF(a) '3CmF(u) + T57.3)55F 1/r nr(&) Cdc(xmc*ﬁ)dﬁ
X0
(3.53b)

where the first term is the program-calculated fuselage pitching moment; the
second term accounts for non-potential flow effects on the after-body and

is evaluated by summing the program-calculated fuselage sectional pitching
moments from body station X, to Xp; and the third term accounts for the
pitching moment due to viscous cross-flow drag on the fuselage afterbody. The
terms in equation (3.53b) are defined in the text following equation (3.21).

3.2 Lateral Static Coefficients and Derivatives

Methods for calculating the lateral static coefficients and derivatives
are discussed in the following sections. The procedure used to calculate the
lateral aerodynamic characteristics of an aircraft configuration requires that
the configuration be analyzed in a sideslipped condition {with the exception
of the engine-out case). Such a procedure introduces a basic asymmetry into
the problem which significantly complicates the solution,

The theoretical methods and associated computer programs discussed in
Volumes I and II have been formulated to allow the sideslip condition to be
treated, but additional approximations must be made, some of which may be
significant. In sideslip, interferences become more difficult to handle
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analytically, and the semi-empirical methods presented in Datcom and other
references are based on sparse experimental data. It is the intention here
to integrate the analytical methods developed in this work with existing
semi-empirical techniques to provide a rational basis for estimating lateral
aerodynamic characteristics.

3.2.1 Side Force

For an aircraft in normal flight through still air, there is no side
force. However, for sideslipping flight {such as in a cross-wind) or for
asymmetrical configurations (such as exists when there is an engine failure),
there will be a nonzero side force on the aircraft which must be trimmed out
by actuation of the appropriate controls. In this section, methods to calcu-
late this side force are discussed. These methods are applicable to both
sideslip and to asymmetrical configurations.

3.2.1.1 Total Wing Side Force

For conventional ajrcraft the primary contribution to side force is due
to the fuselage and the vertical tail, the wing contribution being small by
comparison, It is necessary to look more closely at the wing contribution
for STOL aircraft employing a jet flap, however, to ascertain whether the
jet sheet contributes significantly to side force. Unfortunately, within the
context of the assumptions of the EVD method, the y-component of jet momentum
is assumed to be negligibly small compared to the x- and z-components. Hence,
in order to analytically treat a yawed jet-wing, it is necessary to yaw the
wing but to leave the jet momentum confined to planes parallel to the x-z-
plane, as illustrated in figure (3.20}. According to the mathematical model,
there is no side force component of the jet sheet reaction. Obviously the
assumption of a negligible y-component of jet momentum for the sideslip case
is incorrect since the ducting of the jet exit will be designed to insure
emission of the jet in planes parallel to the aircraft plane of symmetry.
Therefore, in the sideslip case some side force will be required to turn the
jet so that it emits parallel to the x-z-plane. There is no analytical means
by which to calculate this side force, however, since in practice the turning
of the jet to the freestream direction will be accompiished both by the duct-
ing of the jet flap and by the freestream itself. An estimate of the upper
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1imit of this side force would be to assume that the jet-flap ducting does no
turning of the jet sheet, and then the side force is simply the jet reaction:
] b/2
cy, = - 28 f c(y) c,(y) cos e{y)dy = - Cy8 (3.54)
~b/2

However, the actual jet contribution to Cy may be less than that predicted
by equation (3.54) because of the internal jet turning mechanism of the jet-
flap ducting.

Cu( y)

Figure (3.20). Illustration of Yawed Jet-Wing as Treated by the EVD Method.
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To calculate the wing contribution to side force, the wing planform
should be treated as asymmetrical and input as illustrated in figure (3.20).
As discussed in Section 2.0, certain approximations to the planform must be
made in this case, such as approximating the skewed wing tip by a tip parallel
to the streamwise direction. In addition, flap edges must be approximated so
that they are paraliel to the freestream direction. Also, the jet momentum
distribution must be altered to account for the sideslip angle g, which can
simply be done by assuming

c,(¥) 0 " ¢, {y) cos 8 (3.55)

For internally ducted jet flaps, equation (3.55) should apply reasonably well
for moderate sideslip angles, although for externaliy blown jet flaps the
entire nature of the spreading and turning characteristics of the flap may
change. Section 7.0 discusses further the nature of EBF systems.

The program calculated wing circulation side force is expressed in the

form EEII a2cyr ,
Cy (os8) = CYFO(B) e Blfe + 5 (B)]e (3.56)

where each coefficient in equation (3.56) is implicitly a function of 8. In
order to determine Cy over a range of g, it would be necessary to calcu-
tate Cy for several sideslip angles and curve fit the coefficients of
equation (3.56) In cases where only small sideslip angles need be considered,
a reasonable engineering approximation would be to treat each of the coeffi-
cients in equation (3.56) as linear in B and then solve the sideslip pro-
blem for one particular 8 (say B = 5° and 10°) to determine the sTope of
the assumed Tinear curve. In this case CY can be expressed as

al
Y 32C 33C
T Y Y
C - ol ¢ 4 r r|l » (3.57a)
and
Yl"0= YFO. P CYI‘ ) 1_ BCYF. a CYI" i ]_ 3 ch" (3 57b)
3B B ° 03B B 3a > 34038 R anl '

where g is the sideslip angle actually used to calculate the above terms.
There is an additional contribution to the wing side force due to dihedral,
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which can be calculated approximately by the program by defining a fundamental
case with the twist distribution

ag(y) = %{—‘%lﬁﬁ (3.58)

where T 1is the dihedral angle in degrees and B is the sideslip angle in
degrees. Note that this fundamental case must be run for the yawed (asym-
metrical) wing and that this twist distribution is actually anti-symmetrical.
The fundamental case defined by equation (3.58) can be combined into a com-
posite case just as any other type of fundamental case, but it is only applic-
abTe for small dihedral angles. An alternate approximation to the dihedral
effect on Cy is given by Datcom to be

Cy = «0,000178 (r,g degrees) (3.59)
dihedral

The total jet-wing side force coefficient can be determined from equa-
tions (3.54) and either (3.56) or (3.57). Because of the relative unimportance
of the jet-wing contribution to CY and a general lack of understanding of
the complex flow phenomenon occurring on a wing in sideslip, no viscous or
thickness corrections are applied to these results.

3,2.1,2 Puselage Side Force

The contribution of the fuselage to side force can be calculated in
essentially the same manner as the 1ift on the fuselage is calculated (Section
3.1.1.4). Of course, there is a wing carryover side force as there was
for 11ft, but the primary contribution to side force on the fuselage is due to
boundary-layer separation and vortex shedding from the fuselage afterbody.
Hence, the fuselage contribution to side force is

2(K.,)A
c\(F = -Kip [T‘g’;M';T%] B (3.60)

where
KWB is an empirical wing-body interference factor from Datcom
(Section 5.2.1.1) and plotted in figure (3.21).
R is the sideslip angle in degrees
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Figure (3.21). Empirical Wing-Body Interference Factor.

and the remaining terms are defined following equation (3.21).

The magnitude of Cyp is at Teast the same order as the wing side force

and hence cannot be neglected.

3.2.1.3 Empennage Side Force

The empennage side force contribution is derived solely from the

vertical tail and is calculated directly by the program, including the end-
plate effects of the fuselage and horizontal tail and the external flow field
influence of the jet-wing high 1Tift system. The procedure used to calculate
Cyy Ts similar to that employed for C,, the 1ift contribution of the
horizontal tail. Tail side force is calculated for the tail by itselif (iso-
lated tail analysis) in the form
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Cy ) —Cy. +—Vg 3,61
V/1s01 oy 98

where the first term is the basic load level and incTudes the effects of any
input surface deflections, particularly rudder deflection; and the second term
is the slope of the Tinearized vertical tail side force curve. Tail side force
is also calculated by the program for the tail within the induced flow field

of the jet-wing (interference tail analysis) in the form

’ = =Oa s 0; 59 20 .
Evv(u Bﬂlnsta]!ed Cyv(a) (o 5, 10, 1 degrees) (3.62)

where the g-variation can only be determined by running a range of sidesTip
angles. The sidewash gradient, 50/38, cannot be calculated accurately by
the present methods and may be important for computing CYV‘

3.2.2 Rolling Moment

For STOL aircraft employing powered 1ift systems, there can be contribu-
tions to the aircraft rolling moment both from the aerodynamic forces on the
airframe and from the reaction force of the jet sheet or vectored jets for
sideslipping flight or for asymmetrical configurations. The methods discussed
in this section are composed of the theoretical methods developed in VYolume I
and semi-empirical methods presented in Datcom.

3.2.2.1 Total Wing Rolling Moment

Unlike side force, the wing contribution to rolling moment can be sig-
nificant. It is calculated directly by.the program by defining the planform
as in figure (3.20) for a sideslipping jet-wing or as in figure (3.22) for an
asymmetrical configuration; in this case engine~out flight. The program cal-
culated wing rolling moment 1s expressed in the form

C,=C, +C, (3.63)
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Figure (3.22),

ITTustration of an Asymmetrical Jet-Wing (Engine-Out
Configuration).

where Clr is the wing circulation rolling moment and C1J is the jet-
reaction rolling moment.

Each of these terms is expressed as a function of
angle of attack for a composite case in the form

oy |
CrplesB) = Cyp (8) + 5 (8)[a (3.64a)
2Cy
Crglas8) = Cyy (8) + 5= (8)o (3.64b)

where the g-dependence is implicit and can be determined by running several
sideslip angles and curve fitting the coefficients of equation (3.64). For
a jet-wing in ground-effect equation (3.64) must be modified to be

2
aC 3 C
C[I.(G,B) = CII,O(B) + [aalr (B):|a + [3a21r (B):lmz (3.64c)

while the mechanical flap systems with vectored thrust

Clr(a,ﬁ) = C1P(as6)

{a =0, 5, 10, 15, 20 degrees) (3.64d)
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While the longitudinal aerodynamic characteristics of a jet-wing are not
critically dependent on the spanwise distribution of jet momentum, for the
lateral characteristics, particularly rolling moment and yawing moment, it

is imperative that the jet momentum distribution cu(y) be known accurately,
Therefore, the simplified distributions of jet momentum for EBF systems sug-
gested in Section 7.0 are not likely to be adequate for the calculation of
lateral aerodynamic characteristics; and experimentally determined momentum
distributions will be required.

One of the more important contributing factors to rolling moment is the
effect of wing dihedral, T. Positive dihedral has the effect of increasing
the angle of attack on the right wing by

Ao = sin g sinr = gp (3.65)

and decreasing the angle of attack on the left wing by the same amount (for
positive B}, resulting in a negative rolling moment. As discussed previously,
dihedral can be accounted for by defining a fundamental case with the anti-
symmetric twist distribution

ag(y) = Eg-}%ﬁ-r (3.66)

Equation (3.66) is applicable only to small dihedral angles and small sideslip
angles,

If only small sideslip angles are to be considered, the g-dependence
implied in equations (3.64) can be defined explicitly in the same manner as
described for side force [equation (3.57}]. That is, solve the sideslip
problem at a particular (small) 8 and then assume linear variation of each
coefficient in equation (3.64) with a.

3.2.2.,2 Fuselage Roliing Moment

The program does not calculate any influence of the body on roiling
moment, However, the effect of the body in sides1ip has been shown experi-
mentally to change the wing rolling moment. First, the body changes the
effective dihedral of the wing because the cross flow around the body locally
induces a change in effective angle of attack of the wing. As illustrated in
figure (3.23), the effective change in wing dihedral caused by the body is to
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Figure {3.23). Illustration of the Change in Effective Wing Dihedral Induced
by the Body in Sideslip.

increase the dihedral for high wings and to decrease the dihedral for low
wings. Secondly, there is a decrease in the effective wing dihedral with
increasing fuselage length, the decrease being a result of the fuselage
reducing the effective sideslip angle on the wing as illustrated in figure
(3.24),
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/

Figure (3.24). Il1lustration of the Decrease in Effective Wing Sideslip Angle
with Increasing Fuselage Length.
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Limited experimental studies have shown that the parameters of primary
importance in determining the fuselage effect on rolling moment are the vertical
position of the wing relative to the fuselage and the fuselage length ahead of
the wing. The first effect can be approximately calculated using the semi-
empirical relation

2 z
Cupyselage = ~0-0005(AR) /2 (f;) rg + 0,04188(AR)!/? (B-"i)(g-) B (3.67)

where the first term accounts for the body-induced effect on wing dihedral for
a wing located at the midfuselage height and the second term accounts for
wings located above or below the midfuselage height, and where

d is the average fuselage diameter at the wing root, normalized

b by the wing span.

Ly is the height of the fuselage centerline relative to the

B gquarter-chord root point of the wing, positive for the fuse-
lage centerline above the wing.

T is the average wing dihedral angle, in degrees.

B is the sideslip angle, in degrees.

The effect of fuselage length forward of the wing can be approximately
accounted for by applying a correction to the program calculated wing circula-
tion ro11ing moment, equation (3.64), in the form

G, = KpCy (3.68)
I'w1ng—fuse1age F I'W'ing
where R
KF is the empirical fuselage length effect factor obtained from
figure (3.25).
o
is the fuselage length ahead of the wing-tip half-chord point,
P
normalized by wing span,
C, is the program calculated circulation rolling moment, equation
"wing (3.64)

68



1O ——1] = ] O

I S

s SRS
K 6.

: \\\\ 7.0

5

0 2 4 6 8 1.0 1.2 |.4 {.6
e
b

Figure (3.25). Empirical Fuselage Length Effect Factor.

3.2.2.3 Empennage Rolling Moment

The empennage rolling moment contribution is due to both the horizontal
and vertical tails and is calculated directly by the program, including the
endplate effect of the fuselage and the external flow field influence of the
jet-wing. The empennage rolling moment is first calculated for the tail by
itself (isolated tail analysis) in the form

Crpqait = CIOH + ClaH + CIOV + C1BVB (3.69)
where the first term is due to horizontal tail camber, elevator deflection,
and the antisymmetric load induced on the horizontal tail by the vertical
tail; and the third term is due to vertical tail surface deflection, in
particular rudder deflection. The empennage rolling moment contribution is
also calculated by the program for the tail within the induced flow field of

the jet-wing (interference tail analysis) in the fom

Cuy = Cypylass) (e = 0, 5, 10, 15, 20 degrees) {3.70a)
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Cuy = Ctv(a,a) (a = 0, 5, 10, 15, 20 degrees) (3.70b)

where the g-dependence is implicit and can only be calculated by running a
range of sideslip angles. For small sideslip angles equation (3.69) should
provide & sufficient estimate of Cltai] for preliminary design purposes.

3.2.3 Yawing Moment

Both aerodynamic forces on the airframe and the reaction force of the
jet sheet or vectored jets contribute to aircraft yawing moment for STOL air-
craft employing powered 1ift systems. It is necessary to calculate the yawing
moment contribution of each aircraft component for sidesiipping flight or for
asymmetrical configurations, such as flight with an inoperative engine. The
methods discussed in this section are based on the theoretical methods developed
in Volume [ and semi-empirical methods developed in Datcom,

3.2.3.1 Total Wing Yawing Moment

For jet-wings, the wing contribution to yawing moment can be significant,
particulariy for asymmetric jet momentum distributions. It 1s calculated
directly by the program by defining the planform as in figure (3.20) for a
sideslipping jet-wing or as in figure (3.22) for an asymmetrical configura-
tion. The program calculated wing yawing moment js expressed in the form

Cp = Cnp * Cny (3.71)

where Cnr is the wing circulation yawing moment and CnJ 1s the jet reaction
yawing moment. The circulation contribution 1s due to the asymmetrical induced
drag distribution and hence can be expressed, for a composite case, in the form

3Cny 2oy | 5
Cnr(usﬂ) = CnI.'O(B) + o ()| + -;;'2——- (B)J a (%.71&)
while the reaction contribution can be expressed as
. i
3Cn 3 Cn
- J J 2
Cnd(a.B) = CnJO(B) + [aa (B)]u + [;;g—— (B{ a (3.711b)
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where the g-dependence is implicit and can be determined by running several
sideslip angles. It may be necessary to account for the asymmetrical distri-
bution of profile drag as well, particularly for the engine-out case where
loss of power can also mean loss of boundary-layer control and hence flow
separation can occur asymmetrically. For example, consider the jet-wing
configuration of figure (3.22). A good assumption to calculate the profile
drag contribution to yawing moment would be to assume that the friction drag
on each panel is the same, the only asymmetry being in drag due to separation.
Assuming fully attached flow for the left wing panel (with blowing present),
the yawing moment can be calculated solely for the right panel, being of
magnitude

- I'-f“la )
C = ACdf1apr (-—T;Jl (3.72)

Mprofile
drag

where

Acdf]ap is the incremental sectional profile drag coefficient due to
flap deflection, plotted in figures (3.15a) and (3.15b) for
plain and single-sTlotted flaps, respectively.

Kb is a factor to account for partial span flaps, plotted in
. figure (3.16).

Y,
(—f%QE) is the mean spanwise position of the flap, normalized by wing
span.

Variations of equation (3.72) can easily be formulated subject to the nature
of the case of interest.

Just as for rolling moment, it is necessary that the jet momentum distri-
bution cu(y) he known accurately in calculating yawing moment since the
spanwise location of the jet reaction enters directly in the integral for
reaction yawing moment, as '

b/2
an=%—5 f cyleq, (y)ydy
-b/2
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Section 7.0 discusses empirical methods to estimate momentum distributions for
EBF wings.

3.2.3.2 Fuselage Yawing Moment

The fuselage contribution to aircraft yawing moment is calculated in a
manner similar to pitching moment. The yawing moment can be regarded as
arising from two effects. One is due to the carryover of load from the wings
onto the fuselage, and this effect is accounted for in the present method by
extending the wing planform to the aircraft plane of symmetry. The other
effect is the yawing moment due to the noncirculatory flow about the fuselage,
which is calculated directly by the program using the modified slender-body
fuselage analysis discussed in Volume I, and is expressed in the form

Cng = CnF(u,a) (« = 0, 5, 10, 15, 20 degrees) (3.73)

The program calculated CnF includes the 1nterfergnce effects of the jet-wing,
and the p-dependence can be determined by running several sideslip angles.

A correction to C"F to account for boundary-layer separation and vortex
shedding from the fuselage afterbody can be formulated in a manner analogous

to equation (3.53b) for pitching moment, as X

E
2
Cnglass)| = Coplaus) = snplane) + T gl
(3.74)
where the first term is the program calculated fuselage yawing moment; the
second term accounts for non-potential flow effects on the after-body and is
evaluated by summing the program-calculated fuselage sectiochal yawing moments
from body station xo to xp; and the third term accounts for the yawing
moment due to viscous cross-flow drag on the fuselage afterbody., The terms

in equation (3.74) are defined in the text following equation (3.21).

3.2.3.3 Empennage Yawing Moment

It is assumed in the present analysis that only the vertical tail
contributes to the empennage yawing moment, the yawing moment on the horizontal
tail due to any asymmetrical loading distribution being of much smaller order
and hence negligible., The program calculates the vertical tail yawing moment
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first for the tail by itself {isolated tail analysis), but including the
endplate effects of the fuselage and horizontal tail, in the form

= CnoV + CnBVB (3.75)

where the first term is due to any input camber on the vertical tail, in
particular rudder deflection. The tail yawing moment is also calculated for
the tail within the induced flow field of the jet-wing (interference tail
analysis) in the form

Cnvlnstalled = Cnv(a,ﬂ) (a = 0, 5, 10, 15, 20 degrees) (3.76)

where the g-dependence is implicit and can only be calculated by running a
range of sideslip angles. For small sideslip angles, equation (3.75) should
provide a sufficient estimate of C“tai] for preliminary design purposes.
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4.0 STABILITY AND CONTROL ANALYSIS OF STOL AIRCRAFT

The subject of ajrplane stability and control has existed as a recogni-
zable entity since before the first powered flight of the Wright brothers in
1903, Lanchester (reference 16) and Bryan (reference 17) are largely
credited with the pioneering work in this field, although others, including
the Wright brothers,made significant contributions to the early work. During
this century airplane stability and control has developed into a complex
science, taking a position of primary importance in the design of aircraft.
The motion of an aircraft in flight is determined by the aerodynamic character-
istics of the airframe, the reaction force supplied by the propulsive system,
the force of gravity, the inertial characteristics of the airplane, and the
nature of the atmosphere through which the airplane flies. For STOL aircraft
employing powered 1ift systems, the propulsive system assumes a more important
role than for conventional aircraft, influencing the aerodynamic character-
istics of the airframe as well as providing Targe reaction forces.

The equations of motion for STOL aircraft are derived in the same
manner as for conventional aircraft, equating the rate of change of momentum
of the aircraft to the forces applied to it and the rate of change of angular
momentum of the aircraft to the torque applied to it. These equations can
fundamentally be written as

SFx = 4 (m)

SFy = o (mV) (4.7)
EFZ = 'aqt-(mw)
dh
M= ‘a%L (4.2)
dh
EN = ?té

where (U,V,W) are the total aircraft velocities in the (x,y,z) directions,
respectively; and (h,, hy, h,) are the components of angular momentum. As
done in most classical treatments of the subject, a stability axis coordinate
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system, illustrated in figure (4.1), will be used in this work. These axes
are chosen such that the x-axis points in the direction of motion in a
reference steady state condition; the z-axis 1is in the aircraft plane of
symmetry, perpendicular to x-axis, positive down; and the y-axis forms a
right-handed coordinate, positive on the right wing. The origin of this
coordinate system is Tocated at the wing apex, although for the purpose of
calculating stability derivatives the rotation of the aircraft is assumed to
be about the aircraft center of gravity (see Volume I, Section 2.2.4). {(NOTE:
This axis system, in some cases, differs from that used in DATCOM.)

The equations of motion, equations (4.1) and (4.2), can be expanded
so that the aerodynamic, gravity, control system, and propulsive system forces
and moments are explicitly defined. It is neither the purpose nor the intent
of this work to derive the dynamic equations of motion for STOL aircraft,
however, and the reader is referred to references 5, 7, and 8 for such
derivations, It should be noted that although the final forms of the dynamic
equations presented in each reference are slightly different, the equations
are in essence the same, the differences being due to slightly different formu-
lations of the basic problem. But each formulation does reduce to the same
set of stabi]ify-and control derivatives, the calculation of which is a pri-
mary objective of this work. It is necessary here, however, to examine the
dynamic equations of motion, or rather their solution, in order to establish
basic accuracy requirements forthe stabiTity and control derivatives.

Consistent with standard formulations of the non-dimensional smalil
disturbance dynamic eguations of motion, modified for power effects associ-
ated with STOL aircraft, the following aerodynamic and stability and control
coefficients and derivatives are required, some of which have already been
discussed in Section 3.0:

[. Longitudinal Characteristics:
a. Static characteristics: G, C , Cp, Cp,s Cps Cma.

b. Dynamic stability derivatives: CLu’ CDu, Cmu, CL&’ Cm&’ CLq, Cmq.

c¢. Control derivatives: CLGe’ CDGE’ Cmae, CLGS’ CDas’ Cmés’ CDSa'
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Figure (4.1). Reference Coordinate System for Dynamic Stability Derivatives.
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IT. Lateral Characteristics:
a. Static characteristics: CYB, CIB, CnB.
b. Dynamic stability derivatives: CYQ’ Clé’ Cné, CYp’ Clp, Cnp,

CYr, CIY‘, Cnr.

-

c. Control derivatives: CYGa’ Claa’ C”Ga’ CYSr’ Clar’ C“ér’ Cyasp.

The static characteristics have been thoroughly discussed in Section 3.0; the
dynamic stability derivatives are the subject of Section 5.0, and the control
derivatives are the subject of Section 6.0.

4.1 Accuracy Requirements for Stability and Control Derivatives

In an analysis of this type, it is prudent to determine the importance
of each influencing parameter on the final stability characteristics of the
aircraft so that an estimate of the accuracy reguirements for analytical
methods can be established. Hence, a study was initiated at Douglas using
available test data and previously established prediction techniques to
determine the impact of each of the derivatives on the frequency and damping
of the longitudinal and lateral-directional oscillatory modes. For this
purpose, a compiete set of aerodynamic data was generated for a typical STOL
aircraft. The model selected for this study is based on the Douglas Aircraft
Company Model D-915F, a configuration employing an externally blown jet flap,
illustrated in figure (4.2). Baseline values of the aerodynamic and stability
and control coefficients and derivatives, based to a large extent on wind
tunnel test data, were used to establish reference values for the frequency
and damping of the short-period response, the phugoid mode, Dutch-roll oscil-
Tation, roll mode, and spiral stability. Each coefficient and derivative was
then varied from this baseline to establish its impact on the shape of the
oscillatory modes, and these resuiting modes were compared with the flying
qualities criteria of MIL-F-83300. The relative magnitude of the variations
in frequency and damping are considered to be indicative of the level of
accuracy required of the prediction methods. In selecting a set of tolerances
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for these derivatives, consideration has been given to the relative importance
of each derivative, to the critical nature of the flying qua1if1es, and to

the degree to which the derivatives can be controlled in configuration design
work. Consideration has also been given to variations in the mass charac-
teristics of the aircraft.

4,1.1 Baseline Configuration

The aircraft configuration employed in this study is based on the
Douglas Aircraft Company Model D-915F, a STOL transport model employing
externally blown jet flaps and illustrated in figure (4.2). The geometric
and mass characteristics of the aircraft are tabulated in table (4.1), and
the estimated longitudinal and lateral aerodynamic characteristics, hased
largely on wind tunnel test data presented in reference 18, are tabulated
in tables (4.2) and (4.3}, respectively. Some of these data are from
reference 19 and are based on existing methods in Datcom.

Prior studies coupled with simulator experience have shown landing to
be the most critical flight condition for STOL aircraft, and for this reason
only one basic flight condition was considered in this study. A representa-
tive power approach condition with the airplane trimmed to a speed of 75 knots
and with sufficient power to maintain a 7.5 degree glideslope has been used.
A nominal center of gravity location of 25% MAC was used,

Table (4.1) Model D-915F Baseline Configuration

b 1146 ft by ~ 58.6 ft by 17 ft
S 1875 ft? Sy 640 ft2 Sy 560  ft2

AR 7.0 ARy 5.0 ARy 1.0

A 0.3 a o~ 0.25 Ay 0.75

Ac/h 25° | AHc/n 25° hyea  42°

C.G. 25% MAC B 63 ft 2y 46 ft

W 150000 1bs Iy 2.67x10%5s1ug-ft2 Ix 1.55x106slug-ft2
I, 3.98x10%s1ug-ft? | Iy, 5x10°stug-ft? &¢ 30°/20°
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Table (4.2) Estimated Longitudinal Aerodynamic Characteristics
of Baseline Configuration (references 18 and 19)

CL,  0.12325 deg™! ae/oa 0.638
Cp,  0.0525 deg”! aCL/3C,, 1.2346
Cp,  -0.03288 deg™! 2Cy/2C,  -0.11963
CL,  0.10208 2Cn/3C -0.7616
Cng  -0.3583 2Fg/oVy  9.18
CL, 0.229 oFp/aVE  17.9

Cry  -0.5936

Cny,,  ~0-080 deg™]

t Change in gross thrust with airspeed (1b/ft/sec)
+  Change in ram drag with airspeed (1b/ft/sec)

Table (4.3) Estimated Lateral Aerodynamic Characteristics
of Baseline Configuration (references 18 and 19)

Cy, -0.0362 deg~1 Cy,. 0.0154
Ciq  -0.00693 deg™] o 0.02095
Cng ~ 0.00808 deg-1 Cn,. -0.01008
Cy, ~ 0.00825 Cyg 0.00023
G, -0.0112 Crgly -0.092
Ca,  ~0.00601 Gy 0.00005
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4,1.2 Dynamic Analysis

Using the baseline configuration aerodynamic data as a reference point,
baseline values of the frequency and damping ratios of the oscillatory modes
have been calculated using Douglas in-house dynamic analysis methods,

These methods essentially calculate the coefficients of the linearized three-
degree-of-freedom equations of motion, both longitudinal and lateral, and
also calculate the roots of the characteristic equations. Once the baseline
mode shapes were determined, then variations of the baseline derivatives of
up to x50 percent were made, and their effects on the oscillatory modes were
determined,

4,1.,2.1 Longitudinal Modes

The effects on the frequency and damping of the longitudinal modes
caused by variations in the parameters listed in table (4.2) are presented in
figures (4.3) and (4.4}. The baseline values of the damping and frequency
ratios for the 1ongitudinai modes have been calculated to be

Short-period: Csp = 0.862 _ .1)
- 4.1
“ngp = 0.822 sec’
Phugoid: 4 = 0.01
P o (4.2)
an = (.350 sec

These data show that the baseline configuration is stable and meets the

Level 1 requirements of paragraph 3.3.2 of MIL-F-83300 (i.e., all roots of
the characteristic equation are stable). Figures (4.3) and (4.4)

show the relative sensitivity of the frequency and damping ratio of each of
the modes to changes in each of the derivatives. These figures show the
effects of a one percent change in the derivatives and indicate the direction
of change of each derivative required to effect an increase in frequency and
damping. It should be noted that changes in any of the derivatives of up to
50 percent from the baseline value are acceptable for the short period mode
since the oscillation remains damped. However, the baseline phugoid mode is
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tightly damped and can become divergent for changes in some derivatives

(e.g., Cma, Iy) of only 10 percent. In none of the cases examined, however,
does the time to double amplitude of the phugoid become less than the Level 2
limit of 12 seconds, which is considered acceptable for the phugoid mode.

Based on an extensive analysis of the data summarized in figures (4.3)
and (4.4), tolerances for each of the derivatives can be established which
will result in a negligibly small inaccuracy in the estimated longitudinal
dynamic characteristics. The following tolerances have been established as
a guideline:

3
(a) 5% tolerance on Iy, CL s O, 5o » CmiH’ Cmg,» Cmq-
3¢, aC_ aF, aC
L m R D
(b) 25% tolerance on Cp., == 37 3y 37—
B U T i

Q2

F
. 9
(c} 100% tolerance on CLu’ CLq, 3VT°
This is not to imply that a larger tolerance or uncertainty in any of these
guantities would lead to an inadequate dynamic analysis, but in order to allow

for the build up of error, these tolerances have been made more stringent than
may actually be required.

4,1.2.2 Lateral-Directional Modes

The effects on the frequency, damping ratio, and time constants of
the lateral-directional modes caused by variations in the parameters listed
in table (4.3) are presented in figures (4.5} and (4.6). The baseline values
of the frequency, damping ratio, and time constants for the lateral-directional
modes have been calculated to be

Dutch-roll: 4 0.104
(4.3)

0.95 sec-!

1]

UJnD
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Roll Mode: Tgp = 0.94 sec (time constant) (4.4)
Spiral Mode: t, = 7.7 sec (time to double amplitude) (4.5)

These data show that the Dutch-roll mode of the baseline configuration is
stable and meets Level 1 requirements., The roll mode time constant, TRe is
satisfactory, being less than one second, and falls well below the Level 1
limit. However, for the baseline configuration the spiral stability is diver-
gent and marginal in that it meets only the Level 3 requirement. Figures (4.5)
and (4.6) indicate the relative sensitivity of the mode shapes to changes in
each of the pertinent aerodynamic parameters, showing the effects of a one
percent change in each derivative. These figures indicate that the derivatives
of major impact on the Dutch-roll and spiral modes are the rolling and yawing
moments due to sideslip (61B and C“B)’ due to roll rate (Clp and Cnp), and
due to yaw rate (Clr and C“r)° The roll mode time constant is dependent
primarily on the rolling moments due to sidestip and roll rate (ClB and Clp).

Based on an analysis of the data summarized in figures (4.5) and (4.6),
tolerances for each of the pertinent derivatives can be established as for
the longitudinal modes. These are as follows:

G

(a) 5% tolerance on C‘B’ C, Ch

p! r.’ B’

(b} 20% tolerance on CYB

{c) 100% tolerance on CYp’ CYé' CYr’ (Cyp.VT)
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5.0 DYNAMIC STABILITY DERIVATIVES

The dynamics of the airframe and the aerodynamics of the airplane are
related through the stability derivatives. Indeed, the equations of motion,
equations (4.1) and (4.2), are applicable to the motion of any mechanical
system; and the introduction of aerodynamics to the problem is brought about
only by defining certain forces as aerodynamic forces and certain moments as
aerodynamic moments. Suitable non-dimensionalization of the equations of
motion (e.g., see reference 5) leads to the complete set of static and dynamic
stability derivatives.

It has been shown in Section 4.1 that small changes in the values of
some of the stability derivatives can produce large changes in the response
of the airframe to disturbances. Hence, a knowledge of the values of the
stability derivatives is required in the preliminary design of the airframe,
control systems, and certain avionics systems. A knowledge of the variations
of these derivatives with changes in the airframe configuration is also vital
to the design engineer.

In the following sections each of the dynamic stability derivatives
required to calculate the response characteristics of STOL aircraft to distur-
bances in flight conditions is discussed in detail, including discussions con-
cerning those factors that affect the value of each derivative and methods for
calculating each of the derivatives. Most of the prediction methods discussed
in the following sections are based on the theoretical methods developed in
Volume I of this report, implemented through use of the STOL Aerodynamic
Methods Program (STAMP), described in Volume II. In addition, for those
derivatives not amenable to theoretical treatment, semi-empirical methods
are presented,

In the calculation of the dynamic stability derivatives, certain assump-
tions have been made which can 1imit the scope of applicability of the results,
and hence 1t 1s necessary at this time to discuss these assumptions and their
implications. Perhaps the most important assumption made in this work (and in
most classical treatments of dynamic stability) is that the stability deri-
vatives can be calculated in a quasi-steady state., That is, it is assumed
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that the aerodynamic forces and moments acting on the airplane are dependent
on only the velocities (both 1inear and angular) of the airplane, which
implies that the forces and moments during a dynamic motion are the same as
those acting on the airplane in steady flight with the same velocities as at
some instant of the dynamic motion. This is equivalent to assuming that the
entire flow field adjusts instantaneously to any perturbation in the flight
condition, and hence the history of the motion is neglected. In light of
this assumption, forces and moments dependent on the rates of change of velo-
city are neglected. However, as will be shown later, it is necessary to
account for certain acceleration effects insofar as the interaction between
the wing and tail are concerned, these effects normally being treated using
the so-called & and B derivatives. The applicability of the quasi-steady
approach to jet-wings, where the dynamic motions can result in perturbations
to the jet sheet shape which may be of importance, remains to be satisfactorily
determined, and at this time an experimental investigation may be warranted.

In addition to the quasi-steady assumption, several other assumptions
have been made which Timit the range of applicability of the stability analysis,
but these assumptions are consistent with classical theory and are not con-
sidered to be overly restrictive. These assumptions include:

1. The airplane is assumed to be a rigid body.

2. The atmosphere is assumed to be fixed and uniform.

3. Changes in the mass of the airplane during the dynamic motion
are assumed to be negligible.

4, Disturbances from the steady flight condition are assumed to be
small such that products of the disturbances are assumed to be
negligible and that the sine and tangent of disturbance angles can
be taken to be the angle itself and the cosine to be equal to 1.0.

5. In the steady flight condition, the airplane is assumed to be in
straight level flight, with all velocity components except U and
W equal to zero (V=P =0 =R = 0).

It is an unfortunate fact that stability derivatives appear in various
treatments of the subject in a number of different forms. Both dimensional
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and non-dimensional stability derivatives are in common usage, and there are
also stability derivative parameters in use which involve the moments of
inertia as well as the terms in the standard derivatives. In this work only
the non-dimensional stability derivatives will be used, which correspond to

the non-dimensional equations of motion. The notation used here is the same as
that defined by NACA and that used by Etkin (reference 7). The basic non-
dimensionalizing variables are the time constant t* = %/y» the characteristic
length & = %E for the longitudinal derivatives, and the characteristic length
g = %b for the lateral derivatives. Finally, all stability derivatives are cal-
culated in the stability axis system illustrated in figure (4,1).

5.1 Longitudinal Dynamic Stability Derivatives

Methods for calculating the dynamic stability derivatives pertinent to
the longitudinal oscillatory modes are presented in the following sections.
In conjunction with the stability sensitivity study presented in Section 4.1,
the importance of each of the derivatives to the short-period mode and the
phugoid oscillation are also discussed. Table (5.1) summarizes the terms
required for the longitudinal stability analysis and indicates for which air-
craft components methods are required to calculate each term,

Table (5.1) Longitudinal Stability Parameters

I, Contribution .
g:igr};%g Jet-Wing Fuselage Hor'];z?q tal Ve_lr_‘;i_ ?ﬂ Iﬁﬁ%:&{rj‘n
CL> O, ¢ ® o 3.1.1
Cps Cp, o e ® e 3.1.2
Cins Cma ¢ ® ® 3.1.3
CLu @ ® 5.1.1.1
Cp, @ ® 5.1.1.2
Cmy, ® L 5.1.1.3
CLq ® ¢ 5.1.2.1
Cmq o . ® ® 5.1.2.2
CLg [ ® 5.1.3.1
Crny, ¢ L 5.1.3.2
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5.1.1 Variation of Forward Speed Derivatives

The variation of forward speed or "u" derivatives relate the effect
on the aerodynamic forces and moments of an increase in the forward speed of
the aircraft, the angle of attack, controil angles, and power setting remain-
ing constant. The u derivatives arise from the effects of Mach number and
Reynolds number, both of which increase with Forward-speed. In addition,
aeroelastic effects can be regarded as dependent on forward speed. Finally,
the variation of jet momentum coefficient with forward speed must be con-
sidered, this effect being predominant for STOL aircraft employing powered
1ift systems where the engine thrust contributes both to wing circulation and
jet reaction. In fact, if it were not for the thrust effect, it may be argued
that the u derivatives could be neglected for the STOL phase of flight.

In the following sections the u derivatives are derived based on the
non-dimensional forward speed ( = (u+U)/U where u 1is the change in forward

speed and U s the reference forward speed.

5.1.1.1 Change in Lift Due to Variation in Forward Speed (CLu)

The derivative expressing the change in 1ift due to variation in for-
ward speed is defined as

BCL BCL
CLu = W(): Uﬁ*o (5.])

the subscript zero indicating that the derivative is to be evaluated at the
reference condition. The Reynolds number and aeroelastic effects are con-
sidered to be negligibly small, and the Mach number effect, expressed as

BCL
CL = M 'a'-M—O (5_2)

UIMach

is important only in the high speed flight regime, which is not of interest
in this work. The remaining effect is that due to the variation with forward
speed of the jet momentum. This effect is manifested in the jet momentum
coefficient, Cy» since for constant engine thrust Cy is a function of
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forward speed, as can be expressed as

J
C = e———— .
J %Q(U+u)25 (5.3)

It is also possible, however, that the jet momentum J is also a function
of forward speed, even at a constant throttle setting, so that the variation
of C; with forward speed can be expressed as

1ol 1
o LU aul, T Touls T

(5.4)

The derivative %%'o is a characteristic of the engine/airframe and must be
determined from flight test, although it is common practice to neglect the

term since it is usually small, The second term of equation {(5.4) must be
considered, however, since it can significantly affect both the circulation

and reaction 1ift components. The reaction term can be computed in a straight-

forward manner as

aC
by
au

- CJ(%—) 8 (5.5)

where 8 is the jet deflection angle relative to the freestream (in radians).

0

The corresponding term for circulation 1ift CLP cannot be so simply calcu-
lated, however, owing to the complex relationship between CLP and CJ. It
is recommended, therefore, that to determine CLu that the computer program
be run over a range of jet momentum coefficients corresponding to a range of
forward speeds, and then the derijvative CLu can be calculated from the pro-

gram solution as
AL 30 ACL
“Lry (_atT)O ”( 3 )o “(—Hu )o (5.6)

The forward speed variation au 1in equation (5.6) is calculated by assuming
the jet momentum J to be constant and can be expressed as

Au VLo

I (5.7)

\/CJ2 »\/CJ1
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where Cj = is the reference momentum coefficient and C; and Cj  are the
momentum coefficients corresponding to CL‘ and CLQ, where AC; = CL2 - CL1.

The CLU derivative is considered to be relatively unimportant in the
dynamic stability analysis of conventional aircraft, although there is some
evidence that it does affect the phugoid mode in such a manner that an increase
in CLU can decrease the period of oscillatien. For STOL aircraft, this deri-
vative is likely to be more important, although further research is required
to establish any trends.

5.1.1.2 Change in Drag Due to Variation in Forward Speed (CDU)

The derivative expressing the change in drag due to variation in for-
ward speed is defined as

I LA WY (40
Co, - ("é'i’}“)o '-“(—au-)o (5.8)

and is known as the speed damping derivative, since it gives the resistance
to an increase in speed. As was done for CLu’ the Reynolds number and aero-
glastic effects are neglected, and the Mach number effect,

C r1(aCD) (5.9)
D — ' ——— .
u]Mach oM 0

need be considered only in the speed regime where the drag rise is appreciable.
The effect due to the variation with forward speed of the jet momentum coeffi-
cient is again of paramount importance, and can again be expressed as in

equation (5.4}. For jet aircraft, it is common to neglect the term 3% .

sulo
but the effect on C[)P and CDJ must be considered. The reaction term

can be quickly estimated to be

aCp,
au

"hﬁﬂo 'g) | (5.10)

but the circulation term must be calculated in a manner similar to that

described earlier for CLr' That is, run the program for a range of momentum
coefficients corresponding to the range of velocities as calculated in
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equation (5.7), and then calculate the speed damping derivative from

_ {3 ) aAp AC
CDFU— (a o = U("'a-a-)o =~ U("E-J-I)O (5.”&)

The effect of a positive value of Cnu is to increase the damping ratio
of the phugoid oscillation, but, at least for conventional aircraft, it is
not considered to be an important quantity so far as flying qualities are con-
cerned. Actually CDu is more important from a performance standpoint, parti-
culariy for high speed flight where a small drag rise is desirable.

There is also a change in ram drag with forward speed, which is expressed

as
pp 3Cpp I T
a0 T (—"au) e Tl i | (5.11b)

where the first term expresses the change in ram drag due to changes in the
engine inlet mass flow Q; with forward speed, and where

N is the number of engines

Ao 1is the capture area of each engine
U is the reference forward speed

5.1.1.3 Change in Pitching Moment Due to Variation ih Forward Speed (Cmu)

The stability derivative expressing the change in pitching moment due
to variation in forward speed is defined as

C aC
Cny = (%ﬁfﬂ)o = u(—a-&'l)o (5.12)

Unlike the CLU and CDu derivatives previously discussed, aeroelastic
effects can be significant for the Cmu derivative, largely due to the flexi-
bility of the fuselage which can change the effective incidence of the hori-
zontal tail. Based on a very simple analysis presented in reference 7, the
aeroelastic contribution of the tail can be calculated from

pUTKayS,, (5.13)
Cm = - ln T — .
Ulaeroelastic tlo 1+3pU'KaySy
tail
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where Cmtlo is the reference state value of tail pitching moment (calculated
by the program; see Section 3.1.3.3); ay and Sy are the 1ift curve slope
and planform area of the horizontal tail, respectively; and K is an aeroelastic
parameter which relates the change in tail incidence to tail 1ift, as

A, = =~ KL

H (5.14)

H
Fquation (5.13) is presented only for reference, however, and it is suggested
that a more thorough aerocelastic analysis be made. Mach number effects for

Cm, can be treated as before, as

aCpy
Cm = M ——— (5.]5)
u|Mach (aM)o

but again this effect is regarded as negligible for the speeds of interest

in STOL operations. The effect of variation of forward speed on the jet
momentum coefficient is again the predominant effect for STOL aircraft. In
analogy with the methods presented for CLu and CDU, the variation of
pitching moment with forward speed can be obtained from the program by running
a range of Cj corresponding to a range of velocities, the final result being

aCm) (ch) (Acm)
Cp. = ( SSRNT] .} SR f (5.16)
u L, o au o Au o

For conventional aircraft it is known that Cmu generally affects both the
period and damping of the phugoid mode, positive values of Cmu tending to
decrease both. For STOL aircraft this derivative is 1ikely to be of greater
importance because of the influence of the jet sheet,

5.1.2 Pitching Rate Derivatives

The pitching rate or "q" derivatives represent the effect on the
aerodynamic forces and moments of rotation of the airplane about an axis
through the aircraft center of gravity (c.g.) parallel to the y-axis while
angle of attack remains constant. An example of this type of motion is the
steady pull-up maneuver. The primary effect of a pitching motion is the
rotation of the ajrcraft which induces a flow normal to the wing, the hori-
zontal tail, and the fuselage; and this induced flow can be regarded as
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inducing aerodynamic forces and moments on the aircraft. The predominant
effect of rotation is on the horizontal tail. In addition to the rotation
effect, it has been shown that aeroelastic effects are also of considerable
importance for the pitching rate derivatives, Although aeroelastics will be
discussed briefly in the following sections, no methods are presented in this
report to consider aeroelastic effects,

The q derivatives discussed in the following sections are based on
the non-dimensional*pitching rate § = q€/2U where q is the rate of pitch
in radians per second.

5.1.2.1 Lift Due to Rate of Pitch (L)

The derivative expressing the change in 1ift due to rate of pitch g
is defined as

3
Ly = (%%L-) - %‘(chiL‘) (5.17)
o} 0
where the subscript zero indicates that the derivative is to be evaluated at
the reference condition, usually defined to be zero angle of attack. The Tift
induced on the wing and the horizontal tail by the rotation rate is calculated
directly by the computer program when the dynamic stability derivative option

is requested (see Volume II). The wing contribution is printed as CL(G),
expressed in the form

¢, (§ = C_§ 5,18
L(a)lwing Lq q ( a)

for the free air case, and as

CL(ﬁ)l = (0 + CLq )8+ Cpp2 4% (5.18b)
0 a

wing
in ground effect. The free air expression, equation (5.18a), is printed

in the standard form of a stability derivative. The ground effect expression

is not truly in the form of a derivative, however, because there is a depend-

ence on angle of attack and the rotation rate. What this means is that within
the context of the assumptions employed in Volume I that CLq in ground

* STAMP evaluates derivatives based on reference chord €.
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effect is non-linear, and its use in the linearized equations of motion, which
are derived by assuming constant stability derivatives, is not justified.
However, for most configurations the terms CL and Cp e are neg11g1b1y
small, and equation (5.18b) reduces to the same form as Pquat10n (5.18a).
however, either of these terms is not negligibly small, then use of the
linearized equations of motion is subject to question, and a higher order
dynamic stability analysis may be required. This situation occurs for several
other stability derivatives, as will be seen in subsequent sections.

The horizontal tail contribution to CLq is usually considerably more
important than the wing contribution and is calculated directly by the com-
puter program as CLq tail®

Aeroelastic effects arise from the centripetal force on the airframe
which can cause the wings to twist or the tail incidence angle to change. The
wing twist effect has been shown to be of particular importance when overhang-
ing nacelles, typical of modern jet transport aircraft, are used.

5.1.2.2 Pitching Moment Due to Rate of Pitch (Cmq)

The derivative expressing the change in pitching moment due to rate

aC aC
Cng = (Téﬂ)o - 7 (Bq) (5.19)

and is commonly called the pitch damping derivative. The computer program

of pitch is defined as

calculates the contribution to Cmq due to the wing, fuselage, and horizontal
tail. The wing contribution is calculated in the same manner as € and is
printed in the form of equations (5.18). The fuselage and horizontal tail

contributions are calculated and printed in the form Cmq and

fuselage
(i.e., constant derivatives).

Cmq tail
The Cmq derivative is quite important in the longitudinal dynamics

of the airplane, as has been shown in the sensitivity study (Section 4.1},

primarily affecting the damping of the short period oscillation. The pri-

mary contribution to the damping, for conventional aircraft at least, is from
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the horizontal tail, and tailless aircraft have characteristically poorly
damped short period oscillations. For adequate damping a large negative
value of Crnq is desirable.

5.1.3 The & Derivatives

The & stability derivatives are the only longitudinal stability
derivatives considered which cannot be calculated based on the quasi-steady
assumptions adopted heretofore. They owe their existence to the fact that
the flow field does not adjust itself instantaneously to changes in angle of
attack, but rather some finite time is required for the pressures and induced
flows to adjust to a new equilibrium value. The & derivatives are sometimes
referred to as vertical acceleration derivatives. They represent unsteady
flow phenomena and must be included in longitudinal dynamic stability analyses
simply because experiment has shown them to be of some importance, particularly
in the damping characteristics of the short period mode.

There is a lack of general analytical methods for calculating the un-
steady flow phenomena associated with the & derivatives. Simple methods
applicable to wings have been developed, but in most methods {e.g., that of
Datcom) the range of applicability is quite 1imited and the unsteady flow
models employed are quite crude. For jet-wings, the problem is further compli-
cated by the presence of the jet sheet, whose shape may become quite complex
in an oscillatory mode. Consider, for example, a jet-wing undergoing a damped
sinusoidal oscillation in angle of attack, such as in the short period mode.
The jet shape, which is a function of the wing loading, the instantaneous jet
emission angle, and the momentum coefficient, will not be sinusoidal in cor-
respondence with the angle of attack since the history of the flow will affect
its shape. The influence of the wing bound vortices, whose strength is con-
stantly changing with time, will reach different parts of the jet sheet at
different times. Thus, because of this lag effect, the jet shape will be
exceedingly complex and virtually impossible to calculate. However, the lag
effect on the jet shape can, for many cases of interest, be neglected because
of the high velocity of the jet {on the order of ten times the forward speed
of the aircraft) which, in effect, rapidly moves perturbations in the jet
shape downstream where their effect on the aircraft will not be important.

98



The lag effect which is usually predominant and is considered in most
conventional stability analyses is that due to the lag in downwash at the
horizontal tail. The approximate method for calculating this effect entirely
neglects the unsteady character of the 1ift response of the tail to changes
in effective tail incidence, but considers instead the fact that the downwash
at the tail does not respond instantaneously to changes in wing angle of
attack. It is assumed that the downwash at the tail is primarily dependent
on the strength of the wing trailing vorticity in the region of the tail, and
then it is assumed that trailing vorticity shed by the wing moves downstream
with the velocity of the freestream. Hence, the change in downwash at the
tail lags any change in angle of attack at the wing by the time

2
at = T“ (5.20)
where 2y s the horizontal tail length. Therefore, the downwash at the tafl
e(t) corresponds to the wingangle of attack «{t-at), so the change in tail-
plane downwash cah be expressed as

AE — .a.-E_ -a-g_ = _.a..g_‘
At T e ot 30 & (5.21)
so that with equation (5.20)
e . 2
Ae = g-g-a—uﬂ (5.22)

Obviously the assumption that vorticity propagates downstream at the free-
stream velocity is not correct {and is rather unsatisfactory to the fluid
dynamicist), but such an assumption has proven to be satisfactory within the
context of stability work.

The methods presented herein for calculating the & stability deri-
vatives consider only the lag in downwash effect on the horizontal tail and
neglect entirely the unsteady effects associated with the lag in pressures
on the wing. The authors believe that the latter effect requires further
study and experimental work since the presence of the jet sheet may accentuate
unsteady effects. However, an unsteady flow analysis is clearly beyond the
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scope of the present study.
The & derivatives discussed in the following sections are based on
the non-dimensional rate of change of angle of attack & = 4€/2U0 where &

is the rate of change of angle of attack in radians per second.

5.1.3.1 Lift Due to & ({Cy)

The change in lifton the horizontal tail due to a rate of change of
angle of attack is calculated from the lag in downwash, equation (5.22},
expressed as '

L
80 = - 5130 be = - 5730 6 & (5.23)

In this expression Ly, 18 the 1ift curve slope of the horizontal tail non-
dimensionalized by wing area and calculated directly by the program (isolated
tail analysis), and %% is the rate of change of tailplane downwash, which
can be calcuiated from the program results as discussed in Section 3.1.1.3.

Equation (5.23) can easily be put in the form of a dynamic stability derivatives:

c i WL 2(57.3) ¢ *H de (5.24)
L& LA A a._E) = M T da -
20

There can also be aeroelastic contributions to CL& arising from bending of
the fuselage as o« 1is changing, which changes the effective incidence angle
of the tail, and from twisting of the wings.

The CL& derivative is not important in determining the shape of the
longitudinal oscillatory modes, as is shown in figures (4.3) and (4.4) for
the short period and phugoid modes, respectively., It is usually neglected
unless it happens to be large.

5.1.3.2 Pitching Moment Due to & (Cmd)

The change in pitching moment of the horizontal tail due to a rate of
angle of attack is calculated from the lag in downwash, as

£
pe = - 57.3 Cp &g 88 (5.25)

aC = = 57.3 C —
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where Cmu is the slope of the pitching moment curve, calculated directly
by the program (isolated tail analysis). In the form of a dynamic stability
derivative equation (5.25) becomes

aC 3t 1
G R T *H de
Cog, = (—aar) iy W CEL W o (5.26)
0 3 20

The Cm& derivative is quite important in the longitudinal dynamics,
affecting primarily the damping characteristics of the short period oscil-
lation, as shown in figure {4.3). A negative value of Cm& increases the
damping of the short period mode.

5.2 Lateral Dynamic Stability Derivatives

Methods for calculating the dynamic stability derivatives pertinent to
the lateral oscillatory and aperiodic modes are presented in the following
sections. The importance of each derivative to the Dutch roll oscillation,
the roll mode, and the spiral mode is discussed, including the implications
of the sensitivity study presented in Section 4.0, Table (5,2) summarizes
the terms required for the lateral stability analysis and indicates for which
aircraft components methods are required to calculate each term.

5.2.1 Rolling Rate Devivatives

The rolling rate or "p" derivatives represent the effect on the
aerodynamic forces and moments of rotation of the airplane about the x-axis
[see figure (4.1)]. The motion can be visualized by observing that the wing
tips trace a helix during the rolling maneuver, The primary effect of roll-
ing the aircraft is an induced flow on the wing, the horizontal tail, and
the vertical tajl; and this induced flow can be regarded as effective twist
on each surface, Contributions from the wing and each tail surface can be
of similar magnitude and hence, each must be considered carefully. Aero-
elastic effects in the Tateral modes are not regarded to be of importance as
they may be for the longitudinal modes, and hence, they are neglected herein.

The p derivatives discussed in the following sections are based on
the non-dimensional rolling rate f§ = pb/2U0 where p 1is the rate of roll
in radians per second.
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Table (5.2)

Lateral Stability Parameters

Stability CONTRIBUTION Section
Parameter . Horizontal vertical Number
Jet-¥ing Fuselage Tail Tail

CY' CYB ® ® ® 3,2.1

Cis Gy ® ° ° ° 3.2.2

Chs C"B o o o 3.2.3
Cyp ® ® 5.2.1.1
Clp [ @ ® 5.2.1.2
Cnp o o 5.2.1.3
CYr ® o h.2.2.1
Clr‘ o o 5.2.2.2
Cn ® o @ 5.2.2.3

r

CY‘-3 @ ® 5.2.3.1
C\é ® o 5.2.3.2
Cné o ® 5.2.3.3
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5.2.1.1 Side Force Due to Rate of Roll (Cyp)

The derivative expressing the change in side force due to rate of
roll p 1is defined as

T aC

v, - (Tg-)o - %‘i(—api)o (5.27)
where the subscript zero indicates that the derivative is to be evaluated at
the reference condition, usually defined to be zero angle of sideslip. The
primary contributions to Cyp are from the wing and the vertical tail, and
in this work the contributions from the horizontal tail and the fuselage are
neglected. In addition, the helical nature of the vortex sheet, which is a
consequence of the motion, has been neglected here; but for the small rates

of roll admissible in linear theory, this effect has been shown to have a
negligible influence.

The wing contribution to Cyp can be calculated using the results of
the computer program in conjunction with some semi-empirical methods in Datcom
(Section 7.1.2.1). Expressing the wing term in the form Cytﬁ), the follow-
ing reiation can be used to calculate wing Cyp:

=[{Cy, +¢C a)‘ﬁ+0y2ﬁ2 +(Acy),\
wing [( Po  'Pg p p/. B (5.28)

where the terms within the square brackets are calculated directly by the
program and where (Acyp)P is the increment in Cyp due to dihedral given
in Datcom by the expression

o, =+ frome b2 ggzome)] ) (.29
CL

Cy (B

nn
(o]

where

I 1is the geometric dihedral angle in degrees

z is the vertical distance between the airplane c.g. and the
wing root chord, positive for the wing above the c.g.
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(Clp)r 0 is the roll damping derivative of the wing at zero G
CL

it

0 with no dihedral effect, obtained in the next section.

Equation (5.28} is not in the form of a stability derivative as conceived by
Bryan, however, since in his formulation the derivatives are independent of
the motion. Cy(f) in equation (5.28) is dependent on both the angle of
attack and the rate of roll (CYpZ)’ and, therefore, in that form its use in
the linearized equations of motion is not justified. In many cases of
interest, however, the Cy ., terms are insignificant, and the remainder of
the expression is then independent of the motion. The program output should
be carefully examined to ascertain if these terms are negligible.

In general, the wing contribution to Cyp is small compared to that due
to the vertical tail. The program result, CYpltai]’ can be used directly.

Cyp is generally unimportant in the lateral dynamic characteristics of
the airplane, as shown in figures (4.5) and (4.6}, and it is common engineer-
ing practice to neglect this term in stability analysis. Experimental verifi-
cation of this is needed, however, for jet-wing configurations where the
helical shape of the jet may be of some significance. '

5.2.1.2 Ro11ing Moment Due to Rate of Roll (Clp)

The derivative expressing the change in rolling moment due to rate of
roll p is defined as

aC 3C
1 2Uf ™t
C = = o— .

1 ("é'ﬁ')o "E"'( Bp) (5.30)
and is referred to as the roll damping derivative. The primary contributions
to C,. are from the wing, the horizontal tail, and the vertical tail. For
aircraft with large tail surfaces, C,, for the tail can be very important.

As for Cyp, the helical nature of the jet-wing wake has been neglected in
this analysis.

The wing contribution to the roll damping derivative can be calculated
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using the results of the computer program in conjunction with Datcom methods
(Section 7.1.2.2). Expressing the wing term in the form Cy(p), the roil
damping is expressed as

C(p) = K[Clp ﬁ] (5.31a)
for the free air case, and as

Ci(p) = K ﬂblpo + C‘pu a)ﬁ + C1p2 pz] (5.31b)

in ground effect. The factor K 1in equation (5.31) is a correction for
dihedral from Datcom given by

K = [1 + 2 B%'E sin T + 3(])727)251n2r] (5.32)

where

I is the geometric dihedral angle in degrees

z is the vertical distance between the airplane c.g. and the wing
root chord, positive for the wing above the c.g.

As for Cy_ , the equation for C,_  1in ground effect is not in the form of
a stability derivative because of the o and p dependence, but in many
cases the Clpa and Clpz terms are negiligible.

The program calculates tail contributions to Clp in stability deri-

vative form Cyplyon 1a51 2 Ciplyert. tail®

The' Cy,. derivative is extremely important in determing the lateral
dynamic characteristics of the aircraft, as clearly shown in figures {4.5)
and (4.6). It is important in establishing the time constants for the spiral
and roll modes and the damping ratio of the Dutch roll oscillation. In con-
junction with the roll mode, Clp is important in establishing the effective-
ness of ailerons for roll control since it is a measure of the resistance of
the aircraft to rolling motions.
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5.2.1.3 Yawing Moment Due to Rate of Roll (Cnp)

The derivative expressing the change in yawing moment due to rate of

aC aC
= n = A‘J.. ._..r.].. |

and is referred to as a cross derivative since it couples the rolling and

roll is defined as

yawing motions, The primary contributions to Cnp are from the wing and
the vertical tail, the latter being the predominant term, especially for the
large tails typical of STOL aircraft.

Dihedral does not significantly influence Cnp, and hence the wing con-
tribution is calculated directly by the computer program, printed as Cp(p) and
expressed in the form

Ca(P) = (Cnpo + Cny a)’ﬁ + Cnpo 2 (5.34)

for either the free air case or in ground effect. The program output should

be carefully examined to determine whether equation (5.34) must be used as

such or whether the 1ift and roll rate dependence is negligible so that the

standard stability derivative form can be used. The vertical tail contribution

is calculated directly by the computer program, neglecting the helical nature

of the jet-wing vortex sheet, in the stability derivative form Cnp tail®
The Cnp derivative is primarily important in lateral dynamics in

determining the shape of the Dutch roll mode. It affects both the frequency

and damping of the mode, and its effect on gp can be more important than

that illustrated in figure {4.5a). In general, a positive value of Cnp is

desirable since that leads to a damped Dutch roll oscillation.

5,2.2 Yawing Rate Derivatives

The yawing rate or "r" derivatives represent the effect on the aero-
dynamic forces and moments of rotation of the airplane about the zgaxis [see
figure (4.1)]. The primary effect of yawing the aircraft is an induced flow
on the wing, which can be regarded as an antisymmetric onset flow distribution
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with a resulting asymmetric loading, and an induced flow on the vertical tail,
which can be regarded as an effective camber distribution on the tail. In
addition, the yawing motion effectively induces a sidewash distribution on

the fuselage, The contribution to the r derivatives of the horizontal tail
is small and is neglected, as are aeroelastic effects.

The r derivatives discussed in the following sections are based on
the non-dimensional yawing rate r o= rb/zu, where r 1is the rate of roll in

radians per second.

5.2.2.1 Side Force Due to Rate of Yaw (Cyr)

The derivative expressing the change in side force due to rate of

yaw r 1is defined as
3C aC
- Y ATY e
CYr = (_Ta )0 = T(ar)o {5.35)

The primary contribution to CYr is from the vertical tail, although in some
cases the wing contribution may be of some significance. Contributions from
the horizontal tail and the fuselage are small and have been neglected in
this work., The yawing motion leads to an asymmetrical jet-wing vortex wake
which can induce additional forces and moments on the tail and fuselage, but
for the small rates of yaw admissible in linear theory neglecting the wake
distortion should not be an unreasonable assumption. However, it has yet to
be determined whether this interaction is important for jet-wing high 1ift
systems,

Datcom offers no method to calculate wing Cyr. Hence, the program
result is all that is available, printed as Cy(?) and expressed in the form

C (?) = (Cy +Cy. a+C az) &
Y ’wing "o Ta Yry2
(5.36)

+(CYPS + CYri a + C\lrzzaz) 72
o

in free air or in ground effect. Although equation (5.36) appears foreboding,
in most circumstances many of the terms are negligible and a simpler relation
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remains. Since the wing contribution is typically small compared to that of
the tail, it is probably necessary to consider only the Cyr term in
equation (5.36). The vertical tail contribution te CYr 1soca1cu1ated by

. s : . -
the program in stability derivative form “Yyltait:

Cy,. 1is of little importance in conventional aircraft lateral dynamics
and is usually neglected.

5.2.2.2 Rolling Moment Due to Rate of Yaw (Clr)

The derivative expressing the change in rolling moment due to rate of
vaw r 1is defined as

3, 21 BC1
CIY' = (—B'F')O = T(-"é'r)o (5.3?)

and is also referred to as an aerodynamic cross derivative, as was Cp_ . The
primary contributions to Clr are from the wing and the vertical tail., Con-
tributions from the horizontal tail and the fuselage are small and have been

neglected in this work.

The wing contribution to Clr is calculated using the computer program

in conjunction with some methods presented in Datcom (Section 7.1.3.2).
Expressed in the form Cy(r), the wing Clr can be calculated from

Cl(?)lwing = [tlro + Clra u] P+ E%E-Cy(9)*- @Clrr) £ (5.38a)

for the free air case, and as

P = 2} 4
Cl(r‘) wing I:(Clro + CIY‘G o + Clrazct) r
+(C12+C o+ C uz)?2]+zcm
re " trl r2 572 Y )
i (Aclr )r? (5.38b)

in ground effect. The terms within the square brackets are calculated directly
by the computer program for the jet-wing and indicate that Clr can be a
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function of both angle of attack and the rate of yaw, although, as for the pre-
viously discussed stability derivatives, most of the higher order terms are
negligible. The second term in each of equations (5.38) accounts for the roll-
ing moment due to CYr when the wing plane is displaced vertically from the
center of gravity, while the Tast term is intended to account for the dihedral
effect. In equations (5.38)

z is the vertical distance of the wing relative to the c.g., positive
for the wing above the c.qg.

Cy(R) s the side force due to yawing, from equation (5.36)

€y, s the increment in C, . due to dihedral, given in Datcom by
r
_ 1 wAR sin Ac/4 )
Aclrr = 77 RH cos 1 o/d (per radian?) (5.39)

Ac/4 is the quarter-chord sweep of the wing
T is the wing dihedral in radians,

The vertical tail contribution to Cir is calculated directly by the program
in the form of a stability derivative Clr\tai]'

Cy,. can be an important derivative in Tateral dynamic calculations,
particularly in the Dutch roll and spiral modes, as has been shown in figures
(4.5) and (4.6), although it is not considered to be a preliminary design
parameter,

5.2.2.3 Yawing Moment Due to Rate of Yaw (Cp,)

The derivative expressing the change in yawing moment due to rate of

aC oC
_ n _ 22U n
Cnr = (——F"B )o = F(_ar‘ )0 (5.40)

and is commonly referred to as the yaw damping derivative. The wing, vertical

yaw r 1is defined as

tail, and fuselage each contribute to C“r’ but the horizontal tail contri-
bution is relatively small and has been neglected here. The vertical contri-
bution is by far the most important, often contributing as much as 80 to 90
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per cent of the total C“r'

The wing contribution to Cﬂr is calculated using the potential flow
value for a jet-wing from the program in conjunction with the semi-empirical
methods from Datcom which account for asymmetrical changes in profile drag
due to the yawing motion, Expressed as Cp(f), the wing contribution can be
calculated from

Cn

+ (Cnr‘g + Cnrz o + Cnrzz)az 92] + (#)CDO? (5.41)
e o 0

where the terms within the square brackets are calculated directly by the
program, and in most cases the higher order terms are negligible. The second
term is to account for asymmetries in profile drag due to the yaw rate and is
based on a simplified approach which is a function of wing planform only.
These terms are defined as '

Cn
EBL is the low speed profile drag yaw damping parameter obtained
©  from figure (5.1) as a function of aspect ratio, sweep, and
c.g. position
CDO is the wing profile drag coefficient, obtained from Section 3.1.2.1,

The vertical tail contribution to C”r’ usually the most important term, is
calculated directly by the computer program in the form C"r tail® The fuse-
lage contribution is calculated by assuming a sidewash distribution on the
fuselage due to the yawing motion and is expressed in standard stability deri-
vative form Cnr fuselage.
In lateral dynamic stability analysis the yaw damping derivative is
particularly important since it is a primary contributor to the yaw damping
of the Dutch roll oscillatory mode, as shown in figure (4.5). It is also of
importance in the spiral mode. Large negative values of C"r are desirable
fur adequate damping characteristics. The yaw damping derivative can be an
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important parameter in sizing the vertical tail for proper Dutch rolil
characteristics.

5.2.3 The é Derivatives

In correspondence with the o derivatives discussed in Section 5.1.3
in conjunction with longitudinal dynamics, the & stability derivatives are
the only lateral stability derivatives which reguire consideration of unsteady
flow phenomena. They owe their existence to the fact that the flow field does
not adjust instantaneously to changes in sideslip g, but rather some finite
time is required for the pressures and induced flows to adjust to a new
equitibrium value. As are the & derivatives, the B derivatives are re-
ferred to as acceleration derivatives.

Calculation of the g derivatives can, in general, be done in a manner
analogous to the & derivatives, which implies that only the Tag in induced
flow at the tail can be considered. Hence, equation (5.20) is applicable,
except that it must be rewritten as

by

At = {5.42)
where &, 1is the vertical tail fength, and At is the lag time between a
change in conditions at the wing and change in sidewash at the tail. Hence,
letting o(t) denote the sidewash angle at the tail at any time correspond-
ing to a wing sideslip angle B(t-at), the change in tailplane sidewash can
be expressed as

Ag _ 80 3B _ 30 1
At 7 ap st Y 8 (6.43)
and with equation (5.42)
[}
- 90 = Ty

Calculation of the § derivatives, namely CYB’ Clé, and Cnés would

then proceed in a manner analogous to that used for the & derivatives. How-
ever the term %%— in equation (5.44) cannot be as simply determined as %%

in equation (5.22) because it requires running the computer program in its
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asymmetric mode at a number of sideslip angles (which is a lengthy and costly
process), and also fuselage effects, which are not included in the program
calculation of external flow fields, will be important. In general, %% is
determined experimentally. However, the g derivatives are not generally of
importance in lateral dynamic stability analysis and hence it is not considered

to be a serious matter that their analytical estimation is not possible.
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6.0 CONTROL DERIVATIVES

Changes in the aerodynamic forces and moments due to the actuation of
a control system can be expressed in terms of a set of non-dimensional control
derivatives. These derivatives are important both in static stability anal-
ysis and in the dynamic response characteristics of the airframe. In the
following sections methods are presented for calculating the appropriate
derivatives for elevator, rudder, aileron, and spoiler systems; but it is a
straightforward extension of these methods to apply them to a variety of
unusual control systems, such as flaperons and elevons.

The importance of some of the control derivatives discussed below in
stability analysis is likely to be increased for STOL aircraft because of the
large moments resulting from the deflected jet sheet or vectored jets which
must be trimmed out in steady flight by actuation of the control systems.
Hence, while some of these control derivatives are generally neglected for
conventional aircraft, it is recommended that for STOL configurations the
magnitude of each derivative be examined to ascertain if {ts omissfon in
stability and control analyses is justified.

In the following sections control derivatives for each of the conven-
tional control systems are discussed in detail, including methods for calcu-
lating each derivative and a discussion of the importance of each term. As
for the dynamic stability derivatives (Section 5.0), most of the prediction
methods presented herein are based on the theoretical methods developed in
Yolume I, implemented through use of the STOL Aerodynamic Methods Program,
described in Volume II. Semi-empirical methods have also been included,
where applicable, most notably to the analysis of spoilers,

Control rate derivatives (e.q. CLée) have not been included in this
report because they basically involve the dynamics of the control system as
well as the aerodynamics. Their analysis is beyond the scope of this work
in that unsteady aerodynamic theory is required, and since their analysis
for STOL aircraft is likely to be identical to that required for conventional
aircraft, existing methods can be employed. Nevertheless, for dynamic
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stability and control work with controls free, these derivatives are important,
and 1t is 1ikely that further work in their prediction is required. Datcom
offers no methods to calculate these derivatives.

6.1 Elevator Derivatives

The elevator is the primary longitudinal control system for conventional
wing-tail configurations such as those typical STOL transport aircraft, although
for tailless aircraft, such as slender delta wing configurations, elevons
{symmetrically deflected ailerons) or some similar device would be used for
longitudinal control. The elevator may be used in conjunction with an all-
movable horizontal tail, which effectively changes the incidence of the entire
tailplane, or there may be no elevator at all but just an all-movabie tail-
plane. In the following discussion both conventional elevators and all-movable
tails will be discussed, but extension to less common systems is a straight-
forward task.

A positive elevator deflection will be defined as down elevator, and
tailplane incidence will be defined in the same sense as angle of attack. The
control derivatives derived here are defined per degree of control deflection.

6.1.1 Lift Due to Elevator Deflection (CLse)

The derivative expressing the change in 1ift due to a change in elevator

angle is defined as 3¢

= _L 6.1
CLﬁe - ase ( )

where CL is total aircraft 1ift coefficient. CL5 is generally positive
since a positive elevator deflection leads to an 1ncrease in tailplane Tift.
Since deflection of the elevator can be regarded as an effective change in
tatlplane camber, CL6 will be nearly constant over a range of tailplane
incidences and elevator angles where the flow remains essentially attached,

but once separation occurs CL5 will become a function of both tailplane
incidence and elevator def]ect1on angle. Aeroelastic effects, primarily a
change in fuselage bending with elevator deflection, may require consideration
for highly flexible aircraft.
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Within the range of incidence for which the flow is essentially attached
CL& can be calculated by the computer program by defining the only horizontal
tai? camber as the elevator deflected downward one degree (or one radian if
CLSE per radian is desired). CLéP is not Tabelled explicitly in the program
output, but it is normally printed as the tail 1ift coefficient for the camber
case in the isolated tail analysis. In addition, for an all-movable horizontal
tail the derivative

= -
CL_iH = -H (6'2)

where iy 1{s the incidence of the horizontal tail in degrees, is simply the
tail 1ift curve slope, also printed in the isclated tail analysis. The deri-
vatives expressed by equations (6.1) and (6.2} will suffice for most stability
and control analyses since usually large tailplane incidences are not con-
sidered. However, if viscous and thickness corrections to CLse or CL1H

are required, the methods of section 3.1.1 can be implemented.

Although for conventional aircraft the change in 1ift due to elevator
deflection is often small and hence neglected, STOL aircraft are often
characterized by large wing pitching moments (primarily due to jet reaction)
and hence large tails and elevators for trim, so the 1ift changes associated
with elevator deflection can be significant.

6.1.2 Drag Due to Elevator Deflection (CDGE)

The derivative expressing the change in drag due to a change in elevator
angle is defined as 5C

]
CDGQ = s, (6.3)

and is a portion of the tail contribution to what is generally known as trim
drag. CDﬁe is always positive since an increase in elevator angle is always
accompanied by an increase in tail induced drag. Cnae can be calculated by
treating the elevator in the same manner as described in the previous section.
Hence, CDGe is the resulting induced drag in the camber case of the iscolated tail
analysis. However, since induced drag is a quadratic function of incidence,

the effects of other incidences (angle of attack, tail incidence, jet-wing
induced flow, etc.) cannot be separated, so the change in drag due to elevator
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deflection must actually be calculated as

C = ( - C 6.4
D|5e D|5e=6 D6e=g (6-4)
Viscous and thickness effects can be included using the methods of section

3.1.2.
Drag due to elevator deflection {trim drag) is an important quantity in
take-off and landing performance, and its importance may be increased due to

the large trim requirements of STOL aircraft.

6.1.3 Pitching Moment Due to Elevator Deflection (Cmse)

The derivative expressing the change in pitching moment due to a change
in elevator angle is defined as 5C
= M
Cm6e Y (6.5)
e
and is commonly referred to as the elevator effectiveness or elevator power.
Cmae is normally negative in sign. Since the primary function of the elevator
is to control angle of attack and hence flight speed, the effectiveness of the
elevator, Cmae, is of great importance in preliminary design.

Cmae can be calculated in essentially the same manner as CLse' defin-
ing the only horizontal tail camber as that of the elevator deflected one de~
gree, and taking Cmae directly from the isolated tail analysis segment of the
program output. In addition, for an all-movable horizontal tail the derivative

aC

- m
Cnyy, = 31y (6.6)

is simply the pitching moment curve slope of the horizontal tail. If thickness
and viscous corrections need be applied to equations (6.5) and (6.6}, the
methods of section 3.1.3 can be utilized.

6.2 Rudder Derivatives

The rudder is the primary yaw control system for conventional configu-
rations, although some degree of yaw control can be obtained from the ailerons.
Since a primary consideration in designing the vertical tail and rudder is
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engine-out operation, which can be critical for STOL aircraft because of high
thrust-to-weight ratios and the need for piacing engines outboard on the wing
(for blown flap configurations) to obtain the jet-flap effect over a signifi-
cant portion of the span, a large vertical tail and rudder will probably be
required. Multiply segmented rudders, which are already in use for conven-
tional aircraft, will undoubtedly be used on future STOL configurations.

In the following sections the side force, drag, rolling moment, and
yawing moment due to rudder deflection, expressed as non-dimensional control
derivatives, will be discussed. A positive rudder deflection is defined as
a deflection where the trailing edge of the rudder moves in the -y direction.
Rudder control derivatives have been derived per degree of rudder deflection.

6.2.1 Side Force Due to Rudder Deflection (Cyg,)

The derivative expressing the change in airplane side force due to a
change in rudder deflection is defined as
SCY
Cvsp = 35 (6.7)
r

This derivative {s generally positive. It can be calculated from the program
by defining the only vertical tail camber as that for one degree of rudder
deflection, and Cy,, 1s then the side force for the camber case of the iso-

lated tail analysis. CYsr is generally unimportant for lateral control
design.

6.2.2 Drag Due to Rudder Deflection (CDGr)

The derivative expressing the change in drag due to a change in rudder

deflection is defined as aCD

and is another portion of the tail contribution to trim drag, as was CDG .

Cgﬁr is always positive and can be calculated by treating the rudder in %he
same manner as in the previous section. CDdr can be important for takeoff

and landing performance in a cross-wind or in an engine-out condition,
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6.2.3 Rolling Moment Due to Rudder Deflection (Clar)

The derivative expressing the change in aircraft rolling moment due to
a change in rudder deflection is defined as
aC
Crgp = 5‘3‘1' (6.9)
r
Although the ailerons are intended for roll control, deflection of the rudder
does produce a rolling moment because of the position of the vertical tail
above the center of gravity and because of the anti-symmetrical Toad distribu-
tion induced on the horizontal tail by the vertical tail with deflected rudder.
The rolling moment due to these effects is calculated directly by the program
by defining the deflected rudder as in Section 6.2.1. The computer program
output prints explicitly the vertical tail rolling moment and the horizontal
tail rolling moment in the isolated tail analysis segment of the program.

Clar 1s generally not considered to be an important control derivative
for conventional aircraft, but the more powerful rudders required for STOL

alrcraft may make this derivative of greater importance.

6.2.4 Yawing Moment Due to Rudder Deflection (Cnar)

The derivative expressing the change in aircraft yawing moment due to

a change in rudder deflection is defined as
aCn

Cnﬁr = -é?r_ (6-10)

and 1s conmonly referred to as the rudder effectiveness or rudder power. Cj,
is always negative. The primary contribution to C"Gr is due to the side
force on the vertical tail, and this effect is calculated directly by the pro-
gram. In addition, the anti-symmetrical 1ift distribution induced on the
horizontal tail by the vertical tail results in an asymmetrical induced drag
distribution along the span of the horizontal tail and hence a yawing moment,
but this effect should be relatively small and has been neglected in this work,
Cn6 is calculated directly by the computer program in the isolated tail

8p

anaTysis sagment by defining the rudder as described in Section 6.2.1, and
it is printed as total vertical tail yawing moment for the camber case.
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Cnﬁr is an important design parameter in determining the lateral-
directional control characteristics of the aircraft. Such parameters as
directional control in crosswinds, engine-out flight, and counteracting ad-
verse yaw in rolling maneuvers must be considered in determining the rudder
power (C”Br) required,

6.3 Aileron Derivatives

Ailerons are the primary roll control system for conventional configu-
rations, although some degree of roll control is obtained from the rudder and
aerodynamic cross-coupling (1.e., rolling moment due to sideslip, CIB' the
dihedral effect). In addition, the ailerons also provide some degree of yaw
control, although the effect is often not desirable (adverse yaw due to
aileron deflection). For STOL aircraft the possibility of using blown ailerons
also exists, so boundary layer control and even jet-flap effects may need con-
sideration. The use of spoilers in conjunction with ailerons for roll control
1s discussed in Section 6.4.

In the following sections the side force, rolling moment, and yawing
moment due to aileron deflection, expressed as non-dimensional control deri-
vatives, will be discussed. The aileron deflection &; 1is defined as the
mean angular displacement of the ailerons, positive when the right aileron
movement is downward and the left aileron movement is upward. A1l aileron
derivatives are defined per degree of alleron deflection. Ailerons are the
only controls discussed thus far which are part of the wing, and hence their
analysis involves use of the EVD segment of STAMP. The flexibility of EVD
can thus be fully exploited for analysis of ailerons, but it must be remem-
bered that aileron deflection 1is inherently anti-symmetrical and the ensuing
computational requirements can be restrictive.

6.3.1 Side Force Due to Aileron Deflection (CYaa)

The derivative expressing the change in side force due to a change in

aileron deflection is defined as
aC
Y
C = — 6.11
Ys, ad, (6.11)
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Such a side force arises from the asymmetrical leading edge suction distribu-
tion cg(y) due to aileron deflection, and hence Cyg, Ts dependent on lead-
ing edge sweep and is zero for a wing with no leading edge sweep. CYGa can
be calculated by the computer program, but this requires that either an anti-
symmetric or asymmetric run be made. That is, the ailerons can be defined
either by running the EVD segment of STAMP in its anti-symmetric mode (see
Volume II) and defining the aileron on the right wing panel as if it were a
flap deflected one degree, treating this as a fundamental case; or by running
the program in its asymmetric mode and defining the ailerons by a fundamental
case with the right aileron down and the left aileron up. The former method
is more computationally expedient because it takes advantage of anti-symmetry,
but cross-product terms (which arise from the non-linear nature of leading
edge suction) which may involve wing camber, flap deflection, etc., will be
ignored. Hence some inaccuracies can arise. The latter method can include
all the cross-product terms through use of the composite case capability of
the program, but being asymmetric the computational task is increased enor-
mously. It is believed that for most cases of interest, however, the cross-
product terms will be negligible and the more efficient anti-symmetric mode
can be used. Running the program in this manner will yleld CYGa as the
side force for the aileron fundamental case. If the program is run in the
asymmetric mode, CYsa 1s calculated as the difference in Cy with ailerons
and without from the composite case output.

CYaa is usually quite small except for highly swept configurations,
and it is neglected in most conventional aircraft lateral-directional control

analysis.

6.3.2 Rolling Moment Due to Aileron Deflection (Clsa)

The derivative expressing the change in airplane rolling moment due to
a change in aileron deflection is defined as
aCy

clﬁa = 56_a (6.12)

and is commonly referred to as aileron effectiveness or aileron power.
According to the definition of aileron deflection used here, Claa will usually
be negative, or, in other words, a positive aileron deflection will produce a
negative rolling moment.
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Cig.  can be calculated in essentially the same manner as CYsa de-
scribed in the previous section, but since rolling moment is calculated from
sectional 11ft rather than sectional drag, there are no cross-product terms
and hence the anti-symmetric and asymmetric modes will yield exactly the same
result. In either case CIGa will be the rolling moment calculated for the
aileron fundamental case, If the ailerons are blown, incidentally, there will
be a jet reaction term for Claa' If Targe atleron deflections are anticipated,
it may be desirable to correct program results for viscous and thickness
effects. This can be done by calculating corrections to sectional ¢, by the
procedure of section 3.1.1.1, treating each aileron as a flap deflected 18,
and then integrating the resulting sectional 1ift correction acg as

h/?
ACy = -S—]-Ef yac,{y) dy (6.13)
-b/2

Such a correction would be required for each desired aileron deflection.

Clﬁa is the most important control derivative in lateral-directional
dynamics. Aileron effectiveness in conjunction with the roll damping deriva-
tive (Cy ) establishes the maximum rate of roll available, which 1s critical
in low speed flight in counteracting gust-induced rolling moments. For
fighter aircraft the maximum rate of roll is a direct measure of the aircraft
maneuverability.

6.3.3 Yawing Moment Due to Aileron Deflection (Cnda)

The derivative expressing the change in aircraft yawing moment due to a
change in aileron deflection is defined as
8C

_ n
Cng, * 55, (6.14)

and, if positive according to the sign definitions used here, is commonly
referred to as the adverse yaw coefficient due to ailerons. The sign of C"Ga
depends mainly on the rigging of the ailerons {e.g., plain ailerons, Frise
ailerons, etc.) and the angle of attack. The ailerons can be treated as dis-
cussed in section 6.3.1, and again cross-product terms will be lost if the
anti-symmetric mode is used since C"Ga depends on sectional induced drag.

In addition, viscous effects may be important in calculating Cn6 .
a
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especially for Frise-type ailerons (which are rigged such that the nose of

the upward deflected aileron protrudes below the wing lower surface to achieve
favorable yaw). Analysis of these effects cannot be handled by any simple
methods, and experimental data will most T1ikely be required. Since Cnﬁa is
a very important quantity in lateral-directional control dynamics, it is
recommended that further work be done to provide a reliable semi-empirical
technique to augment program calculated derivatives.

6.4 Spoiler Derivatives

Unlike the analyses presented in the previous sections for elevator,
rudder, and aileron derivatives, potential flow methods cannot be used as the
basis for estimating the aerodynamic derivatives for spoiler deflection.
Spoilers, as most appropriately indicated by their name, spoil the nearly
potential flow over the wing. They deliberately force flow separation for-
ward of the trailing edge, and hence even at small angles of attack the
assumptions of classical lifting surface theories do not apply. Treatment of
spoilers in the literature is, therefore, largely empirical. Much of this
empirical work is summarized in Datcom (section 6.2.1.1 for rolling moment
due to asymmetrical spoiler deflection, and section 6.2.2.1 for yawing moment
due to spoiler deflection), and some of that work will be discussed here.
However, the actual methods of Datcom will not be repeated here, and the
reader is referred to Datcom for the details of their implementation.

The bulk of the work done to date on spoiler analysis has been experi-
mental in nature. Attempts to systematize such empirical data have been made,
as can be found in several of the cited references in Datcom; but the lack of
generality of these data precludes its usefulness in analyzing arbitrary
spoilers with arbitrary wing planforms. In addition, it is the opinion of the
authors that the fundamental nature of the flow around a wing section with a
deflected spoiler, which is characterized by a region of fully separated flow
behind the spoiler, may be radically altered when a deflected jet is present.
For sufficiently strong jets at large deflection angles, it is possible that
the suction pressures prevalent near the jet may be strong enough to reattach
the flow, resulting in a bubble behind the spoiler which may increase the
effective airfoil camber. The authors know of no experimental eyidence to
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substantiate this phenomenon, and 1t is suggested that an experimental inves-
tigation of jet-wings with spoilers be made.

The methods presented in Datcom to handle asymmeirically deflected
spoilers involve applying three-dimensional corrections to sectional spoiler
data. The methods include some rather crude corrections to account for
sweep and taper of the spoiler, spanwise flow on the wing, and spoiler-siot
effects. However for the 1imited data correlations presented, the methods
seem to be reasonably adequate. The reader should recognize the 1imited
range of applicability of these methods and the total inapplicability of
these methods to jet-wings, however, and within the current state of the art
experimental data can provide the on;E reliable source gf spoiler effective-

2
ness., Spoiler derivatives, namely 53§b’ %%ﬂ-, and 33%5 for asymmetrically
aCy aCp by
deflected spoilers, and Toe, ' 3bsp’ and Tog for symmetrically deflected

spoilers, are not of great importance in stabi]igy analysis and are of
secondary importance in control analysis, and hence the lack of a reliable
method for their prediction is not considered to be of great importance,
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7.0 EMPIRICAL METHODS

7.1 Externally Blown Jet Flap

Estimation of the spreading and turning characteristics of externally
blown jet flaps has been a subject of extensive experimental investigation
for the past several years, and progress has been made in systematizing the
data so that certain fundamental characteristics of the jet can be estimated
with reasonable accuracy for configurations resembling those tested. However,
general methods, applicable to arbitrary EBF configurations, have not yet
been developed, and within the foreseeable future empirical methods are all
that will be available. The complex flow phenomena associated with a high
velocity jet impinging at an arbitrary skew angle to the lower {or upper)
surface of a finite wing are, at this time, beyond the current state-of-the-
art, although progress is being made in developing an analytical solution to
treat three-dimensional wing/jet interactions including jet distortion
influences (reference 20).

Application of the EVD jet-wing method to an externally blown flap con-
figuration depends on the recognition that the details of the jet impinge-
ment/spreading/turning process are relatively unimportant as far as the over-
all aerodynamic characteristics are concerned. Only the end result of this
process, the spanwise distribution of the momentum sheet at the trailing
edge, has any significant influence on the overall aerodynamic forces and
moments.

The jet impingement/spreading/turning involves the viscid/inviscid
interaction of the jet with the wing, and it is not currently possible to
determine analytically the details of this flow. The required information
must be derived experimentally. The usual approach is to first measure the
static turning performance of a particular configuration. This suppiies
the overall turning angle and thrust loss associated with the process. Next,
the shape of the spanwise distribution of trailing edge momentum is deter-
mined, either by measuring the spanwise momentum distribution or by estimating
the spanwise extent of the spread jet flow from the exit nozzle and assuming
some spanwise distribution based on available data. The measured overall
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static performance, applied over the assumed distribution, completely specifies
the information required for input into the EVD segment of the program. This
procedure assumes a correspondence between the static impingement/spreading/
turning process and that at forward speed, and experiment has shown that EBF
Jjet characteristics are nearly independent of forward speed.

Correlation studies have shown that the calculated resuits are not very
sensitive to differences in the distribution of trailing edge jet momentum
insofar as longitudinal aerodynamic characteristics are concerned, but depend
mostly on the overall performance of the jet in terms of the turning efficiency,
t, and the turning angle, v (u=6f+6J), measured statically. These quantities
are very convenient to measure on a wind tunnel model and are routinely deter-
mined in most EBF STOL model tests. However, wind tunnel model resuits are
seldom available for arbitrary configurations under study, making it necessary
to make estimates based on tests of similar configurations. Lateral-
directional aerodynamic characteristics, on the other hand, have been shown
to be very sensitive to the spanwise distribution of trailing edge jet momen-
tum, as was briefly mentioned in Section 3.2.2; hence, not only must +t and
v be experimentally determined, but so must cu(y) for calculating such
quantities as Cy, Gy, Cp.

In the following sections information based on experimental investi-
gations and correlation studies is presented to provide design personnel with
a rational approach in determining the characteristics of the impingement/
spreading/turning process for use in the EVD segment of STAMP.

7.1.1 Static EBF Performance

Recently an experimental program was canducted at the Douglas Aircraft
Company to measure the static turning characteristics of an EBF configuration
over a wide range of geometric parameters. The hope was that some systematic
basis could be laid for estimating EBF static performance, The model consisted
of a rectangular wing panel and a single jet nozzle, illustrated in figure (7.1).
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Figure (7.1). Illustration of Test Apparatus to Measure Static EBF
Performance

The flap deflection was constant across the span and the aspect ratio was
sufficiently high to contain all the jet flow after impingement. The forces
and moments were measured on the wing and nozzie separately and summed to
yield the overall turning efficiency, 1, and the turning angle, v. The
parametric quantities examined included flap deflection angle, flap chord,
wing sweep angle, jet nozzle size and shape, jet pressure ratio, nozzle
vertical and Tongitudinal position relative to the wing, and nozzle incidence
angle. Some of these geometric quantities are defined in figure (7.2).
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Figure (7.2). Geometric Arrangement of Static EBF Test Apparatus

In addition, limited examinations were conducted on the effects of a simulated
fuselage, flap brackets, flap slot fairings, flap gap, and flap vertical
position.

It should be obvious that any kind of systematic coverage of so many
parameters must involve massive quantities of data, which is the case in this
instance. Analysis of the data is still in progress, but it seems obvious
that many of the observed trends cannot be satisfactorily generalized because
of the great complexity of the flow situation. Nevertheless, some significant
findings are evident which may usefully summarize the process. These are
presented here.

At a particular flap angle, the most significant geometric parameter
is the vertical displacement between the wing lower surface and the nozzle
centerline. Figure (7.3) shows the static turning angle and turning effici-
ency as a function of vertical displacement non-dimensionalized by wing chord,
az/c, for a typical configuration. Three curves are shown for different
nozzle incidence angles, &y. Because of the geometry of the pivot arrange-
ment, the Tongitudinal positions, Ax/c, were slightly different for each
incidence angle, but this parameter has been shown to have negligible effect
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on the results. Data at two different nozzle pressure ratios (PTJ/Pa) are
presented in this figure that correspond approximately to takeoff and landing
values, showing little effect of pressure ratio.

The principle trend of the data over the range of Az/c is to show a
steady reduction in turning angle and increase in turning efficiency as the
vertical displacement is increased. The maximum value of turning angle occurs
close to the wing at a point where the turning efficiency varies slowly with
az/c, so that an optimum vertical position is usually evident. At large dis-
placements the turning angle and efficiency obviously must approach the nozzle
incidence angle and unity, respectively.

It is clear that the variation of flap effectiveness at large displace-
ments must be strongly correlated with the intersection of the jet extended
centerline with the flap trailing edge. In fact, some more-or-less successful
correlations have been made of the turning angle, v, as a function of
distance between the jet extended centerline and the flap trailing edge when
this distance is iess than the jet radius. However, the losses associated
with this turning, expressed as the turning efficiency 1, show much less
systematic behaviour, which makes a complete correlation more difficult.
Efforts to develop a complete correlation of these data are continuing and will
be the subject of a future Douglas Aircraft Company report.

More important than this problem, however, is the description of the
flap effectiveness trends near the optimum nozzle location, since any viable
STOL aircraft design would no doubt be operating near that point. In this
case, the data clearly show that the distance between the flap trailing edge
and the extended jet centerline has 1ittle correlation with the flap effective-
ness. The optimum Tocation is usually so close to the wing that the jet shape
and trajectory is appreciably distorted before the trailing edge is reached.

As a first step in empirically describing the overall static flap
effectiveness, the quantities t and v at the optimum nozzle location were
examined over the range of flap angles and other geometric parameters tested.
Figure (7.4) shows the customary polar presentation of the data. Two nozzle
incidence angles are shown and the open symbols denote a single slot flap
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Figure (7.4)}. Polar Presentation of Static EBF Performance Data
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configuration while the solid symbols denote a two segment flap. Inspection
of this figure suggests that the data for the various combinations of flap
angle, nozzle incidence angle, and flap configuration show an envelope of
maximum performance that approximates a circular arc through the point v = 0,
v = 1.0, with the center of the circle on the axis v = 90°. Such a circular
arc can be specified with one quantity, and this has been taken to be the
intercept of the arc with the axis v = 90°. This quantity has been called
the circular intercept (CI). Thus, two variables, v and v, can be
described with the single quantity, CI. The significance of this quantity can
be appreciated by recognizing that increases in turning angle or turning
efficiency can easily be achieved by changing the flap angle in the appropriate
direction, but that t+ and v are coupled together such that CI is approxi-
mately constant. Any significant improvement in + o6r v requires that

CI increase in value.

Having established the concept of the circular intercept, CI, it is now
possible to present some limited data which can be used to estimate the turning
effectiveness of various flap/nozzle arrangements. Such data are presented
in figure (7.5), where CI and v/8¢ are plotted as a function of the flap
deflection angle. Although these data do not cover a complete matrix of the
pertinent variables, there is enough coverage to make them useful for esti-
mating the static turning performance of an EBF configuration. The procedure
to follow in use of these data is to select the plot which most closely
resembles the case of interest in terms of wing sweep, nozzle diameter, and
flap chord ratio, and determine CI and v as a function of flap deflection
§f. Then a polar plot similar to figure (7.4) can be drawn to determine 1.
The center of the circle to be drawn is located on the v = 90° axis, located
at

F; CcI)2 - 1

= 7.1

which can be verified by simple analytic geometry. The center of the circle
is always at a negative value of FE' By this procedure an envelope of <

and v values can be estimated so Ihat the turning effectiveness over a range
of flap angles can be estimated. It must be emphasized, however, that the
data of figure (7.5) are for optimum vertical positions (az/c) of the nozzle
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as determined from the experimental program described hereih, but as yet no
systematic means of determining this position has been found.

7.1.2 Jet Spreading

In the preceeding section the turning effectiveness of nozzle/flap com-
binations has been discussed, and empirical methods based on extensive experi=-
mental programs have been presented. The problem of jet spreading, however,
is even more difficult to treat, and to date little in the way of analytical
or empirical methods has been developed. . Solution of the problem, which is
simply to determine the spanwise distribution of trailing edge jet momentum
¢,(y), requires that the flow details of the impingement/spreading/turning
process be known. Such a flow solution, which involves the viscid/inviscid
interaction of the jet impinging on the wing/flap system, is clearly beyond
the current state-of-the-art. The discussion here will be concerned primarily
with experimentally determined spanwise momentum distributions and means of
postulating such distributions for arbitrary nozzle/flap geometries.

In conjunction with static and forward speed EBF experimental programs
conducted at the Douglas Aircraft Company, a limited number of jet momentum
distributions have been measured using a 3-D hot film anemometer probe. Some
of these data are presented in figure (7.6) for a complete EBF model. The
curves in this figure correspond to power settings representative of total jet
momentum coefficients CJ used in EBF forward speed tests. The general shape
of these curves indicates that the greatest concentration of jet momentum is
directly behind the engines, as would be expected, but considerable spreading
of the jet is also indicated.

Data of the type presented in figure (7.6) are ideal for use in the pro-
gram, but this type of information is rarely available, particularly in the
preliminary design phase. Hence, there is a necessity to be able to postulate
the spreading and distribution of the jet. The postulated spreading and
momentum distribution suggested here are quite crude, but fortunately the
Tongitudinal aerodynamic characteristics have been shown to be rather insensi-
tive to the jet distribution. However, the lateral aerodynamic characteristics,
particularly Cy and Cy, are strongly dependent on c,(y), and more adequate
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means of determining the momentum distribution will be required for them.

A procedure for estimating the jet momentum distribution for an EBF
configuration is illustrated in figure (7.7). This procedure is based on
experimental data similar to those presented in figure (7.6) and is intended
to approximately predict the momentum distribution of an arbitrary configu-
ration. A trapezoidal momentum distribution is assumed for each engine, with
culy) constant across the face of each engine and decreasing linearly to
zero on either side.of the engine. The spanwise width of these trapezoids
has been found to be primarily a function of the flap deflection, which is a
measure of how much of the jet impinges on the wing lower surface. For the
limited data available at this time, it can be said that for a 30 degree flap
deflection each jet spreads approximately one jet diameter beyond each edge
of the jet, while for a 60 degree flap deflection the spreading is approxi-
mately two jet diameters. For the inboard engine where the spreading region
extends into the fuselage, the trapezoidal shape must be suitably modified.
The magnitude of cu(y) is, of course, constrained by the requirement that

b/2

¢y = 3 c(y) culy) dy (7.2)
-b/2 |

where CJ js the total jet momentum coefficient. To actually calculate the
momentum distribution for an arbitrary EBF configuration, it is recommended
that first the blown region be defined, as in figures (7.7a) and (7.7c). Then
the cu-distribution for each engine can be determined. Consider the inboard
engine for the configuration in figure (7.7). The blown region extends from
point a' to point d. This region can be divided into three segments: the
first extending from point a (inside the fuselage) to point b; the second
from point b to point ¢ across the face of the engine; and the third from
point ¢ to point d. Defining CJInboard as the total momentum1coefficient
of the inboard engine (which for a four engine airplane would be E‘CJ)’ and
using the constraint implied by equation (7.2), the spanwise momentum distri-
bution associated with this engine can be shown to be

Cupax (YY)
culy) = = 7= Yar € ¥ 5y, (7.3a)
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euly) = Cupay Yyt ¥y, (7.3b)

CHnax (yd-y)

culy) = Yo, Ye

(7.3c)

A
e
A
e
O

where

N
_ Inboard
“Umax K +K,7K, (7.3d)

and

1{ ¢ 175
= a 2,2y _ _
Ky = g‘{m 7 (Yp-¥ar) = ¥, (% ya.)]

+ (;-——E:;:)-Q [vlr(yé-ygu) - ¥ (yp-y2)) + yg(yb-ya.)” (7.3e)

~
]
il

%t%‘(cc+cb)(yc“yb)} (7.3f)

%'}%'Cc(yd'yc) *

-~
w
1]

(cy-ce)
ﬁﬁp[%(y}yg) - %ycyd(yd-yc)] } (7.3g)

where S is the reference area and ¢ is the local wing chord at spanwise
station y. For the outboard engine these equations can similarly be derived
by replacing a, a', b, ¢, d by e, e, f, g, h, respectively. Hence, a
spanwise momentum distribution associated with each engine can be calculated
in this manner, and the total sectional momentum coefficient cu(y) can

then be calculated by summing the contribution from each engine, as illustrated
in figures (7.7b) and (7.7d). Graphical evaluation of the c,-distribution as
illustrated in figure(7.7) is adequate, although the value of Chmax must be
determined from equation (7.3). These assumed distributions can be smoothed
such that they more realistically represent distributions 1ike those in
figures (7.6).
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What has been provided in this section is no more than a preliminary
empirical method to estimate the spanwise distribution of jet momentum for
typical EBF configurations, The authors expect that, as more experimental
data is obtained and reduced, more sophisticated empirical methods will be
developed. In addition, efforts to solve the jet impingement/spreading/turn-
ing problem analytically will undoubtedly provide further capabilities in the
future.
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8.0 METHODS APPLICATIONS

The aerodynamic and stability and control prediction methods developed
in this work have been applied to a number of complete STOL aircraft configu-
rations for which experimental data is available in order to assess the
validity of the methods and to demonstrate their applicability to practical
STOL aircraft configurations., The configurations selected for presentation
were tested by Convair Aerospace Division of General Dynamics Corporation in
the AFFDL STOL Tactical Aircraft Investigation (STAI}. This test program used a
common basic aircraft configuration to test each of the STOL concepts under
consideration in this report:

o Internally ducted jet flap, blown over a flap (IBF).

® [Lxternally blown jet flap (EBF}.

¢ Mechanical flap with vectored thrust (MF/VT).
These configurations have been analyzed using the STOL Aerodynamic Methods
Program (STAMP), and the results of the computer generated aerodynamic data
have been modified using the engineering methods presented in this volume.
In the following sections each of the configurations is defined; preparation
of the geometry for input to STAMP is discussed; application of the engineering
methods to the computer data is presented; and the final results are compared
with the available experimental data.

Some general comments concerning the availability and applicability of
the Convair STAI data to this work must be made. It was originally intended
that experimental data from the STAI would be used to improve the empirical
methods presented in this volume., However, these data were not received by the
Douglas Aircraft Company until Tate in the term of this contract, and hence
the time constraint allowed for only direct comparisons to be made. Although
the experimental data was received late, a preliminary test report (reference
26) was available, and the original STAMP computer runs were based on the con-
figurations described therein. It has since been learned, however, that
discrepancies exist between the model geometric details in reference 26 and
those presented in the final wind tunnel data report, reference 27. Most
notably in disagreement was the wing root chord which was listed as 12.05
inches in reference 26 and as 12.89 inches in reference 27. Since the former
value was used in all computer runs, ah error in wing area of approximately
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five percent exists in all data presented herein. Another discrepancy involves
double-sTotted flap geometry. Reference 26 refers to flap- F32 while refer-
ence 27 refers to flap F23, yet no apparent difference has been found between
these flaps.

Throughout the analysis some basic assumptions have been made which may
not be obvious but which may be of some importance., As discussed in Section
2.0 of this volume, when Fowler flaps are considered, the composite case Capa-
bility of STAMP can be used to evaluate several flap deflections only by
choosing a mean planform representative of the mean flap extension. Otherwise,
a new planform must be input for each flap angle., In the analyses presented
here, the composite case feature has been used since it demonstrates the nor-
mal program usage; but the discrepancies due to Fowler flaps, especially for
the EBF and MF/VT, must be remembered. Additionally, changes in flap turning
efficiency with flap deflection cannot be treated using the composite case
feature of STAMP, so instead a mean value of 1 must be used. This results
in a small discrepancy between experiment and the analysis for the trailing
edge CJ. This effect is important only for the EBF, and the actual trailing
edge CJ values have been listed to emphasize the discrepancy.

Finally, the authors have considerable concern over some of the techniques
employed in the wind tunnel tests presented in references 26 and 27, particu-
larly in regard to wall corrections, sting interference, wake blockage, and
ground effects. Rather than discuss testing techniques here,'however, these
matters are fully discussed in later sections which compare experiment and
predictions.

8.1 STOL Aircraft Employing Internally Ducted Jet Flap

An internally ducted jet flap system in which the jet is blown over the
knee of a plain trailing edge flap was employed in the first phase of these
comparisons. Such a high 1ift system is often referred to as an internally
blown flap (IBF).

8.1.1 Configuration Description

The basic aircraft configuration is illustrated in figure (8.1). The
model is typical of a four-engine, high wing, T-tail, subsonic STOL transport
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with a front-loading cargo fuselage. The basic wing geometric characteristics
are Tisted in table (8.1).

Table (8.1). IBF Wing Geometric Characteristics

Aspect Ratio 8.0
Taper Ratio 0.334
1/4-Chord Sweep 25°
Span (in) 68.82
Area (in?) 592.0
Dihedral -3.5°
Incidence, root 3.5°
Chord, root Ein} 12.05

tip (in 4.33

MAC (in) 9,33
Airfoil, root NACA 64A314

tip NACA 64A410

Twist, root 0.0:

tip -4.%

MAC -1.1

The wing is equipped with a full span plain flap with flap-chord ratio
and chord extension as Tisted in table (8.2).

Table {8.2). Plain Flap Geometric Characteristics

ﬁf(deg) ’ Cf/C c'/C
15 .255 1.013
30 .269 1.027
45 .285 1.043
60 .303 1.061

Since the wing is mounted high on the fuselage, the inboard edge of the flap
actually extends inboard of the fuselage edge. However, for the purposes of
analyzing such a geometry, the flap will be assumed to end at the outboard
edge of the fuselage. Blowing over the flap was accomplished with a full
span slot at the knee of the flap.

147



This wing is also equipped with a full span Teading edge flap with a
chord 15 percent of the local wing chord and a chord extension of 14.5 percent,

The empennage is a T-tail type. The primary geometric characteristics
are listed in table (8.3).

Table (8.3) Empennage Geometric Characteristics

Horizontal Vertical
Aspect Ratio 4.50 0.95
Taper Ratio 0.40 0.65
1/4-Chord Sweep| 25° 45°
Span {in} 24.394 11.811
Area (in2) 132.19 146.88
MAC (in) 5.753 12.619

8.1.2 Geometry Preparation for Computer Analysis

In accordance with the geometry preparation procedures of Section 4.2
of Volume II, the wing planform is first defined by graphically extending the
chord to account for flap and leading edge device deflections, as illustrated
in figure (8.2). Note that a mean chord extension, calculated from the data
in table (8.2), has been chosen. The inboard 16 percent semi-span is retained
in its unextended form to account for the fuselage. Since the flap, leading
edge flap, and jet are full span, the only regions where large spanwise load-
ing gradients can be expected are near the wing tip and at the edge of the
fuselage. Using this fact, the spanwise divisions are then selected based on
the spacing guidelines presented in Volume II [see figure (8.2)]. Centerline
locations of each section are most easily determined by choosing the edge of
each section first and then calculating the centerline values. For this case,
NROWS = 13 and the values of Y to be input are ,985, .945, .885, .80, .675,
.525, .375, .27, .215, .175, .145, .095, .03.

Division of each section in a chordwise sense is simplified by the fact
that the first ten (outboard) sections have identical chordwise geometry,
while the three inboard sections represent the fuselage cut out and require
only simple definition. The basic chordwise geometry is that of a NACA 64A-
series airfoil, with an a = 1.0 mean line, which has infinite camber at both
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the leading and trailing edges. Hence camber can only be approximated for
input to the computer program. In addition, there are two hinges in each
section. From table (8.2) the average flap-chord extension is found to be
3.8 percent of the unextended chord, the leading edge extension is 14.5 per-
cent of the unextended chord, and the extended chord c¢' is therefore

c' = (1.0 + 0,038 + 0.145)c = 1.183c¢

The leading edge flap hinge is Tocated at the unextended leading edge, while
the trailing edge flap hinge is located at 72.2 percent of the unextended
chord. Therefore, the flap hinge 1ines, in terms of the extended chord, are
located at

%. = %f%%% = 0.12 (leading edge flap hinge)
X =215+ 0.08 * 0.7 - 0.76 (trailing edge flap hinge)

The location of the hinges could also have been determined graphically.

Figure (8.3) summarizes the various details of the chordwise geometry, includ-
ing the a = 1.0 camber 1ine, flap hinges, and the chosen chordwise spacing
distribution. In addition, the spacing distribution for the three inboard
sections is shown. The chosen divisions have 13 elements per section for the
ten outboard sections and 9 per section for the three inboard sections, for a
total of 157 elements on the semispan wing. In addition, the spacing on the
jet sheet is also shown in figure {8.3) and has 6 elements per jet row for a
total of 60 elements on the semispan jet. The semispan jet-wing configuration
is defined by 217 EVD elements, and the symmetry option of the program will be
utilized.

The wing is fully defined as in figures (8.2) and (8.3). The planform
is input to the computer program in two trapezoidal sections using leading
and trailing edge coordinates obtained graphically from figure (8.2) and
tabulated below:

YeL XLEAD XTRAIL
0.985 17.72 22,37
0.175 1.72 14,28
0.145 2.72 13.56
0.03 0.585 12.35
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This wing has been defined using five fundamental cases:

1. Angle of attack case.

2. Wing twist plus wing camber case,

3. Leading edge flap hinge case.

4, Trailing edge flap hinge case.

5. Jet deflection case,
The first case is defined by the program. Wing twist is plotted in figure (8.4),
and camber has already been defined in figure (8.3). The leading edge hinge
is defined for the first ten outboard wing rows at x/c = 0.12. The funda-
mental case deflection angle is input as one degree. Similarly, the trailing
edge flap hinge is defined at x/c = 0.76 with a one degree deflection. A
jet deflection fundamental case is required since the IBF jet turning differs
from the flap deflection. Figure (8.5) indicates that the jet turning angle
is approximately 10 degrees greater than the flap angle over the range of flap
deflections considered. The jet turning fundamental case is defined as a uniform
one degree deflection over the full span of the jet.

To evaluate the desired IBF configurations, four composite cases are
required. Each case includes camber and twist (1.0 x CASE 2), leading edge
flap deflection (55.0 x CASE 3), and a jet deflection of ten degrees (10.0 x
CASE 5). Flap deflections of 60, 45, 30, and 15 degrees (60.0, 45.0, 30.0,
15.0 x CASE 4) are required for each composite case, respectively.

Calculation of jet strength input data for this IBF configuration is
not difficult since the sectional jet momentum coefficient c“(y) is constant
across the span. In this case the span of blowing is 0.16 b/2 s y s 1.0 b/2,
and the sectional momentum coefficient can be calculated from

Cu = C'Je% T

where Sp is the blown wing area [see figure (3.7)] and 1 is the turning
efficiency of the flap. From figure (8.2) it can be determined graphically
that Sg/S = 0.84172. The turning efficiency was measured statically and is
plotted in figure (8.5). The mean value of 1 over the range of flap deflec-
tions considered is 0.83. Hence the following table of gross engine thrust
coefficient CJ versus trailing edge sectional thrust coefficient c, can

be calculated:
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CJe ‘y
0 0
0.5 0.493
1.0 0.986
2.0 1.972
3.0 2.958
4.0 3.944

Empennage geometry is input using the geometric data in table (8.3).
The apex-to-apex distances can be measured from figure (8.1) to be HL = 43,77,
HH = 11.81, VL = 29.89, VH = 0.0. Since both panels of the horizontal tail
must be input, 12 spanwise rows are required, while on the vertical tail only
6 rows are required. The centeriines of the chosen divisions are tabulated
below:

YH = 0.975, 0.85, 0.65, 0.45, 0.25, 0.075, -0,075, -0.25, -0.45, -0.65,
-0.85, -0.975
YV = 0.975, 0.85, 0.65, 0.45, 0.25, 0.075

The unusual fuselage geometry for this configuration, shown in figure

. (8.1), requires that the arbitrary cross-section input option be used for
fuselage definition. Cross-sections for the forward portion of the fuselage
with the upper deck have been assumed to be formed by two intersecting circles
[see figure (8.6a)], while cross-sections for the remainder of the fuselage
have been assumed to be e]]fptical. The fuselage has been divided into 37
streamwise segments based on the spacing guidelines presented in Section 4.2.3
of Volume II. Upsweep of the afterbody has been defined using the fuselage
section vertical displacement input option. Figure (8.6) summarizes the fuse-
lage geometry definition process. Details of the sectional geometric input
are not presented because of the large amount of data involved, but the equiva-
lent fuselage radius distribution and area distribution as calculated by the
computer program are presented as a summary. These two quantities are a good
check on the validity of the fuselage geometry input.

In addition to wing, jet sheet, empennage, and fuselage geometries, some
basic parameters and control flags must be defined. The reference moment
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center (XMC) and center of gravity (XCG) are defined at the quarter~mean
aerodynamic chord, which is x = 8.775, The mean thickness-chord of the wing

is 9.47 percent.

NROWS = 13
NCASES = 5
ISYMM = 0
IPRINT = 0
JETFLG = 0
IGTYPE = 1
IHINGE = 0
IDERIV = 1
IGRND = 0
IFFLD = ]
NPOINT = 0
NROWH = 12
ICAMH = 0
NROWV = 6
ICAMY = 0
NSEG = 37
ISECT = 1
ICAMF = 1

The following control flag inputs are required:

Thirteen spanwise rows on the right wing panel
Five fundamental cases, including the internally
generated alpha case

Configuration is symmetric

Normal print option

There is a jet sheet

Wing planform is completely arbitrary

(i.e., not trapezoidal}

No special Hinge EVD's

Dynamic stability derivatives desired

No ground effect

Jet-wing loading will be punched on cards for
later use

No off-body flow fields desired

Twelve horizontal tail spanwise rows

No horizontal tail camber

Six vertical tail spanwise rows

No vertical tail camber

Thirty-seven fuselage segments

Arbitrary fuselage cross-sections

There is fuselage centerline camber

The computer run parameter estimates were 30 minutes of IBM/370 CPU time, 30
minutes of 1/0 time, 50,000 Tines of print, and 4,000 punched output cards.

8.1.3 Interpretation of Computer Data

This section presents the computer generated aerodynamic data for the
IBF configuration and demonstrates the application of the engineering methods
presented in this volume thus leading to the complete aerodynamic analysis.
Both predicted aerodynamic parameters and experimental results are presented
here, but a discussion of the comparison between the predictions and experi-
ment is presented in Section (8.1.4).

The actual STAMP computer analysis for this IBF configuration was run
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on the McDonnell Douglas IBM 370/165 computer system and required 17.9 minutes
of CPU time. Application of the engineering methods to these data is presented
below:

Lift: IBF 1ift curves are plotted in Figure (8.7) for gross engine thrust
coefficients (g, of 0.0, 0.5, 1.0, and 2.0. The solid curves represent
corrected jet-wing plus fuselage 1ift. Tailplane 1ift is not included here.

Jet-wing 1ift has been corrected for viscous and thickness effects, for
power-on cases, using equation (3.13), with Sp measured graphically to be
499,29 inZ:

' 499,29
CL. = [1.0 + 0.8 ( ) (0. 196)] CL
r 592.0 Tlevp EVD

Both CLr and CLF are corrected in this manner, and then CLJ and

CLJ are added respect1ve1y, to yield the corrected jet-wing ]1ft curves.
o

= 1.072 ¢,

For the power-off case, sectional 1ift (c;) rust first be corrected.
For Cg. s using equation (3.3), it is found from figure (3.2a) that ¥K; = 1.1.
For the 64A-series airfoil STE = 14.1 degrees, and the Reynolds number is
computed as

R o= Ut _ Uz _ (100 ft/sec}(0.78 ft

2 u v . x 10-4ft /sec
where & = MAC = 0.78 ft and U = 100 ft/sec is a typical speed for the STOL
phase of flight. Hence from figure (3.2b) Ko = 0.7 and equation (3.3) yields

= 5,0 x 10°

= (1.05)(1.1)(0.7) CEaIEVD = 0.81 Cg“lEVD

For ¢, equation (3.6) for plain flaps is used. With cg/c = 0.24 and
t/c = 0.106, figure (3.3a) gives Kg = 1.07, figure (3.3b) gives K4 = 0.67,
and from figure (3.3c)

0.97 15°

_ Jo.65 - J30°

K5 0.54 for &¢ 150

(.48 60°

Therefore, from equation (3.6)

0.702 ' 15°
= . 10,470 _ 2 30°
Coo = KKeRsCapl o T 00391 %ol O OF T )as0
0.347 60°

Strictly, the sectional c£a and c:,,“O values calculated above should be
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integrated along the span of the wing using equation (3.12), but since the
correction applies over nearly the full span of the wing, these corrections
have been applied directly to total wing quantities.

Fuselage cross-flow drag 1ift is calculated using equation (3.21). In
figure (8.6b), the equivalent fuselage radius distribution is plotted, and
the maximum radius is found to be 0.17 b/2. Hence the fineness ratioc is

2 70.65 in
= = 6,03
- [ ] *
Ermax 20.17)(38. 37 in)

From figure {3.10a) Munk's apparent mass factor RM is found to be 0.83.
From figure (8.6c), Q%&il first reaches its maximum negative value at 85
percent of the fuselage length (i.e., x;/2), and from figure (3.10b)

Xo/% = 0.82. At this fuselage station r = 0.115 b/2 = 3,96 and, therefore,
Ag = 49.2. The integral in equation (3.21) must be evaluated using a finite
summation technique. From figure (3.10), cq. = 1.2 and n = 0.64, and the

X
integral is evaluated from E%? = ,99 to E%? = 1.37. Compute “/}(x)dx as:

X r_ AX
b/2 b/2 B/2
1.053 . .097 .073
1.126 ~  .083 .073
1.192 - .068 059
1.242 054 .043
1.279 043 . 029
1.308 .032 . .029
1.337 .019 .029
1.361 .006 .020

5737, Lr(x)ax = 0223

The divisions used here are the same as those used in the fuselage analysis
portion of STAMP. Evaluating equation {3.21),

- 2(0.83)(49.Zl_a + 2(0.64)(1.2)(0,0223)(34.41)° o2
F (57.3)(592.0) (57.3)2(592.0)

CL

1]

0024 + ,000021 o2 (a in degrees)
It should be noted that the fuselage cross-flow drag 1ift is quite small,
being only 0.06 at o = 20 degrees,
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The corrected 1ift data presénted in figure (8.7) includes corrected
jet-wing 1ift and fuselage 1ift.

Tailplane 1ift data is not presented, although the isolated analysis
yielded

C
L”H Isol

0.0153

C

m 0.0648
“H Isol

However, installed tailplane 1ift has been used to calculate mean tailplane
downwash using equation (3.20), and these data are presented in figure (8.8).
The gradient of tailplane downwash, g§3 which is a quantity of primary
importance in stability analyses, is simply the slope of the ¢ versus «
curves in figure (8.8). It should be noted that tailplane downwash as plotted
in figure (8.8) is based on 1ift curves which are corrected only by a simple
thickness factor. For blown cases this should be acceptably accurate, but

for the unblown cases where the corrected 1ift (i.e., CL) is considerably dif-
ferent from the 1ift predicted directly by EVD, it may be desirable to ratic e

by the ratio (CL)AﬁL EVD)'

Drag: IBF drag polars are plotted in figure (8.9) for gross engine thrust
coefficients CJe of 0.0, 0.5, 1.0, and 2.0. The solid curves are total
jet-wing plus fuselage drag. Since most of the pertinent wind tunnel data
was taken tail-off, empennage drag is not presented.

Induced drag calculated by the computer program has been corrected
for thickness and viscous effects using equation (3.27), while profile drag
(form and friction drag) has been calculated entirely using the methods of
Section 3.1.2.1. Beginning with CDO profile’ it has already been computed
that Ry = 5.0 x 10°, and assuming an aerodynamically smooth surface,
Tigure (3.11) gives Ce = 0.005. The profile drag is calculated from
equation (3.24) as follows: Since (t/c)max for a NACA 64A-series airfoil
is located at x/c > 0.3, L =1.2. From figure (3.14) it is found that
Rig = 1.07. Flap incremental profile drag for the blown case is assumed to
be zero because of the boundary layer control effect of the jet-sheet, but for

the unblown case it is obtained from Figure (3.15a) to be the following:
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Sf ACdﬂap

15° 0.014
30° 0.055
45° 0.112
60° 0.18

From figure (3.16),
Ky = Kb(l.O) - Kb(0.16) = 1,0-0.21 = 0.79
Hence the profile drag coefficient is calculated from equation (3.14):

Co, = {(0.005) [1 + 1.2(0.106) + 100(0.106)5](1_07)}938:3

profile

+0.79 (Acdﬂap)

= in2
where Swet 998.5 in<. Therefore,

Blown cases: 0.010647

Cp
owlprof11e

Unblown cases: C
Dowlprofile - £0'02]7O1l [|5°J
0.054098 _J30°
0.009128( for &f =450
0.152848 60°

Application of equation (3.27) to induced drag data calculated by the
computer program to correct for viscous and thickness effects is a straight-
forward task, although somewhat tedicus because of the large number of cases

considered here, A sample set of these calculations is presented below.
has been found that evaluating CD,i at specific angles of attack is the

most expedient means of applying equgtion (3.27). The following sampie calcu-

lations are for the Cy.= 0.5 case.
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'772\
] CD_i

CL aCp,

s¢ | of © C Che | 2 Cn.
deg)|@eqt " YD | Cleyp | Piolevp | 2% lewp | 307 lgyp Piw
15 | of1.565 | 1.4579 | 1.073 | o0.11924| o0.01184 lo0.0003629 l0.1279
15 | 10| 2.595 | 2.4127 | 1.076 y u I 0.2977
15 {20 |3.625 | 3.3675 | 1.076 n u m 0.5512
30 | ol2.429 | 2.2637| 1.073 | 0.29366 | 0.01849 0.0003629 [0.3151
30 |103.459 | 3.2185| 1.075 ! : “ 0. 5564
30 |20|4 489 | 2.1733| 1.076 " : " 0.8819
85 1 o0l3.204 | 3.0695 | 1.073 | 0.58621 | 0.02515 [0.0003629 |0.5861
a5 | 10]a.32a | 2.02a3 | 1.074 a " X 0. 8986
a5 |20 |5.354 | 4.9791 | 1.075 . u u 1.2957
60 | o]a.159 | 3.875 | 1.073 | o0.8758 | 0.0318 [0.0003629 |0.9397
60 |10 |5.180 | 4.830 | 1.074 g : z 1.3240
60 |201]6.219 | 5.785 | 1.075 ! : . 1.7929

Similar calculations have been made for each jet momentum coefficient.

Fuselage drag is calculated from equations (3.28) and (3.29). The
fuselage Reynolds number based on its Tength & = 70.65 in = 5.89 ft is

(100 ft/sec)(5.89 ft) _ 3 75 , 106

Ry 1.56 x 10~%ft2/sec

Figure {3.11) gives c¢ = 0.0035. The fuselage fineness ratio has already
been calculated to be 6.03, and the wetted area is calculated from

Syet ° 2nfr(x)dx = 2m3r(x)ax

where r(x) is the equivalent fuselage radius distribution plotted in
figure (8.6b). This integral is easily evaluated using a finite summation
approximation to be § = 2038.7 in%, There is no base area for this

wet
fuselage, and hence equation (3.28) is evaluated as

oo = 0-0035 [1 ¢ I?TTT?FT + 0.0025 (6. 03)] 2038.7 _ 4 0156

For the 1ift dependent fuselage drag, the values of the terms in equation {3.29)
are the same as used for the fuselage 1ift computations, and hence

Cpg(a) = 2(0.83)(49.2) o , 2(0.64)(1.2)(0.0285)(34. 0% s
(7. 3)2(592 0) (57.3)% (592.0)

= 4.2x1075a2 + 4,7x1077 o3

163



Total wing-body drag is calculated using equation (3.30), where RHB
is found from figure (3.17) to be 1.07. For these IBF tests the engines were
not operating (even though the trailing edge C; was non-zero), so ram drag
is taken to be ram drag for Cj, = 0, which was measured to be 0.05.

The total jet-wing-fuselage drag is then calculated using equation (3.36)
and is plotted in figure (8.9).

Pitching Moment: IBF pitching moment is plotted in figure (8.10) for gross
engine thrust coefficients Cde of 0.0, 0.5, 1.0, and 2.0. The solid curves
represent predicted jet-wing plus fuselage pitching moment. Tailplane pitch-
ing moments have been calculated but are not presented here because most of
the wind tunnel data is for tail-off configurations.

For power on cases the total wing pitching moment is corrected for
thickness and viscous effects directly using equation (3.48): '
499,29
= 11.0 + 0.8 ( : )(0.106) Cn = 1.072 Cy
[ 592.0 Tlevo Tlevo
Both Cp,  and CmF are corrected in this manner, and then CmJ and CmT
are added’to the corrected Cmyp values.

CmF

For power off case, the sectional pitching moment (cp} must first be
corrected. For Cm,, > using equation (3.40}, it is found from figure (3.18)
that for $1g = 14,1 degrees and t/c =0.106,K = 1,00. The ratio of corrected
to EVD 1ift curve slope was previously calculated to be 0.925, and hence

cmy = (1.00)(0.925) ¢y, = 0.925¢y

EVD EVD

For cp,, equation (3.43) for plain flaps is used, and as discussed in
Section 3.1.3.1 this correction is applied to the composite sectional Clig -
K 1is taken from figure (3.19a) with c¢/c = 0.24 and the corrected Cpp 1S
tabulated below:

8f (deg) K Cmo
15 0.78 -0.424
30 0.62 -0.496
45 0.48 -0.507
60 0.37 -0.487
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In a strict sense the sectional pitching moment, as for 1ift, should be inte-
grated along the wing span, using equations (3.46) and (3.47). However, since
the correction applies over nearly the full span of the wing, these corrections
have been applied directly to total wing quantities. It should be noted that
all pitching moment data presented here are based on a moment center at the
quarter-mean aerodynamic chord point.

The fuselage contribution to pitching moment calculated by the computer
program has been modified using equation (3.53b). The correction to account
for non-potential flow effects on the after-body, ACmF, is calculated by
iumming the sectional Cmp values calculated by the computer program from
5%? = 0,99 to B?? = 1.37. The correction to account for viscous cross-flow
is evaluated in a manner similar to that used for fuselage 1ift, Compute

Jreert e as:

X Xme™ X nx r
b72 b/2 b7Z b/Z
1.053 -0.798 073 L0987
1.126 -0.871 .973 .083
1.192 -0,937 .059 068
1.242 ~0.987 .043 .054
1.279 -1.024 .029 043
1.308 ~1.0563 .029 .032
1.337 -1.082 .029 .019
1.361 -1.106 .020 .006

m}-er(x)(xmg- X)AX = -,0200

Hence evaluating equation {3.53b),

- 2(0.64)(1.2)(-.0200)(34.41°)
o () coppected = Cnp(e) = aCng(a) + HpiiimEl ool *

= Cme(a) = 8Cme(a) - 0.000069 o

Values of CmF(u) are taken directly from the computer program output.

An additional contribution to pitching moment comes from the ram drag.
Referring to the sketch below, the ram drag pitching moment, CmR,
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INLET AZ

_—i];::;;ﬂ}- 1
Qe
C |

Dr
€ I AX ‘*1
for each engine is calculated from

Cmp = ( T C€0s op - = sin uE) CDRE

where Cpg_ 1is the ram drag for each engine. From figure (8.1), the engine
locations Eave been measured to be

Inboard Qutboard

£ .0.483 -0.516

- 0.848 0.498
Since there are four engines on this model, the final expression obtained for
CmR is

Co = 2C0p, (-0.999 cos ag + 1.346 sin aE)

The predicted pitching moment data presented in figure (8.10} include
corrected jet-wing pitching moment, corrected fuselage pitching moment, and
the ram drag pitching moment (with CDR = 0.05 in a1l cases).

Dynamic Stability Derivatives: Although there is no experimental data for com-
parison, a complete set of dynamic stability derivatives have been generated
for this IBF configuration. These data are presented below, including appli-
cation of the engineering methods of Section 5.0 where appropriate.

CLu: The CLu derivative is calculated from equations (5.6) and (5.7) for
the circulation component and from equation (5.5) for the reaction component.
The %% term is evaluated by choosing a CJO, letting

CJO - 0.1

CJI
CJZ CJO + 0.1
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and then calculating by equation (5.7)

A _
T -

\/CJO

/Cyo + 0.7 = Vg - 0.1

This quantity is plotted in figure (8.11a). The ACLP term-is evaluated
by plotting CLr and CLr versus Cj, as in figure (8.11b), and then
graphically detgrmining ¢

G, = CL(CJO - 0.1)

Cp = CL(CJO + 0.1)

Small differences in C_ must be resolved from figure (8.11b}, so care must
be taken in constructing such a plot. The values for C_,  calculated for
the IBF configuration are tabulated below: u

Table (8.4). IBF CLU Stability Derivatives

G, BCLFO 50
ay o

6g = 159] 6¢ = 30°| op = 45°| sp = 60c|  OU

0.5 | 0.020 ! 0,050 0.062 0.064 | 0.0007
1.0 | 0.004 0.005 0.005 0.005 | 0.0001
2.0 | 0.002 0.003 0.003 0.003 | 0.0007

The jet reaction portion of the term, CLJ » 1s simply calculated from
equation (5.5) and is not tabulated here.

Cp,: The speed damping derivative is calculated from equations (5.10)and (5.11)
using & procedure jdentical to that described above for CLU' Cp versus G,
is plotted in figure {8.12) for o = 10 degrees, and the calculated values
of Cp, are tabulated below:
Table (8.5.) 1IBF Cp, Stability Derivatives

5
CJe u

6¢ = 19| of = 300 | o6s = 45| of = 600
0.5 | 0.016 | 0.02 0.038 0.058
1.0 | o0.006| o.012 0.016 0.020
2.0 | 0.002] 0.004 0.007 0.009
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These data include both reaction and circulation components of Cp,» and
hence equation (5.70) is not needed.

Cmu: The aerodynamic portion of Cmu, tail off, was calculated in a manner
similar to CL, and CDu. Cm versus Cj for the various flap angles at

a = 10 degrees is plotted in figure (8.13), and the calculated values of Cmu
are tabulated below. Note that because of the non-linearity of the predicted
Cp and Cp curves, it is easier to evaluate the CDu and Cmu der%gﬁgives

—— and

SELsome specific angle of attack whereas CLu can be treated using o
o

au -’

Table (8.6). IBF Cmu_Stabi1ity Derivatives

3Gy
Cde au

&¢ = 15° 8¢ = 3p° 8¢ = 45° §f = 60°
0.5 | -0.026 | -0.040 -0.052 -0.060
1.0 | -0.008 | -0.012 -0.017 -0,021
2.0 | -0.0025| -0.0055 -0.0055 | -0.0095

q Derivatives: The pitching rate derivatives are calculated directly Ly the
the computer program for the jet-wing, empennage, and fuselage. Within the
and Cmq are independent of o and q.

context of Tinearized theory, C|
They are tabulated below:

q

Table (8.7). IBF Pitching Rate Stability Derivatives

C
‘L Mg
Jet-Hing
0 5.528 -2.473

0.5 6.311 -2.835
C‘Je

1.0 6.649 -2.984

2.0 7.052 -3.160
Empennage 7.947 -33.644
Fuselage - -5.105
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The fuselage contribution to CLq could, conceivably, be calculated using a
cross-flow drag technique as was used for the steady-state fuselage lift.
However, it should be negligibly small and has not been computed here,

a Derivatives: Methods presented in this volume to calculate the & stabi-
lity derivatives consider only the lag in downwash at the horizontal tail.
CL& and Cm& are calculated from equations (5.24) and (5.26), respectively.
In terms of model scale, &, = 43.77 inches, T = 9.33 inches, Cp,, = 0.0155
(isolated), and Cma = 0.0657 (isolated). With gﬁ- determined graphically
from the STAMP predictions of figure (8.8), the following table of & stabi-
lity derivatives can be computed:

Table (8.8). IBF & Stability Derivatives

c { & de CL, Cons
Je (deg) da Le M
0 15 0.49 4,083 |-16.408
30 0.51 4.250 [-18.014
45 0.55 4,583 |-19.427
_ 60 0.56 4,666 |-19.780

0.5 15 | 0.46 | 3.833 |-16.228
30 0.40 3.333 [-14.124
45 0.40 3.333 |-14.129
60 0.40 3.333 [-14.129

1.0 15 | 0.40 | 3.333 {-14.729
30 0.42 3.500 [-14.835
45 0.46 3.833 [-16.248
60 0.46 3.833 |[-16.248

o0 | 15 | 0.39 | 3.250 |-13.776
30 0.43 3.583 |[-15.188
45 0.47 3.917 }-16.601

0.48

4.000 |-16.955

p Derivatives: The rolling rate derivatives are calculated using output
directly from STAMP along with several empirical terms presented in Section
5.2.1. The roll damping derivative, C,_, 1is calculated from equations (5.3a)
and (5.32), with dihedral T = -3.5° and z = 1.04 inches {distance of root
chord above moment center, model scale). Hence equation (5.32) is evaluated as

K = [1 + 2(3-}1—:—2'.:‘-) sin(-3.5°)+3(—£f2-?—)2 sin2 (-3.50)] = 0.996

Applying equation {5.31a) to the computer program calculated Clp for the

jet-wing, the following table can be formed:
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Table (8.9). IBF Clp Stability Derivatives

Clp
Jet-Hing
0 -0.492
CJe 0.5 -0.522
1.0 ~0.535
2.0 -0,551

Horizontal Tailf -0.0276

Vertical Tail -0.0103

Fuselage -

Although the yawing moment due to rate of roll, Cnp, is not expressed
in the form of a stability derivative [equation (5.34)], the second order term,
Cnpz- is identically zero for symmetric configurations. Hence, there is only
an alpha-variation to consider, For the various IBF configurations run, the
Cnpo and Cy . terms are presented in table (8.10) below, as well as the
empennage contribution to Cnp.
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Table (8.10). IBF Cnp and Cyp Stability Derivatives

C C C C
"o, "py Yoo Yo,
Win C 8
I Je wégﬁ
0 15 =0.111 -0.130 -0,285 0.230
30 «0.172 -0.060 -0.181 0.115
45 ~-0.234 -0.026 -0.077 0.057
60 -0.296 -0.009 0.027 0.029
0.5 15 -0,130 -0.138 -0.261 0.244
30 -0.206 -0,065 -0.131 0.122
45 -0.281 -0.028 -0.002 0.061
60 ~0.357 -(.009 0.127 0.030
1.0 15 -0.142 ~-0.143 -0.246 0.251
30 -0.225 -0.066 -0.104 0,125
45 -0.308 -0.029 0,038 0.063
60 -0.391 -0,010 0.180 0.031
2.0 15 -0.158 -0,148 -0.226 0.260
30 -0.250 -0.069 -0.068 0.7130
45 -0, 342 -0.030 0.089 0.065
60 -0.434 -0.010 0.247 0.033
Vertical Tail 0.160 - -0.046 -

It is apparent from these data that neglecting the angle of attack variation
is not permissible since the Cnp term is often the same order as the C
term, Hence, for this configurat?on, use of the Tinearized equations of
motion should be questioned. Note also that the predicted sign of Cp(p)
is indicative of an undamped Dutch roll mode,

Npo

Also tabulated above are the STAMP predictions for the side force due
to rate of roll. To these values must be added an increment for dihedral,

calculated by equation (5.29):

(ACYP)P [3 sin (-3.50.)(1 . 2(%) sin (-3.5()))]((:1p Cr =

L
0.090 0
0.095 _J0.5
0.182(01,); - o 10:007(or o * {1.0}

¢, =0 0100 2.0

Again it should be noted that the Cy term is of a similar order to the
Cy term and hence must be considered in a dynamic stability analysis.
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r Derivatives: The yawing rate derivatives are calculated by the methods

presented in Section 5,2.2 using derivatives calculated directly by the STAMP
computer program in conjunction with several empirical terms. The side force
due to rate of yaw for the jet-wing is calculated directly by STAMP in the

form of equation {5.36), but since the configuration considered here is sym-
metric, all rZ-dependent derivatives are identically zero. However, the
r-dependent portion of Cy(r) is a function of angle of attack, and the data
generated by the computer program indicate that these terms cannot be neglected.
The vertical tail contribution to CYr is several orders of magnitude greater
than the wing contribution, however, as indicated in table (8.11).

The rolling moment due to yawing is calculated from equation {5.38a).
The first two terms which are calculated by the computer program, are tabu-
lated in table (8.11), and it is apparent that the Cy. term is negligible.
The remaining terms in equation (5.38a) are calculated geWow:

. - 111;%#% 4 1 EL&JlUEﬂILEEﬁb
Cl(r)lwing = Iblro + Clrau P+ ‘ Cy(F)f + (T?) § 0+ Tcosos”

:
N A
[Llro + Clra _P + 0.030 Cy(#)# + 0.076 7
where clr ., Ci. s and Cy(F)} can all be determined from table (8.11),
0 o

The yaw damping derivative for the jet-wing is calculated using
equation (5.41). The quantities within the square brackets are presented
in table {8.11). The additional term, which accounts for asymmetries 1in
CDO, is found from figure (5.1) to be

-0.4 ¢p, P

where CUo is the wing profile drag coefficient, tabulated earlier in this
section, This additional term is, therefore:

-0.00426 1 Blown cases
f—o.ooasa p 158

:g’ggégg g for ¢ = Zgo Unblown cases
1-0.05114 ?s 60°

Control Derivatives: Elevator and rudder control derivatives have heen
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calculated for the empennage configuration employed in these tests by using
the STAMP computer program for the empennage alone. This was done so that a
more detailed tail loading could be obtained than was obtained in the complete
airplane computer runs. In the complete runs the tail was defined by a mini-
mal number of elements to minimize computation time,.

The horizontal tail was equipped with a full span plain elevator with
a chord ¢g = 0.35 cyy. Treating the elevator as a plain flap deflected one
degree, as discussed in Section 6.1, the following derivatives have been
calculated:

CLg, = 0.0112
Cng, = 0.0486
Cog, = 0.0003

These derjvatives are based on wing reference area and chord, airplane moment
center, and are per degree of elevator deflection. The horizontal tail inci-
dence derivatives, which express changes in aerodynamic parameters with a change
in tailplane incidence, are identical to the tailplane a-derivatives:

. = ¢ 0.0155
iy Loy

Cng, = Cn

-0.0658
°H

The vertical tail was equipped with a full span rudder of chord c,. = 0.25cy.
Treating the rudder as discussed in Section 6.2, the following control deri-

vatives have been computed:

Cys, = 0.0038

Cnsr = -0.0140

Cog,, = 0.0003

Clar =( 0.000665 (Vertical Tail)
-0.000478 (Horizontal Tail)

It will be noted that the rudder deflection induces an asymmetrical loading on
the horizontal tail, and hence there are two contributions to C15 The
vertical tail pg-derivatives are
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0.0068

]

Cy,
Cy

8 -0.0228

Ground Effect: A simplified version of the IBF configuration has been used to
predict the influence of ground proximity on the static aerodynamic character-
istics. Only the jet-wing portion of the configuration was used in the STAMP
computer program analysis for ground effect since only incremental 1ift, drag,
and pitching moment data were desired. Input to the computer program for the
jet-wing differs from the free-air case only in that the control flag IGRND=1
and ground heights must be input. Two mean ground heights were used, h = 13.76
and 20.65 inches, which correspond to h = 0.4 b/2 and h = 0.6 b/2, respectively.
The first ground height is representative of "wheels on the ground" case and

is the most severe condition,

Predicted incremental aerodynamic characteristics due to ground proximity
have been calculated by taking uncorrected STAMP data for free air and ground
effect runs to calculate ACL, ACm, and aCp, and dividing these increments
by corrected free air predictions to obtain percentage ground effect influence.
Inherent in this procedure is the assumption that ground proximity influences
only the potential flow aspects of the problem and neglects any viscous flow
changes due to ground effect. Predictions of ground effect for 1ift, drag,
and pitching moment are presented in figures (8.14), (8.15), and {8.16),
respectively.

8.1.4 Comparison with Experiment (IBF)

Comparisons between the predictions of the methods developed in this
report and wind tunnel test data for the IBF configuration have been presented
in figures (8.7), (8.8), (8.9), and (8.10) for 1ift, tailplane downwash, drag,
and pitching moment, respectively. In addition, comparisons have also been
presented for the IBF in ground effect in figures (8.14), (8.15}, and (8.16),
In this section these comparisons are discussed to assess the validity of the
present prediction methods and to ascertain where further work is required.

It should be reiterated here that, as discussed in Section 8.0, certain dis-
crepancies must be expected due to assumptions made concerning mean flap
extension and mean jet turning efficiencies. Fortunately, for the IBF neither
of these effects is expected to be important.
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IBF LIFT IN GROUND EFFECT
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{BF DRAG IN GROUND EFFECT
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IBF PITCHING MOMENT IN GROUND EFFECT
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Prior to discussing the comparisons of data, a few comments concerning
the Convair STOL Tactical Aircraft Investigation Wind Tunnel program will be
made. The 5,69-foot span IBF model was tested in the 8- by 12-foot test
section of the General Dynamics Low Speed Wind Tunnel. The model was mounted
on a single 5-inch diameter sting which entered the model in the upswept fuse-
lage afterbody. Standard jet-flapped wing wind tunnel wall corrections, dis-
cussed in references (21, 22, and 23), were applied by Convair. It is suggested
by Anscombe and Williams (reference 22} that the model/tunnel size relationship
should be such that tunnel interference correction, Ac«, be Tess than two
degrees, This correction, based on a simpie 1ifting 1ine representation of
the wing, is expressed as

_ 57,3 .S
Ao = T;Y_C__jéccl-
nAR
For a tunnel height-to-width of 2:3, reference 21 gives & = 0.11. The wing
reference area S = 4.11 ft2, the tunnel cross-sectional area is C = 96 ft2,

and AR = 8.0, Hence

(0.27C, 0
0.26C_ 0.5
da = Yozsc { for Qe =Y
0.23C, 2.0
Therefore allowable maximum values of C to meet the Ao < 2 degrees criterion
are
7.42 0
7.70 0.5
‘L = )soof ot Qe - }1.0
8.70 2.0

Most of the test data falls within this somewhat arbitrary limit.

Wake blockage and solid blockage, which combine to increase the effective
tunnel dynamic pressure, are quite difficult to estimate. Reference 23 sug-
gests that q be corrected as follows:

Aiocked = a(1 * 2¢)

1 (Model frontal area)
(Test section area)

where ¢ =
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However it is difficult to estimate the model frontal area since the deflected
jet sheet also acts to block partially the tunnel freestream., Reference 22
contends that blockage effects at very high 1ift coefficients are not signi-
ficant. Reference 29, on the other hand, states that for jet-flapped wings
wake blockage effects are very important but that Tittle is known concerning
their estimation. It is uncertain whether Convair actually applied wake block-
age corrections, but based on their list of references it is Tikely that they
did not.

Although it appears that the tunnel wall constraints are at an acceptable
level, there are several other matters which deserve consideration. The large
sting support system used in these tests can interfere significantly with the
model flow field, particularly in the vicinity of the fuselage afterbody. Since
no tares were taken, the magnitude of these interferences is unknown. An
exploratory analytical investigation based on slender body methods shows that
a 30 percent underprediction in nose-up pitching moment due to the fuselage
can be made if the presence of the sting is ignored. The remainder of the
model support system and air supply feed system, located several feet down-
stream of the model, may also interfere with the model flow field and may also
add to tunnel blockage corrections. Again aerodynamic tares would have been
valuable to assess these interferences.

In conclusion, with the exception of unresclved aerodynamic inter-
ferences, the test conditions provided an adequate means of measuring the
necessary aerodynamic parameters. For the purposes of the following data
comparisons, it must be assumed that special problems, such as air supply
bridging and wind tunnel flow angularity, had been properly handled by the
wind tunnel test contractor.

The following paragraphs discuss comparisons made between the experi-
mental data and the predictions of the methods developed in this work.

Lift: Figure (8.7} indicates that generally excellent agreement with experi-
ment is obtained for the predicted 1ift curves, both in slope (CLa) and in
Tevel (CLO). The good agreement obtained for the unblown case (CJe = 0)
confirms the validity of the empirical curves presented in figure (3.2} for
plain flaps., These empirical curves seem to account properly for severe
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separations characteristic of highly deflected plain flaps. It should be
mentioned that the predicted 1ift level taken directly from the EVD portion

of STAMP for the unblown case at 8¢ = 60 degrees, for example, was CLo = 2,90,
Since the experimental CLO = 1.00, it is obvious that, for the unblown case,
the empirical corrections are vitally important.

Agreement for the blown cases is also quite good, and the small vari-
ations shown can be partially attributed to variations in the flap turning
efficiency t with flap deflection [figure (8.5)]. A strange experimental
result, however, is the severe break in the sf = 60° Tift curves for each
of the CJe plots. This may be due to impingement of the highly deflected
jet sheet on the tunnel floor, although there is no experimental verification
of such an occurrence.

Tailplane Downwash: The comparisons presented in figure (8.8) indicate gen-
erally good agreement for 'gi, the parameter of primary importance for stabil-
ity analyses, except for the unblown case. The agreement for e, 18 generally
within three degrees, which can affect tail sizing and tailplane incidence
limits. The poor agreement obtained for the unblown case is not surprising

in 1ight of the discussion of flow fields in Volume I, since the location

of the vortex wake for a conventional wing is not constrained by a dynamic
boundary condition as is the jet sheet. Although the present method for
locating the trailing vorticity is approximate, it has been shown to work

in many cases. The failure here is, most 1ikely, due to the extreme trailing

edge flow separation characteristics of plain flaps. For the unblown case,

€ and %& predictions can be improved by multiplying the predicted values

by (CL/CLEVD) .

Drag: IBF drag comparisons are presented in figure (8.9). Llooking first at
the CJe = 0.5 plot, excellent agreement between experiment and the predic-
tions are indicated for all flap deflection angles. Fairly good agreement is
also obtained for the CJe = 1.0 runs, except for the highest flap deflection.
The experimental data shows virtually no shift in the drag polars between the
45 and 60 degree flap deflections. This unusual trend is even further exagger-
ated for the cJe = 2.0 curves, where it can be seen that the drag polar for
60 degrees flap deflection is actually at a Tower Tevel than the 45 degree
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polar. Such behavior is contrary to expectations. However, based on the
observations made from the 1ift data, where a severe break in the 8¢ = 60°
1ift curve which was attributed to impingement of the jet sheet on the tunnel
floor was noted, the unusual drag trends can be explained. It appears that
for the higher jet momentums and deflection angles tested there was inadequate
clearance with the tunnel walls, so the data are actually as if the model were
in ground effect.

Looking now at the unblown case drag comparison, good agreement is
obtained for the 15 and 30 degree flap deflection angles, but the drag has
been over-predicted for the 45 and 60 degree flap deflections. Since 1ift
has been properly predicted for this case, failure to predict drag accurately
indicates a poor prediction of the profile drag due to flap deflection. Al-
though this may be indicative of inadequate empirical data in figure {3.15a)
for plain flap profile drag, another possibility is that the leading edge
blowing used in this configuration provided enough boundary layer control to
alter the flow separation characteristic of plain trailing edge flaps.

Drag for this IBF has been predicted with reasonable accuracy, parti-
cularly when it is considered that drag is a relatively unimportant aerodynamic
parameter for stability and control analyses.

Pitching Moment: IBF pitching moment comparisons are presented in figure (8.10}.
The pitching moments are referenced about the quarter mean aerodynamic chord
point of the wing. For the unblown case, the agreement between experiment

and prediction is good, both for Cmo and Cmu. For the blown cases, how-

ever, the predicted Cmo is more nose down than is shown by the experimental

data, but there is good agreement for Cma, the pitching moment curve slope.
The discrepancies in Cmo shown in figure (8.10) can, in part, be attributed
to the fuselage. The jet-wing alone Cmo predicted by the EVD portion of
STAMP was in better agreement with experiment than the final prediction, but
its Cma prediction was poor, generally being of the wrong sign. Inclusion
of the modified slender body solution fuselage pitching moment, including jet-
wing interference effects, yielded a good estimate of Cma but caused an
unfavorable shift in Cmo. Fuselage Cma depends primarily on the body fine-
ness ratio and not on the specific body geometric details, so an accurate
estimate of Cmu is expected. However, Cmo is strongly dependent on body
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upsweep, cross-section, etc.; and since the fuselage used in the Convair STAI
tests was of complex design, the relatively simple fuselage methods in STAMP
cannot be expected to predict CmoIFuse1age well. 1In addition, the empirical
afterbody separation methods presented in Section 3.7.1.4 can only be expected
to qualitatively predict Cmo‘

There are additional factors which can also be contributing to the Crg
discrepancy. First is interference from the sting/support system. It was
mentioned earlier that such interferences could alter the fuselage Cmo by
as much as 30 percent (nose up). Second is the close proximity of the jet
sheet to the tunnel floor, which has been discussed earlier. Finally, vari-
ations in the spanwise distribution of jet momentum from that postulated, due

to variations in the trailing edge blowing slot geometry from design, can
alter the jet reaction pitching moment,

Ground Effect: Comparisons of the effect of ground proximity on 1ift, drag,
and pitching moment are presented in figures (8.14), (8.15), and (8.16), These
plots present the percentage change of each aerodynamic parameter from its

corresponding free-air value in persent of the free-air value. The ground
height selected for this comparison, h = 0.40 b/2, 1is representative of the
height of the wing above the ground when the landing gear are on the ground.
Experimental data have been taken from Convair Test GDLST 612-3 for free-air
runs and from Convair Test GDLST 621 for ground effect runs.

The ground effect 1ift comparisons presented in figure (8.14) show only
qualitative agreement between experiment and the prediction methods. For the
unblown case, experiment shows a strong favorable ground effect of up to 15
percent, while the theoretical methods predict only 5 percent favorable ground
effect. Similar trends exist for the blown cases. Significant 1mp{ngement
of the jet sheet on the ground plane should be noted for the 60 degree deflec-
tion angle.

Similarly, figure (8.15) for drag indicates qualitative agreement only,
showing generally large decreases in drag experimentally and smaller predicted
drag reduction. Note that experiment shows nearly a 30 percent decrease in
drag for the 60 degree flap deflection case where jet impingement is evident.
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Finally, pitching moment in ground effect comparisons are presented in
figure (8.16) and again indicate qualitative agreement between experiment and
the prediction methods. For nearly all conditions tested, there is a decrease
in the nose down pitching moment,

Special consideration of wind tunnel wall effects for ground effect runs
must be made, particularly in light of the poor agreement obtained. Reference
28 indicates that reference 30 was used to modify &, the wall correction
factor, for ground effect runs. The method presented in reference 30 is quite
simple in many respects, ignoring offset of the model from the tunnel center-
line, non-rectangular tunnel geometries, spanwise loading variations, etc. and
the 10 percent uncertainty in & that is mentioned in reference 30 may very
likely increase for jet-wings. Hence there is reason to believe that some of
the discrepancies shown in figures (8.14), (8.15), and (8.16) are due to wind
tunnel wall corrections, which can be on the same order as the ground effects
themselves,

8,2 STOL Aircraft Employing Externally Blown Jet Flap

An externally blown jet flap system in which the efflux of four pod-
mounted jet engines is directed to impinge on a large-chord double-slotted
flap system was employed in the second phase of these comparisons. The basic
EBF model tested was similar to the IBF model analyzed in Section 8.1, the
differences being primarily in the flap system, engine position, and of course
the means by which the jet-flap effect was achieved. The analysis presented
in the following sections is abbreviated to avoid repeating work presented
for the IBF analysis.

8.2.1 Configuration Description

The basic aircraft configuration is illustrated in figure (8.1). The
model is typical of a four-engine, high wing, T-tail, subsonic STOL transport
with a front-loading cargo fuselage., The basic wing geometric characteristics
are listed in table (8.1).
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The wing is equipped with a full span double-slotted flap with pertinent
flap geometric characteristics as listed in table (8.12).

Table (8.12). Double-Slotted Flap Geometric Characteristics

se(deg) | &/c | og,(deg) | Cpfe 8¢,(deg)
30 [0.274 | 16.5 | 0.329) 13.5
45 | o0.274 | 28.5 | 0.329] 16.5
60 |o0.274 | 28.5 | 0.329] 31.5

In addition, the wing is equipped with a full span leading edge flap with a
chord 15 percent of the local wing chord and a chord extension of 14.5 percent.
Empennage and fuselage geometric characteristics are identical to those de-
scribed in Section 8.1 for the IBF configuration.

8.2.2 Geometry Preparation for Computer Analysis

The wing planform is first defined by graphically extending the chord
to account for flap and leading edge device deflections. Although there is
a considerable amount of Fowler action involved in the double-slotted flap
motion, a mean flap-chord extension was used, to simplify the analysis, being
representative of the planform over the range of flap deflection angles to be
considered. ITlustrated in figure (8.17) is the procedure used to determine
a mean cf/c. First a sectional mean line is constructgd for each flap deflec-
tion, and then the flap segments are rotated about their assumed hinge points
back to the section chord 1ine. For the particular flap used in this test it
has been determined that the flap-chord extensions are approximately 34 and
38 percent of the local chord for deflection angles of 30 and 60 degrees
respectively.
define this planform, as illustrated in figure (8.18).

Hence a 36 percent mean flap-chord extension has been used to
The leading edge
device extension, 14.5 percent, is the same as used for the IBF configuration.
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UNEXTENDED EXTENDED

5 =60° TR%ILING TRAILING
EDGE EDGE
} —— (100%C) (134.5%C)

(3) (100%¢) (131.2%C)

CHORD ROTATION PROCEDURE
FOR FOWLER FLAPS:

ROTATE TRAILING EOGE ABOUT (1) TO ®@
THEN ROTATE (2) ABOUT (3) To (&)

Figure (8.17). EBF Flap Sectional Geometry and Illustration
of Chord Rotation Procedure for Fowler Flaps
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Note that the inboard 16 percent semi-span is retained in its unextended form
to account for the fuselage.

Unlike the IBF configuration where the only regions of expected large
spanwise loading gradients are near the wing tip and at the edge of the fuse-
lage break, for the EBF the blowing region is not full span, so another signi-
ficant spanwise loading gradient can be expected at the outboard edge of the
Jjet sheet, Hence postulated jet spreading characteristics, based on the
empirical methods of Section 7.1.2, must first be determined before an appro-
priate distribution of spanwise rows can be chosen.

Referring to the discussion of Section 7.1.2, it is said that a jet
spreading of 3 and 5 jet exit diameters for flap deflections of 30 and 60
degrees, respectively, has been observed experimentally. Therefore, for the
range of flap deflections of interest a reasonable mean jet spreading is 4
jet exit diameters. Since the exit duct of the jet engines is of diameter
0.08 b/2, the "trailing-edge plume" for each engine is 0,32 b/2, as shown is
figure (8.18). Referring to figure (7.7), the following parameters neces-
sary for the evaluation of equations (7.3) can be graphically determined:

Point E}? B?E
a 0.14 | 0,475
a' 0.16 | 0.470
b 0.26 0.435
¢ 0.34 0.407
d 0.46 0.365
e 0.36 0.400
f 0.48 0.357
g 0.56 0.330
h 0.68 0.285

Applying equations {7.3), it can be shown that

K1 = 0.05227
K2 = 0,06740
K3 = 0.04719
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Hence the maximum sectional momentum coefficients are
5.993 CJIInboard

C
H
maxilnboard

c 7.278 C
“max‘ol”;board |Outboard

EBF turning characteristics are presented in figure (8.19). Over the range of
flap deflections of interest the mean jet turning efficiency =t = 0.76. Also,
the mean jet turning angle v = §¢ = 10°, Based on these values, the engine
momentum coefficients (CJe), trailing edge jet momentum (Cg), trailing

edge jet momentum for each engine (Cj per engine), and maximum sectional jet

momentum coefficients (c and cy ) are tabulated below:
umax‘lnboard maxIOutboard

Table (8.14). EBF Jet Momentum Characteristics

C C Cjper |c c

Je J Eﬂg?ne umaxllnbd UmaxIOtbd
0 0 0 0 0

0.5 0.38 | 0.095 0.569 0.691

1.0 0.76 | 0.190 1.139 1.383

2.0 1.52 ] 0.380 2.277 2.765

Returning now to the spanwise division problem, it can now be inferred
from figure (8.18) that significant spanwise loading gradients will occur near
the wing tip, at the fuselage edge, and near the outboard edge of the jet sheet
at y = 0.68 b/2. The spanwise divisions are then selected based on the spacing
guidelines presented in Volume II. Referring to figure (8.18), 17 divisions
have been selected for this case and the centerline values of y to be input
are ,985, .945, ,885, .80, .73, .695, .665, .625, .565, .475, .37, .285, .22,
175, 145, 095, .03,

Now knowing the jet momentum characteristics from table (8.14) and the
spanwise divisions as listed above, values of the sectional jet momentum
coefficients to be input can be calculated using equations (7.3a), (7.3b),and
{7.3c). These values are tabulated below. It should be noted that the postu-
lated trapezoidal momentum distributions overlap on the y = 0.37 b/2 spanwise
row, and both the inboard engine and outboard engine cu-contributions to this
row are listed.
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Figure (8,19), EBF Flap Turning Effectiveness (Test GDLST 612-3)
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Figure (8.20). Postulated EBF Trailing Edge Momentum Distribution
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Table (8.15). EBF Sectional Jet Momentum Coefficients

o c,(y) culy) c,{y)
57 NOINE | for €y =0.5{ for Cy_=1.0 for C3,=2.0
0.665 | Outboard 0.086 0.172 0.344
0.625 0.317 0.634 1.265
0.565 0.663 1.326 2.652
0.475 0.663 1.326 2.652
0.370 0.057 0.114 0.228
0.370 “Inboard 0.427 0.854 1.708
0.285 0.569 1.139 2.277
0.220 0.379 0.758 1.516
0.175 0.166 0.332 0.664

The postulated sectional momentum distribution for CJe = 1.0 is presented
in figure (8.20)

Chordwise geometry is defined in a manner similar to that for the IBF
configuration. The fourteen outboard rows have identical chordwise geometry,
including a leading edge hinge and two trailing edge hinges; while the three
inboard rows represent the fuselage cutout and require only simple definition.
The basic chordwise geometry is that of a NACA 64A-series airfoil, with an
a = 1.0 camber 1ine, which is highly cambered at both the leading and trailing
edges. The leading edge flap hinge is located at the unextended leading edge.
The extended chord c' is

c' = (1.0 + 0.36 + 0.145)c = 1.505¢c
so the leading edge hinge is located at

. 145 . .
%. ='%T§55 = 0.096 (Teading edge flap hinge)

The trailing edge hinges are located at 75,8 percent and 103.8 percent of the
unextended chord for a mean deflection, or in terms of the extended chord

%ﬁ = 0'14$_;02'758 = 0.60 (trailing edge flap hinge 1)
X, = 0'14$.;0}'038 = 0.786 (trailing edge flap hinge 2)
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The chosen chordwise division fof the fourteen flapped rows required 14 ele-
ments per row, while the three inboard rows were divided into 9 elements per
section [figure (8.21)]. Jet sheet spacing is the same as was used for the
IBF. Hence the wing is defined by 223 EVD elements and the jet by 48 elements
for a total of 271 EVD elements.

The EBF wing planform is fully defined by figures (8.18) and {8.21). The
planform is input into the computer program in two trapezoidal sections using
leading and trailing edge coordinates obtained araphically from figure (8.18)
and tabulated below:

Y XLEAD XTRAIL
0.985 | 17.72 23.85
0.175 | 1.72 17.69
0.145 | 2.72 13.56
0.03 0.58 | 12.35

The jet-wing has been defined using six fundamental cases:

Angle of attack case

Wing twist plus wing camber case
Leading edge flap hinge case

. Trailing edge flap hinge case

L I S L
. . e

Trailing edge flap hinge case

6. Jet deflection case
The first case is defined by the computer program. The second case is
essentially the same as for the IBF. The leading edge flap hinge is defined
for the fourteen outboard rows at x/c = 0.10 with a fundamental case input of
one degree. The trailing edge hinges are defined at x/c¢ = 0.6 and x/c = 0.786,
each deflected one degree for the respective fundamental cases. The jet
deflection fundamental case defines the jet deflected one degree {downward)
relative to the wing trailing edge,

To evaluate the desired EBF configurations, three composite cases are
required, Each case includes camber and twist (1.0 x CASE 2), Teading edge
flap deflection (55.0 x CASE 3), and a jet deflection of ten degrees less
than the flap deflection angle (-10.0 x CASE 6). The flap deflections are
input as follows: 30 degrees as (16.5 x CASE 4 plus 13.5 x CASE 5); 45 degrees
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Figure (8.21). EBF Chordwise Geometry Summary

197



as (28.5 x CASE 4 plus 16.5 x CASE 5); and 60 degrees as (28.5 x CASE 4 plus
31.5 x CASE 5).

Basic case parameters are input essentially the same as for the IBF
case except for the EBF case NROWS = 17 and NCASES = 6. The computer run
parameter estimates were 30 minutes of IBM/370 CPU time, 30 minutes of I/0
time, 50,000 lines of print, and 4,000 punched output cards.

8.2.3 Interpretation of Computer Data

This section presents the computer generated aerpodynamic data for the
EBF configuration and demonstrates application of the engineering methods
presented in this volume to complete the aerodynamic analysis. Both predicted
aerodynamic parameters and experimental results are presented here, but a dis-
cussion of the comparison between the predictions and experiment is reserved
for the next section. Certain portions of the EBF analysis are identical to
the IBF analysis, particularly with regard to the fuselage viscous corrections,
and these portions are not repeated here,

The actual STAMP computer analysis for this EBF configuration was run
on the McDonnell Douglas IBM 370/165 computer system and required 24.8 minutes
of CPU time. Application of the engineering methods to these data is pre-
sented below:

Lift: EBF 1ift curves are plotted in figure (8.22) for gross engine thrust
coefficients Cy, of 0.0, 0.5, 1.0, and 2.0. The solid curves represent
corrected jet-wing plus fuselage lift. Tailplane 1ift is not included here.

Jet-wing 1ift has been corrected for viscous and thickness effects using
equation (3.12}. This requires that the sectional Tift coefficients first be
corrected. For blown wing sections equation (3.9) is used to correct circu-
lation 1ift for thickness effects, with K = 0,8 and t/c' = 0.083, Hence

= [1.0 + 0.8(0.083) Jegp | ey

c, I
I'IBlown Blown

To each corrected ¢ value must be added the appropriate reaction Tift,

%
I1|B]own
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Copr The above correction applies both to Cir and Ser,, for blown sections, For
unblown wing sections a different correction 1s required for i and ¢

For ¢, equation (3.3) is used. For the EBF, Ky = 1.07, R, = 5 0x 10,

and K2 = (0.7. Hence

=1.05(1.07)(0.7)c, = 0.79 ¢,

a |EVD
Unblown

o |EVD

CﬂalUnb1own
_ Unblown

For Coo equation (3.8) is used. Kﬁlrwu is obtained from f1gure (3.4) with
c,/ca = 0.236 (from wing geometry), and is

§0.48 16.5°
oo~ 5 o0 - 1)

Ke AFT is also obtained from figure (3.4) with c2/c] = 0,215, and is
0.45 13.5°
K = 0.45; for & = 1416,5°

5larr o-40 2.7 Jaiiee

K3 is obtained from figure (3.2a) based on C]/c; and czfc] and is found
to be

K3|pyp = 1-07 K3|apr = 105
Therefore, equation (3.8) is evaluated as
0.48 0.45 :
Ceq = 110.44 (1.07) +0.72 90.45: (1.05 )|y |evp
lUnblown lo.44 0.40| Snblown
8538 30°
= 8110 Cso EvD for &g = 145°
0.7732 UnbTown [s0°

All of the necessary 1ift corrections have now been made, and all that remains
is to extract the appropriate sectional 1ift values from the computer program
output, apply the appropriate corrections, and re-integrate the 1ift using
equation (3.12). These integrations have been done using a small Fortran
computer program, which can easily be written tailored to the nature of a
particular case {or which can be done by hand)}. Finally, fuselage 1ift, as
calculated for the IBF configuration, is added to the corrected jet-wing 1ift
to yield the curves in figure (8.22).

Mean tailplane downwash is calculated using equation (3.20)} and is
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plotted in figure (8.23). Note that e has not been corrected for discrep-
ancies between the predicted CL and CLEVD' The gradient of tajl-

plane downwash, g% , which is a quantity of primary importance in stability
and control analyses, is the slope of the e versus o -curves in figure
(8.23).

Drag: EBF drag polars are plotted in figure (8.24) for gross engine thrust
coefficients Cj, of 0.0, C.5, 1.0, and 2.0. The solid curves are total
jet-wing plus fuselage drag. Since most of the pertinent wind tunnel data
was taken tail-off, empennage drag is not presented. Note that the quantity
plotted in figure (8.24) is actually

where 1 1is the mean turning efficiency of the EBF and CJe is the gross
engine thrust coefficient,

Induced drag calculated by the computer program has been corrected for
thickness and viscous effects using equation (3.27), while profile drag (form
and friction drag) has been calculated entirely using the methods of Section
3.1.2.1. Beginning with CDo'profi]e’ the skin friction coefficient is the
same as for the IBF, i.e., c¢ = 0.005, As for the IBF, R = 1.07, L = 1.2,
and t/c = 0.125 (t/c'=~0.083). Calculating flap incremental profile drag
for this EBF configuration is a difficult task, both for blown and unblown
wing sections, because there is little existing empirical data for double-
slotted Fowler flaps which can be applied with any generality, especially
when it is remembered that the effects of boundary layer control can only be
estimated based on the postulated jet spreading {Section 8.2.2), Data for
the flap term in eguation (3.24), Acdf]a Ky» 1s presented only for plain
and single-slotted flaps because so lTittle in the way of systematic studies
of double-slotted flaps has been done.
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This is Targely due to the compiex geometry of a double-slotted high Fift
system which leads to a tremendous array of possible configurations. Para-
meters such as flap-chord ratios of both flap segments, the relative displace-~
ment, over]ap, gép, and deflection of each segment, and the amount of Fowler
motion for each flap segment must be considered. Of the limited flight test
and wind tunnel data for Acdf]ap existing for CTOL air;raft with single-,
double-, and triple-slotted flap systems, some of the data indicate similar
incremental profile drag coefficients for single- and double-slotted systems,
some data indicate smaller BCdea ap for double-slotted relative to single-
s1otted systems while other data show smaller ACdf]ap for tr1p1e-s]otted
systems relative to both of the others. At this time no 1mproved double-
slotted flap data can be presented, so single-slotted flap data will be used.
It is expected that for the unblown case ng will be over-predittéd. For
_ the EBF b]own cases, the ACdgq, ap term wi11.pe assumed to be zero qver the
b]own extent of the wing (0.16 b/2 < y § 0.68) and hence only for the span
from 0.68 b/2 <y < 1.0 b/2 will a Acdflap' be applied. For the unblovin
case, the term will be applied from 0.16 b/2 s y s 1.0 b/2. From figure (3.16),

Ko| g1own = Kb(1-0) - K5(0.68) = 1.0 - 0.84 = 0.16

Kb|Unblown = Kp(1.0) - K,(0.16) = 1.0 ~ 0.21 = 0.79

Using the single-slotted flap data in figure (3.15b) with ce/c = 0.40

of (dea)]  8Cdgyqp

30 0.06
45 0.15
60 0.30

The value for ACdea ap at &g = 60 degrees was determined by cross-plotting
Acdf]ap versus &f with cf/c = 0,40. Hence the profile drag coefficient
is calculated from equation (3.14):

|

Cpg profile ~ I

* Acdﬂapr

(0.005)[1 + 1.2(0.083) + 100(0.083)“](1.07)%1§§%fg
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= 2
where Swet 1283.0 in<, Therefore

0.0257 30°

= {0.0437} for 6. = {45°

profile 10,0737 60 °
0.0629 130°

= {0.1367} for 65 = { 45°
profile (0.2597 60°

Blown cases: CDOI

Unblown cases: CDo

Application of equation (3.27) to induced drag calculated by the com-
puter program to correct for viscous and thickness effects is done in the same
manner for the EBF as was outlined for the IBF in Section 8.1.3. Because of
the length of these calculations, none of the tabular results is presented.

Fuselage drag and engine ram drag are calculated in the same manner as
for the IBF configuration. There it was calculated that the fuselage drag
coefficient is

¢ 0.0156

D
OF
and the fuselage 1ift dependent drag is

CD () = 4.2 x1075%2 + 4,7 x 10773
F

Ram drag was measured to be as tabulated below:

¢y 0 0.5 1.0 2.0
Cog | 0.05 0.138  0.177  0.22]
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The total EBF jet-wing-fuselage plus ram drag is calculated using equation
{3.36) and is plotted in figure (8.24),

Pitching Moment: EBF pitching moment is plotted in figure (8.25) for gross
engine thrust coefficients CJe of 0.0, 0.5, 1.0, and 2,0. The solid curves
represent predicted jet-wing plus fuselage pitching moment. Tailplane pitch-
ing moments have been calculated but are not presented here because most of
the wind tunnel data is for tail-off configurations.

Jet-wing pitching moment has been corrected for viscous and thickness
effects using equation (3.46). This requires that the sectional pitching
moments first be corrected, For blown wing sections equation (3.44) is used
to correct circulation pitching moment for thickness effects, with K= 0.8
and t/c = 0.083. Hence

g = [1.0 +0.8(0.083)Ien,

Blown EVD

Blown

To each corrected Cmy, must be added the appropriate reaction 1ift and thrust
terms, Cm,, and Cpr. The above correction applies both to S, and ¢ .
for blown sections. For unblown wing sections a different correc%1on is
required for Cm,, and Cmg, - For Cp, equation (3.40) is used, For the

EBFs  ¢7p = 14.1 degrees and t/c = (0,083, hence K = 0.99 from figure (3.18)
The ratio of corrected to EVD 1ift curve slope was previocusly calculated to be

0.925, and hence

eny = (0.99){0.928)cq | = 0.915¢cp |

For Crgy » equation {3.43)} for single-slotted flaps 15'used, and, as discussed
in Section 3.1.3.1, this correction is applied to the composite sectional Cmg -
K 1is taken from figure (3.19b) with c¢f/c = 0.40 and is found to be {1.0, 0.8,
0.35) for 8¢ = (30, 45, 60) degrees. A1l of the necessary sectional pitching
moment corrections have now been made, and all that remains is to extract the
necessary sectional pitching moment vaiues from the computer program output,
apply the appropriate corrections, and re-integrate the pitching moment using
equations {3.46) and (3.47). Again these integrations have been performed by
writing a small Fortran computer program tailored to this particular case.

Fuselage pitching moment has been calculated in a manner identical to
that used for the IBF, but of course the jet-wing interferences as calculated
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by the computer program are different. Viscous-effects are assumed to be the
same. Ram drag pitching moment is calculated using the procedure discussed
for the IBF, but here CDR varies with CJe. The predicted pitching moment
data presented in figure (8.25) includes corrected jet-wing pitching moment,
corrected fuselage pitching moment, and the ram drag pitching moment.

Dynamic Stability Derivatives: Although there is no experimental data for
comparison, a complete set of dynamic stability derivatives has been generated
for this EBF configuration. These data are presented in the same format as
the IBF dynamic stability derivatives.

CLy: The 'CLu derivative is calculated from equations (5.6} and (5.7) for
the circulation componggg and from equation (5.5) for the reaction component.

L . .
The circulation term, —3323 is presented in table (8.16).

Table (8.,16). EBF CLU Stability Derivatives

: BCT;_,I«O
Ju 3
Ce 0 o o 'jééig
8§=30° | 8¢=45° | 6260
0.5 0.010 0.022 0.028 (.0004
1.0 0.009 0.010 0.010 0.00005
2.0 0,002 0.002 1 0.003 0.00002

CDu: The speed damping derivative is calculated from equation (5.10) and
15.11) using a procedure indentical to that described above for CLu' The
total CDU‘ stability derivatives for o = 10 -degrees are presented in
table (8.17). These data include the circulation and reaction portions of
CDu. As for the IBF, the ram drag term cannot be calculated since the vari-
ation of Qi with U 1is unknown.
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Table (8.17).

Cp, Stability Derivatives

au
CJe
8¢=30° §=45° 6¢=60°
0.5 0.011 0.020 0.038
1.0 0.0040 0.0065 0.0085
2.0 0.0014 0.0018 0.0030
Cmu : The Cp, derivative is calculated in a manner similar to C ~ and

CDU. Table (8.18) presents the calculated values of Cmu at angle of attack
a = 10 degrees for the various jet momentum coefficients and flap deflection

angles tested.

Table (8.18). EBF Cmu Stability Derivatives

| 3u
Cle

§¢=30° 85=45° 8= 60°
0.5 -0.008 -0.024 -0.042
1.0 -0.002 -0.006 -0.010
2.0 -0.0002 -0.0005 -0.002

g - Derivatives:

context of linearized theory,
They are tabulated below:
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Table (8.19). EBF Pitching Rate Stability Derivatives

CLq Cmq

Jet-Wing
0 8.058 -4,091
Cy 0.5 8.749 -4.463
€)1.0 8.996 -4,587
2.0 9,251 -4.,711
Empennage 7.947 -33.644
Fuselage - -5,105

& - Derivatives: The & stability derivatives for the EBF are computed in

a manner identical to that for the IBF. However, different values of-%&
have been predicted, so the stability derivatives are also different. Pre-

dicted values of %i; CLg> and Cp, for the EBF are tabulated below:

Table (8.20). EBF & Stability Derivatives

de C C

Ca 8¢ L m

¢ (deq) ¢ * *
0 30 0.52 4,316 | -18.297
45 0.57 4,716 | -19,992
60 0.60 4.974 | -21.087
0.5 30 0.41 3,425 | -14.517
45 0.45 3.817 | -16.177
60 0.48 4,017 | -17.025
1.0 30 0.43 3.542 | -15.,012
45 0.46 3.867 | -16.389
60 0.49 4,083 | -17.308
2.0 30 0.42 3.500 | -14,.835
45 (.46 3.825 | -16.213
60 0.48 4,033 | -17.096

p - Derivatives: The rolling rate stability derivatives are calculated using
output directly from STAMP along with several empirical terms presented in
Section 5.2.1, The roll damping derivative, C,_, 1is calculated using
equations (5.31a) and (5.32), where K has been calculated for the IBF to

be 0.996. Clp is tabulated below:
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Although the yawing moment due to rate of roll,

Table (8.21). EBF Clp

Stability Derivatives

C
p
Jet-lting
) ~0,554
CJe 0.5 -0.567
1.0 -0,572
2.0 ~0,577
Horizontai
Tail | -0.0276
Vertical
Tail | -0.0103
Fuselage -

Cnp, is not expressed

in the form of a stability derivative [equation (5.34}], the second order term,

Cnpz L]

an alpha-variation to consider.

and Cnp
a

is identically zero for symmetric configurations.

Hence, there is only

Table (8.22) presents the calculated Cnp
0

terms for the various EBF cases considered.
Table (8.22). EBF Cn. and Cy, Stability Derivatives
C C C C
™o Np, Ypo P
Cip ]9¢(deg)
0 30 ~0,152 -0.064 ~-0.189 0.122
45 ~0.221 -0.027 -0.060 0.061
60 -0.276 | -0,009 0.030 | 0.031
8.5 30 -0.155 | -0,065 | -0.183 | 0.125
Wing 45 | -0.229 |-0.028 | -0.044 | 0,063
60 -0.290 | -0.009 0.060 | 0.031
1.0 30 ~0.147 ~-0.066 | -0.196 | 0.126
45 ~-0.224 | -0.028 -0.051 0.063
60 -0,288 | -0.009 0.058 | 0.032
2.0 30 -0.148 | -0.067 | -0.194 | 0.128
45 -0.228 | -0.028 -0.044 | 0.064
60 -0,295 -0.009 0.071 0.128
Vertical Tail 0.160 - -0.046 -
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It is apparent from these data that neglecting the angle of attack variation
is not permissible since the Cnp term is often the same order of magnitude
as the Cp term. Hence, for this configuration, use of the 1inearized
equations o$ motion should be questioned.

Also tabulated above are the STAMP predictions for the EBF side force
due to rate of roll. To these values must be added an increment for dihedral,
calculated by equation (5.29):

o.}m o}
- - 10.104 _ Jo.51
3 C =0 0.105 2.0

Again it should be noted that the Cy term is of a similar order to the

Cypo term and hence must be considereg in a dynamic stability analysis.

r - Derivatives: The yawing rate derivatives are calculated by the methods
presented in Section 5.2.2 using derivatives calculated directly by the STAMP
computer program in conjunction with several empirical terms. The side force
due to rate of yaw for the jet-wing is calculated directly by STAMP in the

form of equation (5.36), but since the configuration is symmetric, all rZ-de-
pendent derivatives are identically zero. However, the r-dependent portion of
Cy(r) dis a function of angle of attack, and the data generated by the computer
program [table(8.23)] indicate that these terms cannot be neglected.

The rolling moment due to yawing is calculated from equation {5.38a).
The first two terms, which are calculated by the computer program, are tabu-
lated in table (8.23). It is apparent that the Cy, term is negligible. The
remaining terms in equation (5.38a) are evaluated inathe same manner as for

the IBF:

)
A I A
(8 (?))m.ng - [C‘r‘o * Gy agf + 0.030 Cy(F)F + 0.076

where Clro’ Cy, » and Cy(f) are presented in table (8.23).
o

The yaw damping derivative for the jet-wing is calculated using
equation (5.41). The quantities within the square brackets are presented
ﬁn-tab1e (8.23). The additional term, which accounts for asymmetries in CDO,
is found from figure {5.1) to be
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-0.4 CDO r

where CDO is the wing profile drag coefficient, tabulated earlier in this
section, This additional term is:

-0.01028 #| 30°

-0.01748 £ for 6 = {450 Blown Cases
-0.02948 f 600

-0.02516 F 30°

-0,05468 # for s¢ = {45° UnbTown Cases
-0.10388 P 60°

8.2.4 Comparison with Experiment (EBF)

Data comparisons for the EBF configuration are presented in figures
(8.22), (8.23), (8.24), and (8.25) for 1ift, tailplane downwash, drag, and
pitching moment, respectively. These comparisons between experiment and the
prediction methods are discussed in this section, It should be reiterated
that certain inaccuracies in the analysis are expected due to assumptions
concerning mean flap extensions, mean turning efficiencies, etc.

Lift: Figure {(8.22) indicates poor agreement in 1ift for engine gross thrust
coefficients €y, of 0 and 0.5, but good agreement for Cj, of 1.0 and 2.0,
Looking first at CJe = 0 data, reasonably good agreement is obtained for
flap deflections of 30 and 45 degrees, but 1ift for 60 degrees flap deflection
is considerably over-predicted. Also, a distinct non-linearity in the experi-
mental 1ift curves is noted. The non-linearity can be explained by the pre-
sence of the engine nacelles, since similar data obtained from these tests
without engines did not exhibit such behavior. The negligible increase in

CLo from 45 to 60 degrees flap deflection is indicative of flow separation
from the flap. The empirical correction to 1ift, which utilizes figure (3.4),
does not predict such a severe loss in 1ift., This indicates that some refine-
ment in the empirical curves is required, although the magnitude of disagree-
ment seems to imply that the flap is poorly designed.

For the power-on cases, the experimental 1ift curves do not show the
non-linearities obtained for the unblown case. For C; = 0.5, a consistent
e
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over-prediction in CL is obtained, but CL has been well predicted,
Apparently the complete effects of boundary 1ayer control have not been
realized at this low power setting. Since the jet does spread in a manner
similar to that shown in figure (8.20), it is likely that some of the sec-
tional jet momentum coefficients (cu) are insufficient to maintain attached
flow. The empirical corrections applied to these data assume that fully
attached flow is maintained over the span of the jet sheet. For CJ = 1.0 and
2.0, much better agreement for CL is obtained, and again CLa iS well
predicted. The small error in pred1ction of C, for CJ = 2.0 can be easily
explained, since the actual trailing edge jet momentum coeff1c1ent (-:CJ )
used in the STAMP computer run did not agree exactly with that tested. This
was necessitated by the fact that a mean turning efficiency of = = 0.76 was
used, while over the range of flap deflections tested t varied from 0.66 to
0.86 [see figure (8.19)]. Had the correct values of CJe been used, CLO
would have increased by 0.2 for &f = 30 degrees and decreased by 0.2 for

8¢ = 60 degrees. The changes in CLa would be considerably smaller.

Tailplane Downwash: The comparisons presented in figure (8.23) indicate gener-
ally good agreement for g&, the tailplane downwash gradient, except for the
unblown case. The agreement for e, is generally within three degrees, which
can affect tail sizing and tailplane incidence limits. These tailplane
downwash comparisons are comparable in agreement to those obtained for the

IBF. Again, better agreement can be obtained for the unblown case if the
predicted values are multiplied by the ratio of corrected 1ift to C

Levp

Drag: EBF drag comparisons are presented in figure (8.24). Looking first at
the power-on drag polars, reasonably good agreement is obtained for CJe = 1.0
and 2,0. Better agreement than that indicated for the Cj, = 2.0 case is
actually obtained when the discrepancies in (. tested and run in the com-
puter program are accounted for. For the CJe = 0 and 0.5 cases, however,

the predicted drag polars indicate a higher drag level than that measured.
This is consistent with 1ift predictions for these cases. However, a part of
the over-prediction in drag level is due to inadequacies in the empirical flap
profile drag methods. Referring to equation (3.24) and figure (3.15), it is
seen that empirical curves for Acdflap are presented only for plain and
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single-slotted flaps. These plots, taken from Datcom (reference 3), are based
on a large body of wind tunnel data. Similar attempts to systematize profile
drag data for double-slotted flaps have not been successful, however, partially
due to a scarcity of wind tunnel data and partially due to the large number of
variables. The authors are aware of several attempts to systematize double-
slotted flap profile drag, specifically one by the Douglas Aircraft Company
based on its DC-8, DC-9, and DC-10 jet transports; and one by the Boeing Com-
pany {reference 31). However, each of the resulting curves is applicable to
double- (or triple-) slotted flaps of a specific type only and cannot be ap-
plied with any generality to other flap designs. Hence, until a complete

study of the profile drag for multi-segmented flaps can be made, single-slotted
flap data is all that can be provided for unblown wing sections.

Pitching Moment: EBF pitching moment comparisons are presented in figure (8.25).
The pitching moments are referenced about the quarter mean aerodynamic chord
point of the wing. The agreement between experiment and prediction is generally
good, both for Cmo and Cma. As for the IBF pitching moment, discrepancies
can in part be attributed to the complex fuselage geometry, fuselage/sting

interference, etc.

8.3 STOL Aircraft Employing Mechanical Flap System with Vectored Thrust

An MF/VT system in which a conventional doubie-slotted mechanical flap
system was used in conjunction with the engine exhaust ducted downward by
nozzles clear of the flap was employed in the third phase of this test program.
The basic MF/VT model tested was identical to the EBF model described in
Section 8.2.1, except for the ducting of the engine exhaust. The analysis
of this system is similar in many respects to the EBF analysis for the
unpowered case plus interferences and jet reaction forces and moments arising
from the vectored thrust.

8.3.1 Configuration Description

The basic aircraft configuration is illustrated in figure {8.1). The
model is typical of a four engine, high wing, T-tail subsonic STOL transport
with a front loading cargo fuselage. Basic wing geometric characteristics
are listed in table (8.1), and basic flap characteristics are listed in
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table (8.12). Leading edge flap, fuselage, and empennage geometry are identi-
cal to those employed in the IBF and EBF tests. Nozzle geometry for the
MF/VT is illustrated in figure (8.26). Only engine position "E" has been
analyzed here. Tabulated below are the coordinates of the engine exhaust

exit centerline.

Table (8.24). MF/VT Engine Position E Coordinates

8 X Y i
f Engine 9 9 9
(deg) ’ b7z 24
0 Inbd 0.161 0.30 -0.102
Otbd (.280 0.49 -0.089
30 Inbd 0.184 0.30 -0.108
Otbd 0.320 0.49 -0.094
60 Inbd 0.200 0,30 -0,125
0tbd 0,349 0.49 -0.108

8.3.2 Geometry Preparation for Computer Analysis

Geometric inputs to the STAMP computer program are nearly identical to
those used for the EBF configuration. Identical spanwise and chordwise divi-
sions have been used, but jet sheet inputs have been omitted. Instead, vec-
tored jet inputs must be provided. Symmetry and repeat jet options can be
used for the vectored jet input so that only one jet trajectory need be calcu-
lated. Jet exit locations are listed in table (8.24}, and the jet exit
diameter D, is 0.08 b/2. Two jet cases have been run: rCJe = 0,94,
§] = 60° (BJ = 33.579) and TCJe =1.9, &5 = 600 (eJ = 33.450). It should be
noted that 83 differs from GJ for two reasons: the engines are canted
upward 3.50 and the nozzles have extremely poor turning characteristics. It
is difficult to say why the turning angle of the nozzles is so poor while the
turning efficiency is so good (r = 0.94 and 0.98 in these cases). Note that
the jet momentum coefficient per engine is required for the computer program
input (i.e., CJe = 0.235 and 0.49).

Fundamental cases for the MF/VT are the same as those used for the EBF
except that the last case (jet sheet deflection) is omitted. Composite cases
are also the same, except that there is no jet sheet deflection.

217



INBOARD

Figure (8.26). MF/VT Wing-Nozzle Geometry {Engine Position "E")
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Basic case flags and parameters are again the same as for the EBF,
except NCASES = 5 and JETFLG = 2 for the MF/VT. Also, since within the
context of the present vectored jet interference techniques the jets do not
affect dynamic stability derivatives, IDERIV = 0. It is assumed that MF/VT
dynamic stability derivatives are the same as for the EBF with power off.
The computer run parameter estimates were 30 minutes of IBM/370 CPU time,
30 minutes I/0 time, and 50,000 lines of print.

8.3.3 Interpretation of Computer Data

This section presents the computer generated aerodynamic data for the
MF/VT configuration and demonstrates application of the engineering methods
presented in this volume to complete the aerodynamic analysis. Since certain
portions of this analysis are identical to work already presented for the
I8F and EBF configurations, many of the details have been omitted.

The actual STAMP computer analysis for this MF/VT configuration was
run on the McDonnell Douglas IBM 370/165 computer system and required 19.2
minutes of CPU time. Application of the engineering methods to these data
is presented below. Aerodynamic data for the MF/VT are presented in terms
of interferences to show the effects of the jets on the wing. aC[, ACp, and

Acm are increments relative to the power off case.

Lift: MF/VT Tift curves calculated by the computer program are corrected using
the same procedures as for the EBF unpowered case. Since (; 1is calculated
by STAMP at specific angles of attack (a = 0, 5, 10, 15, 20) for the MF/VT,
only the CLO correction should be used:

0.8538 30°

CL = 30.8110, C for &¢ = 145¢

Iyt Io 7732) TISTAMP Isoe
VT

CLJ is calculated directly by the computer program, but to calculate ACLr oT
it is not necessary to include jet reaction:

ACL = L

- CL
TlyT I‘lw

CJe=0

ACLr - versus a is plotted in figure (8.27).
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Mean tailplane downwash is calculated using equation (3.20) and is
plotted in figure (8.28).

Drag: MF/VT drag polars are calculated using the same procedure as for the
EBF power off case. There the wing profile drag was calculated to be

f0.0629) {30°]

Cy = )0.1367; @ &¢ = 145°

0lprofile D.2597§ 60°

Ram drag and fuselage drag are unchanged. Wing induced drag is computed using

equation (3.27), applying the C01 correction only to the values calculated
at each angle of attack: °

CL,.,|
Cp: ()] = [T Cps (a)
i VT CLP STAMP i ’STAMP
VT T

MF/VT drag polars are then computed by summing induced, profile, ram, and
fuselage drag. ACDIVT is then computed from

Colyr = Colyr - CD'
C3e=0
The quantity ACDJVT is plotted in figure (8.29) and includes a jet reaction

term rCJe [1-cos
ccnd.

60+a)] » which is labeled in the computer program output as

Pitching Moment: MF/VT pitching moment curves are calculated using the same
procedure as for the EBF, power off. The Cmo correction should be applied to
Cm calcuiated by STAMP at each angle of attack:

'0.55} {30°
C = (0.8, C for 6, = (45°
mF‘VT , Wi § o f

STAMP 60°
VT
CmJ and Cy_ are calculated directly by the computer program. The MF/VT ram

drag pitching moment is slightly different than for the EBF because of the
different engine position. Calculating CmR as before,

= 2
Cmg Dre

The fuselage contribution to Cm is calculated by the computer program,
including interference effects due to the wing and jets. Two corrections to
account for afterbody vortex shedding must be made, however, following the
same procedure as used earlier.

{-].015 cos o + 1.346 sin u}
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The incremental pitching moment due to vectored thrust interference
is calculated by summing CmerT’ CmR, and C._ , and then subtracting from
this sum the MF/VT power off pitching moment:

M

Acmlw = (CmTIVT + Cpg + cmF) - Cp

CJe=0

ACmIVT is plotted in figure (8.30) and includes terms for the jet reaction

pitching moment.

8.3.4 Comparison with Experiment (MF/VT)

Comparisons between the predictions of the methods developed in this
report and wind tunnel test data for the MF/VT configuration are presented
in figures (8,27), {8.28), (8.29}, and (8.30) for incremental circulation 1ift
due to power effects, tailplane downwash, incremental drag, and incremental
pitching moment, respectively. Increments were obtained from experimental
data by subtracting power-on aerodynamic data from power-off data. In the
following paragraphs these comparisons are discussed to assess the validity
of the present prediction techniques and to ascertain where further work is
required.

Figures (8.27), (8.29), and (8.30) indicate that vectored thrust inter-
ferences are, qualitatively, being predicted reasonably well, although the
actual level of the predicted interferences is not good, particularly at
large angles of attack. For example, ACLF predictions near o = 0° fall
within the scatter of the experimental data, but near o = 20° the predictions
do not even show the proper sign of the interference. Drag and pitching
moment comparisons indicate similar discrepancies.

The comparisons presented here do not show the level of agreement with
experiment as was presented for the simple MF/VT configuration in figure (3.3)
of Volume I. Certainly the fact that the STAI MF/VT configuration is con-
siderably more complex than the configuration discussed in Volume I can par-
tially account for the different levels of agreement obtained, but there are
other effects which can also be responsible for some of the discrepancies.
First is the means by which the power-effects increments have been calculated.
This has been done by taking power-on data and subtracting from it power-off
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data., However, the power-off data was taken with the engines in place, so
the possibility of spillage at the engine inlets exists. Such a spillage
can occur because there is a smaller mass flow through the engines with
power off than with power on. Such spillage can manifest itself by changes
in 1ift, drag, and pitching moment.

Secondly, wind tunnel wall effects, which have been shown to be
acceptably small for the IBF and EBF tests, may be of increased importance
for the MF/VT tests due to the highly deflected high velocity round jets.

For example, figure 10 of reference 24 shows that a jet of velocity ratio

5:0 deflected 60 degrees will penetrate 5 jet diameters into the flow 5 jet
diameters downstream. Since this corresponds approximately to the CJe = 2.0
case tested in the STAI, it indicates that jet impingement can occur less
than one wing span downstream of the jet exit. As angle of attack increases,
the impingement point would move upstream,

Third, the poor turning characteristics of the nozzles employed in
the STAI program, shown in static runs to be 22 degrees less than the nozzle
angle (BJ = 38° for 8§y = 60°), could have some impact on the applicability
of the present methodology. For example, internal flow separation within
the nozzles may Tead to a non-uniform flow at the exit and may change the
jet entrainment characteristics from that employed in the prediction methods.

The applicability and adequacy of the present MF/VT methodology to
configurations such as that tested in the STAI must also be considered. The
present jet interference technique is a "far-field" method able to account
for jet interferences on the wing only if the jet does not pass closely to
the wing. For the jet locations of the STAI configuration, this restriction
will be Teast satisfied for small jet deflections in conjunction with large
flap angles and angles of attack. This can, in part, explain the discrepan-
cies indicated in figures (8.27), (8.29), and (8.30). Another area of con-
cern is the mutual interaction between the jets. The two engines on each
wing are closely spaced, so the presence of ohe jet on the other seemingly
would be important. No account for mutual jet interaction is made in the
current methodology. A final questionable point concerning the interference
prediction techniques is the viscid/inviscid interaction of the jets. The
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The model is equipped with a leading edge flap from the fuselage to
the outboard pylon with chord extension of one percent local chord and flap-
chord ratio at 15 percent. The leading edge flap was deflected 20 degrees.
From the outboard pylon to the wing tip, a leading edge slat deflected 19
degrees is used. Slat extension varied from 11 percent local chord inboard
to 18 percent outboard, while the slat-chord ratio varies from 15 to 25
percent.

The double-slotted trailing edge flap system is divided into inboard
and outboard sections. The inboard section, extending from the fuselage to
50 percent b/2, has a deflection of 20°/0°, which means the forward flap seg-
ment is deflected 20 degrees relative to the main wing and the aft flap seg-
ment O degrees relative to the forward segment. The flap chord extension is
14 percent and the flap-chord ratio is 50 percent. The outboard flap segment,
extending from 50 to 75 percent b/2, has a deflection of 20°/20°, flap chord
extension of 27.5 percent, and a flap chord ratio of 63 percent. The plan-
form, as input into the STAMP computer program, is illustrated in figure (8.31).

The LB-305D model fuselage is much simpler than that used in the STAI
tests, having a circular cross-section, only moderate upsweep, and a con-
ventional forebody. In addition, since the model was strut mounted rather
than sting mounted, support interferences with the fuselage should be minimal.

Wind tunnel wall constraints for this test are of considerably less
importance than for the STAI tests. For example, Ao can be calculated
simply, with & = 0.139 for a square test section, wing area S = 5.143 ft2,
tunnel area C = 900 ft2, hence

0.0455 ¢ 0

Aa = 5363 s 3¢ - )0.0417 ct for o, )1
122l T T 0.0385 C( "°" “e g2

AR 0.0358 C| 3

Therefore, allowable maximum values of CL to mest the Aa < 2 degrees
criterion are much larger than required. Similarly, wake and solid blockage
for this test are considerably smaller than for the STAl tests. Corrections
to account for wall constraints and wake blockage have been applied. Finally,

226



interference flow field induced on the wing by the vectored jets may
sufficiently alter the wing pressure distribution to promote or forestall
trailing edge separation. It has been implicitly assumed in the methodology
that there are no boundary layer control effects due to vectored jets.

8.4 (Other Methods Applications

In addition to the STOL Tactical Aircraft Investigation configurations
discussed in detail in the preceding section, various other STOL ajrcraft
configurations have been analyzed using the theoretical and empirical methods
developed in this work. Application of the prediction methods to these
configurations is part of a continuing effort at the Douglas Aircraft Company
to validate and improve STOL aerodynamic prediction techniques. Some of
the wind tunnel testing problems and uncertainties and inconsistencies in
model geometry associated with the STAI test program are not present in these
additional correlations, and hence a more meaningful evaluation of the
accuracy of the methods can be obtained.

8.4.1 Douglas Model LB-305D Employing Externally Blown Jet Flap

The Douglas Aircraft Company wind tunnel model LB-305D is a high-wing,
four-engine STOL transport model employing an externally blown double-slotted
flap high-1ift system {reference 32). The six-foot span model was tested in
the National Research Council (NRC) of Canada 30 by 30 foot V/STOL wind
tunnel. The model, powered by four ejector engines, was mounted on the NRC
tandem struts. Basic geometric parameters of this model are 1listed below:

Table (8.25). LB-305D Geometric Characteristics

Aspect Ratio 7.0
Taper Ratio 0.3
1/4-Chord Sweep 25°
Span (in) 72.0
Area (in?) 740.59
Dihedral 0°
Chord, root (in) 15.83
tip (in) 4,75
MAC (in) 11.28
Incidence, 11% b/2 2.85°
36% b/2 0.90°
95% b/2 ~-2.20°
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aerodynamic tares were taken in the LB-305D test program to remove from the
test data undesired interferences from the model support system.

Analysis of the STAMP computer data and implementation of engineering
methods presented in this volume follow the same procedure as was discussed
in detail in Section 8.2.3 for the STAl EBF configuration. Details of these
computations are omitted here, Figure (8.32) presents comparisons between
experiment and predictions for both unpowered and powered tests., Agreement
for 1ift, drag, and pitching moment is seen to be excellent in all cases, In
this presentation thrust rather than drag is plotted. It is the opinion of
the authors that this comparison is a more realistic assessment of the capa-
bilities of the STAMP computer program and the associated engineering methods
than is the STAI program since the Douglas comparison more adequately treated:

e Wind tunnel interferences
¢ Geometry definition
e Trailing edge jet momentum (TCJ )
‘ e
In conclusion, the STAl comparison demonstrates in detail the appli-
cation of the methods and computer program while the Douglas comparison
presents a more realistic assessment of the accuracy of the methods.
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9.0 SUMMARY AND CONCLUDING REMARKS

In the three volumes of this report, methods for predicting the
aerodynamic and stability and control characteristics of STOL aircraft have
been presented. These methods are applicable to STOL aircraft employing
mechanical high-1ift systems, internally ducted and externally blown jet-flap
schemes, and vectored thrust systems. The methods presented herein are
largely based on potential flow theory. However, empirical methods are pro-
vided to modify and augment the potential flow theory for viscous effects,
thickness effects, and phenomena not amenable to theoretical analysis.

Since STOL aerodynamic technology is still a developing one, it was
to be expected that our understanding of the complex aerodynamic phenomena
associated with each of the high 1ift systems considered as well as the
available experimental data base would be broadened as the result of con-
current and related investigations. Wind tunnel studies conducted as part
of the Air Force "STOL Tactical Aircraft Investigation," for example, have
provided a major source of experimental data on a significant number of
important configuration variables. These data were intended to be used by the
authors in the validation and modification of the methodology developed as
part of the present program. It was, therefore, unfortunate that, due to a
delay in receiving this data, much remains to be accomplished with it. To
be more specific, in the limited time available it has only been possible
to iljustrate with a selected number of examples the implementation of the
methodology rather than its validation and subsequent modification through
analytical/experimental correlations. Despite these misgivings and the
recognized.shortcomings of some of the theoretical methods, an improved
basic theoretical background for the development and methods for predicting
the aerodynamic and stability and control characteristics of STOL aircraft
has emerged.

The methodology described in this report is intended for use by

design personnel during preliminary design and configuration evaluation
activities. It was, therefore, both convenient and desirable to present
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this program in a three volume report format which, in general, does not
require reference to outside sources in the determination, for a given con-
figuration, of a complete set of aerodynamic and stability and control deri-
vatives and coefficients. The complete theoretical development of the rele-
vant analytical methods for each of the STOL high-1ift systems studied were
presented in Volume I. The use of the STOL Aerodynamic Methods Computer
Program (STAMP) described in Volume II is essential to the implementation of
the methodology. STAMP was structured as a computer program package consist-
ing of several major subprograms, each of which is intended to analyze a
particular STOL aircraft component (e.g., wing, fuselage, and empennage),
plus subprograms developed for the evaluation of the aerodynamic interfer-
ences between the various components. Except for the sharing of common geo-
metric data, each of these major subprograms was written so that it can be
used independently of the STAMP package. Thus, maximum flexibility to satis-
fy the needs of various users is provided. In addition, further developments
and/or improvements in the program can be readily accomplished. Engineering
methods presented in Volume III supplement and/or modify the results obtained
from the theoretical methods. Also in Volume III, the implementation of the
methodology is illustrated through typical examples, and limited comparisons
with experimental data are presented as a preliminary basis for the assess-
ment of the validity of the methods as well as to indicate, in part, those
areas where improvements and/or new developments might be desirable. The
authors have already stressed the desirability of further analytical/
experimental data correlation studies in the preceding paragraph as an import-
ant step in improVing the accuracy and applicability of the engineering
methods, There are also other areas where further research might not only
broaden out present-day knowledge in understanding certain phenomena, but
might also provide some noticeable improvements in the ability to predict
certain aerodynamic parameters. In this context, some recommendations are
presented in the following paragraphs.
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The ground effect problem is one of considerable concern. Comparisons
presented in Section 8.0 show only qualitative agreement with experiment,
power on or off, Other ground effect comparisons for jet-wing configura-
tions also show poor agreement with experiment. As discussed in Section
2,2.6.3 of Volume I, it is believed that these discrepancies are largely

a result of the assumptions adopted in the formulation of the mathemati-
cal model including the linearization of the boundary conditions. The
accurate prediction of aerodynamic characteristics in ground effect must,
in the authors' opinion, be based on a method in which a three-dimensional,
non-planar, non-linear mathematical model is adopted.

The aerodynamic influence of ground proximity has been established as
being potentially important in relation to STOL aircraft performance, sta-
bility, and flying qualities. Wind tunnel investigations conducted either
with fixed or moving ground planes have also established that the nature
and magnitude of the aerodynamic characteristics in ground proximity tend
to be critically sensitive to aircraft geometry, attitude, and ground
¢learance, together, in the case of jet-flap 1ift augmentation schemes,
with jet disposition and inclination. There is evidence to suggest, how-
ever, that the transient situation of STOL aircraft in takeoff and landing
may not be adequately predicted by such stationary model experiments. The
stationary wind tunnel model with the ground plane parailel to the main-
stream can simulate neither the correct model attitude nor the dynamics
associated with changing altitude.

Although predicted derivatives and coefficients are intended for applica-
tion in the vehicle equations of motion for trimmed flight conditions, an
accurate prediction of tailplane downwash at zero angle of attack (i.e.,
eo) is desirable. That improvements in the jet-wing flow field are war-
ranted is apparent from some of the comparisons of experimental and analy-
tical data presented in Section 8.0. Admittedly, the prediction of %&
is acceptable for stability and control purposes. However, a more
realistic representation of the jet-wing vortex wake (e.g., roil-up, jet
entrainment, and'jet b]ockagea can be expected to result in an improved
|

prediction both in e/ and Io ° Consideration should also be given to

fuselage effects on tailplane downwash.
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In view of the importance of the aerodynamic propulsion interactions and
interferences associated with the majority of STOL high-1ift systems,
appropriate theoretical aerodynamic methodology is likely, in the context
of CTOL aircraft, to be based on more rigorous mathematical models. Thus,
an improved prediction over that obtainable with existing methods is to
be expected for CTOL aircraft providing the effects of separation, for
example, are not severe. In other words, the methodology developed as
part of this program has much broader applications than suggested by the
title selected for this report. With this in mind, the author's earlier
recommendation for further analytical/experimental data correlation in
order to improve the accuracy of the engineering methods including empiri-
cal procedures should include available STOL and CTOL test data.

Because of insufficient experimental data, no conclusive assessment of

the validity of the dynamic stability derivative predictions can be made.
Some of the basic comparisons presented in Volume I, however, indicate
that present methods are adequate for conventional wings, except near
stall. No comparisons have yet been made for jet-wing dynamic stability
derivatives.

233



10.

11.

12,

10.0 REFERENCES

Goldhammer, M, I, Lopez, M. L., and Shen, C.C.: Methods for Predicting
the Aerodynamic and Stability and Control Characteristics of STOL
Aircraft. Vol. I: Basic Theoretical Methods. McDonnell Douglas Report
No. MDC J5965-01, 1973.

Goldhammer, M.I., and Wasson, N.F.: Methods for Predicting the Aero-
dynamic and Stability and Control Characteristics of STOL Aircraft.

Vol. II: STOL Aerodynamic Methods Program. McDonnell Douglas

Report No. MDC J5965-02, 1973.

USAF Stability and Control Datcom. Air Force Flight Dynamics Laboratory,
Flight Control Division, Wright-Patterson Air Force Base, Ohio,

October 1960, revised February 1972.

Benepe, D.B., Kouri, B.G., and Welsh, J.B.: Aerodynamic Characteristics
of Non-Straight-Taper Wings. Air Force Flight Dynamics Laboratory,
Research and Technology Division, Air Force Systems Command, Wright-
Patterson Ajr Force Base, Ohio. Report No. AFFDL-TR-66-73, October 1966.
Nelson, F.R., Koerner, W., and Trudel, R.G.: Dynamics of the Airframe.
Bureau of Aeronautics, Navy Department. Report No. AE-61-4II, |
September 1952,

May, F., and Widdison, Colin,A.: STOL High~Lift Design Study. Vol. I:
State-of~-the-Art Review of STOL Aerodynamic Technology. Air Force

F1ight Dynamics Laboratory, Air Force Systems Command, Wright-Patterson
Air Force Base, Ohio. Report No. AFFDL-TR-71-26, Vol, I., April 1971.
Etkin, B.: Dynamics of Flight-Stability and Control. John Wiley & Sons,
Inc., May 1959,

Perkins, C.D., and Hage, R.E.: Airplane Performance Stability and
Control. John Wiley & Sons, Inc., 1949,

Spence, D.A.: Some Simple Results for Two-Dimensional Jet-Flap

Airfoils. The Aeronautical Quarterly, November 1958.

Kuchemann, D.: A Method for Calculating the Pressure Distribution

over Jet-Flapped Wings. RAE R&M 3036, May 1956.

Dimmock, N.A.: Some Early Jet-Flap Experiments. The Aeronautical
Quarterly, November 1957,

Halsey, N.D.: Two-Dimensional Nonlinear Jet-Flap Potential Flow Method.
Unpublished work, McDonnell Douglas Corporation proprietary information.

234



13.

14,

15.
16,
17.
18,

19.

20.

21.

22,

23,

24,

25,

26.

27.

Maskell, E.C. and Spence, D.A.: A Theory of the Jet Flap in Three
Dimensions. Proc, Roy. Soc., Vol. A251, pp. 407-425, 1959,

Wickens, R.H.: Observations of the Vortex Wake of a Lifting Fuselage
Similar to Those on Rear-Loading Transport Aircraft. National Research
Council of Canada, Aeronautical Report LR-395 (NRC No. 7911), January
1964. '

Peake, D, J.: Three-Dimensional Flow Separations on Upswept Rear Fuselages.
Canadian Aeronautics and Space Journal, Vol. 15, No. 10, December 1969,
Lanchester, F.W.: Aerodonetics. A. Constable & Co. Ltd., London, 1908,
Bryan, G,H.: Stability in Aviation. MacMilTan Co., London, 1911,
Advanced STOL Transport (Medium) Study. Douglas Aircraft Company Report
No. MDC J5560. Contract No, F33615-72~C-1479,

Summary of Low-Speed Wind Tunnel Data on Several Externally Blown Flap
STOL Transport Configurations. Douglas Aircraft Company Report No.

MDC J5431. Contract No. F33615-72-C-1534.

Schollenberger, C.A.: A Three-Dimensional Wing/Jet Interaction Analysis
Including Jet Distortion Influences., AIAA Paper 73-655,

Pope, A. and Harper, J.J.: Low-Speed Wind Tunnel Testing. John Wiley
and Sons, Inc., 1966.

Anscombe, A. and WilTiams, J.: Some Comments on High~Lift Testing in
Wind Tunnels with Particular Reference to Jet-Blowing Models. AGARD
Report 63, August 1956.

Kuhn, R.E. and Naeseth, R.L.: Tunnel-Wall Effects Associated with
VTOL-STOL Model Testing. AGARD Report 303, March 1959.

Carter, A.W.: Effects of Jet-Exhaust Location on the Longitudinal Aero-
dynamic Characteristics of a Jet V/STOL Model. NASA TN D-5333, July 1969,
Turner, Thomas R.: Ground InfTuence on a Model Airfoil with a Jet-
Augmented Flap as Determined by Two Methods NASA TND-658, February 1961.
STOL Tactical Aircraft Investigation, Volume IV. Wind Tunnel Data- .
Analysis. Convair Aerospace Report No. GDCA-DHG73-001. January 1973,
Low Speed Wind Tunnel Tests of a Powered 1/20 Seale STOL Tactical Transport
Model with Externally and Internally Blown Trailing Edge Flaps, Blown
Leading Edge Flaps, and Vectored Thrust Engines, Wing Sweep of 25°,
Aspect Ratio of 8.0. Convair Aerospace Report GDLST 612-3. Volumes I,
IT, III. January 1973.

235



28,

29,
30.

31.

32,

Low Speed Wind Tunnel Tests of a Powered 1/20 Scale STOL Tactical
Transport Model in Ground Effect With Externally and Internally Blown
Trailing Edge Flaps, Blown Leading Edge Flaps, and Vectored Thrust
Engines, Wing Sweep of 25°, Aspect Ratio 8.0. Convair Aerospace Report
GDLST 621, Volumes I, II, III. January 1973.

Lachmann, G.V.: Boundary Layer and Flow Control. Pergamon Press, 1961,
Brown, W.S.: Wind Tunnel Corrections on Ground Effect. British Aero=-
nautical Research Council, R&M 1865, July 1938.

STOL Tactical Aircraft Investigation. Aerodynamic Technology: Design
Compendium, Vectored Thrust/Mechanical Flaps. AFFDL TR-73-19-Volume II,
Part I, May 1973.

Summary of Low Speed Wind Tunnel Data on Several Externally Blown Flap
STOL Transport Configurations. McDonnell Douglas Report MDC J5431.
Submitted to USAF under contract F33615-72-C-1534,

236



Unclassified

Security Clasgification
R

DOCUMENT CONTROL DATA-R&D

{Security clessification of title, body of absiract and indexing annotatlion must be enfsred when the overall report ia clasaified)

I. QRIGINATING ACTIVITY (Corporate author) 28, REPORT SECURITY CLASSIFICATION
McDonnell Douglas Corporation Unclassified
Beuglas Aircraft Company 2b. GROUP

Long Beach, California 90846

3. REFORT TITLE

METHODS FOR PREDICTING THE AERODYNAMIC AND STABILITY AND CONTROL CHARACTERISTICS
OF STOL AIRCRAFT. VOL. III ENGINEERING METHODS

4. DESCRIPTIVE NOTES (Type of report and jnclusive dates)

Final Technical Report

8. AUTHOR(3) (Firat name, middle initial, lastf name)

Mark I. Goldhammer
Michael L. Lopez

6. AEPORT DATE 78, TOTAL MO. OF PAGES 75. NO. OF REFS
December, 1973 236 32
25, CONTRACT OR GRANT ND. 9a, ORISINATOR'S REFORT NUMBERI(S}
F33615-71-C-1861 MDC J5965-03
b PROJECT NO.
c643A b, ’oh}r.l-irEp;ov;E PORT NO(S) rAny other numbers that may he .uim.ad
“ AFFDL-TR-73-146, Volume III

16. CISTRIBUTION STATEMENT

Approved for public release; distribution unlimited

1. SUPPLEMENTARY NOTES 12. SPONSORING MILITARY ACTIVITY

Air Force Flight Dynamics Laboratory
Wright-Patterson Air Force Base

Ohio 45433

13, ABSTRACT

This volume describes engineering methods for the prediction of the aerodynamic and
stabitity and control characteristics of STOL aircraft employing internally ducted jet
flaps, externally blown jet flaps, and mechanical flap systems with vectored thrust,
These methods are intended to be used in conjunction with the theoretical methods and
the associated computer program {STOL Aerodynamic Methods Computer Program) discussed
in Volumes I and II, respectively. These engineering methods are intended to provide
a rational approach for the aerodynamic analysis of complete STOL aircraft configura-
tions and to provide semi-empirical methods to account for those effects not treated by
the theoretical methods.

For the three selected powered high-1ift systems, a common set of analytical engineer-
ing methods has been presented, and these methods have been divided into three major
sections:

o Static Coefficients and Derivatives

o Dynamic Stability Derivatives

o Control Derivatives
The methods presented include brief discussions of the importance of each coefficient
and derivative and the impact of each term on the overall stability and control char-
acteristics of the aircraft.

Finally, these methods have been applied to configurations representative of each of

the powered high-1ift concepts, and the results of these analyses have been presented

siong with available experimental data to indicate the validity and range of appli-~
{14 t+hndg

woabilit of thene
DD |Fuoogruu1473 Unclassified

Security Classification




linclassified

Security Classification

KEY WORDS

LimK A LINK B LINK C

ROLE wT ROLE wT ROLE wWT

AERODYNAMICS

AERODYNAMIC STABILITY AND CONTROL
AERODYNAMIC FORCES

AERODYNAMIC MOMENTS

CONTROL DERIVATIVES

EMPTRICAL METHODS

HIGH LIFT SYSTEMS

JET FLAP

JET INTERACTION

SHORT TAKEOFF AND LANDING AIRCRAFT
STABILITY DERIVATIVES

VECTORED JETS

Unclassified

Security Clessilication

wU.5.Government Printing Office: 1974 — 657-0157235



