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ABSTRACT

Design methods are developed for determining asrodynamic control effectiveness
at hypersonic speeds along body surface. Pressure snd heat transfer distri-
butions 1In separated regions due to asercdynamic contrel deflection are des-
eribed in terms of charazcteristic magnitudes and distance parameters by semi-
empirical correlations. The forms of these correlations are inferrsd from
theory and experimental data. Using these correlations, pressure distribution
in the separated region over a deflected flap is spproximated and expressions
for force and moment coefficients sre determined. Genheral charts are develop-
ed which present separation and flow parameters over & range of flight condi-
tions for a typlcal hypersonic vehicle.

Flow separation over a fin-plate configuration is presented using experimental
measurements. Also, characteristics of flow over a flat plate, fiat delta
wing, and delta with dihedral are analyzed using wisual flow records and
pressure measurements from the point of view of two-dimensional flow. Appli-
cablility of the correlstion expressions to separated flow on various config-
urations is discussed and calculated aerodynamic coeflicients are compared
with measured values. The experimental programs, test results, tesl model
geometry, correlation expressicns and prediction methods are reviewed crit-
ically, and the applicability of prediction methods discussed.
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SECTION I

INTRODUCTION

The development of efficient hypersonic vehicles involves solution of problems

associated with lower-speed aircrafit together with additional complexities in-

troduced by the more severe enviromment of hypersonic flight. Spatial arrange-
ment of the vehicle elements and configuration optimirzation for performance

and stability may lead to shapes which create complex flow fields, resulting

in interference flow and flow separation.

Flow separation is a common and important phenomenon in the aerodynamics of
aircraft and aerospace vehicles. It can occur in several ways, such as ahead
of deflected flaps, on the leeward side of a surface inclined at large angles
of attack, near the impingement of a shock wave upon the boundary layer of a
body, and on a curved surface. Separation often lLimits the usefulness of aero-
dynamic devices; for example, separation limits the maximum 1ift of an airfoil.

Separation may be referred to as any reverse flow which increases drag or de-
creases 1ift in external flow. In low-speed flight, the principal effect of
flow separation is Lo cause drastic medification of the pressure distribution.

In supersonic and hyperscnic flow, the presence of shock waves is assoclated
with strong pressure gradients which gives rise to iInteractions between bound-
ary layers and shock waves. These interactions olten lead to flow separation.
The oecurrence of shock-induced separation may influence heat transfer, pres-
sure distribution, and the aerodynamic characteristics of a wvehicle. TFrom a
thermodynamic point of view, the Interaction region is characterized by a re-
duction of local heating rates in the separated regilon and a substantial heat-
ing rate increase at the reattachment point. Flow separation in the viecinty
of trailing-edge flaps and around fins will result in changes In pressure dis-
tribution and will influence the control characteristics of a vehicle. It is,
therefore, essential, from a practical point of view, to understand the flow-
separation phenomena and to describe the flow conditions in the separated
region.

This study is primarily concerned with the development of semi-empirical corre-
lations for characteristlc parameters of a separated flow at hypersonic speeds.
The correlation eqguations developed describe the pressure and heat-transfer
distributions in terms of loeal flow properties by defining charscteristic mag-
nitudes and distance parameters. Knowing these quantities, relations for in-
cremental aerodynamic force and moment coefficients are developed. Thus,
methods are obtained for predicting the effectiveness of aercdynamic controls,
a5 influenced by separaticn phenomena, over & wide range of flight conditions.
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Section I1

FLOW SEPARATION PHENOMENA

The fiuld near the body surface in a vigecous flow is retarded by the skin
friction forces. The veloecity of the fluid in the boundary layer varies
from zero at the wall to approximately the inviscid value at the cuter edge.
In the absence of other forces acting to further retard this flow, the slope

of the velocity profile, g% , is positive at the wall and graduglly ap-

proaches zero at the edge of the boundary layer (Figure 1). If, in addition
to wall shear, the flow encounters a pressure increase in the gtreamwise di-
rection, deceleration of the flow takes place. Due to the work done against
this pressure force, the energy of the fluid is reduced and the fluid may be
brought to rest. This condition will be experienced first by the very low
momentum fluid within the boundary layer and nearest the wall. Downstream
of this region the acting force will cause the fluid near the wall to flow
in the upstream direction, creating a backflow. The normal velccity gradient
at the wall, gu
9y
with the stream and negative when the fluld in this region flows against the

) v Must be positive when the fluid next to the wall moves

stream, It follows that where the two flows meet, g%)w = 0. This point

on the wall which divides these two regions of flow is defined as the sepa-
ration point.

In most fluid dynamic situations, the force giving rise to separation is an
adverse pressure gradient, i.e., the pressure increasing in the downstream
direction. In order for the separation to occur the pressure rise must be
large enough and the gradient must be sufficiently severe. In a supersonic
flow, an adverse pressure gradient may be generated by the aerodynamic shape
of the body (for example, a compression corner) or by an external source
such as an impinging shock wave. In each case, the supersonic flow experi-
ences a pressure rise across a shock wave. Ideally the shock wave represents
a discontinuous rise in pressure. Actually the pressure rise takes place
over a finite distance, There is a region in the part of the boundary layer
nearest the wall where the flow is subsonic. In this region, pressure waves
will propagate upstream of the disturbance. Experiments have shown that
such disturbances may be propagated a significant distance upstream. The
process by which this pressure field spreads through the subsonic pertion of
the boundary layer is referred to as "pressure diffusion.™
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Figure 1, Boundary Layer Velocity Profiles



INCIDENT SHOCK

An illustrative case of the separated flow is an oblique shock incident on a
boundary layer along a flast plate.

An oblique shock impinging on a flat plate in an inviscid flow generates a
step increase in pressure and causes & flow deflecticn as shown in Figure 2.
When an oblique shock impinges on a flat plate with a boundary layer, a
guite different flow pattern results (Figure 3). The viscous flow cannot
negotiate an abrupt pressure rise, and therefore the pressure rise must be
spread over a finite distance. A strong adverse pressure gradient generated
by the incident shock causes the boundary layer to thicken; if the incident
shock is strong encugh, the flow separates from the wall and a bubble of
dead air is created. Due to the deflection of the external flow, caused by
the growth of the boundary layer ahead of the sheock impingement, a family of
compressicn wavelets upstream of the impingement fans out. The slowly moving
ailr in the separated region is essentially at constant pressure, and the in-
cident shock is reflected from it in the form of a fan of expansion waves.
The streamlines are deflected toward the plate and then turned parallel to
the wall, which cauges a flow compression and generates another family of
compression wavelets.

The pressure digtribution in viscous flow deviates markedly from that of an
inviecid flow; it shows a pressure rise ahead of the shock impingement,
reaches a plateau value in the separated region, rises to a peak value, and
drops to the final inviscid pressure downstream of the reattachment., If
the shock is not strong encugh to cause separation, the pressure pattern re-
sembles that for a regular reflection except 1hat the rise is spread over a
small length, of the order of the boundary layer thickness, ahead of the
shock impingement point. If the shock strength is increased and exceeds that
needed for incipient separstion, the separation point moves upstream of the
gshock impingement point sinee the boundary layer can withstand only a weak
pressure gradient in the separated region,

The pressure rise at separation seems to be fixed by the characteristics of
the boundary layer, and tc be free from any downstream influence, e.g., the
method of inducing the separation ("free interaction"). If the final pres-
sure is substantially higher than the pressure rise to separation, a consider-
able pressure rise must occur after separation over a certain length. Hence,
once the shock strength exceeds the magnitude required toc provoke separation,
the length of the interaction region increases rapidly.

CORNER FLOW

For the case of a compression corner, illustrated in Figure 4, the effect of
separation is to alter the flow geometry such that the supersonic flow will
be compressed in two stages, by a compression shock at separation and by a
reattachment shock.
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At reattachment, the supersonic flow is compressed to its final value, i.e.,
that value corresponding to the local slope of the body at that point. The
fluld with sufficient momentum to proceed against the reattachment pressure
rise continues downstream after reattachment, while that having insufficient
momentum is reversed back into the separated region,

EFFECT OF STATE OF THE BOUNDARY LAYER ON PRESSURE PROFILE

Flow separations of initially laminar and turbulent boundary layers have
basically similar behavior, but the streamwise scale of the interaction cver
which the pressure rise is spread 1s much longer for laminar than for tur-
bulent boundary‘layers(Figure 5). Therefore it is necessary to distinguish
between wholly laminar boundary layers and whelly turbulent boundary layers.

TRANSITTONAL SEPARATION REGION

It has been noted that the location of trangition relative to the separation
and reattachment points is an important variable influencing the pressure
distribution. Consequently it is of interest tc examine the effect of tran-
sition in this region.

Tt has been observed that the transition point can traverse the separation
region at almost constant Reynolds number. (See Figures 8 and 10, Reference
1.) Analytical or empirical formulations for the determination of the posi-
tion of transition in the separated region are therefore not available. One
can only discuss the effects of transition on the pressure profile as shown
by experimental pressure distribution.

The transitional separation region is characterized by large pressure gradi-
ents near transition. This region has been noted to be unsteady {Reference
2). An abrupt pressure rise before the hinge line is observed when transi-
tion is near reattachment (References 1 to 3). This may be observed in
Figure 6. The plateau pressure level and the general shape of the pressure
digtribution upstream of *transition is similar to those of the laminar case,

SOME THFEORETICAY, CONSIDERATIONS

The geparated flow field can be analyzed by assuming a flow model consisting
of a thin, constant-pressure viscous mixing layer separated from a solid sur-
face by an enclosed region of low-velocity air (dead air) (Reference 4). The
flow model under consideration is represented essentially by the mixing of a
high-velocity stream with a low-velocity stream, along the dividing stream-
line between the separation and reattachment points (Figure 7). The dividing
streamline divides the dead air from the separated flow proper, and no fluid
enters or leaves the dead-air region {mass must be conserved). The uniform
stream of velocity ue mixes with the dead air and the mixing layer thickens
and grows parabolically, beginning at the origin of mixing. The air scavenged
from the dead-air region is balanced by that reversed back into the dead-air
region by the pressure rise in the reattachment zone.
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In order for a particle along a streamline within the mixing layer to be able
to overcome the pressure rise through the reattachment zone and pass down-
stream, its total pressure Py must be larger than the static pressure P' at
the ¢nd of the reattachment zone (Figure 8, particle (a)). A particle such as
{n), however, has a low velocity with a correspondingly low Pt < P!'. Assum-
ing that the boundary-layer thickness at separation is zero, the asymptotic
velocity along the dividing streamline has been calculated for two-dimensional
laminar flow to be equal to u = 0.587 ug.

IMPORTANT FLOW SEPARATTION PARAMETERS

The main factors affecting the interaction between a shock wave and a bound-
ary layer are:

¢ Mach number

e Reynolds number

® OChock strength

¢ Dtate of bovndary layer (laminar, turbulent transitional)

e Location of transition
For example, an increase of Mach number increases the magnitude of the
plateau pressure and an increase of Reynoclds number reduces the plateau pres-

sure. This can be shown using the equation for plateau pressure for laminar
Tlow

C

Pp LY M ReE (1\12-1)E

o

pa—
1
H
10
‘_';

12

which can be rearranged for large Mach number to the form

P ~ 1+ —%-—CMLB
l)ref Re

An increase of the shock strength has only slight effect on plateau pressure
and increases the upstream interaction length (References 5 and 6).

The state of the boundary layer influences the physical scale of the inter-
action. Laminar separation extends over a larger distance than turbulent
separated Tlow, and the laminar pressure rise is more gradual as compared
with the abrupt pressure rise in turbulent flow. It has been recognized
that location of ftransition relative to separaticn and reattachment points
is an impcrtant variable.

12
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Figure 8, Separation Flow at Reattachment (Reference 4)
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When transition is close to the sepsration point, the flow lacks two-
dimensicnality and is relatively unsteady. Pressure in the transition region
frequently reaches a peak value which is higher than in turbulent flow. (In-
cidentally, the stability of a separated boundary layer increases markedly
with an increase in Mach number.)

Another important parameter is the temperature of the wall. Wall ccoling has
only a siight effect cn the magnitude of plateau pressure but reduces the
interaction length (Figure 9).

The effect of wall temperature on location of separation point is shown in
Figure 10 (Reference 7). The distance between the beginning of interaction
and the separation point is shown as a function of the position of the
beginning of interaction, with wall temperature as a parameter. It is noted
that as the wall is cooled, the distance (XS—XO) decreases and becomes zero
at some critical temperature ratic. Simultaneously the pressure at separa-
tion becomes equal to the pressure at the beginning of interaction, and no
separation occurs. The limiting line on the left indicastes tangency of the
dividing streamline to the edge. Also the inclination of the dividing stream-
line in the reattachment region is reduced by wall cocling, and as a conse-
gquence the over-all distance of separated flow 1s decreased.

THEORETICAL ANALYSES OF SEPARATED FLOW

The complex and challenging problem of interaction. between a shock wave and

& boundary layer has occupled many investigators since 1939, when the inter-
action phenomena were first observed by Ferri (Reference 8) during tests on
an airfoil in a supersonic tunnel where a favorable pressure gradient was ex-
pected. BSince that time, numercus workers have investigated wvarious facets
of the interference flow. Although our knowledge is stiil far from complete,
a considerable understanding of the Interaction phenomena has been gained
over the last two decades. However, in spite of the persistent and long-time
effort on this subject, a satisfactory and simple thecretical =snalysis ade-
quate for engineering applications does not éxist. The interaction involves
the separation point, the separation region, and re-attachment; and each of
these might be considered to be one of the unsolved problems of fiuid dynamics.

An introductory discussion and a historical review of the developments in the
field cof separated flow phenomens can be found in Refererices 9, 10 and 11,

The simple case of an obligue shock wave impinging on a flat plate has been
the subject of numerous theoretical and experimental Investigations. The
flat plate model has the advantage of being able to separate the effects of
the interaction from those arising from the pressure gradient associated
with a curved surface. The theoretical study of even such simple types of
interaction presents many difficulties. ©Some early investigations treating
the problems are described in References 12, 13 and 1L,

One feature which has received much attention in thecretical considerations

ig the effect of the shock wave on the upstream flow. It was thought that
these effects could be explained in terms of the propagation of disturbances

14
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upstrean through the subsonic flow within the boundary layer near the wall.

A gimple theory which neglected viscogity effects other than those producing
velocity profiles iIn the boundary layer was propesed. It was found, how-

ever, that the predicted upstream eflects were much smaller than those observed,
and the differences between the upstream effects in laminar and turbulent

flow could not be accounted for {References 15, 16 and 17).

Another approach to account for the effects upstream of the interaction was
to consider the mechanism of the interaction between the changes in thickness
of the boundary layer and the pressure changes which they produce. The
theories developed along this line (References 18 and 19) seem to be in
reascnable agreement with experiments for weak shock waves.

In strong shock waves, which generate pressure gradients in excess of those
reguired to produce separaticn, the separation peoint moves upstream until
the pressure gradient drops to the separstion value. The problem of
boundary-layer separation ahead of the impingement point is dealt with in
References 20, 21, and 22,

The mixing layer theory has been applied t¢ the interaction problem by Croecco
(Reference 23), This theory recognizes a mixing between the high-velocity
external Tlow and the slower-moving alir in the boundary layer, or the trans-
port of momentum from the outer stream tc the dissipative stream as a funda-
mental process that determines the pressure rise that can ke supperted by

the flow. ©Since the external flow cannot be regarded as a known datum for the
calculation of the dissipative flow, it is necessary to relate the thicken-
ing of the boundary layer and the consequent deflection of the external flow
to the pressure distribution bty simple-wave flow relations., This method

uses a generalization of the von Karman momentum integral and treats the flow
as quasi-one-dimensional with properly defined mean velocity and temperafure;
it is based on certalin parameters characteristic of the boundary-layer pro-
file. Interrelationships among these perameters are cbtained from similar
sclutions of the boundary layer equatlons. The flux details are lost by this
method, but it 1s believed that this simplified model preserves the main
features of the interacticns with the external flow.

Guantitative disapgreement between experiments and the thecretical results
obtained by the Crocco-Lees metheod for the region upstream of separation

prompted Glick (Reference 24) to re-examine this method. As a result, an
improved correlatlon function based on low-speed theoretical and experimental
data was developed. The separated and re-attached regions were reviewed and

a physical model incorporating the concept of the dividing streamline was assumed.
Using the Crocco-Lees approach and the estimated correlaticn functions for

the separated and re-attachment regions, the problem of the shock-wave and
laminar boundary layer interacticn was analyzed. The calculated pressure
distributicn ghowed a sgatisfactory agreement with experiments.

A simple new method wag developed along the lines of the well-known Fohlhau-
sen method, which is applicable to problems with extensive separation ( Ref-
erence 25). A sample calculation of pressure for the laminar foot of the
interaction compared faverably with results obtained by the Crocco-lees method.

17



A more conventional integral method following Karman-Pohlhausen for the study
of the interaction problem regulting from a swept planar shock wave and a
laminar boundary layer on a normal plane is deseribed in Reference 26. 'The
three-dimensional effects due to sweep are resolved by considering the prob-
lem irn a plane normal to the shock plane and by considering the effect of the
cross-flow velocity component separately. The method is based on a fourth-
degree cr higher polynomial for wvelccity asnd enthalpy profiies.

Another method based on a modified Pohlhaugen apprcoach with the velocity dis-
tribution represented by a fifth-degree polynomial with two undetermined
parameters is pregented in Reference 27. The concept of a dividing stream-
1line is used. This method represents an improvement in pressure and shear
values cover thoge obtained by the one-parameter method.

Abbott et al.(Reference 28) describe a method which 1s based on solution of the
boundary layer equations by the usual integral method with the Prandtl-Meyer
equation for the pressure rise at the edge of the boundary layer. Fre-
gseparation and post-separation regions are studied. Pressure distribution is
calculated, and the effect of Mach number, Reynolds number, and wall tempera-
ture are established. However, the calculated temperature profiles in the
separation region are unrealistici: the calculated flow temperaturs decreases
as one moves away from a cooled wall, thus the cool wall is in the unlikely
situation of heating the separated region. This trend can be ascribed to the
use of similar velocity and temperature profiles in both the boundary layer
and the dead-air regilon.

One of the more recent methods is due to Lees and Reeves {Reference 29), This
paper presents a theory which is capable of including the entire separated
flow without introducing semi-empirical features. It is based on the assump-
tion that the boundary layer approximationg are valid over the entire viscous
flow region. The integral method with the first moment of momentum in addi-
tion to the momentum integral is employed. The successful application of this
method to separated and re-attaching flows is attributed toc the proper choice
of the one-parameter family of velocity profiles,

A mumerical method of treating laminar separated flow was reported recently

by Nielsen et al. This method of solution is based on integral relations due
to Dorodnitsyn. The boundary layer egquaticns are transformed by.the Stewartson
and then by the Dorodnitsyn transformation such as in Reference 30. For axi-
symmetric flow, a Mangler transformation is applied. The success of this
method is believed to depend primarily on the form of the eguation for velocity
profiles . The advantage of this method over those using a one-parasmeter family
of profiles is that it is possible to obtain higher approximations to the solu-
tion and thus permit assessment of how closely the assumed velocity profiles
approximate the actual non-similar family of profiles. The solution of the
simultaneous differential equations 1s obtained by an IBM 7094 digital comput-
er. This program which gives the wvelocity and pressure distributicn through-
out the boundary layer for either two-dimensional or axisymmetric configura-
tions for adiabatic and non-adiabatic cases 1s described in detail in
References 31 and 7.
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Section TII

FLOW PROPERTIES ALONG THE BRODY SURFACKE

LOCAL PRESSURE DISTRIBUTION

The pressure distributicn over the surface cof a vehicle flying at high Mach
number and low Reynolds number consists of inviscid and viscous contributions
and is established as a result of the so-called viscous-inviscid interactions.

Viscougs-Invigeid Intersctions

A thick boundary layer at hypersonic velcclity changes the effective shape of
the body and affects the inviscid external pressure which, in turn, influences
the development of the boundary layer. The resulting pressure is higher than
the inviscid pressure in the absence of viscous interactions. A measure of
the effect of the interaction on the pressure is the interaction parameter

AT
AN e

aX

The viscous interaction parameter X is used for delineating the visccus inter-
action phenomena into weak and strong interactions (Ref. 32),

The weak interactions occur when the deflection resulting from the growth of
the boundary layer is sufficiently small. This is usually expressed by the
relation

K = M, 6 = 0{1) or less
and as”
e < %

In.terms of the viscous interaction parameter X, for X <1, the effect of the
interacticn is small; for X = (1) or greater, the effect of the interaction
might be significant. Thus, weak interactions appear at low angles of attack
if the Reynolds number is high at high Mach number, or if the Mach number is
moderately supersonic at low Reynclds number. They might alsc cccur on a
compression surface at sufficiently high angles of attack.

19



Strong interactlons cccur when K2§>l and %gi >9b or if X>»1. A strong pressure
interaction region exists in the flow over a flat surface at low angles of
attack when the local Mach number is sufficiently large and the Reynclds num-
ber is suftficiently small. The high Mach numbers and low Reynoclds numbers
which make viscous interaction important generally preclude turbulence in

the boundary layer. The effects of viscosity on a flat plate cause the
boundary layer to displace the inviscid flow from the plate by a distance
equal to the boundary layer displacement thickness, §%. Since the stream-
wise pressure variation is dependent upon the local flow deflection, the
change of displacement thickness with distance along the plate should be
found in order to determine the effective body shape. This new body shape
determines a new pressure distribution.

It is apparent that the influence of any pressure gradient on the growth of
the boundary layer will In turn influence the pressure distribution. There-
fore, a certain interdependence between the viscous and inviseld flow exists
that affects the establishment of an eguilibrium condition between these two
flow regimes.

Pressure Distribution From Theory

The pressure distributicn of & complex body flying at hypersonic velocity is
obtained by numerical calculations which are rather lengthy and complex. Some
approximate thecories for determining the flow field include:

e Newtonian Impact Theory
# Constant Energy Solutions

The Newtonisn theory predicts distribution for cases in which the flow is
agssumed to deflect parallel to the body. Constant energy solutions are based
upon the analeogy of the flow field generated by a slender or blunted body and
a blast wave generated by exploding a line charge along the axils of symmetry.
The blast wave solution is accurate far downstream and invalld locally near
the nose. It ig basically wvalid for a body with zero thickness.

A number of expressions for the pressure distribution were obtained from theory.
One of the metheds, as presented in Reference 33, is the basic tangent wedge
solution which leads to the following expression for pressure distributicn cn

a compression surface:

2
e o) e Y b e 8

where

This formula may be reduced for weak interactions and K<1 to an approximate
form

20



= 1 + YK

g7

and for strong interactions where K>»1

Poo_ o v(y+1) 2
P 2

The above formula is restricted to freestream Mach number M, greater than 3,
*
and to a local flow inclination, # = Bb + gé—, of less than 20 degrees

dx
(Ref. 33)
Bluntness Effects

The solution for P/P,m as described above should be increased linearly by a
bluntiress increment in case the leading edge is not sharp. The results of
blast wave analyses are utllized to calculate this contribution. An expres-
sion for pressure distribution due to blast wave effects is given in Ref. 3k4
as

2 2 .2 2
= = A
S B S B (2)
F. 2 Y D x 2
(3)3
A = arc sin (cos a sin A)
where C = 0.112 for air, A, is the effective sweep angle, and Cp is the

drag coefficient of the leading edge.

Equation (1), in conjunction with the bluntness expression (2) was used for the
predictions presented on Figures 11, 12, and 13 (for Cp = 1.2 and A = 90°).

For the particular experimental conditions the bluntness contribution is
negligible for a»10 deg and x/d >16 at Men<1Q,

Boundary Layer Displacement Contribution

In the weak interaction regime, the boundary layer displacement contribution
to K can be found from the classical compressible displacement-layer expres-
sion presented in Reference 35, For zero angle of attack:

2
* ' M
8. 9;§§2 =+ 066 (-1 o = (3)

j=2]

8%]
w

2l
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If =0, free stream quantities must be replaced by the first estimate of
invigcid local quantities, using for example K = Mmeody and the tangent

wedge solution, Equation 1, or employing the obligue shock tables (Reference
3¢). A more complete treatment of this procedure is included in subsequent
discussions.

Another way of treating the case for az 0 is to regard the viscous-induced
pressure distribubion as a perturbation on the Inviscid distriouticn as follows.
Once again, the flow properties encountered by the boundary layer are gpproxi-
mated by the inviscid flow properties. The tangent wedge approximation is

then used to calculate the viscous contrivution, that is:

2 P
P Y{Y+1) 2 J . y+1] 2 | *y
Pw-%l+[—h——] K8+‘YK8 11-[T Ky T (&)
where
ad*
Ks = Mgy

For a more general case, the viscous interaction -contributicn as modified by
the bluntness included pressure gradient must be considered. The interaction
regimes are classified in accordance with previous definitions of wesk and
gtrong interactlion. An expression for Kg is obtained following the approach
in Reference 37. ‘This relation accounts for the boundary layer growth as in-
fluenced by the local pressure distribution proportional to a power of dis-
tance, Procar, ~ x%. The following expression for Kg was obttained

2

P P 2 P P
2 1 b o Y(y+1) [ 3 ]2 b e
= —_— + A - - —— =
% T Yo (Pw F, 7 (e Ky (X gy )
where
* .
B aé” ad
Ks = Mo = Maox
Ky is determined from Figure 14 or 13, using the appropriate value for n.
n = 0O {(weak interaction)
n = -1/2 (strong interaction)

If the inviscid pressure gradient due tc nose blunting is much greater than
the viscous induced pressure gradient, the applicable eguation is (Ref. 37):

X P
KL G %m E

( For P—O > 1)
83
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where Ku corresponds to n = -2/3 for bilunt nose.

Further investigation has resulted in the following equation for the sharp
leading edge case

2
YG = 2 VG o

LY+l (QXa} 1+ > Xa P_a

LY YG - ¥G < P

(1+ % xa) ] 21+ 3 xa) oc

which is valid for weak interaction with ?ﬂﬂl.

Fer strong interactions with ia>>l, the following equation presented in
Ref. 37 is valid

P
P 3 fviy+1) .5 | e .
— = |0.83 + Dl Lo X | = (7)
i I 2 al| P,
where the bracketed expression
[ ]21
ITea = 0, freestream conditions are to be used. Expressions for the "g"

parameter are:

G = 1.7208 lié—l (%% + 0.3859),for Pr = 1
G = 1.6u8 % é L (Tgww + C.352)sfor Pr = 0.725

These equatlons are compared with experimental data in Figure 16,taken from
Reference 37, showing the appropriate regions of appllcability.

Conmbined Effects of Incidence snd Displscement

An alternate procedure is to define a total similarity parameter K¢ which
combines the angle of attack effect and the flow displacement effect of the
boundary layer. 4his melhod is valid it the total deflection angle is less
than 20 degrees.
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Thus:

*
db
K, = KOB ¥ (K“’)B = Mfy * Mo (T )
M
- Mo
Kmf) = KBMQ

where Ko ig determined as before. For Kt>0, the tangent wedge formula may

be used, Flat plates at small negative angles of attack may still show
positive pressure coefficients on the expansion surface because the vise

cous effects may be such as to give net positive flow deflections. This effect
accounts for positive pressure coefficienlts noted in recent test data on sur-
faces which would normally be considered to be in expansion flow (Ref. 38).

For such surfaces, Newtonian Theory would predict Cp = ¢ and a Prandtl-Meyer
expansion would indicate Cp<O.

When the expansion angle is greater than the displacement effect, Kt< O,
the applicable expressicn for the hypersonic similarity pressure distribution
is (Ref. 39):

2
P (y - 1) ]ﬂ
= - [1+——-———2 K,
(8)
For -—-2—<K <=0
Y-1 Tt T

The blast wave effect from leading edge bluniness ls assumed to be additive
(Figure 11).

From the form of the above equation, note that as long as K% is negative,
the viscous effect does not dominate. In this cage one has a number less
than one, raised to a large power. The result is a pressure ratio
L which is less than unity.
Peo
Actually these results for expansion surfaces are less reliable than the re-
sults for compression surfaces. No satisfactory results are available for
cases in which K, = -2

T Y-l
Viscous effects were found to be negligible on compression surfaces at large

angles of attack, especiglly at large downstream distances, That is, the
previous expressions for pressure distribution reduce to:

v’

b

Po

P o
— = =+t
B, P.
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For large X/d, the blast wave effects diminish and P/Rm approaches-ﬁz,

<0
the oblique-shock pressure ratio. The oblique shock pressure ratio may be
determined from Reference 36.

Relative Magnitude of Bluntness Effects and Viscoug Effectsg

Most theoretical investigations cf the interaction tetween the boundary layer
and the external flow are based on the assumptilon that the leading edge or

the nose 1s infinitely sharp. Actual vehicles, however, cannot tolerate sharp
edges since gome blunting must be provicded in order to control the heating
rates. The relative magnitude of the inviscid pressure generated by a blunt
forward part as compared with the self-induced pressure due to viscous inter-
action is discussed in the following paragraphs.

Vigeous effects will outwelgh any inviscid effects in the blunt region when
the Reynolds number based on a dimension indicating the bluntnessz of a body

ig of the order of 100. When ths Reynolds number is not too small, the
inviscid pressure field will dominate the forward part of the body arnd conftrol
the growth of the boundary layer, and the viscous effects will be negligible,
Nevertheless, Tfar downstream where the inviscid overpressure 1s small, viscous
interaction might show up.

The distance at which the relative magnitude of the inviscid pressure is
comparable with the pressure due to the interaction for a body of revolution
with nose diameter d is given by (Reference 32)1

With an interaction parameter for strong interaction assumed to be X2k and with
Co = 0(1), the self-induced pressure becomes significant when

Mh
Re ~ =%
@y N

For RegyxM,, one can expect a strong interaction region fully develpped at

the nose, and an insignificant effect of the blunt nose. If Regg~ Mg no

strong interactions are noticeable at the nose. As Repy increases, the in-
visclid effects spread downstream away from the blunt region, but the inter-
action might still be important on the slender part of the tody if the inviscid
overpressure (P-Py} is small, particularly because of a rapid inviscid pres-
sure decay on axi-symmetric bodies. Ewventually, at high angles of athack,

the inviscid overpressurc is so large that viscous-induced pressure is
negligible.
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Table 1 {Reference 40) shows test flow conditions for blunted elliptical cones
for a Mach number range from 9% to 36, Calculatiqgs show that for M,<10, no
strong intersction can axist at the nose. Bince X<1, only weak interaction
might be effective on the slender part of the body, and at M_ = 3 these
effects are probahbly negligible.

For M >1k4, where X >>4, one probably has strong interaction at the nose.

The expression to be used in a practical application for the pressure distri-
bution calculation will depend on the prevalent flow conditions. Another
parameter for estimating the relative magnitude of bluntness viscous effects
has been established in Reference 37. If

the leading edge bluntness effects are negligible.

In the case of I“<l/lO the viscous contribution is small to negligible com-
pared with the blunt, leading edge effects on pressure. For I“<1/2 both the
bluntness effects and the viscous effects should be considered. To compare
the different formulations, a number of experimental distributions from
Reference 41 were used(Figures 11 to 13). The solution containing self-
induced effects should be used only at X, > 1. It is primerily useful on lee-
ward surfzces, where extensive viscous interaction may be expected, and for
high Mach numbers (Mu,>lh). In general the test Reynolds number was too high
t0 induce substential viscous pressures. The inviscid solution should suffice
under most conditions for calculating PO/P . The viscous pressure increment

15 most noticeable near the nose where ¥ ls larger end the boundary-layer slope
is steeper. A calculation at the hingeline should be underteken to determine
the significance of the viscous pressure contribution. Figures 11, 12, and

13 show the decreasing importance of leading-=dge and viscous effects at large
downstresm distances (x/d>16). At these downstream positions the inviscid
sharp wedge solutlon 1s the most accurste for e>0. Pigure 12 shows that the
inviscid solution, P/P00 = PQ/PCD + Pb/Em, is sufficient for a= +10° and -10°
Tor gll x/d >1.

TABLE I
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LOCAL FLOW PROPERTIES

Actual vehicle configurations can be represented in many cases by simple
elements like wedges or cones.

Briefly, it can be sald that for two-dimensional bodies with small bluntness
and negligible viscous effects, the loczl pressure can be expressed as a first
approximation by the pressure behind an obllique shock wave (Reference 36), On
bodles with blunted leading edge, pressure near the leading edge will be higher
than that predicted by the oblique shock theory end may asymptotically approach
the oblique shock wvalue far downstream from the nose,

For a point relatively near s blunt leading edge, the shock loss thecry of
Moeckel (Reference 42} may be used to describe the properties of the outer
flow. The static pressure ratio Pa/Pw must be known beforehand, whether from
tangent wedge calculetions, or blest wave thecry, etec. It is assumed that
the streamlines of interest pass through the leading-edge bow shock, and then
expand isentropically to the known RQ/P . The leading-edge shock plane has
its normal inclined to the flow at an angle which 1s approximately equal to
the sweep angle A. To fiInd the Mach number M& corresponding to P , one first
SL
notes the expression for the ratio of total to local pressure for isentropic
expansion behind the shock (Y=1.l4):

2 T
Pt Ma =
2 SL
?_._ = 14+ —
o

5

The total pressure behind the shock and the static pressure ahead of the shock
are related by:

P

i 5
6 12 cos® A (M2 + 5)|3 ( 6 )5

e |
P 5 (Mi COSg‘A + 5) T Mi c052 A -

Solving these equations for M , one obtains:

L
2 2 > 2 o i
M _ AV 6 T 6 Mgcos” A (Mgt 5) 2 (9)
" P 2 2 2 2 -’
SL a 7T Mg cos A-1 M,cos A+ 5
Tt for isentropic flow is

T

TE = 144+ 0.2 Mi
o K SL

Since Tt is constant for an 1deal gas in adisbatlc flow, one can calculate the

local (&) quantities,
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Specifically, the Reynolds number ratlo becomes:

P qm
' 3 0 +198.6
L Uy (T (Y ) (e et
P, u, (Re/:’.n)ma P, Ty M, o0 T T, + 193.
K .
Tw(1+0.2 M)
2 = + 198.6
(Re/in) P [1+0.2M] ¥ 1+0.2M
a . ay_ .« o o (10)
(Re/in), Pelivroo| M T+ 198.6

In this expression the perfect gas equation, the relationship between local
and total temperatures, the proportionality of sound speed to square root of
static temperature, and the Sutherland viscoslty law have been employed.

For s point considered to be relatively far from leading edge bluntness,
oblique shock theory can ke used to obtain the properties of the ocuter flow
when Po‘/P.:0 is known beforehand. It is implied that any contributions to
static pressure on the body, such as from viscous interaction or even blunt-
ness effects, can be represented as an effective thickening of the body. Then,
the solution for Mach nmumber behind the corresponding oblique shock is:

2 Poc Pa - :
My 16 T + 1) -5 7] -
M - o0 0

(11)
C!OS P_a (_1.39[_ + 6j
P P
= +] -3}

As wlth the shock-loss method, all local properties are now known. Reynolds
nunmber ratlo may be calculated elther by equation 10 or by

Ma Pﬂ! Too % p'co
(Re/in)a = (Re/in)m —M-— ?- ﬁ‘_ -H— (12)
o0 Teo o o

where any appropriate expression for the viscosity ratio may be inserted (for
instance the Sutherland law).

When bluntness is not zerc, the actual M, will generally turn out to be some-

where between Ma and Ma . From the pressure distributions that were exam-
BL 0S8

ined 1n deriving the correlations given in this report, it was possible to

obtain good estimates for M, values on surfaces with leading edges of various

bluntness dimensions. The following formula for local Mach number is suggested

(Figure 17.)
35



SL

Ma“'Ma

M

“s 1

O!OS

10

O REF 74
Mg - Mg X
M >t —01375-——-—H'L +2.00
M o - M e di ¢ -0
os S L L
— O
y 5 12 16 20 24
S
d ¢

Figure 17, Bluntness Effect on Local Mach Number, M,
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L1375 E + 2.00

LE
M = L M, - M, 1375 ?ﬂ:+ 2.00] + M, , for = <1. (13)
o Mol %g a1, LE oL 0
X
1375 EEE + 2.00
P
And Ma"MﬂbS for M, >1.

BCUNDARY TAYER THICKNESS

The thickness ¢f a boundary layer is an important visccus flow parameter fre-
quently used as a physical scale in investigating viscous flow phencmena.

The correlaticns of distance parameters describing the pressure distribution
in separated flow developed in. the following sections are expressed in terms
of the boundary layer thickness. A simple expression for boundary layer
thickness was developed by modifying the classical Blasius laminar formula:
the fluid properties used in calculating the Reynolds number are based on the
raference temperature, T*. For the blunt leading edge case, of 1f large
viscous-induced pressure gradients arg present, the boundary layer

P.N\-%
thickness is reduced by the factor (ﬁﬂ) (Reference 43).
q

The fcollowing equations for the boundary layer are suggested :

5 = 5}')2 X3 | for blunt leading edge (14)
_H Read
P
and
r
5 = 2.2 X N for sharp leading edge (15)
PW %
T x
o
where
*
Re Re (T n Re (T \1.76
e _ _afcall a)  _af &
X x AT¥) \u¥/ = x \T*
and
T T
*
E,— = .28+ .5 T—W+ .22 ;‘W (Ref llt)
o (24 o




with

Taw - 1+ Y-1 ,2 L
T o a 2] o

The predicted values of boundary lsyer thickness are compared in Figure 18
with avallable experimental measurements from Refervences 3k, 45, and 46,
assuming Taw = Tw Tor tests. It was found that for Mu{<6 the pressure ratio

factor usually can be neglected. The boundery layer thickness for turbulent
flow was expressed by a modification of the classical formula from Reference 47

5 = 0.154 x _ Q.154 x (16)
o) (Fa) | 1.67 17
(Re ) — | —= T
X T* |._L* (Re ) __E"_
X
. 7%
where, for turbulent flow, in the expression for T
o
T 1
oy, (- 1) 253
T 2 @
“ 6
0.7
and HNT

Figure 19 prescnts a comparison of equation 16 with test data from Reference 48.
Due to the lack of experimental data no effects of pressure gradients for
turbulent flow were determined.

REAL GAS EFFECTS

A blunt object flying through the atmosphere at hypersonle speeds experisnces
severe heating from the alr which pssses through the standing bow shock.

Part of the kinetic energy of the flowing ges is transformed into thermsal
energy. This alters the behavior of the alr, which can no longer be con-
siderad a perfect medium, At high enough velocities, higher degrees-of-
freadom of gas gspecles are excited. Vibration, dissociation, and ionization
of gas particles may become important. The usual flow processes, coupled
with the rate processes, are responslble for these real gas cflfects,

For inecreasing temperature, significant quantities oI energy are atsorbed by
the vibrational mode. A molecule can absorb only a certain maximum of enercy
in this form vefore its bond is vroken altogether (dissociaticn). Another
real gas phenomenon is the absorption of energy by electrons. Complete de-
tachment of an electron is called ionization.

From the explanation above, it is seen that "real gas effects" cause reduc-
tions in kinetic temperatures by diverting energy into other encrgy modes,
This is very important in reducing recovery temperatures for high speed ve-
hicles to tolerable levels.
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The adjustment from one equilibrium state to another does not occur instan-
taneocusly. An average reguired number of molecular collisicons can be ldentified
for each energy mode. Therefore, adjustment times or relaxation times vary in
an inverse manner with static pressure. A high-speed vehicle in the upper
atmosphere may have relaxation times which are considerably greater than the
time reguired for a typical particle to ftraverse the body. TIn this case, the
flow is nearly "frozen" rather than in equilibrium, and very little energy
exchange exists. This may be treated as a perfect gas flow with a constant
isentropic exponent corresponding to the frozen condition.

When the ratio of the relaxation time to flow time is of the order of unity,
non-equilibrium cenditions might exist. Tf this ratio is small, equilibrium
flow prevalls.

Considering compression by a wedge, frozen (or non-equilibrium) flow involves
higher temperature, higher sound speed, higher pressure, and lower Mach number
than equilibrium flow. Figures 20 and 21 compare frozen, equilibrium, and
perfect gas pressures resulting from wedge shocks for various typical flight
conditions.

It should be noted that the perfect gas and frozen gas assumptions give approxi-
mately the same results, namely higher pressures and temperatures than for
equilibrium flow. The difference between frozen flow and equilibrium flow
conditions increases with velocity and wedge angle. At an altitude of 200,000
ft and a wedge angle § = 25 deg, the real gas effects are noticesble at veloe-
i1ty ug 28000 ft/sec. Figure 22 shows the altitude efflects on oblique shock
pressure ratio for a wedge angle of 25 degrees. It can be seen that real gas
effects become important above 100,000 ft for velocities above 11,000 ft/sec.
The equilibrium values are based on results from Reference 49.

For a lcng encugh vehicle, one would observe a streamwise decay of pressure
from the frozen to the equllibrium value. Such a pressure distribution is
similar to the pattern that would occur in the flow of a perfect gas over a
slightly blunted wedge. Therefore, it is not surprising that the shock shapes
for the two problems are also similar, i.e., curved.

For a blunt body, frozen or non-equilibrium flow results in higher temperatures.
The shock standeff distance is inecreased. Static pressure, however, is a little
below the equilibrium value. Figure 23 indicates the real gas flow regimes on
a velocity-altitude plot, for blunted surfaces one and ten feet in length.

It can be seen that flow conditions and corresponding reaction rates for the
assumed gas model depend on flight path and body size. For a one-foot body,
non-equilibrium conditions may exist at a velocity of 10,000 ft/sec above an
altitude of 170,000 ft, while for a ten-foot body, this altitude increases to
about 210,000 ft. This is bpecause the flow time on a larger body is increased
and the gas particles have more time for adjustment.

It would be consistent with the work so far on pre-separation flow properties

to advise the use of either perfect gas or equilibrium relations for each
prcblem, depending on whether perfect or equilibrium flow is a closer

L1
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approximation. It should be remembered that the differences between perfect
and equilibrium flow values decrease as deflection angles decrease asnd as the
altitude decreases.

An accounting of resl gas effects is given in Reference 50. Included therein
are some aspects of hypersonic flow and associated real gas effects, test
facilities, some discussion of relaxatlion times, some results for real gas
wedge flows in the atmosphere, a description of blunt body flow, and a rel-
atively up-to~date bibliography.
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Section IV

SEMI-FMPIRICAL CORRELATIONG FOR SEPARATED FLOW

In this section, the eguations to be used for the prediction of separated

flow pressure distributions are developed., The behavior of the separated

flow depends strongly on whether the boundary layer is Ilaminar or turbulent;
therefore, the discussion begins with an examinafion of the transition phenom-
enon. A criterion for establishing the location of transition is presented,
The next step is to determine the minimum pressure rise required to cause {low
separation, and Incipient separaticn criteria for both the laminar and furbu-
lent cases are given. Finally, correlation expressions sre presented for the
parameters necessary for the coastruction of the complete pressure distribu-
tions for both laminar and turbulent separaticn.

TRAINSTTION FROM LAMINAR TO TURBULENT IFLOW

An investigation of transition phencmena was presented by Teem and Murphy in
Reference 51, They collected large guantities of experimertal data concarn-
ing transiticn of boundary layers in high zpeed flows, and derived an empiri-
cal expression for the prediction of transition distance., The higher Mach
number data were taken mainly from the experiments of that paper, and from the
measurements of References 52, 53, and 5h, The scatter of the collected data
is sipgnificant; nevertheless, there is reason to believe that the resulting
expresgion is useful for prediction of transition., The complexity of the
phenomencon 1z shown by the fact that the Deem-Murphy equation involves unit
Reynolds number te a fractional power. There is a strong Mach number effect,
with increasing Mach number tending to increase stability of the boummdary
layer for M > 3. A crossflow factor must be included when there is sweep.
Any effects of wall temperature were noted to be surprisinely slight.

Certain comments concerning the final results of Deem and Murphy in Refer-
ence 51 are in order, That paper is particularly concerned with the effect
of leading edge bluntness. Regimes of bluntness are defined and, in fact,
iteration is required to get answers. Furthermore, the expression for very
large bluntress includes a combination of frec-stream and local guantities,
It is believed, however, that the transition distance of the boundary layer
ghould depend only upon the flow properties which it senses during its
develcpment.
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Therefore, the following egualion for transition distance is recommended:

3 1

5, 36510741, 9107 |Mg-3| 7 (cos A)®

Kt(feet)
(Re/:n) o -6

(17)

In this expression o - subscript properties are the local gquantities. These
local guantities are to be calculated as well as possible through the use of
any available methods, such as tangent wedge, blast wave, or the Moeckel

shock loss theory (Reference h2) when lesding edge bluntness is comparatively
large. (A more detailed discussion of local flow properties is presented

in Section TII.) The Deem-Murphy result and the above result become identical
when there 1s no bluntness and angle of attack is zero.

The coordinate X, which identifies the beginning of the interaection is not
known a priori. However, for vehicles of practical dimensions, the percent-
age difference between X, and Xy, will usually be rather small. Therefore,
it can be assumed that Equation %17) predlicts a turbuient boundary layer if
Xy < Xy, or Rea < Re

xy akyp

To indicate the validity of Equation (17) for prediction of the state of the
boundary layer at the hinge line (or shock impingement point), Figure 2k has
been constructed. In this plot, the spectra of data employed in devising the
interaction length and pressure level correlations for both the laminar and
turbulent cases have been collected and compared with Bquation (17). The
Reynolds number versus Mach number plot seems to be appropriate for delineat-
ing the laminar and turbulent regimes, but in this case there is no single
dividing line between laminar and turbulent; an X (or alternatively, an
Rea/in.) must be specified because Equation (17) contains unit Reynolds num-
ber. The procedure for constructing the Xpp isolines in Figure 24 was 1o
select Xgr, and ReaX (and therefore Rea/in.), and solve for M, from

HL

Equaticen {17) for A = 0 and Mg > 3. In this work most interest is in M,>3.
It is seen from the plot that the Deem-Murphy formula as suggested here
separates the believed laminar data from the believed turbulent data very
well.

The results presented in Figure 25 indicate that for a typical equilibrium
reentry glide trajectory, executed by a blunted vehicle, e.g. 30 feet in
length, control surfaces are likely to encounter both the laminar and the
turbulent boundary layer. Very large bluntness was assumed, and the shock
logs theory was employed. Computations also show that sweep has a significant
effect on transition distances. The very high sweep of T70° tended to cause

a decrease in X roughly 25 - L5,
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IL should be mentioned that the correlation formula presented here does not
tale account of many factors which should aftfeet transitinn distance i aome
manner. T oparticolar, the flight of a real vehicle throuszb the atmosphere
WiLLL Ihvolve oome conditions which are nofh simulated In wind tunnel tests,
The tollowing Caetors should be mentioned relative to the Xy corvelation

glven abovo .
] Hisne e Mach number data is slill regulired.

* free stream turbilcornee level i1s known to nave an effect on transi-
tion distance.

¢ Actual vehiele econfiguratlons are more complex than the wind tunnel
Tlat plate models.

. It is believed thal. there 1s a stavilizing effect of cooling
(Reference 55), and a real vehicle may have a protective cooling
system.

] surface roughness or protrusions contribute To instability.

. Real gag offects, relaxation time, and flow time influence the gas
composition and local flow properties.

CONDITIONS AT INCTIPIRTT SEPARATION

It is well establisghed that The existence of a sudden pressure rise, as at a
compression corner or acress an lmplinging snock, does not always lead to

flow separation. Some mlinimum coverall pressure ratio for inecipient separation
is required. The first stcp in the examlration of the interaction region is
the determination or correlation of the quantity:

There cxists a zimple Cneory for the form of the relation between the pres-
sure parameters and the olther (low properties in fhe zeparated region
{(Keference 5G). For this reason the correlations for these pressure parameters
are semi-empirical rather than empirical. Dynamically, the sitnation iz that
of a pressure rise overcomning the shear Force between the attached boundary
layer and the szurface. 3Gince the vertical helighkt over which the pressure
ditferential etz is itzelf related to the pressure increase through the
Prandtl-Meyer relation

2 2 Aa
o, = A8~ —
P Moo Mo-1 As



the force balance is of the fornm

o~ O Wi cPAs] ~ C.As3

L
Mg-l
For the laminar boundary layer Cf- ”JREQX , and for the turbulent boundary
HL
layer a common assumption is Cp ~ 5M Reax (it is considered that transi-
HL

tion has occurred relatively nearer X = 0 than X = XHL)' Therefore the data
for the incipient separation pressure are plotted as

1
c Re, T vs (Ma?-l) for laminar cases, and
G,
c

P
“r
L
, 10 2
Cp &GXHL va{Mg -1) for turbulent cases,
“Ine

in Figures 26 and 27. By establishing a straight-line curve fit through the
data in each case, the following expressions result:

For laminar flow:
1

)E - 2.03 (i 2_1)-0.306 (18)
L

C Re
ol

and for turbulent flow:

. 10
vPaINC(?EQXﬁL) = 2,20 (constant) (19)

Some experimental data shown in Figure 26 were reducted from values for
separation point pressure, using s theoretical relation from Reference 56:
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Figure 27, Turbulent Incipient Separation
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The theory in Reference 56 shows good agreement with the experimental data.
The theoretically derived expressicn

cho
Cp = 24| ———, (20)
o —_—
INC 2
(M, -1)

where the undisturbed-flow skin friction coefficient is (Reference 57)

w=1

1 2
C. = 664 |.u5+ 55Tiw + .09 (¥Y-1)M 2P?]
o = e . - Ta . 9 ol »

is represented by a straight line of nearly the same slope as the correlation
line, and with only a slight displacement from it.

It could not be established that the turbulent flow follows a gimilar trend.
Also, the range of Reynolds numbers in the available data 1s too small to
determine whether the tenth root relation really is representative of the
turbulent data. ZEach expression does, however, correlate the available data
over the ranges of tegst conditions.

DEFINTTTON OF THE INTERACTION PARAMETERS

To deseribe the characteristics of the separated flow regicn completely and
without ambiguity, some definitions of the interaction parameters have to
be formulated.

Figure 28 presents a typical pressure profile within the interaction region.
The distance parameters are based on a common reference line which is defined
for various model configurations as a geometrical shock impingement point,
hinge line {for corner flow), or forward face of a step.

The beginning of the pressure interaction, x,, is defined as the point where
pressure Jjust begins te rise. The upstream spread of the pressure is
expressed by the upstream pressure Interaction length, d;, defined as the
distance from the beginning of the interaction to the reference line. The
free interaction length,,ﬂfi, is defined as the distance from the beginning
of the interaction to the point where the pressure distribution reaches the
straight section of the pressure plateau. The downstream interaction length,
dE’ is the distance from the reference line to the point of intersection of
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two lines tangent to the pressure curve, as shown, in the downstream region.
The parameter d3 is the distance from the reference line to the point of
intersection of two lines tangent tg the pressure curve as indicated in
Figure 258. The separation length,,ﬂs, is the distance from the separation
point to the reference line (the separation point is obtained from Schlieren
photographs as the point of deflection of the boundary layer). Pressure
levels are defined corresponding to the previously mentioned characteristic
regions and positions. Therefore, P, and P, corregpond to pressures at x
and to respectively. Pressure over the separated region is establisheg
at a level defined by Pp. The final downstream pressure is designated by
Po.

SEMI-EMPIRICAL, CORRELATIONS FOR LAMINAR SEPARATED FLOW

Flow separation occurs if the applied pressure rise is sufficiently large,
i.e. is equal to or exceeds the pressure rise for incipient separation.
Once this condition is reached a characteristic pressure distribution
within the separated region is developed.

In order to approximate this pressure prcfile, the interaction parameters
must be known. The purpose of this section is to present methods of corre-
lating the interaction parameters Qi intc general expressions in the form

F

Q, = . (M ¥,

i i Moy B,
These correlations are expressed in terms of local properties as defined in
Section IIT, assuming that incipient separation conditions have been reached
or exceeded. The evaluated experimental data cover a range of Mg = 1.9 to
8.4 with some data at Mgy = 14 and Re, = 1.2 x 107 to 1.k x 10°,

%o

Plateau Pressure, Pp

One of the most important features of the shock wave boundary layer inter-
action is the plateau pressure which extends over the separated region. This
plateau pressure corresponds to a region of relatively constant slope of the
separated boundary layer. It has been established from a simple momentum
equation argument {Reference 56) or by using an order of magnitude analysis
(Reference 2), that the plateau pressure can be expressed by the following
functional relation:

- 22 r My, Re )
@]

o7



or more specifically

2 _\n
K(M, -1)

1

To obtain K and n, the experimental values of (CP )p (Re )E were plotted

versus (M‘gz -1} on log-log paper {Figure 29). The equation of the linear curve
it through the data is:

1 .56(Mf-1)’0 262
(CpJp = T (1)
(REQXO ) I

Upstream Interaction Length, dj

Knowing the magnitude of the plateau pressure, it is siill necessary to ind
the streamwisze spread of the pressure interacticn region. The concept of the
free interaction states that separated flow can be subdivided into a region
upstream of separation (which is independent of the method of inducing sep-
aration), and a reattachment region. One can treal these regions separately.
This was the basis for suggesting separate distance parameters for upstream

and downstream interaction lengths. The upstream spread of the pressure inter-
action is expressed by the length dl'

It has been observed that the upstream spread of the.sepaurated flow increases
with the magnitud~ of the adverse pressure gradicnt as expressed by the pres-
sure ratic across the shock wave or by the magnitude of the flap angle. This
trend was indicated by experimental data Yor both laminar [low (Refor(nco A1)
and turbulent flow (Reference 5). On the other houd the plateau pressure in-
cregses slightiy with the increasing flap angle. Thus, Lhe magnitude of the
adverse pressure gradient which bas Lo be negotilated by the boundary layer can
be expressod by non-dimensional ized pressure lilterence (Pg - P )/Po: (Pa - Py )/
Pos (P - Py /P or by the parameier M&ﬁ An attempl Lo Lorreldte dj/é) HO o
functlon oI(P2 P )/P?TMQ;, which was sugeesled in Literature (RrLchncc 89),
did not lead {0 a“successiul and conclusive correlation. A corrciation of
dl/Bo Versus(Fg—Po)/Po resulled in ile expression

1.056

= 570 M, 7 - 1
9]
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Figure 30 shows a plot of experimental data in relation to the line represented
by the above correlation equation, A correlation of d7/6, as a function of
M 6 has led o the following equation (Figure 31).

=N 1030 (2.65)e

50 M;

The scatter of the test points is comparable to that of Figure 30. Although the
experimental data inferred that the upstream interaction length is influenced
by the deflection angle or pressure differerice, the evalualed test data did notl
result in an acceptable correlation of dy /86, as a function of these parameters,
The reason for this might be the incompleteness of test data and insufficient
variation of evaluated test data.

A functional relation of the form

dy PP )
_—_ = — M

>
60 PO @

was therefore used to correlate the experimental data.

P

To obtain a specific relation, dl/ao was plotted verwn;(ifz- l) (Figure 32).
o

Mach number My was noted for each point and the systematic varlatlon of this
parameter across the plot suggested the relation:

where n 1s the slope of the data for each constant Mg.
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The eguation for F(M,) was obtained by approximating siraight lines {hrough
the points of constant Mach number. When the values of F(M,) were obtained
from the preceding equation and plotted versus M, on log-log paper it was

found that F(M,) has the form K(M&)m (Figure 33). TFrom this plot K and m
were obtainsd, Therefore

o, mif P I
| , Figure 34)
5 ‘K(Ma)(—ﬁ“‘-l) (

Free Interaction Length, £¢4

The first part of the pressure profile, from the beginning of the inferaction
to the platean pressure, is called "free interaction"; its length is defined
by the frec interaction length, £p;. Tor the correlation of the free inter-
action length, the same procedure as for the correlation of d; was followed

(Figures 35 and 36). The resulting expression for the free interaction
length is

1l

R - ) V)'ler.
8“ DT x 107 M o -l ( Pp -1 )) 7 (Figure 37) (23)

6l
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Downstream Interaction Length to Pressure Rise, di

The distance 4. corresponds to the beginning of flow reattachment as defined
in Figure 28. “Figure 38 is a detail sketech of this region.

oD
bf},\( ¢ \/ 3¢ ]

39

d} ——— et L —

Figure 38, Definition of Downstream Interaction Parameters

To determine d3, the angle ¢ is first obtained from ¢ = vp =Vy, Wwhere v is
the Prandtl-Meyer Function. Table II of Reference 36 yields v as a function
of either M or P/Py. The value of Vo Tollows from Mg and the value of vp
follows from PP/Pt = PP/PO X Ib/Pt- Once ¢ is known, the quantity dg is
obtained from the simple geometrical relation

tan @ _ L
tan Bf - d, + L
Therefore:
. d, tan b L I ) d; tan b (o1)
T tan 8, - tan ¢’ "3 ~ cos 8, ~ sin 8, - cos &, tan ¢

Downstresm Interaction Length to Peak Pressure, do

The location of the final rise to the pressure P- behind an cblique shock is
defined by the downstream interaction length d2 %Section ). Two methods
have beer. used to determine this parameter.

Methed 1, The following correlation, together with its stated modificaticns,
gives satisfactory answers for any input parameters. Since dy is a dimension
of the same order as do, and since M,6r indicates the strength of the dis-
turbance cause by the flap deflection, plots of dg/dl versus M&&f were

fo



constructed. The available data had been obtaired for different flap lengths,
and the parameter Cpj,p/d) was introduced in order to account for the effect

of finite flap length. Expressing the parameter dg/dl Cflap/dl as a

function of (Maﬁf), the follgwing correlation expression for average values
is obtained:

d2 1
5= T———— = 0.5i5 - 0.0h03 (M,5¢) (25)
1 C

flap

4y

The possibility of obtaining unreasonable answers for dg/dl is eliminated by
imposing certain cutoff points for the above expression. These are expressed
mathematically by:

c d
£1 o
For _TiIL z 1 @ g = LOh5 - LGk (M, &)
1 1
C d
2
For _flap 0.25: —— = 273 -~ .02 (M_8&.)
4 4 *r
M S.> 5 dpfdy . . 3hh
For a £
NI
where
Cri1a Cfla
—£ 4 25 = —E <
1 1
c
r= 1, ip dflap > 1
1
C fla
25, if % = .25
1

Method 2. The correlation expression for do given below 1s applicatle for small
flap deflection angles (Sf <15 ), and flow conditions in the Mech number and
Reynolds number region Mg = 1.9 to 8.4 and Regy = 1.2 x 105 to 1.4 x 105,
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respectively. It is again recogniwed that the pressure rise as characterized
by Mg 87 should be a significant factor. However 8y itself is carried as a
separate parameter. To obtaln a correlation, d2/d1 was plotted versus
Uﬂa Sf). From this a parametric dependence on O was observed (Figure 39).
A function of the form

9!

o
Pt

0 = F sy (Maaf)m

1

was selected to fit the data. The exponent m is the slicpe of the parametric
lines. The function F(Sf) could then be calculated and plotted versus &p.
This resulted in F(Sf) = K §" (Figure L0), where n and K are determined from
the graph. The final eguation for do is

= B ox lO_jaéithb @da§J1'59 (Figure 41) (26)

where 8, is expressed in radians.

Pear Flap Pressure, P

Because the [iow is turned more gradually when a separated region exists,
than it would be through a single obligue shock, the final pressure reached
on the flap generally will be between the isentropic value and the single
shock value (maximum entropy rise). Therefore, 1t is suggested that for
laminar cases the average of these two values be used, with the following
exceptions (Figure 42): TFor Mg>6, the single shock value appears to be
better than the average value for the final pressure. TFor Mg<6 and & <10°,
it ig immaterial which of the methads of pressure ratioc calculation is
employed .

Separation Distance, £

Some iterative numerical methods of analyzing the separated flow (Reference 7)
require the conditions at the separation point, to start the procedure.

The actual separation point of the boundary layer is defined by the occurrence
of zero velocity gradient at the wall in the directicn normal to the wall,

o]
e = 0,
By w
and 1s correlated by the equation
L. < .8 L o8
) ! ) « W . e
_8-—_-—— - B 1> - | ) ( L.'f- ) ;vca (Flgure ]‘l"s ) (d r)
"R ) o5
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where H.2 X

Separation Pressure, P

The pressure level associated with the separation position has been derived
theoretically (Reference 56). It has been found that the pressure coefficient
at separation can be approximated by

2 C

where Cp 1is the skin friction coefficient for the undisturbed region. Using
the exprgssion for Cfo from Reference 30, the following relation was obtained.

T o 1] w-1
. _ 1.328 [u.us + 0.55 -Tl"- + 0.09(Y-1)M, Pr 2] N
Py /s 7 Q; 0 (28)
R, 2 M,"-1) 2
Q’XO

The pressure at the separation point for lamingr flow has been correlated for
various configurations in Reference §, resulting in a second expression for

(Cp, )y

0.2
0.91 (Mi ) 87

(c, ), = i (29)

Reux 5
o]

A comparison between the two expressions may be seen in Figure 4. The good
agreement between these two expressions tends to indicate the validity of the
theoretical relation.

The Effect of Finite Flap Span

Pressure distribution in the separated region over the flap is influenced by
finite flap span. Some data for partial span flap pressure distributions are
presented in References 58, 59 and 60. Figure 45 shows the configuration
considered. '
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Figure 45, Mode! Used in Finite Flap Span Tests



It is desired to construct some empirical correlation for an average Tlap
pressure defined by the equation:

Tr
Of (PE -P) dy = CPe ¥ = (PE- Pav)yf

Py = PE (1 - ¢}

The pertinent span parameter was not wvaried in the awvailable data. The
average value of C, which indicates average percentage loss in flap force
for the evaluated tests, was 1h%. Attempts to identify Mach number, Reynolds
number, or position effects on C values were unsuccessful. The flap aspect
ratio of the test model was

2

Ve

AR = - =1.33
yf flap

Presumably, C—>C as AR— =, and percentage flap force loss C should
increase monotonically to unity as AR decreases, 1.e., as the deviation from
two~dimensionality Increases. In the sbgence of more information for partial
span flap effect, an approximation for (1-C) for design purposes ig indicated
by the broken line on Figure U46.

SEMI-EMPIRICAL: CORRELATIONS FOR TURBULENT SEPARATED FLOW

The distance and pressure parameters as shown on Figure 28 are again used to
describe the pressure profile. The methods used to obtain the correlaticns
for turbulent flow are virtually identical to those used in the laminar
problem. The correlations cover a Mach number and Reynolds number range of
Mg= 1.5 to 6.2 and Re__ = 7 x 10° to 6 x 106, respectively.

ax,

Pleteau Pressure, PP

The plateau pregsure is defined as the approximately constant pressure reached
in the separated flow region. Using the parameters suggested by theory and
by previous correlations, (CPa)P was taken to be a function of R%xx and M.

1/10 Q.2
The correlation was obtained by plotting (CPa)P Re, / versus (M,~ - 1).
o

This led to an expression for (CPa)P of the form

(CPa)P B (KRZIQ(X )_b‘)zo
OL‘(O
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where K and n were determined from the plot in Figure 47 by finding zn
equation for a straight line drawn through the data.

The following expres-
sion for (Cp )p was obtained.
PP
- 2 -.30
P t 1.91 (Mg -1) 309
Cpq) = z ) 1/10 (30)
P YoM, (Re )
2 Xy

Upstream Distance Parameter, d;

The quantity d, was correlated by assuming the functional relation:
p - P
- B o
4 = )((M“’ Regy P )

The distance d; was non;dimensionalized by the boundary layer thickness, §
where:

Q2
.ltho

- * 1
o [Re_ ] /T
ax
O
From a plot of (d;/8§,) versus {Pp/B,-1) a function of the form
d

P n
51 - F(Ma)(Pp -1)

(8] o]

was inferred, and both n and F(M,) were obtained.

The reduced test results
are shown in Figure U8,

The resulting final equation for d; has the form

o}

a -1.67{ P 8.55
81 1.1 x 10° [Ma ( Lo ) ] (31)
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o0

Figure 47. Plateau Pressure Correlatfion for Turbulent Corner Flow and Plate with
Step (with Sharp Leading Edge Base Plate)
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Figure 48. Upstream Inferaction Length Correiation for Turbulent Corner Flow

(with Sharp Leading Edge Base Plate)
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Free Interaction Length, £pyg

The determination of Efi’ the free interaction length, followed a procedure
ildentical with the determination of d;. A functional relation of the form

. I8 n
_’%—3__ = F(Ma)( = -1)
o] o]

where F(Ma) = KMQ?, was found. The exponent and constants were obtained from
Figure L9,

The resulting equation for Efi is

P &.40
p
-1
i .oy 0" "o (32)
8, [ M, 1.325

Downstream Interaction Length to Peak Pressure, dp

The downstream distance parameter d, indicates the location where pressure
reaches the final peak flap value, as indicated in Figure 28.

Method 1. A functional relationship in the form

—=— = T(3) (Mgd) "

was used for correlation. A plot of dg/dl versus M, 35 led to a dependence on

flap angle

F(s.) = K (8,)°

The final relation was therefore of the form

dE n m
5 - K8 (Mad)

1
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Figure 49. Free Interaction Length Correlation for Turbulent Corner Flow {with
Sharp Leading Edge Base Plate)
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The best fit to the data wag gliven by

d
_d.?_ - 2.8 x 1077 [ Mo (6p) "

] h.93h
1

(Figure 50%33)

where 8160 is expressed in radlans. The formula 1s based on test results for

8 < 15°, Mg = 1.5 %0 6.2 and Rey, = T x 10% 0 5.6 x 106,

Methed 2. An alternate approach leads to an expression for dg/él as a
function of Mdéf and flap length ratio, of the form

1

a,/4, = 1.16 - 0.33 My (34)
cC
flap
dy
For meaningful results the following limits are recommended :
For Cfl
= =z 1 d,/a, = 1.16 - 0.33 My 8.
L
For Cfl
—a—@ﬂ < 0.25: d?_/dl = 0.58 - 0.165 My 8.
L
1
For Mn 8, 2 2.4 : a,/a = 0.37
a 2’71 ’
NT
where
Cfla
f 1, f‘or—d"——E z 1
1
C
r - ¢ flap oo » 8D 5 o5
d ’ d
L 1
Cfla
| 0.25, for —d——E < 0.25
1

This formulation may be used for a wider range of flow conditions than thal
of Method 1,
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Downstream Interaction Length to Pressure Rise, ds

Examination of the test data used in this study led to the conclusion that d-
can be taken ag zero for the turbulent case. 1Tt will be recalled that this
parameter indicates the beginning of the rise from the plateau level to the
final flap pressure.

Peak Flap Pressure, P2

‘The less extensive separation region typical of turbulent flow allows the use
of the single shock method to determine the pressure level Po. This pressure
value can therefore be obtained from Reference 36 using the local Mach number
value M, as suggested in Section TIT.

Conditions at Separation, P, and fg

v 0, may be approxi-

mated by d; for turbulent flow. The asscciated pressure coefficient was
found to be {Figure 49)

The separation position, ls’ again defined by %ﬁ

Lak ()03
(Cp )S = T (Reference 6) (35)
a —

1
(Rey, )
o}
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Section V

FLOW SEPARATION ON VARIOUS CONFIGURATIONS

The semi-empirical correlations for separated flow described in the previous
section were derived from experimental results for two-dimensional bodies.
Although two-dimensicnal bodies as vehicle elements are of considerable im-
portance, actual vehicles are more complex and the flow is three-dimensional
in character. In this section separated flows on fin-plates, flat surfaces
with compression flaps and endplates, and delta wings and their variations
are discussed. Three-dimensional features of flow sbout pseudo-two-
dimensional bodies of finite gize are discussed qualitatively with the aid
of visual data.

FIN-PLATE CONFIGURATION

Vertical fins and control surfaces are employed on various types of hyper-
sonic vehicles, such as those designed for aerodynamically maneuverable
reentry missions. Bhock waves and pressure rises induced by such devices at
finite incidence will be transmitted to the adjacent surfaces on the vehicle
thus modifying the flow fields there, The problem of a fin-generated shock
sheet impinging normally upon a surface with a boundary layer is of interest
from both an aerodynamic and thermodynamic point of view. The abrupt pressure
rise across the shock in real fleow is diffused and spread over some finite
distance. Figure 5 shows a simplified model of the.interaction region.

Choice of Coordinate System

In attempting to devise a set of correlations for the fin-plate pressure dis-
tribution, as was done in the deflected flap case, it must be realized that
cne is dealing with a basically three-dimensional flow. The impinging shock
sheet is considered to be perpendicular to the plate surface, but it is not,
in general, normal to the local velocity vector. The question arises as to
whether for the correlation purpcose one should consider pressure distribution
in the initially streamwise direction or proceed in a direction normal to the
impinging shock.

Even though the flow behind the shock is not aligned in the original stream

direction, the one-~dimensional assumption may be a good approximation (as long
as the flow deflection angle is not too large).
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Correlations in the direction normal to the shock, assuming that the
tangential velocity component does not change across the shock and does not
have significance for the external inviscid flow (Reference 26), may not be
valid for the boundary layer, where the tangentlal velocity varies.

Analysis of Experimental Results

Experimental Procedure. The model employed in the experimental study of
fin-plate interaction (Reference 87) is shown in Figure 53. The fin or wedge
vwhich generates the impinging shock has a semivertex angle of 15°. Actually,
data have been taken on models of four different configuraticns, as there are
tall and short, sharp and blunted fins. Pressure taps are scattered on one
side of the plate surface and one side of the fin (the other half of the model
is instrumented with thermocouples). Unit Reynolds numbers are varied moder-
ately, with the Deem-Murphy criterion indicating that boundary layers are
probably laminar (Section 4). Consicderable variation of the local Mach
number is accomplished by angle of attack variation. Because of the pressure
instrumentation arrangement, the most informative runs were those of M = 5
and @ = 5°, i.e., M, = k.5,

Shock Wave and Boundary ILayer Effects. Figure 53 depicts part of the system
of shocks that is produced when the model is pitched at some compression
angle of attack in the high speed flow. One shock sheet extends downstream
from the leading edge of the plate; it will intersect another shock sheet
generated by the fin, assuming the fin is tall enough., The intersection
ideally results in the production of a new shock system which in general
undergoes subsequent impingements and intersections.

It appears that the simple flow regions as noted on Figure 53 are adequate as
initial and final conditicns for the interaction problem examined here. In
particular, the "&" region i1s considered to be the result of turning the free
stream to the plate surface inclination. The "w" region is considered to be
the result of turning the free stream to the direction of the fin side. The
"2" region is considered to be the result of turning the "&" flow to the di-
rection of the fin side. Therefore the initial and final conditions for the
study of the plate pressure distribution through the impinging shock are the
conditions of region "a" and the conditions of region "2" (Figure 53).- This
seems to work falrly well in most cases. There is generally some pressure
overshoot before the region "2" conditions are reached. Also, the viscous in-
duced deviation of the pressure ratio Py/P, from unity in zero angle of at-
tack cases is best represented by isentropic compression for the Mach number
range tested.

It will be seen that the boundary layer acts at all times to smooth out pres-
sure differences. Also, the boundary layer on the fin complicates the ex-
amination of the interaction on the plate; an effective curvature of the fin
surface introduced by the parabolic (6 ~ «/X) growth of the boundary layer
causes the shock to curve.
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FIN SHOCK—-|
INTERSECTION OF SHOCKS——‘

a - FLOW COMPRESSED BY LEADING EDGE SHOCK
w - FLOW COMPRESSED BY FIN SHOCK

2 - FLOW COMPRESSED BY LEADING EDGE SHOCK AND THEN
BY FIN SHOCK

Figure 53. Fin=Plate Configuration with Intersecting Shocks and Simple Flow Regions
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Flate Pressure Distributicns for Sharp Fin. A limiting factor in the analysis
of the tests is the spacing between pressure taps; more taps are reguired in
order to get a detailed picture of the pressure distribution through the
region of the impinging fin-induced shock..

A combined or aggregate pressure distribution, for deriving the maximum of
information from the data, can be constructed as follows. The position of
the impinging, fin-produced shock 1s estimated as well as possible, as the
locus of the straight oblique shock that would be produced by turning the
"o fMlow through the angle§ . Then, all the pressure tap readings are
plotted against streamwise or normal-to-shock tap distance from the assumed
shock locus, cn a single set of axes,

Figures 54 and 55 indicate the effect of fin side boundary layer. The same
pressures are plotted in Figure 55 as in Figure 5k, . but this time ageainst
slightly different relative streamwise coordinates, which were obtained by
constructing a shock locus modified by introducing slight shock curvature
expressad by Xs(y), which gives sach pressure tap a new relative position.
Figure 50 uses the normal-to-shock direction for constructing the aggregate
plate pressure distribution. It should be compared with Figure 57, which
shows the distribution in the streamwise direction: +the pressure profile
normal to the shock shows less scatter and its scale is shorter. Although
the plate pressure plots indicate that there is a region characterized by
intermedizte pressure values, it is not possible te identify a plateau level,

Sharp Fin Pressure Distribution. Figures 54 and 57, which show plate pressure
distributions for the small and large fins, respectively, indicate that plate
pressure is not influenced by fin height. Figure 53 indicates that pressure
distributions up the sides of the fins will show variation between the "2V
values and the "' values, Representative results, shown in Figures 58 and
59, indicate that the pressure rise from P, to Po through the shock inter-
action is spread out over an appreciable length. Figure 50 shows that the
pressure distribution on the fin wall, for @ = 0, has a definite drop toward
the corner, The Pp velue based on displacement effects is not reached al all.

No conclusions are here stated concerning the corner flow between the fin and
the plate, as very dense instrumentation is required for a study of this
region. (S8ee Reference 61.)

Bluntness Effects, The effects of fin leading edge bluniness are examined
through the plots of Figures 61 and 62. Figure 59 shows that the use of the.
ideal , sharp-leading-edge oblique-shock lecus is no longer adequate, for it
results in a greatly distorted representation of the plate pressure dis-
tribution. Figure 52 indicates higher pressure close to the blunted leading
edge as a result of increased strength of the detached bow shock. The invis-
cid pressure Py is exceeded at the station closest to the nose.

Remarks on a High Mach Number Run. In Figures 63 and 60, pressure disiribu-
tions for the model at zero angle of attack and M, = 8 are presented.

It is seen that, because of the viscous interaction effect, the pressure on
the plate upstream of the fin is substantially larger than the free-stream
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Figure 58. Pressure Distributions Along the Fin Side (Small Fin)
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value. However, the dominant pressure downstream is the pressure that would
be reached by a single shock turning from the free stream to the direction
of the fin wall, i.e., P, rather than Pj. Apparently the viscous displace-
ment compression is insignificant for these configurations.

The high local Mach numbers in this case mean that shock surfaces are in-
clined rather acutely with the original free stream direction, and a longer—
model with more downstream measuring points would be required to obtain a
good view of the shock impingement interaction.

Conclusions. TFigures 54 to 60 indicate that the interaction between the
plate and fin gives neither a uniform pressure rise nor a single intermediate
plateau pressure. Projection of measurements describing the interaction re-
gion on a plane normal to the shock plane seems to be feasible. However, a
more complete set of measurements on a heavily instrumented model would be re-
quired. Understanding of the impinging shock interaction is necessary to al-
low correlation of the average pressure and overall spread of the interaction.

FLOW ABOUT A FLAT PLATE

Simple shapes are considered two-dimensional if their span-to-cheord ratio is
very large. However, actual vehicles are of finite dimensions, and body ends
cause deviation of an actual flow from the idealized two~dimensional flow.

Flat Plate without End Plates

The tips of a finite "two-dimensional" body in a subsonic stream influence
the pressure distribution on the entire body. At supersonic speed finite
span effects are also important, but in a different way. For a flat plate at
positive angle of attack, higher pressure on the compression side tends to
equalize with the lower pressure om the top surface. However, this pressure
equalization and propagation of disturbances is confined to the Mach cone.
The resulting flow around the longitudinal edges with pressure differential
leads to the generation of vortirces, similar to those existing in subsonic
flow, which are shed downstream and stay within the Mach cone. These vortices
emanating at the tips of the body generate a typical circulatory flow indi-
cated by steamlines in Figure 64.

A simple and illustrative example of end effects on a two-dimensional flow is
a flow about a flat plate, Figures 65 to 71 are taken from the data of Ref-
erence 74, VFigure 65 shows an oil flow pattern for a flat plate (with a
sharp wedge as the leading edge) at zero angle of attack, This figure indi-
cates a distinct flow dividing line radiating inboard from the tip, with the
flow outside of this line directed toward the side edge, and the flow inboard
of this line directed toward the centerline. Near the centerline the flow
direction approaches the free stream direction. As a result of higher pressure
on the bottom surface, a coiled vortex is generated at the tip and the flow
spearates near the side edge. The vortex flow re-attaches forming an attach-
ment line. Along this line the flow divides, turning either inward or
outward, (Figure 66).
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TWO DIMENSIONAL BODY
(BOUND VORTEX)

DISTURBANCE

HORSESHOE VORTEX

Figure 64. Vortex Flow Behind a Body of Finite Span in Supersonic Flow
(Reference 88)
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Figure 67 shows a flow pattern on the compression surface of a flat plate at
an angle of abtack of 25° ., High pressure on the compression surface results
in a conical flow directed outboard. Figure 68 shows a flow pattern for a
ramp al 20° positive angle., Flow on the forward plate at zero angle of attack
is basically the same as that shown in Figure 67. Downstream of the hinge
line, slight deflection of flow pattern by compression on the ramp is visible,
Figure 59 shows a plate inclined at 25° with a ramp at 30° Conical flow on
the forward plate is noticeable, An irregular separation line and strong
three~-dimensional effects due to high flap angle are seen upstream of the
hinge line.

Flat Plate with End Plates

The effect of side plates on flat plate flow is shown in Figure 70, The re-
gion near the side edges indicates the boundary layer displacement effect and
possibly the effect of an oblique shock generated by the side plate. The
gurface flow lines indicate that this is a region of high shear stresses and
high pressure.

Figure 71 shows a flat plate with side plates at zero angle of attack and a
flap at an angle of 10°, The forward plate flow is essentially similar to
the flow of Figure 70; however, the flap region shows a rather complex flow
with three-dimensional features and possgibly a multi-vortex system.

The separated flow beneath the boundary layer near the wall is subsonic, and
therefore allows the propagation of disturbances in all directions. Effects
due to end conditions and the effects of finite plate span are expected to
be noted in both the viscous and inviscid flows. The resulting flow field is
very complex. An experimental comparison between pressure distribution over
a flapped flat plate with znd without end plates for identical conditions has
been undertsken (References 59 and 60}, Pressure measurements were taken in
both the longitudinal and transverse dirsctions.

For M, = 5, a= 0, b, = 10 , 20" and Rep/ft = 1.1 x 106, and 6.6 x 10°

(References 59 and 60), a number of general trends may be noted for the end
plates "on" and "off" configurations, The streamwise pressure level on the
flap at a flap def%ection angle &f of 10° is lower with thg end plates on for
Re,/ft = 1.1 x 10° and 3.2 x 10°. At Re_/ft = 6.6 x 10° this trend re-
verses and the pressure level on the flap for the end plates "off" condition
is lower. The overall differences are seen to be small (Figure 72).

For the same Mach number and range of Reynolds numbers, identical trends are

observed for the §r = 20° cases {Figure 73). If the plateau pressure region
axlends over a sipnificant distance, the effects of end p%ates may become
important. For the previous flow conditions at § = 20 and 10° the end

plates "on" plateau pressure is sliphtly hipher for all but the qu/ft =
6.6 x 10° cases, For the higher Reynolds number the difference in the pres-
sure level hetween the end plates "on" and "off" condition disappears
(Figures 72 and 73).
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Figure 67. Flat Plate Oil Flow Study (End Plates Off), & = 25°, 6. = 0°
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0°, 5f=10°

Figure 71. Flat Plate Oil Flow Study (End Plates On), @
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Figure 72. Effect of End Plates on Pressure Distribution, 8 = 10°, M o =3
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No extensive transverse effects of the endplates on pressure are noted, with
the exception of the case with e = 0%, § = 10° and Rey,/ft = 1.1 x 106," The
characteristic pressure distribution interaction distances in the longitudi-
nal direction remained approximately the same for end plates “on" or "off".

The transverse pressure distribution in the re-attachment region is strongly
influenced by decreasing Reynolds number and shows local peaks at both the
center of the plate and loward the sides, at least as Tar as the instrumenta-
tion extends (Figures 72 and 73). This trend is particularly well shown in
Fipure 72 at Rem/ft = 1,1 x 109, It appears that a thick boundary layer at
low Reynolds numbers promotes the three-dimensicnality of the flow. In
general , however , the transverse pressure distribution upstream of the hinge
line is farily insensitive to Reynolds number (Figures 72 and 73).

6 °
For Mg = 8 and Rey,/ft = 3.3 x 10 tests were made at ¢ = 0° and 15° for
bp= 10°, 20°, and 30° (Reference 59). Tt is observed that at the given flow
conditions for & = 0° the pressure reached on the flap is higher for the

end plates off tests (Fipures 7h and 75). Ate= 15° and 6p = 30° the flap
pressures seem Iindependent of end plate pressure (Figure 75). This is con-
sistenl with the observations at Re /ft = 6.6 x 10°, as the compression angle
of altack increased the lgeal Reyrnolds number shead of the flap from

3.2 x 106/ft to 5.88 x 10°/ft, Extensive pressure variation in the spanwise
direction is found both upstream and downstream of the hinge line. For a = 0%,
the upstiream pressure distribution is generally consistent with the My = 5 test
results., The plateau region exhibits slightly hipgher pressures with the end
plates on (Figures 7h and 75). No significant change in the upstream and
downstream paramelers is observed,

DRLTA WING CONFIGURATIONS

The generalized correlalions for shockwave-boundary layer interaction were
derived from oxperimental data obitained for models with essentially two-
dimengional flow: {lat plate-ramp, flat plale with incidenti shock, and flat
plate with a step. To examine the general applicability of these results,
the flow over various delta configuraticns is discussed.

Flow About a Delta Wing

The [Tow gboul o delta wing configuration is rather complex; however, a number
of investipations on delta shapes has been conducted {References 62 ihrough 66).
A very useful method of studying complex flow is the oil flow method, Figure
75 shows a surface flow patiern inferred from oil flow photographs on the com-
presaion surface of a sharp leading edge delta wing at various angles of in-
cidence (Refercnce 66). The surface flow and the boundary layer flow al small
angles of attack have an inward componeni which is altribuled to the boundary
lTayer induced pressure gradient at the leading edge. Conversely, the external
flow 1s directed away from the centerline., At higher anpgles of attack the

Tfow turns parallcl and eventually diverges. At an incidence of about 10° the
flow divides aleng a line at about 90% of the span, with the cutpoard flow
directed toward the leading edge. At higher angle of atiack, the dividing line
moves inboard and reaches the centerline of the body at e =~ 18° Beyond
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Figure 76. Compression Surface Flow Pattemns for a Delta Wing with Dihedral,
My=7.1, Re_| =3.5x 10° (Ref. 66)
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o & 20° the flow field is such that the leading edge of the delta wing may
become a trailing edge. This outboard flow is a result of shock losses which
are predominant at higher incidence,

Flow patterns on the lee surfaces of delta wings at various angles of attack
and Mach numbers have been examined in Reference 62, At small angles of in-
cidence the flow was noted to be attached over the entire upper surface. This
is observed in Figure TT7 for lower Mach numbers and in Figure 77 at higher
Mach numbers,

As the angle of attack increases for the low Mach number case the flow separ-
ates from the leading edge. A coiled vortex sheet is thus formed which lies
across the expansion surface along the leading edges (Figure 7). A span-
wise outflow is induced beneath the vortex and a secondary separation occurs
along the leading edge (Figure T7). Al lower sweep angles the vortex sheet
re-gttaches, forming a long separation bubble,

For higher Mach numbers, the flow 1s attached at lower angles of attack. A
weak shock is noted to emanate from the vortex region and deflect the flow.
When this shock attains sufficlent strength the boundary layer separates and
forms a coiled vortex sheet (Figure T7). Again, at lower angles of attack,
the boundery layer re-attaches to the surface and forms a separation bubble,

On the expansion surface of a thick delta wing at incidences at which suction
is developed, separation lines become noticeable and moves cutboard as the
incidence is increased {Figure 78). The area between the separation lines on
both sides of the centerline is an area of reduced shear and thus the flow is
inclined away from the centerline. At a 2 25° re-attachment of the separated
flow occurs at the centerline of the body.

At @ = 19° there is visible. a concentraticn of oil filaments from the turning
of the flow awey from the plane of symmetry. This indicates a flow retardation
due to a presence of an external shock wave. Deviation from conical flow is
seen from the curvature of the separation line near the trailing edge. This

is attributed to the upstream propagation through the thick laminar boundary
layer of strong pressure gradients generated by compression at the trailing
edge.

The flow structure of the resulting conical flow 1s shown in the spanwise cross-
gsection in Pigure 79, This figure identifies the location of the bow shock

and expansion flow field emanating from the leading edge. The boundary layer

is thick and the adverse pressure gradient due to external compression is
propagated toward the leading edge.

The position of separation determined from the oilflow photographs is shown in
Figure 80 {Reference 66). Although flow details near the centerline are lack-
ing, it is suggested that rolling up of the separated flow promotes a new
expansion of the external flow which then turns parallel to the surface and
gives rise to compression at the centerline., An idealized flow over such
configurations has been analyzed and verified by Fowell (Reference 63). It
was shown that a Prandtl-Meyer expansion centered at the leading edge turns
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ar2e ¢
SUCTION SURFACE
SURFACE FLOW PATTERNS

Figure 78. Expansion Surface Flow Patterns on a Delta Wing with Dihedral (Ref. 66)
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Figure 79. Spanwise Cross-Section of Flow Around Delta Wing at @ = 17.6% (Ref. 66)
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Figure 80. Position of Separation as a Function of Incidence (Ref. 66)
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the flow inward and at some distance inboard recompression takes place through
an oblique shock wave which turns the flow parallel., Considering viscous
effects in a real flow, a strong recompression may cause flow separation and
formation of a vortex. The flow outside of the vortex may reattach, and
inboard of the reattachment, flow is turned parallel to the centerline.

The flow patterns exhibited by the blunt delta wing are roughly similar to
those presented for the sharp leading edge {(Reference 65). The flow pattern
at o = 0° is characterized by central outflow as a result of high induced
pressure at the apex, and is contained by the shock and the induced high pres-
sure along the leading edges (Figure 81). Surface flow on cylindrical edges
is inward and follows the pressure gradient. At increasing angle of attack an
inward flow develops until a > 20° where an outward flow occurs {(Figure 81).

An investigation of blunted delta wings with deflected flaps 1s presented in
Reference 67. The existence of deflected flaps on the model surface modifies
the flow over a substantial portion of the configuration. The oil film
patterns for this model discleose a very complex flow field. The surface flow
on the compression surface shows a strong influence of the blunt apex in the
central area of the model (Figure 82). A definite 'blast" region clear of
cil is observed in the central high pressure area. Separation lines upstream
of both flaps are well developed and symmetrical. A flow pattern at a = 0°
is shown in Figure 83. Attached flow exists near the leading edges. Further
inboard, flow separation occurs with reattachment along the centerline. Flow
separation upstream of the flaps is well outlined. Separation effects pro-
pagate upstream and form complex flow patterns a significant distance ahead of
the flaps. Similar flow with more details exists on the expansion surface at
a = -30° (Figure B4).

Pressure Distribution on Flat Delta Wing

The general applicability of the two-~dimensional correlations for separated
flow to more complex configurations will now be investigated.

A blunted flat-bottom delta wing from Reference 67 is considered first (Figure
85). In order to verify the exlstence of two~dimensional flow, the experimental
pressure distribution In the streamwise and spanwise dirvections is considered.
For the flat-bottom delta configuration, the streamwise and spanwise experi-
mental distribution at 33° angle of attack (M= = 8, A = 70°) is shown in
Figures 86 and 87. It is noted that the pressure distribution downstream of

the nose agrees very closely with the two~dimensional oblique shock value
obtained from Reference 36. This indicates that conditions in the separated
region upstream of the flaps may be determined by using two-dimensional
correlations.

The local Mach number in the vicinity of the flap was determined from the ratio

of flap pressure Pgy,, to undisturbed pressure, P,. This was accomplished
by finding Mysin 6, where 6 is the shock angle, through the use of
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Figure 82, Oil Film Photograph of Lower Surface of Blunt Pyramidal Configuration
(Ref. 67); M =5, @=14.3% 6 =40°
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Figure 83. Qil Film Photograph of Lower Surface of Blunt Pyramidal Configuration
(Ref. 67), My =5, a=0", & =40
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Figure 84. Oil Film Photograph ot Lovg,er Surface of Blunt Pyramidal Configuration
(Ref. 67); M= 5, @ =-30", 6. = 40
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Figure 85. Blunt Pyramidal Configuration

135




CPao

X' = NONDIMENSIONAL STREAMWISE DISTANCE FROM VIRTUAL APEX
1.2

}
[
X
I

- X
A I i f B
o . - -=-4F e vy
' INSTRUMENTATION \ l
\
0.8
CALCULATED C O
Py g_o
- 20— 42 .gwg_gmd
0.6

04— Y sym
0 O MGO= 800
0.1218 [ Re,, = 3.3 x 10%/FT
0.3090 [ o = 33°
0.2 l————— 0.4340 { 4 o
Sf = 0
0.5590 X

= e—— QBLIQUE SHOCK METHOD

| L

0 0.2 0.4 0.6 0.8 1.0
xl

Figure 86. Lengthwise Pressure Distribution Over Pyramidial Configuration
(Flat Bottom Surface)

136



1.0
0.8 CALCULATED C,
o
) A )
4 My = 8.0
0.6 Re, = 3.3x 100/
o o = 33°
(=
) Sf = 0°
0.
4 X SYM
0.7748 O
0.8198 m]
0.8799 )
0.2 b———— 0.9249 X
0. 9700 >
e OBLIQUE SHOCK METHOD

0 0.2 0.4 0.6 0.8 1.0

Figure 87. Spanwise Pressure Distribution Over Pyramidal Configuration (Flat Bottom
Surface)

137



Pflap
Po
iteration with the aid of Chart IT of the same reference., The value for M,
was found to be almost identical to the two-dimensional value corresponding
to the given angle of attack, Therefore the local Reynolds number is found

through the use of the obligque shock tables of Reference 36,

in the normal shock tables of Reference 36. M, is then obtained by

The distance and pressure parameters dl’ L1 CPP’ and CP2 for separated flow

upstream of the flaps were calculated as noted in Section IV. The existence
of laminar flow (ReﬂX = 7.81 x 107, My = 4.79) was verified by the Deem

0]
Murphy formula (Equation 17).

Reascnable agreement with the experimental values of Reference 67 was cbtained
(Figures 88 through 91). Since the ReaXbchunges in the spanwise direction,

the calculated parameters will be a function of y. It is therefore recom-
mended that an average Re be taken to determine the pressure profile. For

small values of A and for downstream flap positions this will not be necessary.
In cases where the control surfaces are located in the region of influence of
the blunt leading edge, bluntness effects must be considered for moderate angles
of attack. The blast wave analysis of Reference 34 may be used to find the
pressure increment due to the blunt leading edge. Therefore,

a 2
P 2/3 2/3 M S cos“A .
Pb - (1/2) (CY) CD «© effective
=]

)~

= arc sin (cos a sin A)

where

Aefrective

The inviscid pressure distribution is thus:

fg = -P:.g- + -E’E-

This may be solved for Po/Pm at each x4 nosition. If viscous effects are
found to be important by the previously mentioned criteria (Section III),
they may be accounted for by the methods presented in that section. The
preceding analysis assumes the flow to be two dimensional in the sense that
strip theory is applicable.

Flow About &8 Delta Wing with Dihedral

The dihedral surface of the pyramidal configuration (Figure 83) exhibits a
significantly different flow pattern from that of the flat bottom surface.
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The oil flow pattern (Figures 4 through 7, Reference 67) indicates outboard
flow on both sides of the ridge. A well defined blast region no longer
exigts. The interaction region ahead of the flap undergoes a severe dis-
tortion in the fransverse direction. The separated region is swept outward
and is noted to flow over the blunt edges.

An outflow is seen to exist all glong the leading edges for all angles of
attack at which the pressures on the dihedral surfaces exceed those on the
lower surface. Consequently, the resultant flow field around the model is
rather complex and the application of certain approximations in calculating
the flow propertles seems well justified. The accuracy of these approxima-
tions will be established by comparison with experimental values.

Pressure’ Distributicn on a Delta Wing with Dihedral

To test the applicability of the two-dimensional analysis to a blunt delta
wing (A= 70°) with dihedral, the local flow conditions on dihedral surfaces
were examined, It was found that the pressure in the streamwise direction is
elmost constant and decreases only slightly in the spanwise direction as shown
on Figures 92and 93 for & = 299 ; conical flow may he more applicable as con-
cluded from the conical shock shape appearing at higher angles of attack
(Reference 68). The instrumentation density in the interaction region was not
sufficient to allow the determination of the characteristic parameters d;, Les s
and Cp,.

Pp
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Section VI

PREDICTION OF EFFECTIVENESS OF AERODYNAMIC CONTROLS

This section develeops a systematic procedure for the application of correla-
tion results presented in preceding sections to the prediction of hypersonic
control effectiveness. Wherever practicable, design charts are developed to
facilitate the calculation procedure. The methods are intended for use over
the broad range of flight conditions encountered by a typical hypersonic
cruise/glide vehicle. It is to be emphasized, however, that the methods are
based upon data obtained for a finite range of experimental conditions and
that the validity of an extrapolation of the methods for conditions far out-
side the experimental range is yet to be established. The range of variables
covered by the experimental data is indicated in the correlation figures
(Section IV) and prediction charts. Application of the procedure described
in this section for calculation of control effectiveness is illustrated in
the sample problems presented in Appendix II.

FLIGHT CONDITIONS

The altitude-velocity envelope of a vehicle defines the range of free-stream
conditions which are encountered during flight. For a given velocity, the
maximum altitude at which a vehicle can fly is determined by the minimum
dynamic pressure which will sustain flight, and the minimum altitude is re-
stricted by the capability of a vehicle to withstand aerodynamic heating.

The aerodynamic and heating boundary curves for a typical hypersonic cruise/
glide vehicle were obtained from Reference 50 and are presented in Figure ol
The information developed in this section is confined to freestream flight
conditions in the altitude-velocity envelope for Mach numbers greater than 5.

The angle of attack at which a vehicle flies is limited by vehicle performance
and structural heating considerations., The angle of attack below which the
lift/drag ratio 1s favorable and structural heating is not excessive is ap-
proximately 20 degrees. Since this study is concerned primarily with flat
plate surfaces, angle of attack also represents flow deflection angle.
Therefore, angle of attack is used to denote flow deflection angle and is
limited to the range from O to 20 degrees.

The range of control surface deflection angle from O to 30 degrees relative

to the forward surface is assumed to encompass most cases of practical
interest,
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LOCAL FIOW CONDITIONS

Local flow properties are used to define the parameters which descrive com-
pression corner flow separation. The first problem, then, in a control effec-
tiveness analysis ie the determination of flow conditions upstream of the
control surface. BSection IIT provides a discussion of methods for predicting
local flow properties along blunted, planar surfaces. Tt was shown that on
windward surfaces far downstream of the leading edge, local flow properties
are approximately the same as flow conditions behind an obligue shock.

For many practical reentry configuraticmns, control surfaces are located near
the trailing edge of essentially planar surfaces and are sufficiently far
from the leading edge for bluntness effects to be negligible. Also, since
leeward surfaces in hypersonic flow are generally ineftective, the problem is
reduced to investigation of compression corner flow separation on windward
surfaces. Therefore, in many cases the flow properties feorward of a control
surface can be assumed to be approximately the same as conditions behind an
oblique shock.

Since obligue shock assumptions are often valid, obligue shock properties
have been determined for a number of flight conditions in the altitude-
velocity envelope (Figure 94). Section 3.4 recommends that either perfect
gas or equilibrium real gas assumptions be used for an ocblique shock depend-
ing on velocity-altitude conditions and flow deflection angle,

For the flight regimes where flow properties deviate from those given by
oblique shock theory for a perfect gas, equilibrium real gas effects were
determined by means of similarity parameters from approximate theory anrd
effective ratio of specific heats presented in Reference 69. This reference
presents the effective ratio of specific heats, ¥ , at various altitudes
{based on ARDC 1959 model atmosphere) as a function of the component of the
Mach number normal to the shock wave. The solution for the correct Y, to be
used in the calculations involved an iterative procedure for determining the
shock wave angle and corresponding normal component of the Mach number. For
the first iteration, the Mach number compcnent normal to a perfect gas ob-
ligue shock angle was assumed for determining the initial ¥ (Reference 69,
Figure 12). This value of 7e was used to calculate the valfie of the param-
2
eter (7é + 1) %? sin @. Figure 4 of Reference 69 presents curves which cor-

relate the normal Mach number component as & function of this parameter. The
normal Mach number obtalned from these curves was used for the second itera-
tion. This procedure was repeated until the initial and firal normal Mach
number components converged.

Having determined the effective ratio of specific heats, the oblique shock

correlations of Reference 69 were used for rapid calculation of the flow
properties for an equilibrium real gas.
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The oblique shock Reynolds number ratio was determined from the following
expression:

. 0.67
oo _ P _1::
Re P oclles T

o

This expression is derived using an exponential viscosity-temperature relation
with a power of 0.67. Comparison of the exponential viscosity-temperature re-
lation for various powers with Sutherland's formula is shown in Figure g5,
This comparison indicates that over the range of temperature of practical in-
terest, the 0.67 power provides sufficient accuracy for this application.
Although a lower power provides better agreement at high temperature, the
disagreement is increased in the intermediate range of temperature where most
of the design conditions are expected to occur.

The Mach number behind an oblique shock for a real gas was evaluated with the
aid of References 69 and 70 using the relation

ml Bm

ﬂy =M,

& |”

o

The oblique shock velocity ratic was determined from equation 25a of Reference 69.

1 [1 - (3.- P ) sin 26]
cos o P
o

The speed of sound ratloc was cobtained from data presented in Table IV of
Reference 70.

& |e”

Figures 96 through 99 present the pressure, temperature, Mach number, and
Reynolds number behind an oblique shock for flow deflection angles from O to
20 degrees for the following altitude and Mach number conditions:

Altitude (feet) Mach Numbér
50,000 5, 7
100,000 5, 7, 10
150,000 10, 15
200,000 15, 20, 30
250,000 20, 30
300,000 20, 30

The selection of Mach number is restricted to those Mach numbers in the
vicinity of the flight envelope for which Reference €9 presents data.
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Figure 95. Comparison of Sutherland®s Viscosity Law with Exponential Viscosity -
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Figure 96. Oblique Shock Pressure Ratio Including Real Gas Effects
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Figure 96. Oblique Shock Pressure Ratio including Real Gas Effects (Continued)
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BOUNDARY LAYER THICKNESS

Since boundary layer thickness is the parameter used for non-dimensionalizing
the interaction distances of a separated flow field, charts have been con-
structed to simplify the procedure for calculating boundary layer thickness,

Section III shows that hypersonic boundary layer thickness may be determined
using Reynolds number obtained by the reference temperature method (Ref. 71).
Using the 0.67 power viscosity-temperature relation, the ratio of reference

temperature Reynolds number to local Reynolds number reduces to the following

form:
Re¥ P 1.67
x _ |2
e T \T#

o3

=

Substitution of the equations which define reference temperature and adiabatic
wall temperature into the above equation results in the expression

-1.67
Re¥ Tw 1 o
=% - |0.28 + 0.5 /= + 0.22 1+ (X==) M B
Rea Ta 2 &

Reference temperature Reynolds number calculations were based upon a Prandtl
number of 0.72 with n equal to 1/2 for laminar flow and to 1/3 for turbulent
flow. Wall temperatures were restricted to the expected range of practical
interest (15Tw/Ta = l'OSTa /'I'a ). Figures 100 and 101 present the reference
temperature Reynolds number ratio Tor laminar and turbulent flow as a function
of local Mach number for various ratics of wall to local stream temperature,

Plots of the laminar and turbulent boundary layer thickness equations, based
on reference temperature Reynolds number, are presented in Figures 102 and 103.
Th: equations shown omit the pressure correction factor which should be in-
cluded in the case of significant viscous interaction or bluntness induced
pressure gradient (See Section III).

PRESSURE DISTRIBUTION

The development of semi-empirical correlations for describing the pressure
distribution in the laminar and turbulent separated regicon was discussed in
Section IV. The pertinent expressions have been presented in the form of worke
ing charts to facilitate calculation of the surface pressure distribution in
the region of separated compression corner flow. The charts are shown in
Figures 104 through 114. The procedure for using the charts is discussed be-
low, and their use is illustrated in the sample calculations presented in
Appendix IT,
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Figure 112. Downstream Interaction Distance to Peak Pressure on Flap for Laminar Flow, d2
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The first step in defining the pressure distribution is to determine if flow
separation exists. The pressure coefficient data recommended for predicting
incipient boundary layer separation in laminar or turbulent flow are presented
in Figure 100.

It has been verified (Section 4.1) that the existence of laminar or turbulent
flow can be predicted with adequate amccuracy by the Deem-Murphy critericn
(Reference 51).

If flow separation exists, an iterative procedure is required to determine
the separation location. For a given local Mach number, the upstream inter-
action distance is a function of the plateau pressure level, which 1s a func-
tion of the Reynolds number at the separation point. (The interaction flow
model is discussed in Section IV and is shown in Figure 28.) Therefore,

for any separation location a corresponding plateau pressure level and up-
stream interaction distance is defined. In solving for the separation loca-
tion, the upstream interaction distances corresponding to a number of assumed
separation locations are calculated until the point is found for which the
sum of the downstream distance to the separation point and the upstream in-
teraction distance is equal to the distance to the hinge line. The procedure
is as follows:

1. Assume a separation location Xb (the prime superscript denotes
distance measured from an effective starting point for equiva-
lent flat plate boundary layer generation), and calculate the
Reynolds number.

2. Read the plateau pressure coefficient from Figure 106 or 107.

3. Obtain the upstream interaction distance, 4., non-dimensionalized
by boundary layer thickness, from Figure 108 "or 109,

4, For a given wall temperature, calculate the reference temperature

Reynolds number from Figure 100 or 101 and the corresponding bound-
ary-lasyer thickness from Figure 102 or 103,

r ' t
5. Compute dl and XO + dl. i XO + dl # XHL’ repeat procedure.

Figures 110 through 11} present the remaining interaction distances (ﬂfi’ d2,
and d3) which define the pressure distribution, as functions of the platesu
pressure level, upstream interaction distance, and boundary layer thickness.

INCREMENTAL FORCE AND MOMENT EQUATTIONS

Equations have been derived for the two-dimensional force and moment incre-
ments produced by separated compression corner flow. The force and moment
equatlions were developed in terms of the distances and pressure levels which
define the pressure distribution. A body fixed coordinate axes system with ori-
gin at an arbitrary vehicle moment reference point (MRP) was used in the
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derivation. The coordinate axes system and convention for positive sense of the
forces and moments are shown in Figure 115. The equations are summarized below.
The complete derivation of the equations is presented in Appendix I. It is to
be emphasized that the following equations represent the force and moment incre-
ments produced on the windward surface of a deflected control and that incre-
ments produced on the leeward surface are not included; the subscript w is used
to denote this fact. In many cases, however, the leeward contribution is negli-
gible., Also, the effect of skin friction control effectiveness was not included.
Note that all force increments and pitching moment increments are based on the
pressure on the windward side at the beginning of interaction. Windward compo-
nent of elevon hinge moment is based on absolute pressure distribution.

1. Normal force increment:
£

£1
ACNS] . = [(Cpm)p -(Cpm)a] [dl - T + Co8 5fcf:|
D (36)
a, 4
B [Se: Ny (Cp@)P(‘”S %)Cf -l

2, Increment of pitching moment about HL due to normal foree inerement:

> o R
AC. SL = |l,c - .C Los o 2:4% L9 leos ey
("p.) ("p.)
™ AN w/p oy 2]

6 2 7z

W
b ec? a? a4 af S
- (Cp ) - (C ) (cos %) T - 2 - 23 -3
w/p Pe’p 2 5 % 5
3. Center of pressure of normal force increment:
Ac, L]
. i LAy (38)
= +
cqﬁN XHL AC
w N
W
k., Axial force increment:
] = i -
L] (s:.n af){cho:) . (Cpm?x] Co
b
(39)

193



UOIJD8[§a(] UOART [PO1IBWWAS 10} UCHUSAUCT) JUSWIOYY PUD 3310 [DUOISUBWI(J=OM | *Cl| 2anBiy

(d¥W) INIOd 3DNTNIITY INIWOW

Z JOL2IA ANIM JAILYITY
Yoy 4 =— WH + U\a\
™~ mmw+ pr—— EUd .

x .llllllllllllll.ll,l'illl -%
—

/ - I...
/ \I‘\ l'llllllll.lll-‘lllllul'-l‘

(@INI430 WALSAS SaXV AQO4)



5. Increment of pitching moment asbout HL due to axial force increment:

_ .2 2
ACmHLSLl —_(«sm e*)“(cpm) - (¢, L] Cp
A P 2
W
b (Lo)
sl Yy - ylle®-a2-43a -a?
o o px f 2 2
P =B Z‘l —8-
6. Center of pressure of axial force increment:
ACmHI. L]
7 - 7 AR (b1}
CPAp HL A0
w

T. Increment of pitching moment about vehicle MRP:

AC L] = AC X -Ac, z_ (42}
"wrp), NoTan AP aa

8. Windward component of elevon hinge moment (based on sbsolute pressure):

%]w = - ;(cpm)?_ci: - %—[(Cpm )2 - (cpm)P] [d22 +a,d, + d32” (43)

These equations provide a direct means of calculating the two-dimensional,
windward effectiveness of a control surface once the idealized pressure dis-
tribution for compression corner flow is known.

COMPARISON OF EXPERIMENTS WITH PREDICTIONS

To illustrate the applicability of the prediction methods for estimating con-
trol effectiveness, incremental force and moment ccefficients have been cal-
culated for a test configuration and compared with the experimental data.
Reference 72 presents force test results taken at Mach numbers 5 and 8 for a
pyramidel configuration with trailing edge control surfaces. A sketch of the
test configuration is shown in Figure 85. Calculations for the bottom surface
of this conflguration were performed for angles of attack of O and 10 degrees
and control surface deflection angles of 20 and 40 degrees. The average dis-
tance of the control surface hinge line from the leading edge was used to
compute the Reynolds number. No attempt was made to account for the leading
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Figure 116. Comparison of Experimental Data with Predicted Results for Blunted Pyramidal
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Figure 116. Comparison of Experimental Data with Predicted Results for Blunted Pyramidal
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edge bluntness or the sweepback. Figure 116 shows a comparison of the analyti-
cal results with experimental data. The comparison indicates that the calcu-
lated data slightly overpredict the control effectlveness; however, in view

of the fact that finite span effects were not considered, generally good
agreement is shown.
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Section VII

AERODYNAMIC HEATING IN SEPARATED FLOW

Flow separation brings about changes in pressure and heat transfer distribu-
tion. A typical heat transfer distribution, including the parameters used in
the succeeding correlations, 1s shown in Figure 117. Heat transfer rates de-
pend on the pressure field. It is well established that surfaces beneath
separated regions experience reduced rates, while greatly increased local
rates are experienced in regions of reattachment. For a long enough axisym-
metric body, total integrated heat flux tends to approximate the flux that
would exist if there were no separation (Ref 73).

An investigation of the heat transfer in separated laminar and turbulent flow
is described in this section. The model geometries considered are: a sharp
leading edge flat plate with a deflected trailing edge, flap in compression,
and a flat plate with an incident shock generated by an external wedge. Data
(obtained from variocus test facilities) along the plate centerline have been
correlated into expressions describing the magnitude and distribution of heat
transfer in the separated region.

DATA PRESENTATION

The local experimental heat transfer coefficients were non-dimensionalized by
local theoretical heat transfer values for a flat plate at zero incidence,
evaluated by means of the reference temperaiture metheod.

Using the reference temperature relation (Reference T1):

* T
L. - 05 + 1)+ 0.0ur M
T o
o T
[2 3
1/2 .
where r = Pr = 0.85 for laminar flow
and r = Prl/3 = 0.90 for turbulent flow

The theoretical heat transfer coefficients were obtained from (Reference 1)

h :
X _ gux = 0.332 Re* Y2 pexl”3 tor laminar fiow
K* X X
h.
and Eﬁ = Nu; = (04029 Re; 4/5 Pr*l/3 for turbulent flow,
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The downstream heat transfer interaction length was non-dimensionalized by
the attached boundary layer thickness at X,, defined by the following simple
relations for laminar and turbulent flow, respectively:

-1 .
5.2 X Re o  Laminar
o x

°B o

o
n

o
y

-1
0.38 xOReX T Turbulent
L8]

The evaluated experimental data were obtained from References T4 - 80 and
the "aerodynamic heating rates on the test plates were obtained utilizing
the thin wall transient temperature technigue with correction for heat con-
duction,

HEAT TRANSFER CORRELATIONS

It was inferred from experimental data that the peak heat transfer hpk and

the downstream heat transfer interaction length ﬂé can be expressed by the
following relationships:

n . P .b]
i, = r [Rex s }.'.:o (-P-)
A R
B
hEk n ¢ P .d]
T = f ReK s Mm,('i';)
fp o o

where: n = for laminar flow

N1 M

=
I

for turbulent flow

Groups of dimensionless parameters were plotted on log-log paper and the data
correlations were obtained by fairing a straight line representing an average
through the data distribution. An equation of the form y = A xm, where A is
the ordinate-intercept and m is the slope of the line, was obtained for various
groups of parameters, subsequently arriving at a correlation function.

LAMINAR SEPARATED FLOW

It was established that the heat transfer rate decreases over the separsated
region and reaches a maximum value in the reattachment region. The magnitude
of the peak heat transfer rate, location of peak heating, and heat rate in the
separated region are discussed in the following sections,
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Peak Heating Rate

An attempt was made to obtain some semi-empirical relations describing the
magnitude of the peak heat transfer. An evaluation of experimental heat
transfer results leads to the following parametric relation for peak heat
transfer (Ref. 81).

h P
K
E.I;_p. = £ (Re, My, w=)

Figures 118 and 119 present the peak heat transfer parameter for laminar
separated corner flow as a function of pressure rise from the plateau value
to the oblique shock value and from the undisturbed value to the oblique
shock value, respectively, The figures illustrate that peak heating magni-
tudes increase with decreasing Mach number, and are proportional to pressure
ratio. The variation of peak heat transfer is easlly obtained from Figures
118 and 119. In order to determine the heat transfer dependence on Mach num-
ber, a grouped parameter (heat transfer, Reynolds number and pressure) is
shown plotted in Figures 120 and 121 versus Mach number. A straight line
representing an average was faired through the data, resulting in two ex-
pressions for peak heating correlation functions:

1
h P 0.89 -5 )
2k _ 55 10° (; ) 1) Re, ° u 2t (uk)
fp P %o
1
h P \0.88 -=
HP-L—‘ = 5.0 x 10° (-?-2-) ke 2 Mg 370 (45)
fp 0 o

Downstream Heat Transfer Interaction Length

The location of the peak heat transfer relative. to the reférence line is de-
geribed by the length 2_ which is illustrated in Figure 117. Flgure 122 pre-
sents the downstream heat transfer interaction length for M = 6 and M = 8
conditions as a function of pressure rise. The correlation of downstream
heat transfer interaction length for laminar corner flow including the Mach
number dependence is presented in Figure 123 and is given as follows:

/ P, - p.\-0.188 =

T e Re © M (46)
o O o
B

Heat Transfer in the Separated Region

The ratio of heat transfer (hs/hfp) in the separated region covering a range

of Mach numbers from 6 to 10 is shown in Figure 124 as a function of pressure
rise from the plateau to the invisecid value. The rate of heat transfer from
a separated laminar mixing layer is less than that from an attached laminar
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boundary layer at corresponding values of Mach number, Reynolds number, and
wall-to-stream temperature ratio. The ratio of heat flux in the separated
flow to that in the attached flow is a function only of Prandtl number and
has been found to be equal to a value of 0.56 for Pr = 0.72 {Ref. 82). An
average value of heat transfer ratio equal to 0.425 was obtained in Figure 12L.

TURBULENT SEPARATED FLOW

Peak Heating Rate

Figures 125 and 126 present data correlations for peak heating magnitude as

h 1/5
a function of a characteristic pressure rise. The plot of EEERex versus
P fp "o
pressure ratio fi of Figure 125 leads to the following expression for peak
0
heat transfer:
¢ -1
h P, 0.62 5
pk
= = 32.0@_3.P ) (Rex) (47)
fp 0 O

This expression does not show an explicit Mach number dependence; however, a
Mach number influence is contained in the P3/P0 ratio. A correlation of

h P, - P
EEE as a function of pressure parameter ,_i_F_;E shown in Figure 126 results
fp o]

in & relation for peak heat transfer

h K P, P, 0.18

L - 118 (=2=—F) u (48)

h P oo

fp 0
This expression does not contain a Reynolds number term; however, the Reynolds
P.-P
number effect is included implicitly in —1ﬂ§——£.
s}

Downstream Heat-Transfer Interaction Length

The downstream location of the peak heat transfer rate relative to the refer-
ence line is determined by the length £,. A parametric correlation of is
shown in Figure 127 and it is expressed by

L
o
]
!EL = 0.0 é{XO)
) .78 (P, _ P\3.1
B, M'i? (3; 5)3 75 (49)
0]
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Heat Transfer in the Separated Region

The heat transfer coefficient in the turbulent separated region would be ex-
pected to be higher than for the laminar separated region. Figure 128 illus-
trates this for data covering a Mach number range from 2.4 to 5.02, The
average value of heat transfer for a separated turbulent boundary layer as
compared to an attached turbulent boundary layer is indicated in Figure 128

h
by the ratio —— = 0.8k,

hfp
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Section VIII

CRITICAL EVALUATION

CHARACTERISTICS OF EXPERIMENTAL DATA

Test Flow Properties

The experimentel data from the several sources evaluated in this program does
not completely cover the wide range of possible local flow conditions, In
particular, higher local Mach number data for the turbulent cases would have
been useful,.

For the laminar interaction, Mach numbers varied generally from 3.1 through
8.4, with no sizable gaps. There was some data of limited usefulness around
Mach 14. Local Reynolds numbers ranged from 1.2 x 105 to 1.k x 100. This
range is considered to be insufficlent for accurately determining the effect
of Reynolds number variation.

For turbulent interactions, Mach numbers varied generally from 1.8 through
3.8. There was some data of limited usefulness around Mach 6.2. Local
Reynolds numbers ranged from T x 105 to 6 x 106. Neither the Mach number
variation nor the Reynolds number range of the turbulent data 1s considered
to be wide enough.

It would be desirable to have laminar separated flow data for a test section
Mach number up to between 20 and 25 with local Mach number reduction to be
achieved through pitching of the model. A wider variation of Reynolds number
may be achieved through reservoir pressure variation and variation of model
length.

Model Geometry

In order to simulate two-dimensional flow, high aspect ratio models are re-
quired. The visual evidence of the surface flow (Section 5.2) indicates
that flow over a finite gpan body has three-dimensional features and is
substantislly influenced by the body tips. Thus the assumption of two-
dimensionality seems questionable for all but very high aspect ratio models,
as shown in Figures 61 to 69.

In some instances the streamwise spread of separated flow was of the order of
the model size and no fully developed flow could be obtained. In order to
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properly size the model, estimates of the extént of separated flow should be
helpful. The length of the forward part of the model controls the boundary
layer thickness, which is a prominent interaction parameter.

The addition of end plates fails to eliminate or reduce the three-dimensional
effects and in fact introduces new complexities into the flow picture. In
general the efflects of end plates on the flow are not well understood and
results are inconclusive.

A1l three major parameters of the flap geometry (deflection, chord dimension,
and span dimension) and flow variation should be glven getailed attention in
any future test series. It is obvious that incipient separation can be pin-
pointed only if flap deflection is varled systematically in small increments.
Downstream intersction length was found to be sensitive to flap chord length.
Flap effectiveness can be substantially lowered by reducing flap aspect
ratio.

Flow Visualization

Flow separation is a complex flow phenomenon, and for a thorough investigation
some visual study is essential. Schlieren photography and oill flow surface
patterns proved very useful and should not be overlooked. There is a need
for other methods to indicate special flow details which are difficult to
obtain otherwise (e.g. smoke method).

Instrumentation

A guantitative plcture of the separasted reglon is obtained by measurements of
pressure and temperature. Two aspects concerning instrumentation are of
paramount importance: instrumentation arrangement and density, and measure-
ment accuracy. While availability of Instrumentation may vary with the test
facility used, Jjudiecious arrangement and density of instrumentation are the
responsibllity of the researcher. Consideration should be given to the
spatial extent of the phenomena under study and espenially to certain critical
sreas where more flow details may be desirable.

ACCURACY OF CORRELATIONS

Limitations of the data used in constructing the correlations contained in
this report have been mentioned. The measurements have bheen taken from
several sources. Bach facility has its own characteristic peculiarities

and generates its own systematic {as differentiated from random) errors. The
combination of data from them all will therefore show more scatter about fthe
best correlating line that can be drawn through the results, than is exhibited
by the data from any single test series. However, the resulting correlation
is more reliable from the inclusion of & large assortment of experimental
data.
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Some remarks concerning the characteristics of transitional cases will follow
shortly. It is stated here that it is not always possible to predict the
state of the separating boundary layer and a wrong judgement on this will
always lead to failure of the correlation expression.

Some of the correlations were more difficult to construct than others,
Particular difficulty was encountered in correlating the turbulent flow inter-
action distances. Therefore an idea of the maximum likely ertror associated
with the use of the formulas contained herein can be obtained by noting the
following. A survey of the data used in deriving the dj/d,)turbulent corre-
lation showed that 75 percent of the data points had a deviation of less than
+ 33% from the correlation line. Other quantities that have been correlated
in this report exhibit much less scatter.

REAL VEHICLE CONFIGURATIONS

It seems certain that the data upon which the results of this report have
been based do not cover all flight conditions of interest. The working charts
which are given here have been constructed with this fact in mind, and indi-
cate the range of test conditions. It is possible to select flight condi-
tions that lead to unacceptable answers, such as dy > Xgp, or d3 < lfi, and the
design engineer must be prepared to exercise some discretion in using these
correlations {e.g. Sample Calculation Example 2, Appendix II).

Practical reentry vehicles will exhibit some gecmetrical features that were
not reflected in the test models. For example, surfaces are likely to be
highly swept as well as blunted, and sections normal to the stream direction
may show a steady taper in thickness from the center to the edges. Such a
shaping will tend to introdice a decisively three-dimensional character to the
flow. Figure 84 shows such a configuration at an expansion angle of attack.
It is seen that the flow is deflected in toward the centerline, away from the
higher pressure edges. Also, streamlines are deflected about either side of
the rather low aspect ratio flaps.

High speed vehicles are generally analyzed on a piecewise basis, and this
viewpoint should be nc less acceptable in interaction problems. Conditions
upstream of the interaction region should be calculated as well as possible
using standard methods. The correlations in this report may then be
applied. Exact streamline direction is less important than static pressure
and Mach number. There can be substantial reductions in flap effectiveness
due to finite span, however.

SPECIAL PROBLEMS

Transition within the Interaction Region

In some problems, calculated transition distance will be such as to indicate
that the boundary layer at the begimming of the interaction may be either

laminar or turbulent. Transition may occur within the separated region. In
such cases local pressure peaks may appear. The integrated pressure is what
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is of interest, although it is not possible to say beforehand whether the
laminar or the turbulent assumption is more conservative (that is, leading
to a smaller integrated force increment). The turbulent assumption leads to
higher local peak rates of heat transfer.

Real Gas Effects

An experimental facility which produces the desired Mach number and Reynolds
number for a test model will generally fail to produce the ratio of real gas
relaxation distance to characteristic body distance encountered by the real
vehicle. Esteblishing of scaling laws accounting for these dlfferences is
beyond the scope of this program. The local outer flow properties should
be obtained from 1deal or real ges relestions according to Section IIXI.
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Section IX

CONCLUSIONS

Semi-empirical correlations describing pressure distribution and heat transfer
in laminar and turbulent corner flow have been developed. These correlations
are based on presently avallable experimental results covering a limited range
of test conditions. They are used for approximating the pressure distribution
in the separated region and for calculating the eftect of flow separation on
aerodynamic coefficients. The developed prediction methods are applicable to
regions were the assumption of two-dimensional flow is valid. In order to
apply these methods to complex three-dimensional configuratlons, the degree

of deviation from two-dimensional flow should be established and the proper
method of determining the local flow properties selected. At some sector of
the flight spectrum the vehicle will encounter real gas effects which were
absent in the test flows. These effects, whick undoubtedly will show up in
the separated region, were not included in the available experimental data.

It is suggested however to use real gas flow properties in regimes where the
real gas effects become significant.

The primary emphasis during the development of these correlating expressions
has been placed on providing the aerodynamic designer with a useful design
tool for predicting the aerodynamic control characteristics of aircraft and
reentry vehicles operating at hypersonic speeds. This method permits the
designer to determine the presence, magnitude, and extent of flow separation
and the pressure distributions induced by deflected control surfaces, A
pressure dilstribution model, based on experimental observation, is employed
for determining force and moment coefficients. Sample calculatlions are
included for instructive purposes.

There is some error involved in the experimental measurements which were
evaluated and additional error is introduced due to correlating procedure.
Extrapolation of the predictlion expressions outside thie range of test con-
ditions 1s feasible but should be accomplished with caution.
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Appendix I
INCREMENTAL FORCE AND MOMENT EQUATIONS
The following is a derivation of the equations for the two-dimensional force
and moment increments produced by separated compression corner flow. The

idealized pressure distribution, coordinate axes system, and force and moment
convention used in the derivation are defined in Figure 129.

N

+X .+ Acm
MRP or C.G. Hinge Line HL +ACN
+Z +5?\ M
"SI SSSSLS  LSS
l——\/\———p- X!
NOTES:
1. X' DENOTES DISTANGE MEASURED FROM %

AN EFFECTIVE STARTING POINT FOR
EQUIVALENT FLAT PLATE BOUNDARY
LAYER GENERATION.

2. THE SURFACE SPAN IS b.

Peak Pressure P

Separation Pressure P, fi “—l
e

Figure 129. Two=-Dimensional Flow Model and Body Axes System

L Plateau Pressure Pp

Idealized Pressure Distribution
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1. Normal force inecrement:

A
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d2 3
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2. Pitehing moment increment about HL due to normal force inerement
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3. Center of pressure of normal force increment:
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Nﬁ cpAN
W

Acm L] _
ML Ay
W
AcmmL]
ANW
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W
L, Axial force increment:
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5. Pitching moment increment about HL due to axial force increment:
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— = - ( P-P ) C ('511’18)5— 51n8 - (P -P ) = s1n5f

2 d c 4
(—i— + -—) (sm’o‘f)- (P, P )(c, )(511'14‘5)(—£ + §~2-) sing,

2 2
d d.d d
f 2 2
_(sm ) [(Pp PO) — + (P PP) ( = - 63 - 2_} )

c? a?
+ (By-P)) (% - %)

AcA s]w

i

L]

H
1
Eain N
4]
=
=
H:‘Oo
p—
P9
g
[]
g
-
@]
A
no
+
~_
e
lav)
Nt
p—
(9]
no
1
) [N
N
'
o) T\Jp‘
[N
LS
i
u
O
W)
S
S

Acm SL]
HL
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6.

7.

8.

Center of pressure of axial force increment;

AcmHLL] = - ACAW ( eop, - ZHL)
AA w
W
Ac L
My, AA
Z = -
CEQAW ZHL KCAW

Total increment of pitching moment about MRF:

Windward

Ac L =Ach -AcAz
™RP y W CPANW W CPAAW

component of elevon hinge moment:

C d,.~d 2d d
f 2 73 2 3
Gt (BoEp) ( 2 )( 3 " '3')

c, 4
(Pp-Py) (Cpdy) (§£ * '2“"2')

[ c e d 2 d.d d 2 C 2 d 2
- P Loy {(P,-P ) 2 .23 _ 3 , L __=
p 2 2 "p’ \3 6 6 2 2

o2
. {(cpm)2 -g— - % [(cpm)g-(cpw)P] (d22 + g + d32)]
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Appenlix II

SAMPLE CALCULATTIONS

The solutions to two sample problems ar: worked out in detail to illustrate
the procedure for calculating control effectiveness which is developed in
Section 6. A simple hinged, flat-plate configuration is analyzed for separate
flight conditions. Example 1 is a straightforward problem for which the me-
thod is directly applicable. It is shown in Example 2 that for certain flight
conditions the separated region extends forward to the leading edge of the
configuration. For this case a modification of the method is suggested which
provides a solution.

Example 1.

Given:

0 2 4w s 8 10
| { 1 1 1 1
= X=
—x NI

+0 3 MRP X HL
Z

Configuration: Two-dimensional flat plate with negligible
thickness,” Span is b ft

M, = 10
Altitude = 150,000 ft
- 5
Rem/ft = 1.06 x 10
Pe = 2.84 psf
T = U79°R
a = 15 deg.
Toayl - 1500°R
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Problem: Calculaete the incremental normal force and pitching
moment coefficients produced on the windward surface by a
positive flap deflection of ten degrees. (af = +10°).
Assume negligible viscous interaction.

Step 1. Determine the local flow conditions.

P
ﬁ‘:.a = 13.5 (Figure (96c¢)
P
a_ -1
(c_) i 0.17
P’ Y Muo2 ) ke
2
%Q = 3.0 (Figure 9Tc)
([~}
Ta = lll»u-o UR
Mo = 5.5 (Figure 98c)
Rea
E = 1.94 (Figure 99c)
Rea 5
T = 2,06 X 10

Step 2. Verify the existence or non-existence of separated flow.

(Cpa)E = 0.11 (Oblique shock compression}

inviseid

Re,y = 8 (2.06 X 105) = 1.65 X 106

HI:

For simplicity, assume Re, transition = 2 X ZLO6 (For a discussion of
transition Reynolds number, see Section 4.1)

C = 0.020 (Figure 10k4)

P ,

ineipient
Therefore, since (C )2 >C , separation does exist.

Po Pa incipient
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Step 3. Determine where the flow separates.

For the 1lst iteration, assume XO' =7Tft
R, - 7(2.06 X 10°) = 1.b4x 10°
O!X )
°1
{c_) = 0.0185 (Figure 106)
Pa 1
dy
5] - 20 (Figure 108)
°/1
wall 1
TO!
Re¥*
—Z = 0.28 (Figures 100 & 101)
Rey
Re*
a _ L
= = 5.77 X 10
2 - o.0215 (Figure102)
.\’Xl
8 = 0.057 ft
1
(d,) = 1.1k £t
1
1
X' + (d,) = 8.1k ft>X!
oy 1 1 HL
Assume X! = 6.5 ft for 2nd iteration.
&
Rep, = 1.34x 10
Kl
%2
c = 0.01
( Pa)Pe 9
d
'Sl = 21.5
©/p
8§ = 0.055 ft
[0}
2
(a.) = 1.18 ft
1%
x'2 + (dl)2 = 7,68 ft < X'y
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8.4

8.2 T
X' +d 4 X
ot 8.0 =194+ 7—+= X
o 1 HL
4
7.8 / X'=6.8#
. /.r o]
d] = 1.2 f
7.6 2
6.0 44— 6.5 ——— 7.0 ——— 7.5
xl
[s]
Step 4. Calculate the windward pressure distribution.
Req,, = 1.4 x 100
Q
, = 0,01
(Cpa)p 9
M) Eo
Conlp = (Cpa)p (Moo) B, Cople
= 0.257
.g%i = 8 (Figure 110)
8]
8, = 0.056 Tt
£fi = 0.45 ft
84
< = 167
1
o4
Since d—f >1,
1
a, dy ) \ ( )
= = £ = 0,50 Figure 112
e 4y
dy = 0.61 ft
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Equivalent flow deflection angle for(Cpa)p = 0.019:

¢ = 2.6 deg (obtained from oblique shock relations)
3
T = 0.3 (Figure 114)
1
d = 0.42 £t
3
(c a) = 0.11 {oblique shock compression)
E inviscid
(c w)2 = 0.11% (compressing isentropically)
PE Cinviscid

Since 8 <15°, use the isentropic value. (See Section IV)

2
M P
) a)| a
Crale = Coalo Mm) B " (O
= 0.64k
1.0}
WINDWARD PRESSURE DISTRIBUTION A
0.8}
I
T0.644
0.6 |
Pa 0.l
0.2
0
0 2 4 6 8 10

X' = - (X-5)

Step 5. Evaluate the incremental forces and moments.
1. Normal force increment:
Ac s] )
N™Jw fi
5 = [(pr)p (pr)a] [dl - —5~ + cos Sf Cf]

d, d ]
+ [(pr)g - (Cpm)P](cossf) [Cf - -
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ACNSL

b

= [0.257 - 0.1'(9“1.2 - 9-2'—!“5+ 0.985(2)]

+ [o.6hl+ - 0.257] (0.985) [2 - 0?'@ - M]
= 0.79 ft
2. Increment of pitching moment about HL due to normal force increment:

AC_ S 2. 2
"y, ] N, [(c ), a] [Lfl fﬁ 1,5 oos &G ]
po’p pan

b 2 2
2

2 2
C d d.d d
_ 2 f 2 23 3
[(cpoo)E (cpw)p] (COS af)[ 2 " 6 6 - 6]

. .27 - 017 [(o 15 (oas)a2), (.27 (o.982)2(g12]

2 2
- |o.6u4 - 0.257] (0.985)2[%1 ; L0é61) . (0.61%(0.1;2)

2
- 1961‘—21] = -0.813 £t°

3. Center of pressure of normal force increment:

Acm L]
HL,
X = X +——-A—N 3+-0813
oA w b A, - 3t oo
W W
= =4.,02 ft
4. Axial force increment:
Ac s
Bl P SRS TP IR P
b r Py P Po®| T P’ €  DPoo P r e 2
= (0.174) “0257-0179]24- [o6hl+-0257] [2-9-6—1-091—1*2”

= 0,127 ft
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5. Increment of pitching moment about HL due to axial force increment:

ac_ SL]
oL Jlaa

W C2 '
—_— = - (sin 8){[(0 )'(C ) —-2£-+ [(Cpm) -(¢c_ )

P P
c e da.  a’]
lec I T W
2 6 6

- (0.174)° "0.257-0.179] %ﬁ + [0-6“‘*-0-257]

e .61)2 .61)(0.4 %
[Lgl 301_11 (o 1)éo 2)_(06 )“

2

= «0.026 ft

6. (enter of pressure of axial force increment:

ac L]
HL
7 - 7 - AAw =0 - -0.026
ep  THL AC, 0.127
W
= 0.204 ft
7. Increment of pitching moment about MRP:
AcmM SL] Ach] Ac s]
——-——_;E—w = .-.-..T—W ch L __‘%‘_w ZCP = 0.796 (-ll-.02)
ANW AAW
- 0.127 (0.020%) = -3.23 £t2

8. Windward component of elevon hinge moment:

2
c
bal, "~ {(cpw)z =% [(Cpm)f(cpw)p] (a7 + a0y + d32)}

n

-1.24 ft2
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Given:
0 22 4 ft 6 8 10
] i X | } } |
L
T w
]
r——’ X
Z
Configuration: Two-dimensional flat plate with negligible
thickness.
M = 20
= ¢
Altitude = 200,000 ft
_ b
Rem/ft = 3.27 X 10
p, = 4.13 x 1071 psr
Tw = U457 °R
a = 10 deg.
Twall = 2000 °R

Problem: Calculate the incremental force and pitching moment coef-
ficients produced on the windward surface by a positive
flap deflection of ten degrees (8f = +10°). Assume
negligivle viscous interaction.

Step 1. Determine the local flow conditions.

.o (Figure 964)
Poo
.
O
= ——— = 0,071
(S, ) y 2 7
5 Meg
Te _ 4.5 (Figure 97d)
Tewo
Ty = 1970 °R
Mo = 9.8 (Figure 984.)
ng
£ - 1.87 (Figure 99d)
Re
Re
o L
T = 6,11 X 10
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Step 2. Verify the existence or non-existence of separated flow.

1l

(Cpa)2

Rea

HL

Therefore the flow is
c =
Po
incipient

)

Therefore, since (Cpa

0.087 (Obligue shock compression)

8 (6.11 X 1oh) = L,9% 10

p

laminar. {See Figure 24)

0.019

e p“"‘incipien’c

Step 3. Determine where the flow separates.

For 1st iteration, assume Xé = T ft

=
]
11

—
(@]
~—

i

i

kg
+
—
ja
—
L
’_.J
13

7 (6.11 X 10”)

0.020

140

©.079

4,83 X 1o3

0.075
0.199 ft
27.9 ft

.9 > XHL

239

4.28 X 107

{Figure 104}

>C , separation does exist.

(Figure 106)

(Figure 108)

(Figures 100 and 101)

(Figure 103)



Assume Xcl>

R
Cax

I

4L ft for 2nd iteration

5

L (6.11 X 101*) = 2.b5 X 10

0.023

230

0.15
3k.5
38.5 > X,

2 ft for 3rd iteration

p.

2 (6.11 X 104 - 1.22 X 10

0.027
400

0,106
L2,k

Wb > X

240



60

40
M

x;+d]
XHL # X°+d]
20
____________________ XHL

0 i 1
0 2 4 & 8

xl

o

The magnitude of d indicates that realistically the region of separation
extends forward to the leading edge of the plate. F¥or this case, an alternate
approach can be used which is based on the assumption that the plateau pre-
sure region extends forward to the leading edge; i.e., dl = X}'iL and ey C.

Step 4. Alternate method for calculating pressure distribution.

—_ t _
Let dl = XHL = B ft
c
f 2
—_— = = ()_25
dl 8
¢
For —Y < 0.25
d
1
45
e = = 0.475 (Figure 112)
1
d2 = 1.9

2Ll



; I~
— X7,
-

-1 d2 51n8f

dl + d2 cosBf

Ny

™y

-1 1.9 gin 10°

= ‘tan 8+ 1.9 cos 10"
= tan"t 0.0335
= 2°

Assuming the plateau pressure corresponds to wedge pressure for a local
flow deflectlon angle of ¢ degrees,

(cpa)p = 0.0086 (Obtained from ohlique shock relations)
w)=(cwﬁfﬂ+w)
po’p pa'p\ M, | Fy po’oy
2

- 3.8
= 0.0086(20 ) 21 + 0.071

= 0,114
Let lﬁ= 0

I3
5 = 0.25 (Figure 114)
1
d = 2 ft
3
However, since d3 must be less than or equal to d2, let
d3 = d2 = 1.9 ft
(Cpa)P = 0.087 (Ovlique shock compression)
M\ P
(Cpcn)E = (Cp(!).? ﬁ; _:-P-;+ (Cpm)a
2
- 2.8
= 0.087(20 21 + 0.071
= 0.51
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Step 5. Evaluate the incremental forces and moments.

1. Norma! force increment:

ACNS
b ]“

[(Cpm)p (Cpma][ 1 !—f—l + c056 Cf]

+ [(Cpm)E- ]cosa )[ £ - -2-3 -3 ]

[0.111; - 0.071] [8 + cos 10° (2)]

I o

+ [o 510 -ouh] cos 10 )[2 --——--—2-2]

0.468 ft
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1.0~

0.81- WINDWARD PRESSURE DISTRIBUTION

0.6}- (€ ), = 0.5
C
P

0.4

0.2 (€, = 0-114

0
0 2 4 6 8 10
Xt = - (X-5)



2.

3.

k.

Increment of pitching moment about HL due to normal force increment:

Ac SL]
HL ANW
b

]

Center of pressure of normal force increment:

Axial force increment:

Ac,S

b

il

0.022

- l(cpw)g-(

X =(sind ){[(c

) ] [lfl ffl 1,

cpw)p] (cos” af)[

5 2
o114 - 0.073) [(2) - o8

2

Ac
m

= X+
HL ACN
W

L
AN

1,215
-3t 518

1}

- 0,h f%

] C, + [(cpw)g—(cpw)pl [cf -

(0.174) “o.uu - 0.071] 2 + [0.510 - 0.114] [2 -

2k

10° (2)2]

52 2 e 2
- [o.510 - 0.114](-cos2 10")[15) . ilé9) } (169) ) (lé9) ]

23
2 2

_1__9&_211
2 2 |



5. Increment of pitching moment about HL due to axial force increment:

Acm SI]AA c, 2
HL W
_.........I_}._..— = (5111 8 {I(C )P—(C )J —‘2‘ [(C 2- Pm)P]
[cf2 d22 4y, dBEJ}
"% 76 &

- (0.17%)° ho 114-0.071] <5 @) + lo.510-0.124

2 . . . 2
[1_1 . (169) ) (169) - (169) ”

2

- 0.005 ft2

6. Center of pressure of axial force increment:

Acm L]

- HL |Adw

Z = 7 -

CByp HL .CA
W W

-0.005

= -5

0.23 ft

7. Increment of pitching moment about MRP:

Ac SL
Mr }w ACNS . AcAs |w .
b b CPAN b CR&A
W W

]

0.k68 (-0.4) - 0.022 (0.23)

0.192 £t°

8, Windward component of elevon hinge moment:

|

bq

2
il LR {‘Cpm)2 e £[Cep e, 5] 2" + apey + dBP_”

2
2
= - 20.510 ﬁgl - é (0.510-0.114) }(1.9)2 + (1.9)2 + (1.9)2}}

It

1
(@]
i
o
o
H
ct

2hs
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