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FOREWORD

This report describes a flight investigation of the phenomenon of scaling effects on
shock -boundary layer interaction in transonic flow. 1t was prepared by the Flight
Sciences Division of the Lockheed-Georgia Company, Marietta, Georgia, under
Air Force Contract F33615-67-C-1777. The work was administered under the direc-
tion of the Air Force Flight Dynamics Laboratory, with Mr. 4. 1. Murn, FDMM,

as Project Monitor. '

The work reported here was performed during the period from 5 October 1967 to
15 July 1968, This report was submitted by the authors in July 1968,

The authors acknowledge the contributions of the following members of the Lockheed-
Georgia Company to the project: Mr. H. J, Coley who supervised the Design, Con-
struction and Installation of the Test Equipment; Mr. A. J. Youngs who directed the
Flight Operations; Mr, B. M. Coleman who directed the Data Reduction; and Messrs.
W, J, Compbell, P. E. Cole, T. T. Eckert, and Mrs. C. H. Sullins who assisted in
the test program and data analysis.

This technical report has been reviewed and is approved.

PHILIPIP, ANTONATOS

Chief, Flight Mechanics Division
Air Force Flight Dynamics Laboratory



ABSTRACT

A flight test investigation was made using a Lockheed C-141 airplane to obtain data
related to scale effects on transonic shock-boundary layer interactions. The primary
measurements consisted of wing surface chordwise pressure distributions ot three span-
wise stations, and boundary layer profiles for three chordwise positions af one spanwise
station, Tests were made at nominal altitudes of 20, 000 feet and 40,000 feet, resulting
in Reynolds number values of approximately 70 x 10% and 40 x 10 , respectively. At
each oltitude data were collected at a number of combinations of Mach number (from
0.7 to 0.85) and lift coefficient (from O to approximately 0.4). Variations in fift
coefficient were obtained by varying load factor.

Volume | contains the data analysis and discussions of the test results. Volume |1l
contains a detailed discussion of the data acquisition and reduction procedures plus
a complete presentation of the basic data.

Results obtained, when compared with previously available wind tunnel data, showed
that large scale effects on chordwise pressure distribution can occur with turbulent.
boundary layers on a wing having small Mach number gradients forward of the shock.
A shock-induced separation, followed by flow reattachment, was shown to occur
when the shock pressure rise reached a value approximately equal to that indicated
in NACA Report 1356, Increasing Mach number or angle-of -attack sufficiently
beyond the initial separation point caused the separation bubble to spread to the
trailing-edge, resulting in an abrupt forward movement of the shock. While the
flight shock locations were within the spread of those shown by low Reynolds number
wing tunnel results, no single wind tunnel configuration (transition strip, Reynolds
number, vortex generator} provided a good indication of the flight result over the
whole range of conditions tested. For wing sections of the type used on the C-141,
scale effects on buffet phenomena should be anticipated also.

Distribution of this abstract is unlimited.
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SECTION |

INTRODUCTION

The subject of scale effects on aerodynamic characteristics of airfoils at transonic speeds

is currently being studied with renewed inferest. In the past, o rather considerable number
of wind tunnel, flight, and analytical studies had indicated that scale effects should be
minor with turbulent boundary layers, Reference 1. Recent experience on a number of
aircraft, however, has shown that severe scale effects can exist for conditions where shock
strength is great. The Lockheed C-141 airplane is a case in point. Results obtained
during flight test, Reference 2, revealed that shock location changes of as much as 20%
chord existed between wind tunnel and flight test results. The shock location differences,
in some cases, resulted in doubling the section pitching moment.

Following the disclosure of this problem by flight test several additional C-141 wind
tunnel tests were performed. Test in the AEDC 16 Foot Wind Tunnel, Reference 3, showed
scale effects for both naturol and fixed transition conditions at Reynolds number between
2.8 x 109 and 8.5 x 10°. Natural transition tests at low Reynolds number generally showed
reasonable agreement with flight data, However, as the Reynolds number was increased
the shock moved forward, With the transition fixed near the leading edge, the shock was
much farther forward than with natural transition ot low Reynolds number and moved aft
only slightly as the Reynolds number was increased, High Reynolds number tests for both
natural and fixed fransition conditions tended to give the same shock locations. Tests iné
the Langley 8 Foot Tunnel showed that variations in transition strip location (Re 4.2 x 107)
moved the shock over the entire range of locations indicated by the AEDC results,
Reference 4.

Studies by B. H. Little, Reference 5, confirmed Pearcy's conclusions that the existence

of & supersonic tongue, just downstream of the shock, can result in more severe separation.
Knowledge of the flow in this region is limited but the scaling effects are thought to be
quite pronounced. E. Stanewsky's results, Reference &, show that shock location is

littie affected by changes in Reynolds number or transition strips for a circular arc half-bedy
on the tunnel floor. Airfoil shape would appear to influence the scale effect, especially
when considering airfoils that have steep Mach gradients as compared to flat-top type
distributions.

The previously mentioned C-141 flight test program was made with the pressure orifices
rather widely spaced. Since a considerable amount of both flight and wind tunnel data
has been accumulated using the C-141 configuration, it was apparent that a more precise
definition of shock location and flow conditions should be made. It would then be possible
to conduct a better assessment of the differences between flight and wind tunnel conditions
and also to evaluate various wind tunnel attempts to simulate the flight conditions. The
present investigation was therefore initiated with the following objectives:

a) To obtain a more precise definition of the wing section pressure distributions in flight,

b) To determine the magnitude of the scale effects on aerodynamic characteristics over
the widest possible flight Reynolds number range.

¢} To obtain some experimental boundary layer data for correlation with wind tunnel data.
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SECTION I

TEST PROGRAM

General

The data for this program were measured on a standord production C-14) airplane. The
primary measurements consisted of wing surface chordwise pressure distributions at three
spanwise stations, and boundary layer profiles for three chordwise positions at one
spanwise station, Information on flight condition (Mach number, dynamic pressure,
ambient pressure and temperature, and airplane load factor) was obtained from the
standard airplane instrumentation and a nose boom.

Tests were made at nominal altitudes of 20, 000 feet and 40, 000 feet to obtain the widest
practicable spread in Reynolds number, resulting in values of approximately 70 x 106 and
40 x 10%, respectively. At each altitude data were collected at a number of combinations
of Mach number {from 0.7 to 0.85) and lift coefficient (from O to approximately 0.4).
Variations in lift coefficient were obtained by varying load factor since the range
available from gross weight changes alone was not wide enough for the purposes of this
investigation,

A complete description of instrumentation and data acquisition and reduction, and plots
of all the basic dota measured are contained in Volume Il of this report.

Data Acquisition And Reduction

Surface pressures were measured on the right wing at the three spanwise locations shown

in Figure 1. STRIP-A-TUBE of approximately one-eighth inch height and three inch

width was bonded to the wing surface and holes drilled at the desired chordwise positions.
Each of these pressure orifices was connected through the STRIP-A-TUBE to SCANIVALVES
which were located in the flap cove area. Wiring from the SCANIVALVES was routed to
an oscillograph located in the cargo compartment. Three boundary layer rakes were located
on the left wing at one spanwise station. This location corresponded to the middle station
used in wing surface pressure measurements. Figure 2 presents photographs of the rakes used
in the investigation. Boundary layer profile data were also recorded using an oscillograph.
Wing static pressures were referenced to boom static pressure and boundary layer rake
pressures were referenced to boom total pressure.



ETA= 637
/

ETA=.389
ETA=,193" ‘

WING DIMENSIONS
Span
Area total including aileron flaps and 450.0 sq ft
of fuselage
Aspect ratio
Airfoil Chord:
At root
At construction tip
Mean (MAC)
Airfoil Section Designation and Thickness (Percent Chord):
At root NACA 0013.00 (Mod)
At construction tip NACA 0010.00 (Mod)
At construction joint (B.L. 415) NACA 0011,00 (Mod)
Incidence:
At root
At construction break
At construction tip
Sweep at 25 Percent Chord:
OQutboard of construction joint
Inboard of construction joint
Dihedral at 25 Percent Chord;
Outboard of construction joint
Inboard of construction joint

159.67 ft

3228.1 sq ft

7.90

398.00 in.
132.62 in.
266.51 i_n_.

13.00
10.00
11.00

4.89 deg
2.25 deg
=0.49 deg

25,02 deg
23.73 deg

~1.195 deg
-0.94] deg

FIGURE1 WING PLANFORM AND DIMENSIONS



FIGURE 2 BOUNDARY LAYER RAKES



The nose boom, which is illustrated in Figure 3, provided measurements of total and
static pressure and angles-of-attack and sideslip. The boom-measured pressures were
supplemented by similar data measured by the standard airplane instrumentation. When
appropriate position error corrections were applied to these data excellent correlation
was demonstrated. The standard airplane airspeed probe is shown in Figure 4.

Surface pressure measurements were reduced to pressure coefficients and boundary layer
profile measurements to velocity ratios using the conventional equations presented in
Volume il. These computations were performed by a UNIVAC 1108 computer and the
data plotted by a cathode ray tube plotter.

Effect Of Maneuvering Flight On Pressure Data

Since-it is not possible to maintain constant values of all primary flight conditions
(Mach number, altitude, lift coefficient) during tests of this type, it was considered
desirable to demonstrate the absence of extraneous effects in the data measured. [n
this test series, the most practicable procedure was to hold Mach number and load
factor constant, and to accept the altitude changes which were necessary to attain
the desired test point.

Figures 5 and 6 present the results of tests designed to measure the lag effects on total
and static pressures due to altitude changes. Conditions 547/4Bl and 547/4B2 were
made in stable flight at an altitude of approximately 20, 000 feet. The pressure data
were recorded holding the aircraft at constant altitude, Mach number, and load factor.
The effects of lag were tested and are shown as conditions 547/4Al and 547/4A2. The
aircraft was piaced in c dive at an altitude of approximately 30,000 feet and ¢ constant
rate-of-sink esfablished ar 8,000 feet per minute. As the aircreft passed through 20,000
feet, the data as shown for conditions 547/4A] and 547/4A2 were recorded, The Mach
numbers and load factors were the same as recorded during the constant altitude test.
The results indicate that the measurabie lag in the pressure system is zero. Therefore,
any altitude changes that might exist in the remainder of the iest data should be of no
consequence,
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SECTION 1l

RESULTS AND DISCUSSION

Wing Section Characteristics

Figure 7 presents the wing section lift characteristics obtained from integration of
the measured pressure distributions for a series of Mach numbers. Section lift
coefficient is plotted against an equivalent angle-of-attack, defined as the
fuselage reference line angle required on a rigid airplane to produce the geometric
angle~of~attack at a given spanwise station. This requires a consideration of the
aerocelastic twist and enables comparisons with data from rigid wind tunnel models.
Some scatter is evident and is believed to occur from inaccuracies in the
determination of the equivalent section angle-of-attack. The scatter is very
slight at the lowest Mach number and increases as Mach number is increased.
Angle=~of-attack is one of the most difficult parameters to measure accurately in
flight. There does not appear to be any Reynolds number effect in the range of
values fested.

The section lift=pitch characteristics are shown in Figure 8 for a series of Mach
numbers, The data are very smooth and only at the highest Mach number is any
scatter present, The data shown at the highest Mach number cover o Mach range
of 0.84 to 0.86. The airspeed differences will explain most of the data scatter.
Again, the data do not tend to indicate any scale effect.

Figure 9 presents a comparison between flight and wind tunnel data from
Reference 3 at one Mach number and three spanwise stations. The comparisons
show the complexity of trying to ascertain a single wind tunnel testing technique
that will duplicate flight results. For each Mach number, it would appear that
at each test angle-of-attack (or C}) a different test condition would be required
at each spanwise station. At the inboard station, it is evident that the use of
vortex generators delays the separation effects and over-fixes the problem. At
the two outboard stations, the generators would help match flight conditions at
some angles-of-attack but not at others. The variation of Reynolds number with
natural model transition would also accomplish similar results. Wind tunnel data
were also obtained with rrcmsmon fixed during the tests reported in Reference 3.
The data obtained at 2.8 x 109 Reynolds number with fixed transition are presented
and show good agreement with flight test for the most inboard section but very
poor agreement at ETA = [389 and ETA = ,637.

Reynolds numbers effects are presented in Figure 10 for one spanwise station at one
Mach number at one angle-of-attack. At the lowest Reynolds number, the difference
between natural and fixed transition testing shows section pitch differences on the
order of 2 to 1. For this particular case, the fixed transition testing, combined

with vortex generators at 55 percent chord, would give a good correlation with

flight results. It cannot be concluded that using fixed transition and vortex
generators would produce the same good correlation at other conditions.
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Surface Pressure Distributions

All of the pressure distributions measured in this program are presented in Volume I1.
Several cases for which wind tunnel data are also available are shown in this section
to illustrate similarities and differences in the data. Pressure distribution comparisons
between wind tunnel test and flight test are shown in Figures 11 th-ough 14. Figures
11, 12, and 13 are comparisons with wind tunnel d ata from Reference 3 measured at
a Reynolds number of 2.8 x 10® with natural tronsition. Figure 14 is a comparison
using low Reynolds number data from Reference 7.

The comparison at an ETA of 0,193, Figure 11, shows good agreement between the
wind tunnel and flight cases except in the lower surface mid-chorc region. This good
agreement does not conflict with the indication shown by Figure 9u since, in the
present comparison, the flow is only slightly supercritical and the shock strength is
not great enough to cause a significant interaction. The differences in pressure
distribution in the lower surface mid=-chord region are due to differences in fuselage
and wheel pod shapes between the model and the airplane. Figures 12 and 13 show
some differences in shock location and in the shape of the pressure distribution just
upstream of the shock. The gradual recompression just forward of the strong shock
shown by the wind tunnel data is attributed to weak oblique shocks, resulting either
from relatively thick boundary layers or from laminar boundary layers at the shock.
Figure 13 shows a difference in trailing edge pressure and would irdicate that trailing
edge separation has occurred on the model. Figure 14 shows good agreement in the
comparison even at a very large negative angle-of-attack.

Shock Location Analysis

Pearcey haos discussed in Reference 10 (Page 1208) the flow changes which take place
when shock-induced separation becomes significant. A brief review of some points

of that discussion is useful as an aid in understanding the shock location changes

observed in this investigation. Considering data for an airfoil at ¢ constant angle-of-
attack, in an inviscid flow the shock moves aft continuously as the stream Mach number
is increased. Local Mach number forward of the shock and shock ttrength increase as

the shock moves aft. In a real flow, the pressure rise through the shock will reach, at
some Mach number, o value large enough to cause separation. Reattachment can occur
aft of this separation, enclosing a bubble of separated flow. Increasing the Mach number
beyond this initial separation condition causes the bubble to grow in chordwise extent,
The presence of the bubble causes only a minor distortion of the prassure distribution
whenreattachment occurs. If the Mach number is increased sufficiently, however, the
bubble grows to the trailing edge, producing the condition Pearcey has termed
"significant separation". The normal rearward movement of the shack with increase

in Mach number is then arrested. The condition for which this significant separation
occurs is readily identified as the Mach number above which the tiailing~edge pressure
recovery departs from its low speed value. For airfoils considered at the time Reference 2
was prepared, little effect of changes in boundary layer properties was observed so long
as the boundary layer was definitely turbulent.
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For airfoils of the type used on the C-141, however, the effect of changes in turbulent
boundary layer thickness has been shown to be quite large. Pressure distribution data
from the investigation reported in Reference 4 are shown in Figure 15, illustrating the
changes resulting from increases in turbulent boundary layer thickness as a transition
fixing strip is moved forward on the wing chord. The pressure rise through the shock is
large enough to cause separation in all cases shown and the existence of a separation
bubble is indicated by the "bumps" in the pressure distributions immediately behind the
shock. With no transition strip, the bubble is rather short and the trailing~edge pressure
recovery indicates no great separation at the trailing-edge. As the boundary layer is
thickened by moving the transition strip forward, the reattachment point is seen to move oft,
the trailing-edge pressure recovery decreases, and the shock moves forward. Similar data
from Reference 3 are shown in Figure 16 indicating a similar variation of shock location
and trailing-edge pressure recovery as the boundary layer thickness increases due to for-
ward movemenréaf the natural transition point with an increase in Reynolds number from

2.81t08.5x10".

The mechanism responsible for shock movement has also been discussed by Pearcey. At and
aft of the wing trailing-edge, a balance must exist among flow conditions resulting from the
upper surface boundory layer, the lower surface boundary layer, and the ambient undisturbed
flow. There is no hard boundary to support a pressure difference. The required balance is
established by the mixing processes taking place in the wake. [t is clear, therefore, that
the tower surface flow and the mixing phenomena in the wake establish a boundary condition
which must be satisfied by the upper surface flow. In a manner similar to that occurring in
supersonic diffusers, the shock seeks a location such that its pressure rise, when combined
with the subsequent subsonic pressure rise, and their combined effect on the boundary layer
will satisfy that downstream boundary condition. Change in shock location accomplishes this
change in pressure rise, of course, by changing the local Mach number at which the shock
occurs. This phenomenon is the reason that the C-141 airfoil section, with its flat Mach
number variation forward of the shock, is subject to large changes in shock location while
other airfoils, with steeper Mach number gradients, display smaller shock location changes.
The data presented in Reference 6 for circular arc airfoils having relatively large Mach
number gradients, for instance, show little or no change in shock location despite wide
changes in Reynolds number and boundary layer thickness.

The variation of shock location with Mach number from the current flight investigation is
shown in Figure 17 in comparison with various wind tunnel conditions which had previously
been investigated. The wind tunnel data are taken from Reference 3. Since it was not
possible in these flight tests to maintain precise values of Mach number and angle~-of-attack
for direct comparison with the wind tunnel data, the flight-measured shock locations shown
in Figure 17 were taken from those contours. |t can be seen that the data cbtained in the
present investigation show variations similar to those indicated by Pearcey. The shock
location moves aft as the Mach number is increased from its lowest value, reaches a peak, and
then moves slightly forward. Examination of the pressure data shows that the trailing-edge
pressure recovery is excellent for Mach numbers up to those showing the most aft shock loca-
tion, and indicate definite trailing-edge separation for Mach numbers above that value.
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Figure 18 is presented to show the range of local flow conditions demonstrated by the

data obtained in the current flight program. Data obtained in this investigation provide

a graphic demonstration of the separation-reattachment phenomenon discussed by Pearcey.
The boundary-layer rake at 80% chord indicated reversed flow for a large number of cases
where the trailing-edge pressure recovery showed that the trailing-edge was not separated.
Data are presented in Figure 18 to show the conditions under which this phenomenon
occurred. The pressure rise from just forward of the shock to 80% chord, and to the trailing-
edge, are plotted against local Mach number forward of the shock. The pressure rise is
divided, in each case, by the pressure rise required for shock induced separation as defined
by the data of Reference 12; and the local Mach number is defined in the direction normal to
the local wing element lines. Skin friction values indicated by the boundary layer rake data
at 55% chord are used in defining the separation pressure rise. In cases where the rake at
80% chord showed separated flow, the symbols are shown shaded. Questionable separation
is indicated by partially shaded symbols. Flags on the symbols are used to denote those test
points for which the flow is separated at the trailing-edge. A trailing-edge pressure coeffi-
cient less than +0.2 was used to define trailing-edge separation.

Although the data scatter too widely to justify discrete lines through these points, the
variation of all the data can be described by rather narrow bands. As the angle-of-attack

is increased at constant Mach number, these curves progress upward to the right, reach a
peak, and then decrease abruptly as trailing-edge separation occurs. As would be expected,
the trailing-edge pressure rise decreases much more abruptly at separation than does the 80%
chord value.

Separation as indicated by the 80% rake is shown to be predicted quite well by the shock
separation criterion of Reference 12. In the majority of cases tested however, the flow
reattaches behind this separation, the total pressure rise to the trailing-edge reaching

three times the shock separation value before the trailing-edge itself is separated. Neither
the precise origin of the separation, nor the dimensions and growth of the bubble, can be
determined from the measurements which were possible during this investigation, However,
an examination of the B0% chord rake data shows that the height of the "zero velocity"
point generally increases as the pressure rise increases above the separation value. The
maximum depth of this separation bubble prior to trailing-edge separation is approximately
1% chord. At trailing-edge separation, the 80% seporation depth increases abruptly.

The separation pressure rise criterion used in Figure 18 is, of course, applicable only at the
shock. The good correlation between predicted and actual separation shown by the 80%
chord data results from the foct that the shocks are rather far aft, and the pressure rise at
B0% chord is not greatly different from the pressure rise through the shock. Following
reattachment, however, the boundary layer is rather quickly rehabilitated to have velocity
profiles approaching those before the shock. Data are presented in Reference 14 which show
this rehabilitation quite clearly. Following reattachment therefore, the boundary layer is
capable of withstanding additional pressure rise and the shock pressure rise to separation
obtained from Reference 12 is not applicable to the total pressure rise to the trailing-edge.
The form of presentation used in Figure 18 is useful, however, to show the two sets of pressure
rise data on a common basis.
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The question as to whether the ultimate complete separation results from a trailing-edge sepa-
ration creeping forward or from the separation bubble growing aft cannot be answered with the
data available from the current investigation. Future studies of this point would appear to be
desirable however, since the relative growth of these two separations is probably dependent
on Reynolds number, and might therefore be a key factor in these scale effects.

Referring again to Figure 17, it can be seen that the variation of shock location with Mach
number is similar to that shown by the wind tunnel data, but no wind tunnel condition matches
the flight data in all respects. It is interesting to note that the use of vortex generators tends to
produce the best match of the techniques considered in these wind tunnel tests. It is not felt,
however, that the use of vortex generators can be considered a generally acceptable concept

in producing accurate predictions of flight results. While vortex generators are known to
suppress separation in a manner similar to increases in Reynolds number, the effectiveness of
vortex generators certainly cannot be controlled to cause a match with any arbitrary flight
condition. The agreement shown by Figure 17 must therefore be considered fortuitious.

The effect of changes in Reynolds number and surface condition on shock location is shown

in a different form in Figure 19. Shock locations for angles-of-attack of 2%, 0°, and 1°

are shown plotted against Reynolds number for Mach numbers of .825 and .850. Although
some scatter exists in these dota, the basic variations are quite clear and are similar for the
two Mach numbers shown. With the transition location artificially fixed near the leading-
edge, the wind tunnel data show shock locations moving consistently aft as the Reynolds
number is increased. Furthermore, it would seem reasonable that the variation at very high
Reynolds numbers should be an approximate extension of this variation since at those Reynolds
numbers, the natural transition location is at the leading-edge. A single line is shown,
therefore, connecting these points through the complete Reynolds number range, and the
change in shock location over the range covered is approximately 20% of the wing chord.
When the wind tunnel model was tested smooth, the shock location at low Reynolds number
was roughly similar to that observed in flight and increases in Reynglds number caused the shock
to move forward. In this instance, the shock locations at 8,5 x 10~ Reynolds number were
approximately the same with and without the transition strip. This variation of shock location
is attributed to the fact that appreciable runs of laminar flow were observed in the wind tunnel
tests at low Reynolds number, resulting in very small boundary layer thicknesses at the shock .
Increasing Reynolds number moves the transition forward, increases boundary layer thickness,
and causes the shock to move forward.

Boundary Layer Parameters

All of the basic boundary layer profiles measured in this program are presented in Volume {I.
Boundary layer thicknesses and form factors obtained from integration of those profiles are
shown in Figure 20. These data were measured on the left wing of the airplane (the surface-
pressure-measuring STRIP-A-TUBE was on the right wing) at x/c = .30, .55, and .80 at approxi-
mately an ETA of .389. The rakes were staggered slightly to avoid interference of the forward
rakes on those behind. Both high and low Reynolds number data for the flight conditions tested
are shown in Figure 20 but, over the Reynolds number range covered by these tests, the scale
effect on boundary layer parameters is scarcely discernible. Data are not shown for the rake
at 80% chord for @ number of cases because the profiles show that the flow is separated in
those cases. The values of the form factor for 80% chord would indicate imminent separation
for all except the lowest Mach numbers and [ift coefficients. At the higher Mach numbers,
the boundary layer thickness on the forward part of the chord shows little variation with lift

4]



il'l

InE !
e i
B 1
3. 4

[
82
-]

M

;8p | 80 [ivo

M,

¥
-l

4BOLS 1

| 4b
|

[
YMBOLS
MA_I|$|'

D
S

AoG
o

)

“6)

i
i M

2b i
O

]

{

(%

b

|

vl
'

i

ER

LL

.20
o

BER

L

LUNFL

- FLAG

I

ebhasne il ]

INUMBE

i A e ma

]

5 |

e

DS NUMB

o
$

EEERE

P

_—

[
A
.—-—L—L—_

NUM|

I

. ‘JP

8
NG

NS 'TIC}N Sl
1 . '

ALl TR
TRA

s

SR

il

RevNoUD

ITIoN| ] ik

: ?--[ )

I

Ir:
o [ ..

ASURED..

i q il
A msz_‘m

i

TTTRENN

i
1
1
L

"
ME

I
i

#

i

a3l

r
!

H

i
i

1

[} .
[ I R
i [ !
‘ B B

!

i

4 = +rmanf

T3

]

J

ODO.

o ‘.“

i

USSP

. A_ I*.l. ._II”..

- Aomozu .B 20_560._ guommiulll

lAGNOIU e?u ZOC.JQUQJ .&UOIWI-IIE -

FIGURE 19  VARIATION OF SHOCK LOCATION WITH REYNOLDS NUMBER

42



TTT T T Frun g TTTTT -
IWEY 1§ 14 111 o ¥ T ! T
FaASgRNe 1 g Tt T +
I T T S . et
, - + Tt +
| T = rt T T
: H 3 ST
} + 15
)i H }
H En: ms ¥, Ema 27 3
H T . r
jrn T
H H H :
T _ T T
- 4t 1t I _
il : bR + H T
i i + i e e
= R T et
[ T x . camwme
- 1 1 -
u: - T t+
u T T
I 1
0 T ] s
H ;i 3 T T i
B H HEH =
H 1 + T b i+
H H s o RER."ESEE 1252 dine
M BRL = T
&
i ™ T e
—H +
HEES st
= T +
L vy ju s
) T L6
I im ) H
9 rﬁuj » I
F B N = tH
Reramss:.at e Baza
» x T
H u H T 1
H - H e
- 1T e,
I 1§ _ +
t FaRgpe
T HH " 4
b T T
ﬁ ] I J‘ - 1
; i
= t t
£ 32 ;
fLit s T H;
I i1 -y l
AadaSgams ginn " T
1T .n -4 _ H n W
T T -1
T t T ;
e n T 4
gy ¢ .
I al
T RE RS hT e
Tl ; T
I i
H: : [ifeict
it 1 1 T
am T
Ht + ¥
H :
HENEE : o
s ¥ i EpEY :
1 > :
! ; i o ;
; s o e
. T T
L T -
T
! ind
By Ra T [ 1
- L
i .
t 11 .
T 1 I
HHT H T
iw 2 ' & O
I 1 Ll

FIGURE 20 DERIVED BOUNDARY LAYER PARAMETERS

.70

u

43



H AJI[

13T
1
1

EEad

4
R4

aEEEEgRE

mam
H ¥

e
e
e an g
T
]
-
T

imi ey ol g

St
T

T
£
T
il &
T
T
I
T
|
T
i
H
1T

1T HOL - h R

y
&l
ohal
1l
i
H
¥
+
T
T

Lot

BH AR E anddsude TN :
11

31T
T
T
I

| NN A
T
T

T1T
T

AR

.75

-
~

FOE
T
THT

T

(b) Mo

FIGURE 20 DERIVED BOUNDARY LAYER PARAMETERS

134

o




L0

1T

ITI

a8

i

i

YU e o

.
-

IT

1T

T

4

14

| B
t

Lign 01
o4
18 5
5% B

T

T T ST T

1T

T
o
Wi i
1rerilr

TS
T

A masEALRASS APEEEANRGEAASRS 4NN ABRE RN R TR,

TR
AR Eum

IpEs dumi

e Aan

s

Il

(¢) Mg =.800

45

-

i
3+

ﬁ
ey 1t
ATes I i

iy

HF

HH
e

Hid
hEa!

FIGURE 20 DERIVED BOUNDARY LAYER PARAMETERS



]

P

3

L

1

I

I AN

L

TITTTT

geen

B S HEW

R RN g S

T

TT

| EE R EEE

e

I

TT
T

AT
IS ESS PSSR

auam

e o
X

g

B

-pi

it
I

Tir

pawas

b |
JRN 1

FIGURE 20 DERIVED BOUNDARY LAYER PARAMETERS

T

| wwl i
[ BAM )
11t
s gus

' R

T
THID

.820

[ B A
im A8 e
TIrT
.

(d) Mo

46



LAYER THICKNESS

Il I : HIII'II 3II[ 11
HH 3 p
SE IR LI :
it i
L& ¥
f
1 i‘
J ; T i i
%[ 11 t: ‘i
FIGURE 21 COMPARISON OF MEASURED AND CALCULATED BOUNDARY

47



48

coefficient due to the absence of leading-edge pressure peaks at these transonic Mach
numbers.

A comparison is shown in Figure 21 between measured boundary layer thicknesses and values
computed using the two-dimensional method presented in Reference 8. Initial computations
of boundary layer development were made starting from the leading~edge. However, uncer-
tainties with regard to transition phenomena prevented any conclusive comparisons. Com-
putations were therefore made beginning with initial conditions (8 and H) derived from the
boundary layer profiles measured at 30% chord. The results of @ sample case computed on
that basis are shown in Figure 21. The experimental boundary layer thickness is shown to
increase at a significantly greater rate than that computed using these two-dimensional
assumptions. It is possible that the strong three-dimensional components of the flow field

on this swept wing, combined with spanwise drift within the boundary layer, cause this
discrepancy. In any case, it would seem that refined methods of accounting for the boundary
layer development are required to establish the precise conditions at the shock in the condi-
tions tested.

As a part of the analysis reported in Reference 6, a correlation was shown between total
pressure rise (from just forward of the shock to the trailing-edge) and the peak value of

the local Mach number ahead of the shock. The shape of this variation was similar for all
conditions investigated in Reference 6; small changes in specific values were produced by
changes in Reynolds number or boundary layer tripping device, and somewhat larger changes
by increasing thickness ratio of the circular arc airfoils from 6% to 10%. Figure 22 defines
the parameters considered in this correlation. Curves are presented in Figure 23 correlating
the data from the present investigation in a similar manner. In t1is case, the value of M, is
taken as the component of local Mach number normal to the locel wing element lines using
the equation:

/ 50+ M2 c0s?B _
M, = (FCpMB /2 )+ 1OV 50
[

where B = tan' Ecan_/\_,_E—(xI-C)(tan_/\_LE—tan_/\_TE)]

At low Mach numbers, the variation of pressure rise with peak Mach number is similar to
that shown in Reference 6, with the value of pressure rise increasing nearly linearly as

the |ift coefficient is increased. At higher values of local Mach number, however, the
sequence of phenomena resulting from shock-induced separation was distinctly different

and the pressure rise curves therefore have a different shape. In the wind tunne! tests of
circular arc airfoils, the separation initiated somewhat aft of the shock and moved forward
to the shock as the Mach number increased. Reattachment was rever observed in those tests
due to the very short chord length aft of the initial separation. The peak of the pressure-
rise curve indicates the test condition for which the separation ozcurs at the shock. In the
current investigation, however, the initial separation point is apparently at the shock;
reattachment occurs for the majority of cases, and the pressure rise increases at a nearly
constant rate up to its maximum value. After the bubble has spread to the trailing-edge,
both the pressure rise and peak local Mach number decrease abruptly. Some additional dis-
cussion of this flow development was presented in an earlier section related to shock location.
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Buffet Consideration

A very limited amount of flight test data were recorded during conditions of aircraft
buffet. Figure 24 presents the pressure coefficients measured at the wing trailing-edge
as a function of airplane lift coefficient and freestream Mach number. Also shown are
the buffet boundaries as measured by the Air Force during stability and control tests,
Reference 9. Wind tunnel data are presented for comparison purposes. At these
specific Mach numbers, the fixed transition testing with vortex generators located at
55 percent chord would offer the best indication of the buffet boundary. Due to lack
of sufficient data, it has not been possible to determine good comparisons at other
spanwise stations, Again, it cannot be concluded that the use of vortex generators
will always produce good results. They may over-fix a problem or be improperly
located and contribute nothing to solving the separation problem.

Flow Model

It has been indicated in earlier sections of this report that previous studies by
Pearcey and others had disclosed the principal features of the shock~boundary layer
interaction phenomenon on wings at transonic speeds. Since the results of the
present investigation verify some aspects of those previous studies, a short review
of the flow model discussed by Pearcey is useful in showing the relation of the
current results with previous work.

Figure 25, adapted from Pearcey's discussion in Reference 10 shows the main features
of this flow model. The boundary layer growth on the forward part of the airfoil is
dependent on Reynolds number, surface condition, and stream turbulence. Rather
large variations can be achieved at low Reynolds numbers by artificially fixing
transition forward of its natural location, At higher Reynolds numbers, especially
with swept wings, the natural transition occurs quite close to the leading-edge. At
the shock a rapid thickening occurs in the boundary layer, and this thickening can
project forward into the supersonic flowfield if the boundary layer approaching the
shock is sufficiently thick. Data in Reference 13 show that this forward influence
can be expected to reach 50 to 100 displacement thicknesses forward of shocks with
turbulent boundary layers. With this rapid thickening, oblique shocks can be formed
due to the supersonic flow deflection. These oblique shocks are responsible for the
gradual recompression forward of the main shock in a number of the pressure
distribution diagrams obtained. When the shock strength becomes sufficiently great,
a separation will occur at the shock. The flow may subsequently reattach, enciosing
a separation bubble. The factors controlling reattachment are probably the least
understood aspect of the total interaction phenomenon. Data presented in Figures

15 and 16 show that the growth of the bubble responds te changes in boundary layer
thickness caused by transition strip location or by changes in Reynolds number, and
purely physical reasoning would indicate that surface curvature should strongly affect
reattachment. Pearcey has shown, and the resuits of Reference 5 confirm, that distinct
differences occur in the reattachment process depending on whether the Mach number
immediately behind the shock is subsonic or supersonic. Measurements made in the
current investigation do not enable a detailed assessment of this "supersonic tongue"”
concept. In any case, the pressure rise in the separated region is much more gradual
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than when the flow is attached. This fact results in the "bumps" in the pressure
distribution behind the shocks shown in Figures 15 and 16, Figure 18 shows rather
conclusively the presence of separation bubbles in the data obtained in this
investigation and the eventual complete separation which occurs at the highest
Mach numbers and angles~of-attack. It is interesting to note thet, when
reattachment occurs, the trailing-edge recovery can be as goed us in totally
unseparated cases, and there is even reason to suspect that flow conditions at

the trailing-edge may be improved by the presence of a bubble, since the energy
loss due to mixing at the edge of the bubble can be less than the loss due to skin
friction. '

Whether reattachment occurs or not, the eventual return to ambient pressure
occurs in the wake aft of the trailing-edge. It is in this wake that the final
reconciliation of the widely different flows from the upper and lewer surface
boundary layers and the undisturbed outer flow takes place. As indicated in the
discussion of shock location, it is clear that the change in shock location is one
of the outstanding factors in accomplishing this reconciliation for various test
conditions. The fact that large shock location changes occur with flat Mach
number gradients and small changes occur with steep gradients adds weight to this
conclusion. As pointed out by Pearcey, there is a strong analogy between the
function of the shock movement in this case and that observed in supersonic
diffusers. '

Figure 26 presents a comparison of interaction region pressure disributions and
boundary layer profiles for several conditions. Data for two almest identical

flight conditions (except for Reynolds number) are compared with similar data

from the wird tunnel tests of Reference 3. These data show that ror wind tunnel
cases for which the shock moves forward, the velocity defect in the boundary

layer at 80% chord shows corresponding increases, although at ecch extreme of

this variation, the shock change is appreciable while the boundary layer change is
almost imperceptible. This may be due to the fact that the definition of the wind
tunnel boundary layer is rather sparse. The boundary layer heights shown are all
scaled up to the dimensions of the full scale airplane. The relationship between
shock location and the upper part of the boundary layer profile for the flight data

is roughly compatible with that shown by the wind tunnel data. INear the airfoil
surface, however, the flight data for 75 million Reynolds number indicate @
separated flow; the total pressure for all of the pitot tubes in the ‘ake below one
inch is less than the local static pressure. The data obtained at t1e lower Reynolds
number (42 million), however, show a positive dynamic pressure for all tubes of the
rake. Differences in the shape of the surface pressure distribution would also
indicate that the separation bubble extends farther aft for the higer Reynolds number
case. An excellent trailing-edge pressure recovery (to C_= +0.23) is shown in both
cases. The sensitivity of the extent of the bubble shown by these data is rather
remarkable in view of the very close agreement shown by the boundary layer profiles
at 30% and 55% chord for these two flight conditions. The single comparable case
for which a wind tunnel profile at 30% chord was available is also in agreement with
the flight data.
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The velocity variation in the lower part of the 80% chord boundary layer for the
low Reynolds number flight case in Figure 26 is rather unusual. The same velocity
is indicated for the lower two probes of the boundary layer rake. This variation
is, in fact, characteristic of the data for a large portion of the low Reynolds
number flight cases tested. Data presented in Reference 14 show that velocity
profiles tend to have this shape immediately behind a separation bubble. It is
therefore possible that the predominance of this unusual shape in the low Reynolds
number (approximately 40 million) flight cases indicates that a longer distance is
required to rehabilitate the reattached boundary layer at the lower Reynolds number.
There were insufficient tubes in the lower part of the boundary layer in the wind
tunnel tests to show whether this condition exists in those cases.

Wind tunnel tests, in which conditions can be very closely controlled, with a

large model which would enable detailed measurements in the boundary layer and

in the separation bubble could provide data leading to a better understanding of

the extremely complex flow processes taking place in these cases. Proper definition
of these processes might inspire analytical work which could eventually enable
guantitative treatment of the interaction phenomenon.
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SECTION IV

CONCLUSIONS

This report has considered the scale effects on the shock-boundary layer interaction
phenomena for swept wings at transonic speeds. Comparisons have been made between
wind tunne! data and flight data. Consideration has been given to analysis of pressure
distribution, shock upstream Mach number, pressure recovery, shock location, trailing-
edge pressure recovery, and boundary layer parameters.

The investigation has lead to the following conclusions:

1. Severe scale effects on shock-induced separation, resulting in
changes in shock location, can occur with either natural or arti-
ficially produced turbulent boundary layers.

2. A comparison of these results on the wing of the C~141 airplane with
results of previous studies on other airfoils would indicate that Mach
number gradient forward of the shock has a large influence on the
magnitude of the shock movement.

3. The characteristic nature of the separation appears to be that the
separation begins just aft of the shock in the form of a small sepa-
ration bubble and grows toward the trailing-edge as either Mach num-
ber or section angle-of-attack is increased.

4. Trailing-edge pressure recovery is excellent, even in the presence of
a separation bubble.

5. Since wing buffet results from unsteady separated flows, prediction
of buffet from wind tunnel tests is subject to the same kind of scale
effect as shock location.

6. No single wind tunnel test configuration (e.g., natural transition,
fixed transition, or vortex generators) will produce agreement with
flight data over the full range of Mach numbers and angles-of-attack
at all spanwise wing locations. Considerable three-dimensional effects
do exist.

7. The most fruitful area for future study will probably be in better
understanding of the scale effects on reattachment following
separation aft of the shock.
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